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ABSTRACT 


The  IBM  Corporation  has  been  pursuing  Instrument  Unit  Derivative  studies  under 
Contract  NAS8-14000,  Mod.  1586  revised,  titled  “Astrionic  System  Optimization  and 
Modular  Astrionics  for  NASA  Missions  after  1974.”  The  purpose  is  to  define  Instrument 
Unit  Derivatives  which  can  provide  cost  effective  astrionic  systems  for  numerous  programs 
including  space  tug,  conduct  system  engineering  trade  studies  which  will  identify  modular 
elements  from  which  future  astrionic  systems  may  be  configured,  and  to  perform  trade 
studies  relating  program  requirements,  with  the  objective  of  defining  a minimum  family  of 
modular  elements. 

The  space  tug  is  a proposed  chemically  fueled  transportation  system  which  is 
economical,  reusable,  multipurpose,  and  long-lived.  It  is  required  to  interface  with  the  earth 
and  lunar  orbiting  space  stations,  the  space  shuttle,  the  reusable  nuclear  shuttle,  bases  on  the 
lunar  surface,  men  during  EVA  on  the  lunar  surface,  experiment  modules,  fueling  stations, 
and  satellites.  It  is  a modular  vehicle,  capable  of  being  reconfigured  for  a variety  of  missions. 
A propulsion  module,  an  astrionic  module,  a cargo  module  and  a crew  module  are 
envisioned.  Additional  kits  such  a^  landing  legs  and  manipulator  arms  are  proposed  for 
special  mission  requirements. 

This  report  defines  the  results  of  preliminary  studies  to  define  the  tug  astrionic  system, 
subsystems,  and  components  to  meet  the  requirements  for  a variety  of  possible  missions. 
Most  of  these  elements  are  packaged  in  the  astrionic  module  as  required  by  groundrules  for 
space  tug  studies.  The  emphasis  in  this  study  was  to  demonstrate  the  modular  astrionics 
approach  in  the  design  of  the  space  tug  astrionic  system.  Considerable  analysis  of  mission 
requirements  is  documented  to  establish  “design”  missions  which  fix  astrionic  system 
requirements.  The  space  tug  operational  interface  with  space  shuttle,  space  stations,  and  the 
reusable  nuclear  shuttle  requires  transfer  of  data  which  must  be  compatible,  whether 
handled  by  umbilical  or  by  communication  media.  The  study  shows  the  strong  generic 
relationship  of  the  data  management  system  requirements  of  these  common  elements,  for 
the  integrated  space  activity  in  post  1 974. 

Requests  for  information  concerning  this  study  should  be  directed  to  the  following: 

International  Business  Machines  Corporation 

Federal  Systems  Division 

150  Sparkman  Drive 

Huntsville,  Alabama  35805 

Telephone:  205-837-4000 

Mr.  R.  V.  Walker,  Study  Manager 

National  Aeronautics  and  Space  Administration 

George  C.  Marshall  Space  Flight  Center 

Huntsville,  Alabama  35812 

Telephone:  205-453-1701 

Mr.  B.  L.  Wiesenmaier,  NASA  COR. 
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1.0  INTRODUCTION 


This  document  presents  the  results  of  a preliminary  study  performed  to  define  an 

fmooTed  hvySth?H(S)  H0nflSTd  fT  > oduIar  -trionics^whichysaPtlfc  the  requirements 
imposed  by  the  broad  spectrum  of  space  tug  missions. 

lnrir  If  thi  «dA  lS- Part  3nd  *herefore  generally  consistent  with,  the  objectives  and  study 

°Ptim,zation  and  Modular  Astrionics  for  NASA  Mission  after 
1974  study,  NAS8-14000,  Mod.  1 58C  revised.  The  objectives  of  this  basic  study  are  to: 

• Peitorm  a system  engineering  study  of  adaptation  of  the  Saturn  Instrument  Unit 
Derivatives  and  propulsion  stage  astrionics  for  a family  of  potential  NASA 
missions  after  1 974. 

• Identify  and  classify  functional  astrionic  requirements  which  are  common  or 
peculiar,  to  boost,  post-boost/rendezvous/docking/orbital/injection,  and 
re-entry /recovery  phases  as  applicable  to  each  mission  and  vehicle  combination. 

• Establish  the  rationale  for  commonality  of  functions  leading  to  definition  of 
hardware  and  software  modules  for  configuring  minimum  cost  astrionic  systems 
for  each  poten  ml  post  1974  launch  vehicle/payload/mission  combination. 

• Conduct  trade  studies  which  substantiate  the  cost  effectiveness  of  subsystems  and 
components  selected  from  instrument  unit  derivatives,  or  advanced  technology, 

annro  ^ effect  existing  and  new  or  novel  advanced  management 
approaches  have  on  overall  cost.  6 

• Identify  “baseline”  subsystems  and  components  or  identify  additional  study 
required  to  establish  “baseline”  elements  for  the  “modular  astrionics.” 

• 3n  R?T&E  pla"  wllich  '"eludes  preliminary  specifications,  test  programs, 
schedules  and  costs  for  development  and  implementation  of  cost  effective 
modular  astrionic  systems  for  each  class  or  group  of  post  1974  launch 
vehicle/payload/mission  combinations  defined  by  the  study. 

M.  .T1)®  **  *“Jy  fiow  ,0gjc  is  depicted  in  Figure  1-1.  Each  of  the  programs  is  a 
Mission/VehicJe/Payload  (MVP)  combination.  Upon  assignment  for  study,  the  mission  and 

Snn!r^ment  0f  thr  aS5rionic  system  of  the  entire  mission  are  evaluated^nd  reported  in  a 
requirements  specification.  Other  MVP’s  previously  studied  are  related  on  a mission  phase 

. ma  °niC  system  functional  basis.  Related  requirements  can  at  this  point  be  challenged 
minimize  uniqueness,  which  can  impose  unnecessary  impact  on  the  layouts  to  follow. 

Tradeoff  analysis  implements  the  lequirements  specification  in  hardware,  software  and 
program  elements.  Each  layout  is  a candidate  for  acceptance  on  the  basis  of  ’cost 
effectiveness.  Selection  and  recommendations  of  astrionic  systems  are  acted  upon  by  NASA 
to  establish  a baseline  reference  in  the  case  of  phase  studies  or  for  implementation  in  the 
case  of  changes  to  mature  programs.  H ln  tne 
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requirements  and  to  facilitate*!^  l°  anotller  to  identify  common 

system  architecture,  1^,  Pr08ramS  “ ^ SdeCti°"  °f 

geneml5  accord  w^hL^a^L^ioaf  a f o^  ‘r  'U8  system  StUdy  is  in 

prime  objective  at  this  time  was  to  HpfW  *°?  s,gm^cance to  note»  however,  that  one 

generated  for  this  study  as  the  denarture  1ZI  rL^  aS,,ri°niCS  WiU  USe  the  data 
and  cost  effectiveness  trades  can  bemade.  ? f WhlCh  detai  ed  requirements  analysis 

Sectio'^Otlescri^subsyrt^^r^fimfriHo6  SIT  ‘Ug  StUdy  8roundrules  a»d  guidelines, 
studies  0pe"  and  summarizes  the  results  of 

radiation  effects  and  orbital  lifetime  considerations ’aMnn*  oSafety  assurance’  displays, 
missions,  describes  astrionic  2°  T'  Sectlon  4 0 summarizes  the 

usage,  physical  characteristics*^  installation  wpioh^  * i S dstr,on,c  ?qu,Pments  in  terms  of 
discusses  the  astrionic ^ ret*uirements-  Section  5.0 
transportation  systems  and  Section  ^ n y between  sPace  tug  and  other  space 
appendices  to  thfr"^  recommended  future  study  effort.  The 

astrionic  system(s)  defined.  tne  ana  yses  Performed  to  support  the 

and  concepts  being  considered  for  the  istrinni * c^0™6  u*  the  Pre^m(nary  hardware 

has  been  performed  to  further  define  ti  ' s^s  em'  Since  that  time,  additional  analysis 

results  ofP he  study  to  £,e  and ^therefore  “f"0"  h SyS'T(Sj;  ™s  d°“t  represents  the 
C to  IBM  Report  No.  69-K44-0006I F , iUP  des  a,’d  rep!ates' •*>  entirety.  Appendix 

2.0  STUDY^GROUNDRULES  AND  GUIDELINES 

2.1  GENERAL  SPACE  TUG  GROUNDRULES 

These  groundrules  and  assumptions  form  the  background  for  this  study. 

' includes  To,.,  b.sic 

• The  tug  is  based  and  maintained  in  space  and  on  the  ground. 
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MANIPULATOR  ARMS  (KIT) 


CREW  MODULE  - 


CARGO  MODULE 


ASTRIONIC  MODULE 


Figure  2-1 . Space  Tug  Baseline  Configuration 


The  space  tug  will  be  delivered  to  orbit  by  a space  shuttle  or  Saturn  derivative 
vehicle. 


The  lunar  orbit  space  station  is  assumed  to  be  in  a polar  orbit  at  a circular  altitude 
of  60  nautical  miles. 

The  space  tug  shall  be  compatible  with  the  earth  and  lunar  orbiting  space  stations, 
the  space  shuttle,  and  the  reusable  nuclear  shuttle  (RNS). 

The  space  tug  astrionic  module  design  shall  minimize  the  need  for  ground 
support. 

The  space  tug  shall  be  capable  of  maintaining  a quiescent  status  for  up  to  180 
days  in  earth  or  lunar  orbit  when  docked  to  other  space  elements  or  free-flying. 
Quiescent  periods  of  up  co  42  days  will  be  required  on  lunar  surface  (14  or  28 
days  + 14  days  contingency). 

The  space  tug  shall  be  capable  of  going  from  the  quiescent  state  to  a fully 
operational  state  within  two  hours. 

The  reusable  space  tug  sht  11  have  a minimum  lifetime  goal  of  ten  years  and  the 
capability  of  being  reused  at  least  ten  times  by  replenishment  of  consumables  and 
through  performance  of  required  maintenance.  Maintenance,  as  required,  and 
reconfiguration  capability  while  in  space  residence  is  considered  mandatory. 
Major  refurbishment  may  necessitate  the  need  for  the  tug  to  be  returned  to  earth. 

Maximum  crew  safety  and  a high  probability  of  fulfilling  all  space  tug  functions 
and  objectives  shall  be  a design  goal.  Subsystems  identified  as  necessary  for  crew 
survival  will  be  designed  such  that  no  single  failure  or  credible  combination  of 
failures  will  result  in  loss  of  life. 

In  the  manned  mode,  the  space  tug  can  be  piloted  by  one  crewman. 

The  crew  module  will  serve  as  the  primary  crew  living  quarters  and  a base  of 
operations  (mission  control)  for  manned  missions. 

The  crew  module  will  contain  an  airlock  for  EVA  and  multi-simultaneous  EVA 
operation  capabilities. 

Tug  communication  systems  will  be  compatible  with  the  Manned  Space  Flight 
Network,  Deep  Space  Network,  SGLS  (DOD),  available  Communication  Satellite 
Systems  and  with  space  elements,  such  as  the  space  stations,  shuttles,  etc., 
depending  on  the  mission. 

The  space  tug  attitude  reference  system  shall  have  complete  freedom  in  all  axes. 

The  space  tug  shall  have  neuter  docking  devices  compatible  with  all  space  vehicle 
hardware  elements. 


• Minimum  interfaces  are  required  between  the  space  tug  and  its  payload  to  reduce 
complexity  and  increase  the  flexibility  of  the  kinds  of  payloads  to  be  transported 
However,  consideration  should  be  given  to  how  the  space  tug  communications 
and  power  subsystems  could  support  the  payload. 

• The  primary  propulsion  system  will  be  LOX/LH?.  Secondary  propulsion  systems 
may  also  be  LOX/LH2- 

• The  first  operational  flight  will  be  flown  no  earlier  than  1977. 

• The  tug  astrionic  system  will  have  the  capability  Vo  automatically  control  and 

monitor  the  refueling  process  with  automatic  shutoff  and  disconnect  capability. 

• The  sync  orbit  mission  of  the  tug  for  the  IBM  study  will  be  a baseline. 

• Only  cooperative  satellites  are  considered  for  all  retrieval  missions. 

• More  than  one  low-energy  mission  may  be  performed  between  refuelings. 

• The  space  tug  maximum  diameter  must  be  less  than  1 5 feet:  one  throttleable  and 

gimballed  engine  will  be  used. 

• The  space  tug  astrionic  system  shall  not  be  constrained  by  lunar  lighting 
conditions.  The  tug  shall  be  capable  of  landing  at  all  lunar  latitudes  and  longitudes 
with  appropriate  time-phasing. 

2.2  ASTRIONIC  SYSTEM  GROUNDRULES  AND  GUIDELINES 

• Initial  study  activity  of  the  tug  astrionic  system  will  include  all  elements  necessary 
for  space  tug  attitude  control,  engine(s)  control,  guidance,  navigation, 
communications,  checkout,  sequencing,  environmental  survival  of  astrionic 
equipment,  data  management  and  reporting,  safety  assurance,  signal  distribution 
astrionic  power  generation  and  distribution,  and  the  crew  display  and  command 
system. 

• The  astrionic  system  shall  be  self-sustaining. 

• The  thermal  control  subsystem  will  be  sized  only  to  support  the  astrionic  module. 

• The  power  subsystem  will  be  sized  for  the  total  astrionic  system  with  a quick  look 
at  an  integrated  power  system  for  the  total  tug. 

• The  RCS  engine  controls  and  main  engine  actuators  are  considered  as  part  of  the 
hardware  for  other  modules.  The  astrionic  module  will  supply  and  accept  the 
signals  to  operate  this  equipment. 

• Power  and  environmental  conditioning  may  be  provided  to  the  space  tug 
astrionics  by  a space  element  when  the  tug  is  docked  with  the  element. 

• The  astrionic  module  will  be  packaged  to  allow  a remove  and  replace  maintenance 
and  reconfiguration  concept  in  space. 
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• As  a minimum,  equipment  will  be  designed  for  a fail  safe  and  repair  operation 
with  a fail  operational/fail  safe  condition  on  equipment  required  for  crew  safety. 

• The  astrionic  module  will  be  nominally  14  feet  in  diameter,  and  height  will  be 
optimized. 


• The  astriorucs  to  support  crew  displays  and  command  will  be  sized  for  maximum 
of  three  crew  stations  in  the  crew  module. 

• The  design  goal  of  checkout,  either  onboard  or  from  an  external  source,  will  be  to 
locate  failures  to  a lowest  replaceable  unit  (LRU)  consistent  with  the  philosophy 
of  modular  astrionics. 

• Crew  module  backup  systems  required  after  separation  from  the  astrionic  module 
are  not  considered  in  this  study. 

• The  astrionic  system  will  be  capable  of  checkout  and  monitoring  for  the  total  tug 
consistent  with  the  tug  maintenance  concept. 

• A standard  physical  interface  for  astrionic  equipment  and  a standard  electrical 
interface  for  all  electrical  equipment  will  be  provided  to  simplify  interchange  of 
components  and  data  transfer. 


• The  astrionic  module  will  be  of  modular  design  providing  the  capability  of 
automatic  operation,  manual  control,  and  remote  operations  depending  on  the 
representative  missions  defined  in  the  mission  plan. 

• Between  missions,  maintenance  will  be  performed  as  required  to  upgrade  the 
reliability  to  the  required  level.  During  the  mission,  maintenance  shall  be  limited 
to  switching-in  redundant  systems. 

• The  low  earth  orbit  is  defined  as  between  80  and  280  nautical  miles  with  a range 
of  inclination  irom  28.5  to  55°.  The  lunar  orbit  is  assumed  to  be  a polar  orbit  at  a 
circular  altitude  of  60  nautical  miles. 


2.3  DEFINITIONS 

• Remote  operation  - The  control  of  the  system  is  accomplished  from  an  external 
source. 

• Automatic  operation  - The  system  is  completely  independent  of  any  external 
control  or  astronauts. 

• Cooperative  satellites  - Satellites  that  are  attitude  stabilized,  have  corner 
reflectors,  and  have  a docking  adaptcr(s). 
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3.0  SUBSYSTEM  DESCRIPTION 

TOs  section  of  the  report  describes  the  astrionic  subsystems  and  the  components  of 
the  subsystems  required  for  the  space  tug  astrionic  module.  A summary  of  the  space  tug 
design  mission  descriptions  and  the  functional  requirements  are  presented  at  the  first  of  this 
section.  This  is  followed  by  the  subsystem  component  descriptions  and  summaries  of  other 
studies  related  to  the  design  of  the  space  tug  astrionic  module. 

3.1  MISSION  DESCRIPTIONS 

Extensive  effort  has  been  applied  to  this  area  to  define  the  typical  spectrum  of 
missions  to  be  performed  by  the  space  tug.  This  effort  was  necessary  oecause  definitive 
mission  descriptions  did  not  exist  at  the  beginning  of  this  study. 

The  approach  to  the  mission  analysis  was  to  define  the  total  spectrum  of  probable  tue 
missions  and  to  group  these  into  similar  types  of  missions.  A design  mission,  which  would 
detine  the  most  stringent  astrionic  :cquirements  for  that  type  of  mission,  was  then  selected 
tor  each  group.  These  design  missions  were  used  as  the  basis  for  the  space  tug  modular 
astrionics  study.  The  following  is  a brief  summary  of  the  design  missions  used  for  the 
astrionic  system  requirements  analysis.  The  space  tug  design  mission  profiles  are  summarized 

in  Figure  3-1 . A more  detailed  mission  description  and  analysis  for  each  of  these  missions  is 
included  in  Appendix  A. 

31.1  Synchronous  Orbit  Mission 

3. 1.1.1  Reusable  Stages 

This  mission  will  use  two  unmanned  reusable  space  tugs  (propulsion  module  (PM)  and 
astrionic  module)  to  place  a payload  in  a synchronous  equatorial  orbit  and  return  another 
payload  to  low  earth  orbit. 

of  tU8S  Ure  ,bTght  to  a 100  nautical  mi,e  <nm>  circular  orbit  at  an  inclination 

or  28  5 by  the  space  shuttle  and  configured  for  the  mission.  The  first  tug  will  perform  a 
partial  bum  to  start  the  payload  on  its  journey.  It  will  then  return  to  low  earth  orbit.  The 
second  tug  will  complete  a Hohmann  transfer  to  synchronous  orbit,  jettison  the  payload 
maneuver  to  and  pick  up  another  payload  and  perform  another  Hohmann  transfer  back  to 
low  earth  orbit.  The  space  tugs  will  then  be  deactivated  and  left  in  low  earth  orbit  until  the 
next  mission  or  returned  to  earth  by  the  space  shuttle. 

3- 1.1. 2 Expendable  Stage 

This  mission  will  use  one  expendable  space  tug  (PM  and  astrionic  module)  to  place  a 
payload  in  a synchronous  equatorial  orbit. 

The  space  tug  will  be  brought  to  a 100  nm  circular  orbit  at  a 28.5°  inclination  by  tb' 
space  shuttle  and  configured  for  the  mission.  A two-burn  Hohmann  transfer  burn  will  pf  oe 
the  payload  in  a synchronous  orbit.  The  space  tug  will  jettison  the  payload  and  perform  a 
depletion  burn  to  send  the  PM  and  astrionic  module  into  space. 
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Figure  3-1.  Space  Tug  Design  Mission  Profiles  (Sheet  1 of  2) 
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3.1.2  Earth  Orbital  Operations  Mission 

This  mission  will  use  a manned  or  unmanned  reusable  space  tug  for  orbital  operations 
in  conjunction  with  a space  station  in  earth  orbit. 

The  mission  will  begin  with  the  space  tug  inactive  and  docked  to  the  space  station  in 
earth  orbit.  The  tug  will  be  activated  and  will  undock  from  the  space  station.  The  space  tug 
will  then  perform  maneuvers  to  transfer  (possibly  with  a payload)  from  a 270  nm  to  a 100 
nm  orbit,  will  pick  up  a payload  delivered  to  earth  orbit  by  a space  shuttle  or  a Saturn 
derivative  vehicle,  and  will  perform  the  maneuvers  to  return  to  the  space  station  at  a 270  nm 
altitude.  The  space  tug  will  then  be  deactivated  until  another  active  mission  is  required. 

3.1.3  Lunar  Orbital  Operations  Mission 

This  mission  will  use  a manned  or  unmanned  reusable  space  tug  for  orbital  operations 
m conjunction  with  a space  station  in  lunar  orbit.  This  mission  has  essentially  the  same 
requirements  as  the  earth  orbital  operations  mission,  except  that  the  lunar  orbiting  space 
station  is  at  a 60  nm  altitude, 

3.1 .4  Unmanned  Planetary  Mission 

This  mission  will  use  one  reusable  space  tug  (PM  and  astrionic  module)  and  one 
expendable  space  tug  (PM  and  astrionic  module)  to  boost  a planetary  payload  on  a 
planetary  trajectory. 

This  mission  will  begin  with  the  space  tugs  configured  for  the  mission  and  docked  to 
the  earth  orbiting  space  station.  The  tugs  will  be  activated  and  will  undock  from  the  space 
station.  A partial  burn  of  the  first  tug  will  start  the  payload  on  its  journey.  The  tug  will  then 
return  and  dock  to  the  space  station.  The  second  tug  will  ignite  at  first  tug  cutoff  to  give  the 
payload  the  required  delta  V for  the  planetary  mission.  The  second  tug  will  then  be 
jettisoned  into  space. 

3.1.5  Reusable  Nuclear  Shuttle  Earth/Moon  Mission 

This  mission  will  use  a reusable  nuclear  shuttle  (RNS)  with  a space  tug  astrionic  system 
to  transfer  payloads  between  earth  and  lunar  orbits. 

This  mission  begins  with  the  RNS  deactivated  and  docked  to  a propellant  and  f 

maintenance  depot  (PMD)  in  earth  orbit.  The  RNS  will  be  activated  and  maneuver  a safe 
distance  from  the  space  station.  The  RNS  will  ignite  and  transfer  the  payload  to  a lunar  I 

orbit  in  the  vicinity  of  a lunar  orbit  space  station  (LOSS).  After  the  payload  is  removed  the 
RNS  will  ignite  and  return  to  earth  orbit.  The  RNS  will  be  docked  to  the  PMD’and 
deactivated  until  required  for  another  mission.  1 


3.1.6  Lunar  Landing  Mission 


This  mission  will  use  a fully  configured  space  tug  for  the  landing  of  a payload  on  the 
lunar  surface  and  return  of  men  to  the  LOSS. 
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docke^toTh^Lnss11-^68!"  Witn  SpaCe  tUg  COnfiSured  for  ‘he  mission,  deactivated  and 
aocicea  to  the  LOSS.  The  tug  will  be  activated  and  will  undock  from  the  I ns<;  tZ T! • „ 


3.\.1  Four  Stage  Saturn  V Mission 

with  the  LOSS  After  tho  ,,i  , . , unar  orbit  and  perform  a gross  rendezvous 

however,  be  used  for  other  missions  aLrXSthj^  miSSi°n  “ COmplete-  11,6  tuS  maV. 

3.2  ASTRIONIC  SYSTEM  PRELIMINARY  FUNCTIONAL  REQUIREMENTS  ANALYSIS 

i§=#pHS£ 

3.3  DATA  MANAGEMENT  SUBSYSTEM  DESCRIPTION 

subsystem^^u^rtOT^si^aNtow^Iaa^dRfon^he'd  ?*  ““‘s  by  pr0Vid'"«  ** 

the  computational  support  for  the  following  asirionic  functtosT"6"*  subsystem  Provides 
Attitude  control  (TVC  or  RCS) 

Engine  Thrust  Level  Control 


Guidance 

Navigation 


Checkout  and  Hardware  Reconfiguration  Control 

Data  Monitoring  and  Telemetry 

Sequencing 


• Data  Bus  Control 

• Software  Management 


• Display  Support 

• IMU  Processing 

• Maintenance  Support 

• Refueling  Support 


fSlo^ghardwareb°Ve  fUnCtions’  the  data  mana8ernent  subsystem  will  consist  of  the 

• A central  processing  unit  (CPU)  of  a medium  speed  range  (300K  to  400K  ops/sec) 

• 32K  to  64K  of  random  access  main  memory 
A bus  control  and  input/output  unit 

A configuration  assignment  unit  (CAU)  for  switching  units  when  a failure  occurs. 
A magnetic  tape  unit  for  mass  storage. 

A 32K  display  memory  for  storing  display  skeletons. 

An  auxiliary  monitor  computer. 


The  following  is  a description  of  each  of  the  hardware  components  and  their  uses  A 
scnematic  of  the  data  management  subsystem  and  its  interfaces  is  shown  in  Figure  3-2. 

Appendix  C of  this  report  gives  a more  detailed  analysis  of  the  selection  of  the  hardware  and 
ns  operation. 

3.3.1  Central  Processing  Unit 

A CPU  in  the  medium  speed  range  (300K  to  400K  ops/sec)  was  selected  to  perform  the 
™T  Pressing  and  data  management  and  control  required  for  the  space  tug  missions.  The 
CPU  will  be  a parallel  machine  with  floating  point  operation  and  will  have  a 1 28  instruction 
repertoire.  It  will  be  designed  for  use  on  all  space  tug  missions,  with  the  number  used 
depending  on  the  complexity  of  the  mission. 

3.3.2  Random  Access  Main  Memory 

nrrtKi Random  access  memory  will  be  used  for  the  space  tug  memory  requirements.  It  will 
probably  be  a monolithic  memory  and  each  astrionic  module  will  have  either  32K  or  64K  of 
main  storage  depending  on  the  mission.  The  memory  would  use  several  basic  operating 
memories  (BOM)  each  containing  single  bit  words.  Each  BOM  would  contain  32K  x 1 bit 
words.  The  memory  would  contain  32  BOMs  for  data  storage  and  7 BOMs  for  error 
correction  coding,  or  a total  of  32K  x 39  bit  words. 


Figure  3-2.  Data  Management  Subsystem  and  Interfaces 
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3.3.3  Bus  Control  and  I/O  Unit 

The  bus  control  and  I/O  unit  will  serve  to  control  all  information  flow  between  the 
CPU  and  the  data  bus  and  between  the  random  access  memory  and  the  data  bus.  It  will  send 
and  receive  address  and  data  information  to  and  from  the  data  bus  in  serial  digital  form  for 

anc*  ma^n  memory.  It  will  also  perform  the  same  operations  between  the 
CPU  and  the  main  memory. 

3.3.4  Configuration  Assignment  Unit 

A configuration  assignment  unit  (CAU)  is  required  to  monitor  itself,  the  main  memory, 
the  CPU,  and  the  bus  control  units.  When  a failure  occurs  in  any  of  these  primary  units,  the 
CAU  will  detect  the  failure  in  the  primary  unit  and  switch  to  a backup  unit. 

3.3.5  Magnetic  Tape  Unit 

A magnetic  tape  unit  was  selected  for  the  mass  storage  requirements  for  the  space  tug 
missions.  The  unit  will  store  redundant  programs,  extensive  checkout  and  diagnostic 
progiams  and  programs  for  refueling  support,  as  well  as  any  mission  data  which  may  reouire 
mass  storage. 

3 .3 .6  Display  Memory 

Memory  is  required  to  store  display  skeletons  (for  manned  missions).  The  display 
skeletons  are  a bulk  storage  requirement  requiring  fast  access  time.  Since  the  magnetic  tape 
unit  is  relatively  slow,  the  display  memory  was  added  for  the  manned  space  tug  missions 
The  monolithic  or  magnetic  memory  will  have  32K  of  32-bit  words  and  may  be  “read  only” 
if  the  number  and  type  of  skeletons  are  fixed  for  a given  vehicle. 

3.3.7  Auxiliary  Monitor  Computer 

An  auxiliary  monitor  computer  was  added  for  the  storage  phase  of  the  space  tug  on  the 
lunar  surface.  The  unit  will  be  a small  general  purpose  computer  which  will  support 
monitoring  and  displaying  of  critical  parameters  to  the  crew  during  the  14,  28  or  42  day 
stay  on  the  lunar  surface.  This  will  allow  the  data  management  hardware  to  be  powered 
down  during  this  period  to  allow  reliability  to  be  maintained  at  a high  level  fc  r the  entire 
mission. 

3.4  NAVIGATION,  GUIDANCE  AND  CONTROL  SUBSYSTEM  DESCRIPTION 

The  purpose  of  the  navigation,  guidance  and  control  subsystem  is  to  navigate,  guide 
and  control  the  space  tug  in  performing  its  desired  mission.  The  navigation  function  will 
determine  the  position  and  velocity  of  the  vehicle  from  measurements  made  on-board  the 
vehicle.  The  guidance  function  will  compute  the  maneuvers  necessary  to  achieve  the  desired 
end  conditions  of  a trajectory.  The  control  function  will  perform  the  maneuvers  determined 
from  the  guidance  function.  Figure  3-3  is  a summary  schematic  of  the  recommended 
navigation,  guidance  and  control  subsystem. 
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Figure  3-3.  Navigation,  Guidance  and  Control  Subsystem 


3.4.1  Navigation 


To  perform  the  above  functions,  the  following  hardware  is  used  to  fulfill  the  navigation 
functional  requirements  for  the  space  tug: 

• IMU  (Hexad  Strapdown ) 

• Laser  Radar 

• Star  Trackers  (2) 

• Landmark  Tracker 

• Horizon  Sensor 

• Landing  Radar 

. f .j1^  f0l,l0Wingr  is  a descriPtion  of  each  of  the  pieces  of  hardware  and  their  uses.  A more 
detailed  analysis  of  requirements  and  the  selection  of  the  hardware  and  its  uses  is  given  in 
Appendix  D of  this  report.  ^ 

3.4.1. 1 IMU 

An  IMU  is  required  for  active  mission  phases  to  measure  vehicle  thrust  acceleration  and 
prov.de  vehicle  attitude  reference.  A strapdown  IMU  with  six  gyros  and  six  accelerometers 
(hexad  configuration)  whose  input  axes  are  cohnear  with  the  normals  to  the  face  of  a 
regular  dodecahedron  was  selected.  The  IMU  will  be  operated  in  a classical 
pulse-torque-restrained  strapdown  control  mode,  with  IMU  outputs  fed  to  the  CPU  for 
processing.  The  hexad  configuration  will  allow  failure  detection  and  isolation  to  any  two 
gyro  or  accelerometer  axes  and  detection  of  a third  failure. 

3.4.1 .2  Laser  Radar 

,n„,i™tTPOS  °f  the.,aser  radar  is  to  Prov*de  range,  range  rate,  angular  position  and 
■ gV.  r,dt£;  w,th  r®spect  to  a target  vehicle  or  location  for  automatic  rendezvous  and 
eking.  It  can  also  be  used  as  a landing  aid  for  a lunar  landing  at  a prepared  site. 

Iaserf  radar  selected  is  being  developed  for  NASA  by  ITT.  The  radar  consists  of  an 
,no  on.lc  umt.  and  a sensor  umt.  The  ungimballed  sensor  will  scan  a field-of-view  of  30°  by 
and  acqu,n:  and  track  targets  to  a range  of  75  nautical  miles.  Comer  cube  reflectors 

thphnLprCtlV^  °r  ,nact,ve’  r — nted  °n  the  target  are  used  with  the  laser  radar.  The  data  from 
the  laser  radar  is  input  to  the  central  computer  for  processing  and  utilization. 

3.4.1 .3  Star  Tracker 

Two  star  trackers  were  selected  for  automatic  IMU  alignment.  Although  two  star 
trackers  are  not  mandatory  for  alignment,  the  two  star  trackers  operating  simultaneously 
provide  greater  accuracy  in  alignment  and  allow  redundancy  for  degraded  accuracy 
alignments  with  failure  of  one  unit.  The  star  trackers,  in  conjunction  with  either  a landmark 
tracker  or  horizon  sensor,  are  also  used  for  navigation  updates  during  the  space  tug  missions 
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3.4. 1. 4  Landmark  Tracker 
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celestial  body  dlst3nces  Up  to  a maximum  of  10,000  nm  from  a 
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3.4. 1.5  Horizon  Sensor 

3.4.1 .6  Landing  Radar 

l1unPaUr\I0„dtg“n  0,nPUtCr  Pr°CeSSing  ‘°r  USe  duri"8  the  «*““"* «-  -cm  Phases  of  Z 
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An  optimal  guidance  (OPGUID)  scheme  was  selected  for  rendezvous,  high  energy 
maneuvers,  lunar  ascent/descent  and  lunar  orbit  insertion  plane  change  maneuvers  to  be 
used  during  the  spectrum  of  space  tug  missions.  The  docking/undocking  inputs  are  received 
from  the  rendezvous  radar.  The  OPGUID  scheme  is  a general  purpose  scheme  which  can  be 
used  for  all  space  tug  design  mission  phases.  A more  detailed  discussion  of  the  guidance 
schemes  considered  and  information  on  operation  of  the  schemes  are  found  in  Appendix  E 
to  this  report. 

3.4.3  Control 

The  control  analysis  has  evaluated  the  control  schemes  and  laws  which  would  be 
required  to  implement  translational  and  attitude  maneuvers  using  reaction  control  system 
(RCS)  and  main  engine  thrust  vector  control  (TVC)  subsystems.  The  schemes  used  for 
controlling  the  vehicle  were  then  used  to  estimate  the  software  requirements  dictated  by  the 
control  function.  A detailed  discussion  of  the  control  analysis  is  given  in  Appendix  F to  this 
report. 

Except  for  the  lour  stage  Saturn  V mission,  the  control  analysis  has  not  identified 
requirements  for  any  hardware  above  that  required  for  navigation  and  other  functions  or 
subsystems.  Possible  additional  hardware  for  the  four  stage  Saturn  V mission  may  include: 

• 3-axis  rate  gyro  package 

• 2-axis  lateral  accelerometer  package 

3.4.3. 1 Rate  Gyro  Package 

The  rate  gyro  package  may  be  added  near  the  four  stage  vehicle’s  point  of  maximum 
stability  or  minimum  bending.  The  package  would  provide  data  from  three  perpendicular 
axes  to  enhance  the  vehicle  stability  under  marginal  flight  conditions. 

3. 4.3. 2 Accelerometer  Package 

The  accelerometer  package  may  be  used  to  provide  load  relief  for  lower  stages  during 
the  boost-to-orbit  phase  of  the  four  stage  Saturn  V mission.  The  package  would  provide 
lateral  accelerations  in  the  pitch  and  yaw  axes. 

3.5  ELECTRICAL  POWER  SUBSYSTEM  DESCRIPTION 

The  electrical  power  subsystem  generates  the  electrical  power  necessary  to  operate  the 
onboard  electronic  and  electromechanical  components. 

The  following  astrionic  equipment  is  required  for  the  electrical  power  subsystem: 

• 2 Kw  Fuel  Cell(s) 

• Battery 

• DC  Regulator 

• Battery  Charger 
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The  following  gives  the  description  and  uses  of  thp«p  A 

descnpt.cn  of  the  equipment  operation  and  associated  trade  studies  is  given  inTp'pendfx  a 

3.5.1  Fuel  Cell 


subsystem.0  Them"  ceU  “1!  ge^tTpow"  retired  ^ 


£%££%&  ^h-SSS,t  UPOn  the  tUg  P0Wer  ^ui~  - 

reactants  is  dependent 


on  the  mission  requirernemf  ^ and  °2  t,nk>  reqUired  t0  store  the 

3.5.2  Battery 

critical  wjmpOTents^f  the^ud^ells  fai^ed'durin306  **”**%»  for  “ency  power  for 
dc  power  supply  with  a 440  an,  hou nom? V*  ""“‘“l  The  bat!erV  elected  is  a 28  volt 
peak  loading** the  reusable  SmaUer  may  be  USed  for 

3.5.3  DC  Regulator 


calibrarirn^gnaTcon^^  sensonjppll^  V°ltage  referen«  fOT 

3.5.4  Battery  Charger 

3.6  ELECTRICAL  NETWORK  SUBSYSTEM  DESCRIPTION 

subsyIteem:0ll0WinE  hlirdWarC  hUS  bee"  identified  for  “on  in  the  electrical  network 


• Standard  Interface  Units  (SiU) 

• Data  Bus 

• Monitoring  and  Auxiliary  Monitoring  units 

• Power  Distributor 

• Auxiliary  Power  Distributor 
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• Junction  Boxes 

• Wires  and  Cables 

3.6.1  Standard  Interface  Units 

rawSS-r-*aa- 

» o.  toi « rsis  "*  - «*• » <»»>-. 

3.6.2  Data  Bus 

3-6-3  Monitoring  and  Auxiliary  Monitoring  Units 

3.6.4  Power  Distributor  and  Auxiliary  Power  Distributor 

3.6.5  Junction  Box 
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3.6.6  Wires  and  Cables 


The  wires  and  cables  are  an  estimate  of  the  wires  required  to  distribute  the  electrical 
power  for  the  space  tug  astrionic  system. 

3.7  COMMAND  AND  CONTROL  SUBSYSTEM  DESCRIPTION 

The  space  tug  command  and  control  subsystem  will  consist  of  the  command, 
telemetry,  tracking  and  voice  communications  external  to  the  space  tug  vehicle. 

The  command  and  control  subsystem  will  use  the  following  hardware: 

• Unified  S-Band  (USB)  Equipment 

« USB  Diplexer,  Antenna  Switch  and  Power  Divider 

• USB  Omni  Antennas 

• USB  Hi-Gain  Antenna  (Transponder) 

• USB  Hi-Gain  Antenna  Control 

• VHF  Transceiver  Equipment 

• VHF  Diplexer  and  Power  Divider 

• VHF  Omni  Antennas 

• VHF  Command  Receiver 

• Command  Decode  Electronics 

• TV  Camera 

• TV  Camera  Control 

• Audio  Equipment 

A block  diagram  of  the  command  and  control  subsystem  is  shown  in  Figure  3-4  The 
following  is  a description  of  each  of  the  hardware  items  for  the  command  and  control 
subsystem.  A more  detailed  analysis  of  the  items  in  this  subsystem  is  given  in  Appendix  H to 
this  report. 

3.7.1  USB  Equipment 

The  USB  equipment  was  selected  to  perform  the  unified  requirements  for  command 
tracking,  telemetry  and  voice.  Therefore,  it  is  the  prime  link  between  the  space  tug  and 
ground  control  stations.  The  frequency  range  is  2.1  to  2.3  GHz. 
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Figure  3-4.  Command  and  Control  Subsystem 
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• EXTERNAL  COMMAND  PROCESSING  ! 

• ANTENNA  STEERING  COMPUTATIONS  • 

• TELEMETRY  CONTROL  AND  FORMATTING  I 

• TV  CAMERA  CONTROL  COMPUTATIONS  | 


DATA  MANAGEMENT  SUBSYSTEM 


Th.e-USB  e(!uiPment  consists  of  a transmitter,  a power  amplifier  a receiver  with 

nmrirf?  Ifier,h 1 transpo“d®r  for  turn-around  Of  the  ranging  signal,  a premo’dulator  processor 
providing  subcamer  and  baseband  makeup,  and  the  demodulators  for  the  uplink  signals 

signaMsuclTasLkmel^^w'an^voiceT3^  (SUCh  “ C°mmand  * 

3-7-2  USB  Diplexer,  Antenna  Switch  and  Power  Divider 

™s  equipmen‘  is  used  to  Provide  a path  for  the  command  and  control  links  between 
the  USB  equipment  (transmitter  and  receiver)  and  the  antennas.  The  USB  diplexer  receives 
data  from  the  USB  equipment,  sends  it  into  the  USB  antenna  switch  (which  determines 

the1dataniteiJha(S)  Sh°U  d be  °Perating)  and  then  int0  the  USB  power  divider  which  directs 
the  data  to  the  appropriate  operating  omni  antennas. 

3.7.3  USB  Omni  Antennas 

Four  USB  omni  antennas  are  required  for  complete  omni-directional  coverage  for  snare 
t!!r8ou“npowaenr  dS3e“‘  TheSC  3ntenn3S  316  flush-mounted  and  am  connected 

3.7.4  USB  Hi-Gain  Antenna 

. P®  ,U,SB  hi'gain  antenna  is  required  on  the  space  tug  for  long-range  communications 

stederabu'dLtov1btehflrfn8,V'  P®  a"tenna  haS  tentativelV  bee"  identified  as  a 

„Pb  e:  deployable  four-foot  diameter  parabola  with  a gain  of  approximately  26  db  The 

SEr.tSn'.’T81  ““ of “"**  — *•  *3- 

3-7.5  USB  Hi-Gain  Antenna  Control 

hi~8ain  antenna  co"tro1  capability  has  been  included  on  the  space  tug  to  deplov 
ad  steer  the  hi-gain  antenna.  The  antenna  control  will  receive  steering  commands  from  the 

in 

3.7.6  VHF  Transceiver  Equipment 

_nu  cornmand  and  control  equipment  will  be  the  prime  voice  link  between  the 

space  tug  and  other  space  elements,  including  EVA,  and  will  be  a backup  to  the  USB  svstem 

Unix?  ,7  da!Yates-  ^ VHF  equipment  consists  of  a 

usedUfPmanneddmhs^nP°r  ^ ,Urn’ar°Und  Capabilit*'  11115  equip™»‘  will  be 

3*7.7  VHF  Diplexer  and  Power  Divider 

ThA.3C  VjHF  diP,exel[ is  used  t0  combine  signals  from  the  transmitter  and  to  the  receiver 
omnTante^na3"6  transferred  t0  the  P0™*  divider,  which  directs  the  data  to  the  appropriate 
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3.7.8  VHF  Omni  Antennas 


Two  VHF  omni  antennas  are  required  for  omni-directional  coverage  for 
communications.  The  omni  antennas  are  blade  type  antennas  which  extend  a few  inches 
from  the  skin  surface.  A two  watt  transmitter  appears  sufficient  for  100  nm 
vehicle-to-vehicle  communications. 

3.7.9  VHF  Command  Receiver 

The  VHF  command  receiver  is  a small,  lightweight,  low  power  drain  device  to  receive 
commands  to  power  the  astrionic  module  during  earth  storage  phases  (such  as  1 80  day  free 
drift).  The  receiver  will  operate  in  the  136-148  MHz  band.  Two  units  at  separate  frequencies 
will  be  used.  The  VHF  omni  antennas  are  used  to  receive  the  signals. 

3.7.10  Command  Decode  Electronics 

The  command  decode  electronics  performs  the  functions  of  a sub-bit  decoder  and  to 
interface  with  the  standard  interface  unit  to  put  uplink  commands  on  the  data  bus.  The 
decode  electronics  will  decode,  verify  and  command  driver  circuits  for  command  decoding 
during  active  mission  phases  and  to  bring  the  quiescent  astrionic  module  out  of  the  storage 
mode.  e 


3.7.1 1 TV  Camera 

The  TV  camera  may  be  located  in  the  astrionic  module  for  unmanned  missions  or  the 
crew  module  for  manned  missions.  The  camera  will  be  a commercial  grade  black  and  white 
TV  requiring  2.9  MHz  bandwidth  (color  will  require  4.2  MHz  bandwidth). 

3.7.12  TV  Camera  Control 

The  TV  camera  control  unit  will  provide  for  remote  conti through  the  command  link 
for  lens  and  filter  change,  zoom  control  and  complete  articulation  for  the  camera. 

3.7.13  Audio  Equipment 

The  audio  equipment  is  used  for  manned  missions  and  provides  the  line  drivers  and 
interface  conditioning  between  the  intercoms  (head  sets)  and  the  modulators/demodulators 
of  the  command  and  control  equipment. 

3.8  STRUCTURES  DESCRIPTION 

The  space  tug  astrionic  module  structure  provides  the  load-bearing  member  for  the 
astrionic  module  and  provides  a base  for  mounting  equipment  on  the  astrionic  module.  It 
will  also  aid  in  micrometeoroid  protection.  An  astrionic  module  ring  was  groundruled  for 
the  study  to  provide  the  flexibility  of  diverse  configurations  for  the  tug  for  various  missions 
requirements. 


(See  Fisure*3*5  f ?d™ch  *he11  was  one  structural  option  which  was  studied. 

of  lessThan3f J4f  feet  10  diameter  and  4 feet  high,  with  a thickness  envelope 
ot  less  than  1 inch  The  radiators  are  connected  to  the  outside  of  the  shell  with  low 

toteriortIVf : «?tanh<nf  s?nne“0rs'  1116  component  mounting  panels  are  connected  to  the 

options  studLd.  The  She“  Stn;CtUre  6Xhibited  the  Hghtest  weight  of  the 

outward 

allow  maximum  accessibility  for  maintenance.  options  would 

( to  tSereporttS  °f  the  analySiS  f0rstructural  and  packaging  concepts  are  given  in  Appendix 

3.9  THERMAL  CONDITIONING  SUBSYSTEM  DESCRIPTION 

The  thermal  conditioning  subsystem  provides  temperature  control  for  the  asfrinnir 

ST.U0  ia  d,'!"  “>•  “ “ 


The  hardware  defined  for  the  thermal  conditioning  subsytem  is  as  follows: 

• Coolant  Pump 

• Service  Heat  Exchanger 


Coolant  Accumulator 
Coolant  Fluid 
Radiators 
Louvers 

Component  Mounting  Panels 
Multilayer  Insulation 
Miscellaneous  Plumbing 
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Figure  3-5.  Astrionic  Module  Shell  Structure  Option 


Figure  3-6.  Astrionic  Module  Open  Frame  Structure  Option 


Figure  3-7,  Thermal  Conditioning  Subsystem 
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3.9.1  Coolant  Pump 

thernTi‘econ^o,|t.n^mPHiS  “ deIiCe  USed  f°  circulate  the  coolant  fluid  through  a closed  loop 
transfers  'the'  hea t °frn nf  ^ hp I * ' t “ " phaS6S  of  the  tuE  The  circulating  fluid 

ten^per^turt;6 of  *he  asrtrionhf equipment.  ec*ulpmeilt  «*  space  radiate  and  contro.s  the 

3-9.2  Service  Heat  Exchanger 

th»  *At  Ser^lce  h^t  exchanger  is  included  in  this  subsystem  to  allow  thermal  conditioning  of 
the  astrionic  module  equipment  by  another  space  element  when  the  tug  is  docked  with  that 

tZuZVZl  COnditi°ning  by  8r°Und  e<JUipment  duripS  systlm^tfkou"  o 

3-9.3  Coolant  Accumulator 

eoolant  accumulator  provides  a reservoir  for  the  coolant  fluid  and  the  liauid 
pressurization  for  the  coolant  loop.  The  coolant  accumulator  selected  gives  mechanical 
pressurization  using  a spring  loaded  bellows  type  accumulator  The  accumulator  «ko 
prov,des  volume  for  thermal  expansion  of  the  coolant  fluid.  accumulator  also 

3 9.4  Coolant  Fluid 

The  coolant  fluid  circulates  through  the  closed  loop  coolant  system  to  transfer  heit 
hTve  ^\n  arniC  m0dU,e  electronic  equipment  to  the  radiators.  The  coolant  fluid  must 

i?W/re!,Zlng  P01"*:..08  wf!l  as  the  other  desirable  properties  of  low  viscosity  hi"h 
specific  heat  and  compatibility  with  other  materials.  " 

3.9.5  Radiators 

The  space  radiators  reject  heat  directly  into  deep  space  by  virtue  of  the  temperature 

Pr0Per!,ieS  °f  itS  radiating  SUrfaces-  T1'e  emitted  by  the  radfators  s 

dependent  upon  radiator  area.  As  the  coolant  fluid  passes  through  the  radiators  heat 
extracted  from  the  coolant  is  emitted  to  outer  space  The  radiitoix  -»i  i ■ 
micrometeoroid  protection  for  the  vehicle.  ’ 1 J 1,1 

j ,Each  radiator  is  48  inches  by  44  inches  by  2 inches  thick  (overall  envelope  dimensions) 
ofdJ’tTnXimUni  °f  Cl?ht  ra^!ator  sections  make  l,P  the  space  radiation  system.  The  number 
I UP°n  thC  ,hermal  COntrol  and  nhcromeCod  p ot  io" 

conductivity^stand^off  mounts!^  m°Unted  ‘°  "’e  °U‘Side  °f  the  ^ »y  iow 

3.9.6  Louvers 

. - ^iJhe  ,°UV!r!  arC  a‘tached  on  the  outside  of  the  radiators.  They  are  mechanical  shutters 
nrnnh  U!f?i,t0  ,afe8rate  tIie  active  and  passive  cooling  concepts  by  adjusting  the  optical 
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Each  louver  section  is  48  inches  by  44  inches  by  3 inches  thick  (overall  envelope 

?”on)  f"d  3 ™axmm™  of  louver  sections  are  used  in  conjunction  with  the  space 
radiator  sections.  The  number  of  sections  can  vary  depending  upon  the  thermal  control  and 
micrometeoroid  protection  required. 


3.9.7  Component  Mounting  Panels 


The  component  mounting  panels  are  plates  on  which  astrionic  module  equipment  is 
mounted.  A maximum  of  eight  panels  may  be  used  with  the  number  of  panels  determined 

*he  *are?  3nd.  « Ca,tl0nS  requ,red  for  component  mounting.  A component  mounting  panel 
without  internal  fluid  passages  may  be  used  for  components  requiring  no  thermal  control. 


o ThCntheri^  conditioning  mounting  panels  have  an  inlet  and  outlet  for  the  coolant 

thrnaih  SjT  ^ transfers  heatc  from  components  mounted  on  the  panel  as  it  passes 
hrough  the  panel  The  panels  are  48  inches  by  36  inches  by  one  inch  thick.  The  panels 
include  mounting  holes  for  the  components.  ^ 


3.9.8  Multilayer  Insulation 


ths»  .^he  t\a^?r  lnii!  at.10n  consists  of  layers  (the  number  will  be  determined  later)  of 
Lh  th  "lzfd  T^e  insulation  is  located  between  the  inner  structure  of  the  vehicle 
and  the  radiators.  It  provides  the  necessary  thermal  isolation  between  the  astrionic  module 

components  and  the  external  space  environment  required  during  storage  phases  of  the  tug 
mission.  6 


3.9.9  Miscellaneous  Plumbing 


Plumbing  is  required  for  connection  between  the  thermal  control  subsystem 
components.  This  will  include  pipes,  connections,  etc.  to  perform  this  task. 


3.10  ONBOARD  CHECKOUT  SUBSYSTEM  DESCRIPTION 


The  onboard  checkout  subsystem  determines  the  operational  capability  of  the  space 

tug  vehicle,  diagnoses  malfunctions  ai*d  reverifies  operational  status  after  a maintenance 
sequence. 


tn  ,™e  ^heckout  study  has  not  defined  any  hardware  to  support  the  checkout  subsystem 
to  date.  The  study  has  determined  the  checkout  requirements,  defined  the  types  of 

MmPPfU!hleStS  t0  P?rfo,rmed  and  conducted  a preliminary  analysis  of  checkout  methods 
to  meet  the  space  tug  checkout  requirements. 


The  results  to  date  indicate  that  a centralized  checkout  approach,  which  uses  the 
onboard  computer  for  test  control  and  data  analysis,  should  be  considered  as  the  prime 
means  for  space  tug  checkout.  However,  built-in-test- equipment,  which  is  test  equipment 
built  into  pnme  equipment  for  malfunction  isolation  and  checkout,  offers  distinct  checkout 

“EC5,  w°KUnuqUu  -*yPeS  of  hardware.  Therefore,  a centralized  checkout  approach, 
uppiemeu  ed  by  built-m-test-equipment,  is  recommended  for  the  checkout  subsystem.  A 
more  detailed  description  of  the  checkout  analysis  is  given  in  Appendix  K to  this  report. 
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3.1 1 SUPPORTING  ANALYSES 

selection  T'equiptnTor  concentTloT  the™  T*  “ direCt  inpUtS  ‘°  aid  in 

information  for  system  and  subsystem  analysis*  ‘C  subsystem  or  as  background 

Maintainability  Considerations 

be  atRtwf  levelsdlLinLRUei^eait  for  ShSTT*  CaPabiKty  fOT  aStri°nic  mould 

3-11  *2  Reliability  Considerations 

= T": 

mmmm 

report^  m°re  detai‘ed  °f  'he  reliabili,y  ana|Vsis  » given  in  Appendix  M to  this 

3.1 1.3  Safety  Assurance  Considerations 

occur.  °ad  °r  miSS,°n  a"d  recommcnds  a°tion  to  be  taken  if  off-nominal  event! 
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If 


The  following  malfunctions  or  conditions  were  identified  as  catastrophic  for  the  crew 
vehicle  and/or  payload: 

• Loss  of  attitude  control 

• Guidance  reference  failure 

• Loss  of  electrical  power 

• Reactant  tanks  explosion  hazard 

• Battery  explosion  hazard 

• TVC  actuator  hardover  or  stationary  in  one  position 

• Loss  of  crew  module  life  support  system 

• Loss  of  crew  module  electrical  power 

It  has  also  been  identified  that  the  capability  should  exist  to: 

• Separate  the  crew  module  or  payload  module  from  the  vehicle. 

• Separate  the  crew  module  and  astrionic  module  from  the  propulsion  module. 

• Use  pyrotechnic  devices  as  a backup  to  module  interface  separation. 

No  automatic  abort  requirement  has  been  identified  for  any  of  the  tug  missions  with 
the  possible  exception  of  a manned  four  stage  Saturn  V mission. 

A more  detailed  discussion  of  the  space  tug  safety  analysis  is  given  in  Appendix  N to 
this  report. 


3 . 1 1 .4  Display  Considerations 

The  display  function  will  provide  the  displays  and  control  required  by  the  crew  on 
manned  missions  to  perform  their  assigned  mission.  The  effort  to  date  has  assumed  two 
flight  stations  and  a housekeeping  or  experiment  station.  The  switches,  lights  and  dials  used 
on  present  Apollo  missions  were  rejected  for  the  display  function  and  effort  has 
concentrated  on  multipurpose  electronic  displays  to  meet  the  display  requirements.  Three 
cathode  ray  tubes,  along  with  associated  equipment,  was  selected  for  the  display  function.  A 
more  detailed  discussion  of  the  analysis  to  date  is  included  in  Appendix  O of  this  report. 

3.11.5  Radiation  Effects  Impact 

Radiation  effects  on  the  space  tug  astrionics  have  been  assessed  relative  to  natural  and 
induced  radiation  environments,  their  effects  on  components,  circuits  and  systems,  radiation 
hardening  techniques,  a systems  hardening  plan  and  penalties  associated  with  the  radiation 
hardening. 
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For  space  tug  missions  now  being  considered,  natural  radiation  environments  have  little 
impact  on  the  design  of  space  tug  astrionics.  However,  in  the  case  of  energetic  solar  flare 
activity,  space  tug  missions  may  have  to  be  delayed  or  terminated  early,  thus  imposing  an 
operational  constraint.  B 

Interaction  of  the  space  tug  with  induced  nuclear  reactor  radiation  from  NERVA  and 
space  base  power  reactors  will  impose  minimum  impact  on  tug  astrionic  design.  Here  again 
however  tug  operational  safety  constraints  will  have  to  be  met  in  order  to  keep  the  tug  in 
zones  of  low  radiation  environments. 

By  far.  the  most  stringent  environment  that  the  tug  could  be  exposed  to  is  that  of 
pulsed  radiation  from  sources  external  to  the  tug.  Techniques  exist  to  harden  electronics  to 
this  type  environment,  but  will  impact  cost,  weight,  power  requirements,  etc.  These 
hardening  techniques  must  be  considered  in  the  initial  design  of  the  space  tug  astrionic 
module  To  harden  a system  once  the  system  approach  and  technologies  to  implement  this 
approach  have  been  finalized  becomes  a formidable  task. 

A more  detailed  discussion  of  the  effects  of  radiation  on  the  space  tug  astrionics  is 
given  in  Appendix  P to  this  report. 

3.1 1.6  Cost  Impact 

A rough  order  of  magnitude  (ROM)  costing  exercise  was  performed  for  the  space  tug 
astrionic  module  for  selected  missions.  A work  breakdown  structure  (WBS)  was  developed 
lor  the  space  tug  to  aid  in  the  tiering  of  costs  for  the  astrionic  module.  The  astrionic  module 
components,  such  as  the  fuel  cell,  were  costed  and  summed  into  subsystem  cost,  astrionics 
cost  and  finally  astrionic  module  costs. 

^ Vnit  coCl,rr'ne  C0St  tor  u rcPresentative  Reusable  Synchronous  Mission  Tug  Astrionic 
Module  is  S8  million  which  may  be  prorated  over  ten  missions  to  $ 1 .52  million  per  mission. 
Nonrecurring  costs  are  estimated  at  $87  million  which  includes  $27  million  for  two  flight 
test  articles.  * 

Appendix  Q of  this  report  gives  a detailed  analysis  of  the  costing  exercise  and  the 
resulting  ROM  cost  impacts. 

3.1 1 .7  Orbital  Lifetime  Consideration 

A study  was  performed  to  determine  how  long  the  tug  could  be  stored  in  a 100  N.M. 
circular  parking  orbit  in  a fueled  and  unfueled  state.  To  obtain  the  results,  a trajectory 
integration  program,  which  contains  an  atmospheric  drag  model,  was  utilized.  Lifetime  was 
determined  by  integrating  the  initial  vehicle  state  in  a 100  N.M.  circular  orbit  until  the 
perigee  radius  ot  the  orbit  decreased  below  50  km.  it  was  assumed  that  the  tug’s  angular 
attitude  was  not  controlled  during  the  altitude  decay  and  that  tumbling  would  occur.  Net 
lilt  torees  were  zero.  This  means  that  the  tug  would  be  tumbling,  and  thus  there  would  be 
no  net  lilt  torees  acting  on  it.  The  ballistic  coefficient. /3.  for  the  tug  was  considered  to  be 
similar  to  that  of  the  S-II  stage  of  the  Saturn  V vehicle. 
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q - cda 
p 2m 


where:  Cj)  = drag  coefficient 

A = area  of  vehicle  projected  onto  a plane  normal  to  the  relative 
velocity  vector 

m = mass  of  vehicle 


The  orbital  lifetime  as  a function  of  the  ballistic  coefficient  is  shown  in  Figure  3*8.  The 
lifetimes  of  the  tug  in  empty  and  full  configurations  are  indicated  on  the  plot  and  tabulated 
below. 


Configuration  Lifetime 

EMPTY:  18-20  hrs 

FULL:  100-1 20  hrs 

An  estimate  was  made  as  to  how  much  total  velocity  impulse  would  be  necessary  to 
maintain  or  station  keep  the  tug  in  the  100  N.M.  circular  parking  orbit.  The  estimate  was 
made  by  assuming  that  the  amount  of  orbital  energy  lost  per  revolution  would  be  replaced 
by  adding  a velocity  impulse  to  offset  the  loss.  The  results  are  presented  below. 

Configuration  Impulse  per  Revolution 

EMPTY:  150  m/sec 

FULL:  30  m/sec 

Additional  fuel  would  also  be  necessary  for  attitude  control. 

In  summary  the  following  statements  can  be  made  about  lifetime  considerations  at  a 
100  N.M.  parking  orbit. 

• Lifetimes  are  relatively  short  compared  with  requirements  for  the  duration  of 
quiescent  tug  storage. 

• Stationkeeping  fuel  requirements  at  100  N.M.  are  excessively  high. 

4.0  SYSTEM  DESCRIPTION 

4.1  SYSTEM  FUNCTIONAL  DESCRIPTION 

The  astrionic  subsystem  descriptions  were  given  in  Section  3.0.  These  subsystems  are 
connected  and  controlled  by  a centralized  computing  capability  and  a data  bus  with  its 
associated  standard  interface  units  (SIU).  A layout  of  the  totai  astrionic  system  is  shown  in 
Figure  4-1 . 
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Figure  4-!.  Space  Tug  Astrionic  System  Layout 


The  system  is  configured  for  a centralized,  rather  than  a federalized,  approach  to  data  \ 

management.  The  data  bus  control  unit  controls  the  serial,  digital  data  on  the  data  bus  and 
is  the  interface  between  the  data  bus  and  the  computers.  The  subsystem  equipment  is 
connected  to  the  data  bus  by  standard  interface  units.  These  SIUs  sre  designed  to  permit  1 

unlimited  exchange  of  equipment  on  the  data  bus  so  that  no  electrical  timing  or  loading  ‘ 

perturbations  are  introduced  on  the  rest  of  the  system.  The  Input/Output  (I/O)  processors  I 

are  used  to  adapt  the  subsystem  equipment  to  the  SIUs  and  the  data  bus  in  turn.  In  new  1 

designs,  the  I/O  can  be  an  integral  part  ol  the  equipment.  This  approach  minimizes  impact  \ 

ot  the  introduction  of  new  state-of-the-art  hardware  as  the  astrionic  system  matures.  Also  ! 

shown  on  this  figure  is  the  fuel  cell  used  for  supplying  electrical  power  to  the  astrionic  I 

equipment  and  the  thermal  control  subsystem  for  thermal  control  of  the  components.  * 


! 
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The  subsystem  equipment  on  the  data  bus  supplies  data  to  and  receives  data  from  the 
data  management  processing  capability.  Figures  4-2  through  4-7  show  block  diagrams  and 
functional  interconnections  for  the  subsystems.  No  attempt  was  made  to  show  equipment 

power  connections,  details  of  checkout,  telemetry  signals  or  redundant  information  flow  in 
these  figures. 


Figure  4-2  shows  the  functional  interconnection  diagram  for  the  navigation  sensors 
I his  figure  shows  how  the  sensors  required  for  the  synchronous  orbit  mission  interface  with 
their  associated  electronic  units  and  the  standard  interface  units.  The  signals  generated  by 
the  navigation  sensors  are  fed  to  and  from  the  computer  for  processing  of  navigation  data. 
The  data  received  from  the  navigation  sensors  is  processed  by  the  computer  for  use  by  other 
space  tug  functional  areas,  especially  guidance  and  control. 


The  guidance  and  control  functional  interconnection  diagram  is  shown  in  Figure  4-3 
As  is  shown,  inputs  from  the  navigation  function  are  processed  in  the  computer  in 
conjunction  with  guidance  scheme  computations.  After  the  gi  idance  and  navigation 
computations,  the  results  are  used  for  guidance  function  processing  in  the  computer  The 
control  commands  are  sent  through  the  data  bus  and  SIUs  to  the  RCS  subsystem  and  the 
main  propulsion  engine.  Feedback  loops  provide  additional  inputs  back  to  the  computer  for 
processing,  enabling  the  guidance  and  control  function  to  steer  the  vehicle. 


. £ ' functional  block  diagram  of  the  command  and  control  subsystem  is  shown  in  Figure 

4-4.  The  functional  interconnects  are  shown  for  the  components  in  this  subsystem.  The 
telemetry  data  is  processed  and  formatted  by  the  data  management  subsystem.  This  data  is 
ed  through  the  data  bus  and  SIU  for  modulation  processing  prior  to  transmission. 
Command  data  is  received  by  the  command  and  control  subsystem,  demodulated,  decoded 
and  sent  through  the  dcta  bus  to  the  computer  processing.  The  control  signals  for  the 
command  and  control  equipment  shown  on  this  diagram  are  also  received  from  the  data  bus 


The  distribution  and  functional  interconnects  for  the  electrical  power  subsystem  are 
shown  in  Figures  4-5  and  4-6.  Figure  4-5  shows  how  electrical  power  from  the  fuel  cells  is 
connected  to  other  astrionic  components.  Figure  4-6  shows  in  more  detail  the  “A”  bus 
distribution  and  interconnections.  Also  shown  are  the  fuel  cell  interfaces  with  the  data 
management  computer  and  signals  to  the  propulsion  module. 


Figure  4-7  shows  the  functional  interconnects  for  the  thermal  control  subsystem.  As 
shown,  the  computer  supplies  signals  to  operate  the  coolant  pumps  and  .cceives  temperature 
and  pressure  signals  required  for  proper  operation. 


When  the  functional  interconnects  are  integrated  into  an  astrionic  system  by  the  data 
bus  SI  Us  and  data  management  subsystem,  proper  and  efficient  operation  at  the  system 
level  is  maintained.  * 


4,2  EQUIPMENT  USAGE  FOR  SPACE  TUG  MISSIONS 

, _Ihe  anionic  system  components  used  for  the  space  tug  missions  are  listed  in  Table 
4-  . This  table  shows  the  number  or  quantity  of  components  or  hardware  required  for  every 
vehicle  of  each  design  mission  used  in  this  study.  The  number  of  components  are  classified 
as  primary  (P)  or  backup  (B).  The  primary  units  are  to  be  operated  when  that  particular 
piece  ot  equipment  is  required  during  the  mission.  The  backup  units  are  a backup  to  the 
primary  unit  and  are  used  when  the  primary  unit  has  a failure.  The  backup  units  may  be 
either  inactive  or  in  a standby  mode  depending  on  the  mission  phase  and  the  criticality  of 
the  equipment. 


Navigation  Functional  Interconnection  Diagram  (Synchronous 
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Figure  4-4.  Composite  Tug  Command  and  Control  Subsystem  Preliminary  Functional 
Block  Diagram 
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Table  4-1 . Space  Tug  Equipment  Usage  (Sheet  1 of  2) 
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hgurc  4-7.  Asti-ionic  Module  Thermal  Control  Functional  Interconnection  Diagram 


4.3  PHYSICAL  CHARACTFRISTICS  OF  ASTRIONIC  F.OUIPMENT 

Tables  4-3  through  4-7  define  the  physical  characteristics  of  each  of  the  hardware  items 

h Moh|d  "i"5  th"S  h'Udy  IheSe  tllbk’s  dctail  thc  dil™nsions  in  inches  of  the  items  in  width 
eight  and  depth,  the  weight  in  pounds  of  each  of  the  components,  the  active  "ltd  standby 

Fahrenheit  deg"!"  Wa,'S  Und  0pCratmg  ,cn>Per»lurc  limits  (where  available)  in 

harder  ofi',ell'^rhhS'"al,  tl,araCteri5*i«  »vcn  ">  ,he  ''gores  are  based  on  actual  built 
Hardware  . Others  are  based  on  typical  characteristics  for  that  type  of  component  The 

to  show  STEST  of  ll  i"  eqUiPTT'  ,ayOU'S  f°r  ,he  spa"  "s'rionic  module 
It*  ltJS,bll"y  o'  'he  astriomc  module  concept  (See  Figures  4-8  and  4-<)>.  The  item 

He  re  4 8 aT.I.°"  "?  **7*  C,“ris'ks  >"«.s  refer  to  the  equipment  shown™ 
wors  - . • .n  S,'”W-  su",c,ent  space  is  available  for  equipment  used  for  the 

.... 1 " !u°  ' Unar  la"dll,g'  as  '"r  as  equipment  is  concerned  Future  additional 

Studies  or  reliability  considerations  may  increase  the  components  required  in  the  istrionic 

be  handle^'  c;"’ub,ll,v  cxis's  ,or  S™»th  capability  in  the  module  and  some  increase  can 
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TaMe  4-2.  Space  Tug  Astrionic  Module  Equipment  Characteristics- Da. a Management 
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Tab'e  4-3.  Module  Equipment  Characteristic-Navigation,  Guidance 
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30 

20 

(30P) 

40 

25 

15 

, 10x 
(13P) 

80 

45 

8.4 

OPERATING 
TEMP. 
LIMITS  <°F) 

0°  TO  50° 

0°  TO  50° 

0°  TO  50° 

0°  TO  500 
00  TO  50® 

0°  TO  50° 

0°  TO  50° 

0°  TO  50° 

0°  TO  500 
0°  TO  500 
0°  TO  SO® 

00  TO  500 
0°  TO  50° 

00  TO  50® 

0°  TO  500 
0°  TO  50° 
40°  TO  74°C 
•730  TO  71°c 
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Table  44.  Space  Tug  Astrionic  Module  Equipment  Characteristi 
Subsystem 


cs— Electrical  Tower 


ITEM 

NO. 


32 


35 

36 

33 

34 
31 
43 

37 


NAME  OF 
COMPONENT 


FUEL  CELL 


REACTANT  - H2 
REACTANT  - Q2 
H2 TANK 
02 TANK 
BATTERY 
DC  REGULATOR 
BATTERY  CHARGER 


A - ACTIVE 
S * STANDBY 

•FUEL  CELL  PARASITIC  POWER 


DIMENSIONS 

(INCHES) 


UV 


16.0 


17.0 

14.0 
B.8 
8.0 
6.0 


21.0 


17.0 

14.0 
17.5 

6.0 

6.0 


32.0 


18.0 

15.0 

10.0 

4.0 

3.0 


LVT. 

(LBS) 


169 


7.0 
14.0 

140.0 

5.0 

8.0 


POWER 
(WATTS -DC) 


(A) 


loo- 


ts) 


OPERATING 

TEMP. 
LIMITS  (°F) 


160°  TO  220° 
OPERATING 
350  to  2200 
STORAGE 


40°  TO  90° 


Table  4-5.  Space  Tug  Astrionic  Module  Equipment  Characteristics 
Subsystem 


Electrical  Networks 


D 

MENSIONS 

(INCHES) 

POWER 

(WATTSDC) 

ITEM 

NO. 

NAME  OF 
COMPONENT 

W 

p 

D 

WT. 

(LBS) 

(A) 

(S) 

OPERATING 
TEMP. 
LIMITS  !°F) 

23 

24 
22 
22 
30 
39 
29 
16 

SIU 

DATA  BUS 
MONITORING  UNIT 
AUX.  MONT.  UNIT 
POWER  DISTRIBUTOR 
AUX  POWER  DISTR. 
WIRE  & CACLES  (LBS) 
JUNCTION  BOXES 

4.3 

4.0 

4.0 
12  0 
11.0 

6.0 

3.0 

173  CM3 

2.0 
2.0 

17  0 

9.0 

6.0 

2.8 

20 

2.0 

8.0 

6.0 

20 

0.4 

7.5 

0.5 

0.5 

390 

13.0 

150  TO  200 
20 

1 

2 

2 

1 

2 

2 

070  TO  257° 
■400  TO  131° 
-40°  TO  131° 
-40°  TO  1310 

A = ACTIVE 
S - STANDBY 

J 

Ti,.  . ' equipment  described  m this  section  is  mounted  to  component  mount, ne  panels 
These  panels  also  serve  as  "cold  plates"  for  thermal  control.  The  panels  are  In  n,  ; 
connected  to  the  interior  ol  the  astrionic  module  structure  (See  Figure  4 10)  for  the 
. Stnomc  module  configuration.  On  the  outside  of  the  honeycomb  structure  arc  mounted 
ti  c rad  . Hois  and  louvers  lor  thermal  control.  There  arc  eight  component  mounting  panels 

oti  b ' rr iW”dS  TI"S  1)1  *’»>—"  configuration  provid  s , t W 
mourning  the  astrionic  components.  ' 


(WESTS31?? ®WS53SW^SS®55S5?3!^^©!S 


I 

an 


I 


I 

I 


Table  4-6.  Space  Tug  Astrionic  Module  Equipment  Characteristics-Command  and 
Control  Subsystem 


if 

o ■ 

l! 

• m 

ITEM 

NO. 

NAME  OF 
COMPONENT 

DIMENSIONS 

(INCHES) 

POWER 

(WATTS-DC) 

W 

H 

D 

WT. 

(LBS) 

(A) 

(S) 

OPERATING 
TEMP. 
LIMITS  (OF) 

44 

USB  ELECTRONICS 

21.0 

7.0 

8.0 

42.0 

107 

li 

45 

USB  DIRLEXER 

4.0 

3.0 

1.0 

0.5 

■40  TO  167° 

i ; 

46 

USB  ANT.  SWITCH 

2.0 

1.0 

2.0 

0.3 

_ 

-4°  TO  167° 

47 

USB  POWER  DIVIDER 

1.0 

0.5 

-40  TO  167° 

6 

USB  OMNI  ANTENNAj 

6.0 

3.0 

3.0 

0.5 

4°  TO  167° 

: / 

18 

USB  HI-GAIN  ANT.  CTRL. 

10.0 

8.0 

10.0 

10 

40  TO  167° 

J ' 

8 

USB  HI-GAIN  ANT. 

48.0 

48.0 

12.0 

20.0 

4°  TO  1670 

* • 

27 

VHF  TRANSCEIVER 

15.0 

7.0 

mm 

15.0 

25 

4°  TO  1670 

48 

VHF  DIPLEXER 

mSU 

3.0 

Warn 

1.0 

4°  TO  167° 

49 

VHF  POWER  DIVIDER 

n 

1.0 

13 

0.5 

4°  TO  1670 

7 

VHF  OMNI  ANTENNA 

K9 

11.0 

k3 

1.2 

40  TO  167° 

<0 

COMMAND  DECODE  ELEC. 

8.0 

5.0 

E9i 

10.0 

5 

3 

40  TO  167° 

41 

TV  CAMERA 

KIS 

6.0 

10.0 

6 

40  TO  167° 

42 

TV  CAMERA  CONTROL 

3.0 

2.0 

3 

4°  TO  167° 

40 

VHF  COMMAND  RCVR. 

Egfl 

6.0 

2.5 

MM 

1 

.5 

40  TO  167° 

• 

17 

AUDIO  EQUIPMENT 

B9 

2.0 

1.0 

3 

40  TO  167° 

a - ACTIVE 
S ° STANDBY 


Table  4-7.  Space  Tug  Astrionic  Module  Eouipment  Characteristics-Thermal  Control 
Subsystem  and  Structures 


DIMENSIONS 

POWER 

(INCHES) 

(WATTS-DC) 

ITEM 

NAME  OF 

WT. 

OPERATING 

TEMP. 

NO. 

COMPONENT 

W 

H 

D 

(LBS) 

(A) 

<S) 

LIMITS  (°F) 

52 

COOLANT  PUMP 

8.0 

6,0 

25.0 

150 

53 

SERVICE  HEAT  EXCH. 

H 

5.0 

3.0 

10  0 

54 

COOLANT  ACCUMULATOR 

10.0 

10.0 

12.0 

~>.o 

55 

RADIATOR 

48.0 

44.0 

2.0 

18.4 

58 

COOLANT  FLUID 

50.0 

61 

LOUVERS 

48.0 

44.0 

3.0 

11.0 

62 

COMPONENT  MTG  PANEL 

36.0 

48.0 

1.5 

25.0 

63 

MISC.  PLUMBING 

60.0 

MULTILAYER  INSULATION 

25.0 

MOUNTING  HARDWARE 

20  0 

STRUCTURES 

400.0 

A = ACTIVE 

S = STANDBY 
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S BAND  45“ 
OMNI  ANT  > 


mm 


r<y 


360“.— 

LASER 


HD  GAIN  ANT 
(EXTENDED) 


\,g>  DATA  MGM'l 

rs)_  \ 

fP=2l 


J LANDDNG 
i RADAR  ANT 
4 (EXTENDED) 


'Sxs* 


%~7r 


SENSOR 


■180^- yaw  axis 


(2)  VHF  OMNI  ANT  *" 


LED 

^(J)GUID, 
& CONTROL 


'WA 


PITCH  AXIS 


^ A 247.8“ 

STAR  TKR 
SENSOR 


C HORIZON 
226°  SENSOR 


48.00"— 
42.00"  - 


06.00**  - 
00.00"  - 


EXTERNAL  COMPONENTS 
162.00"  


COMPONENT 
MTG  AREA 
(EXTERNAL) 


Figure  4-9.  Astrionic  Module  Component  Layout  (Top  View) 


LANDING  RADAR 


IOUNTING  PANEL 
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4.4  ASTRIONIC  MODULE  WEIGHT  AND  POWER  SUMMARY 

WT,  Uuage  in  Tabie  4' 1 and  the  equipment  physical  characteristics 

Tab  ?s  4f'2  lbrough  4’7  were  used  to  develop  the  astrionic  module  weight  and 

P™?' 5 5 !T?anr  f°r  space  tug  missions-  units  used  in  the  astrionic  module  were 
considered  for  the  weight  summaries.  The  active  power  requirements  for  all  primary  units  of 
the  astnomc  module  were  summarized  to  show  the  power  requirement.  Although  all 
primary  units  may  never  be  operating  simultaneously  and  backup  units  are  sometimes  on 
standby,  the  summation  of  the  power  for  all  primary  units  gives  an  indication  of  the  total 
power  requirements  for  the  astrionic  equipment. 

asrrinl^'^Hni  thrf°^h  V1  give  the  detai!cd  weight  and  P°wer  breakdowns  for  the 
astrionic  modules  of  the  design  space  tug  missions.  Table  4-13  gives  the  summary  of  the 

astnomc  module  weights,  and  Table  4-14  gives  the  astrionic  module  power  summary. 

4.5  ASTRIONIC  SYSTEM  ELEMENTS  LOCATED  IN  OTHER  SPACE  TUG  MODULES 

in  °a  lthe  aSrriu°niC  system  e,ements  identified  during  this  study  will  also  be  located 

mnH  nf  m?dU!uS  0f  the  space  tug;  Figure  4']  1 shows  the  interfaces  between  the  astrionic 
module  and  other  space  tug  modules.  The  following  is  a preliminary  breakdown  of  the 

astnomc  equipment  in  the  propulsion  module  and  the  crew  module.  Follow-on  study  and/or 
other  tug  contractor  studies  will  provide  a detailed  definition  of  these  elements. 

4.5.1  Preliminary  Propulsion  Module  Astrionic  Equipment 

.equipment  identified  for  the  propulsion  module  (PM)  is  standard 

unft/^hi  h U TtCrfaCe  With  the  RCS  and  main  thrust  ^gines  and  the  monitoring 
units  which  sequence  and  monitor  equipment  not  serviced  by  other  SIUs.  These  units  will 

b*J™ed  by  the  data  bus network  in  the  PM.  The  weight  and  power  impacts  for  gimballed 
actuators  lor  the  main  engine  and  tor  instrumentation  were  not  addressed.  Since  the  worst 

woLTeTecc th7n !CSS;han;rnty  °f  the  abOVe  Unhs’  the  astrionic  weight  impact 
ould  be  less .than  0 pounds  and  have  an  active  power  requirement  of  less  than  30  watts 

inis  impact  should  be  minimal  for  the  propulsion  module. 

4.5.2  Preliminary  CrcwModuk  Ast  non ic^Equi pme n t 

The  crew  module  (CM)  will  require  SIUs,  monitoring  units  for  monitoring  and 
sequencing  of  the  crew  module  equipment  and  displays.  These  units  will  be  serviced  by  the 

he  rennir"HC1W°.rh  i'"  CM  As  W"h  thC  propulsion  module,  less  than  twenty  units  should 
be  required,  with  less  than  twenty  pounds  ot  additional  astrionic  weight  and  less  than  thirty 
watts  oi  active  power  requirements. 


The  display  and  control  equipment  will  have  a much  greater  impact  on  the  cre» 
module  astnomc  system  weight  and  power.  The  following  is  a tabulation  of  the  display  and 

contra!  equipment  (See  Appendix  0 for  details)  in  the  crew  module  and  its  associated 
weight  and  power. 
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Unit 

Unit 

Total 

Total 

Number 

Weight 

Tower 

•Weight 

Power 

Unis 

Required 

(Lbs) 

< Watts) 

(Lbsl 

(Walts) 

Cathode  Ray  Tubes 

3 

25 

ISO 

75 

540 

Keyhoanl 

3 

13 

20 

3*) 

no 

Manual  Control 

Signal  Connector 

■> 

40 

120 

80 

240 

Totals 

194 

840 

Some  of  the  equipment  presently  located  in  the  astrionic  module  (such  as  the  laser 
radar  sensor)  may  later  be  found  to  operate  more  efficiently  in  the  crew  module  for  manned 
missions.  These  components  will  operate  satisfactorily  on  the  astrionic  module  and  are 
presently  included  in  the  astrionic  module  weight  and  power  summaries. 

Therefore,  the  weight  and  power  for  the  astrionic  equipment  in  the  crew  n>.  dule  is 
approximately  200  pounds  with  a power  requirement  of  approximately  900  watts. 

5 0 COMMONALITY  OF  SPACE  TUG  ASTRIONICS  WITH  OTHER  SPACE  SYSTEMS 

5.1  INTRODUCTION  AND  SCOPE 

A primary  task  in  the  Modular  Astrionics  Study  is  to:  ( 1 ) identify  and  compare 
identical  and  related  requirements,  and  (2)  establish  commonality  in  function, 
specifications,  and  software  for  the  astrionic  systems  for  the  several  planned  future  space 
systems.  As  part  of  this  task,  a comparison  of  the  astrionic  systems  was  made  for: 


• Space  Tug  ( 1 0 mission-vehicle  combinations) 

• Reusable  Nuclear  Shuttle  (3  separate  studies) 

• Space  Station 

• Earth  Orbital  Shuttle  (Orbiter  and  Booster) 


All  information  used  in  this  comparison  was  obtained  for  the  six  NASA  contracted  studies 
as  listed  in  the  references  (Section  5.4). 

5.2  SUMMARY 

Considerable  commonality  exists  in  the  recommended  astrionic  systems  for  the 
fourteen  mission-vehicle  combinations  (10  tug,  RNS,  Space  Station.  Shuttle  Booster. 
Shuttle  Orbiter)  at  all  levels.  This  commonality  includes: 

• Functions  to  be  performed. 

• Mechanization  approach  selected. 

• Generic  hardware  recommended. 

However,  due  to  the  level  or  phase  of  the  studies,  comparison  of  the  performance 
requirements  (specifications)  for  the  subsystems  or  recommended  hardware  was  not 
possible. 
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CARGO 

MODULE 


MONITORING  AND  SEQUENCING 


SEQUENCING  AND  STATUS 
MONITORING 


CREW  MODULE 


POWER 


• DISPLAY  CONTROL 

• DISPLAY  PROCESSING 

• MANUAL  CONTROL 

• DISPLAY  POWER 


SEQUENCING  AND 
STATUS  MONITORING 


PROPULSION 

MODULE 


ENGINE  START  — 
STOP  COMMANDS 


ASTRIONIC 

MODULE 

CAPABILITIES 


POWER 


• START -STOP  COM- 
MANDS 


• THROTTLE  COMMANDS 

• ATTITUDE  ERROR 
COMMANDS 


I MAIN 
ENGINE 
CONTP9LS 


Table  4-8.  Detailed  Weight  and  Power  Summary  - Synchronous  Mission, 
Reusable  Tugs  (Sheet  1 of  2) 


MISSION 


COMPONENT 


SYNCHRONOUS  (REUSABLE  - 
1ST  TUG) 


QUANTITY 


SYNCHRONOUS  (REUSABLE  - 
2ND  TUG) 


TOTAL 

POWER 

(WATTS) 

TOTAL 

WEIGHT 

(LBS) 

QUANTITY 

TOTAL 

TOTAL 

WEIGHT 

(LBS) 

P 

B 

POWER 

(WATTS) 

80 

120 

1 

1 

80 

120 

SO 

70 

1 

1 

50 

70 

200 

40 

2 

200 

40 

15 

10 

1 

15 

10 

15 

24 

1 

1 

15 

24 

360 

264 

360 

264 

200 

80 

1 

200 

80 

30 

28 

1 

30 

28 

40 

46 

2 

40 

46 

40 

30 

1 

40 

30 

~ri~' 

— 

10 

17 

310 

184 

320 

201 

200 

338 

2 

200 

338 

2 

— 

— 

11 

~ 

11 

— 

— 

89 

— 

2 

2 

— 

13 

— 

3 

2 

27 

— 

10 

2 

— 

10 

— 

20 

— 

— 

20 

200 

386 

200 

508 

20 

16.4 

18 

19 

18 

14.8 

22.5 

1 

2 

22.5 

18 

9 

9 

9 

18 

9 

— 

39 

1 

— 

39 

— 

52 

4 

— 

52 

— 

180 

— 

— 

180 

— 

16 

8 

— 

16 

38 

335 

36 

333 

107 

42 

1 

107 

42 

— 

0.5 

1 

— 

0.5 

— 

0.3 

1 

— 

0.3 

— 

0.5 

1 

— 

0.5 

— 

2 

4 

— 

2 

10 

10 

1 

10 

10 

— 

20 

1 

— 

20 

— 

1 

1 



1 

— 

0.5 

1 



0.5 

— 

2.4 

2 

— 

2.4 

10 

20 

2 

10 

20 

6 

5 

1 

6 

5 

3 

2 

1 

3 

2 

2 

4 

2 

2 

4 

138 

110 

138 

110 

CPU 

BUS  CONTROL  UNIT 
MAIN  MEMORY 
MAGNETIC  TAPE 
CONFIG.  ASSIGN.  UNIT 

DATA  MANAGEMENT  SUBSYSTEM  TOTALS 

I MU 

LASER  RADAR 
STAR  TRACKER 
LANDMARK  TRACKER 
HORIZON  SENSOR 
N.  G&C  SUBSYSTEM  TOTALS 

FUEL  CELLS 
REACTANT  - H2  (LBS) 

REACTANT  -02  (LBS) 
h2 tank 
o2tank 
DC  REGULATOR 
MOUNTING  HARDWARE 

ELEC.  POWER  SUBSYSTEM  TOTALS 

SIU 

DATA  BUS 
MONITORING  UNIT 
POWER  DISTRIBUTOR 
AUX.  POWER  DISTRIBUTOR 
WIRE  & CABLES (LBS) 

JUNCTION  BOX 

ELEC.  NETWORKS  SUBSYSTEM  TOTALS 

USB  ELECTRONICS 
USB  DIPLEXER 
USB  ANTENNA  SWITCH 
USB  POWER  DIVIDER 
USB  OMNI  ANTENNA 
USB  HI-GAIN  ANT.  CTRL 
USB  HI-GAIN  ANTENNA 
VHF  DIPLEXER 
VHF  POWER  DIVIDER 
VHF  OMNI  ANTENNA 
COMMAND  DECODE  ELEC. 

TV  CAMERA 
TV  CAMERA  CT^L 
VHF  COMMA1'' • RCVR, 

CMND  & Cl  r!L  SUBSYSTEM  TOTALS 


20 

1 

9 

1 

4 


21 

2 

9 


P = PRIMARY 
B = BACKUP 
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Table  4-8.  Detailed  Weight  and  Power  Summary  - Synchronous  Mission, 
Reusable  Tugs  (Sheet  2 of  2) 


MISSION 

SYNCHRONOUS  (REUSABLE  - 
1ST  TUG) 

—— — — =— » 

SYNCHRONOUS  (REUSABLE  - 
2ND  TUG) 

COMPONENT 

QUANTITY 

TOTAL 

TOTAL 

QUANTITY 

TOTAL 

TOTAL 

WEIGHT 

(LBS) 

P 

B 

(WATTS) 

(LBS) 

P 

B 

POWER 

(WATTS) 

COOLANT  PUMP 
SERVICE  HEAT  EXCH. 

COOLANT  ACCUM. 

RADIATOR 
COOLANT  FLUID 
LOUVERS 

COMPONENT  MTG.  PANEL 
MISC.  PLUMBING 
MULTILAYER  INSULATION 
THERMAL  COND.  SUBSYSTEM  TO.  ALS 

STRUCTURE  ILBSI 

j- — 

1 

1 

1 

8 

8 

8 

1 

S 1 1 1 1 1 l 1 s 

50 

10 

30 

147 

50 

88 

200 

60 

25 

660 

400 

1 

1 

1 

8 

8 

8 

1 

150 

”TsiT 

50 
10 
30  • 
147 
50 
88 
200 
60 
25 
660 

400 

P=  PRIMARY 
B = BACKUP 

The  more  significant  areas  of  commonality  include  the  following: 

• Prime  Power  Source  - Fuel  cells  are  recommended  for  all  tug  missions.  Two  of 
three  studies  recommend  fuel  cells  for  reusable  nuclear  shuttle  (RNS),  and  fuel 
cells  are  recommended  for  the  earth  orbit  shuttle  (EOS)  orbiter. 

• Signal  Distribution  — All  studies  for  all  vehicles  recommend  use  of  a data  bus 
system  for  internal  signal  distribution. 


• Communications  (RF)  - AH  studies  for  all  vehicles  recommend  unified  S-band 
and  VHF  systems. 


• Navigation i_ and  Guidance  — Commonality  in  N & G hardware  recommended 

included  the  following: 

1.  1MU  - All  studies  for  all  vehicles  (except  one  RNS  study)  recommend  the 
strapdown  platform  as  the  primary  system  for  vehicle  attitude  and  velocity 
data. 

2.  Star  Trackers  - AH  studies  for  ail  vehicles  (except  EOS  orbiter  and  booster) 
recommend  use  of  star  tracker(s)  for  navigation  aids  to  obtain  attitude  and 
position  updates. 

3.  Landmark  Tracker  — The  landmark  tracker  is  recommended  for  all  tug 
missions  (except  one),  for  the  space  station,  and  by  one  study  for  the  RNS. 
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Table  4-9.  Detailed  Weight  and  Power  Summary  - Synchronous  (Expendable  Tug) 
and  Lunar  Landing  Missions  (Sheet  1 of  2) 


i.^SION 


COMPONENT 


CPU 

BUS  CONTROL  UNIT 
MAIN  MEMORY 
MAGNETIC  TAPE 
DISPLAY  MEMORY 
CONFIG.  ASSIGN.  UNIT 
AUX.  MONT.  UNIT 

DATA  MGMT,  SUBSYSTEM  TOTALS 

IMU 

LASER  RADAR 
STAR  TRACKER 
LANDMARK  TRACKER 
HORIZON  SENSOR 
LANDING  RADAR 
N,  G&C  SUBSYSTEM  TOTALS 

FUEL  CELL 
REACTANT  - H2 
REACTANT  - 02 
H2 TANK 
02 TANK 
BATTERY 
DC  REGULATOR 
BATTERY  CHARGER 
MOUNTING  HARDWARE 
ELEC.  POWER  SUBSYSTEM  TOTALS 

SIU 

DATA  BUS 
MONITORING  UNIT 
AUX.  MONT.  UNIT 
POWER  DISTRIBUTOR 
AUX.  POWER  DISTR. 

WIRE  a CABLES  (LBS) 

JUNCTION  BOX 

ELEC.  NETWORKS  SUBSYSTEM  TOTALS 

USB  ELECTRONICS 
USB  DIPLEXER 
USB  ANTENNA  SWITCH 
USB  POWER  DIVIDER 
USB  OMNI  ANTENNA 
USB  HI-GAIN  ANT.  CTRL 
USB  HI-GAIN  ANT. 

VHF  TRANSCEIVER 
VHF  DIPLEXER 
VHF  POWER  DIVIDER 
VHF  OMNI  ANT. 

COMMAND  DECODE  ELEC. 

TV  CAMERA 
TV  CAMERA  C.RL 
AUDIO  EQUIPMENT 
CMND  & CTRL  SUBSYSTEM  TOTALS 


SYNCHRONOUS 
(EXPENDABLE  TUG) 


LUNAR  LANDING 


QUANTITY  TOTAL  TOTAL  QUANTITY  TOTAL  TOTAL 

- | - POWER  WEIGHT  r-  POWER  WEIGHT 

P I 0 (WATTS)  (LBS)  P I B (WATTS)  (LBS) 


23  22 

1 2 


P = PRIMARY 
B = BACKUP 


Table  4-9.  Detailed  Weight  and  Power  Summary  - Synchronous  (Expendable  Tug) 
and  Lunar  Landing  Missions  (Sheet  2 of  2 ) 


MISSION 

SYNCHRONOUS 
(EXPENDABLE  TUG) 

LUNAR  LANDING 

COMPONENT 

QUANTITY 

TOTAL 

TOTAL 

[QUANTITY 

TOTAL 

TOTAL 

WEIGHT 

POWER 

WEIGHT 

P 

B 

(WATTS) 

(LBS) 

P 

B 

(WATTS) 

(LBS) 

COOLANT  PUMP 

t 

1 

150 

SO 

3 

SERVICE  HEAT  EXCH. 

1 

Z 

COOLANT  ACCUM. 

1 

s 

RADIATOR 

6 

a 

COOLANT  FLUID 



LOUVERS 

6 

66 

o 

COMP.MTG.  PANEL 

6 

__ 

150 

Ul 

MISC.  PLUMBING 

60 

MULTILAYER  INSULATION 

— 

— 

25 

THERMAL  COND.  SUBSYSTEM  TOTALS 

150 

551 

ESTIMATES:  150 

1000 

STRUCTURES  (LBS) 

400 

u 

400 

P = PRIMARY 
B = BACKUP 


4.  Laser  Radar  - For  missions  requiring  rendezvous  and  docking  operations,  all 
studies  for  all  vehicles  recommend  use  of  the  laser  radar,  except  those  studies 
which  assigned  docking  as  a crew  function. 

5.3  COMPARISONS  FOR  COMMONALITY 

Comparisons  to  identify  commonality  in  the  recommended  astrionic  systems  for 
fourteen  mission-vehicle  combinations  were  made  using  the  information  available  from  the 
appendices  io  this  report  and  the  documents  listed  in  the  references.  These  comparisons 
were  made  at  four  study  levels  and  are  discussed  in  the  following  paragraphs. 

5.3.1  Missions  and  Mission  Elements 

The  areas  for  comparison  at  this  level  are: 

• Vehicles  - Whether  manned  or  automated  and  reusable  or  expended. 

• Operational  Base  - Location  where  the  “prepare  for  mission”  function  is 
performed. 

• Space  Operations  - Assembly  and/or  maintenance  operations  to  be  performed  in 
space. 
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Table  4-10.  Detailed  Weight  and  Power  Summary  - Earth  Orbital  and  Lunar  Orbital 
Operations  Missions  (Sheet  1 of  2) 


MISSION 


COMPONENT 


CPU 

BUS  CONTROL  UNIT 
MAIN  MEMORY 
MAGNETIC  TAPE  UNIT 
DISPLAY  MEMORY 
CONFIG.  ASSIGNMENT  UNIT 
DATA  MGMT.  SUBSYSTEM  TOTALS 


IMU 

LASER  RADAR 
STAR  TRACKER 
LANDMARK  TRACKER 
N,  G&C  SUBSYSTEM  TOTALS 


FUEL  CELL 
REACTANT  - H2 
REACTANT  - 02 
H2TANK 
02 TANK 
BATTERY 
DC  REGULATOR 
BATTERY  CHARGER 
ELEC.  POWER  SUBSYSTEM  TOTALS 


S1U 

DATA  BUS 
MONITORING  UNIT 
POWER  DISTRIBUTOR 
AUX.  POWER  DISTRIBUTOR 
WIRE  & CABLES 
JUNCTION  BOXES 

ELEC.  NETWORKS  SUBSYSTEM  TOTALS 

USB  ELECTRONICS 
USB  DIPLEXER 
USB  ANTENNA  SWITCH 
USB  POWER  DIVIOER 
USB  OMNI  ANTENNAS 
USB  HI-GAIN  ANT.  CTRL 
USR  HI -GAIN  ANTENNAS 
VHF  TRANSCEIVER 
VHF  DIPLEXER 
VHF  POWER  DIVIDER 
VHF  OMNI  ANTENNAS 
CMD.  OECODE  ELECTRONICS 
TV  CAMERA 
TV  CAMERA  CTRL 
VHF  COMMAND  RCVR 
AUDIO  EQUIPMENT 
CMND  & CTRL  SUBSYSTEM  TOTALS 


P = PRIMARY 
B - BACKUP 


EARTH  ORBITAL 

r~ 

LU 

OPERATIONS 

O 

QUA 

NTITY 

TOTAL 

TOTAL 

([quantity 

P 

B 

(WATTS) 

(LBS) 

p 

B 

1 

2 

80 

180 

1 

2 

1 

2 

50 

105 

1 

2 

2 

200 

40 

2 

1 

15 

10 

1 

1 

SO 

10 

1 

1 

2 

15 

36 

1 

2 

410 

381 

1 

200 

80 

1 

1 

30 

28 

1 

2 

40 

46 

2 

1 

40 

30 

1 

310 

184 

2 

200 

338 

2 

— 

4 



— 

— 

36 

— 

2 

— 

5 

2 

2 

— 

11 

2 

1 

— 

140 

1 

2 

— 

10 

2 

1 

— 

8 

1 

200 

552 

22 

21 

22 

17.2 

22 

21 

1 

2 

— 

22.5 

1 

2 

9 

9 

18 

9 

9 

9 

1 

— 

39 

1 

4 

1 

— 

65 

4 

1 

— 

200 

8 

16 

S 

40 

369 

1 

107 

42 

1 

1 

— 

0.5 

1 

1 

— 

0.3 

1 

1 

— 

0.5 

1 

4 

— 

2 

4 

1 

10 

10 

1 

1 

— 

20 

1 

1 

25 

15 

1 

1 

— 

1 

1 

1 

— 

0.5 

1 

2 

— 

2.4 

2 

2 

10 

20 

1 

1 

1 

6 

5 

1 

1 

3 

2 

1 

2 

2 

4 

1 

3 

2 

1 

165 

127 

TOTAL 

POWER 

(WATTS) 


410 


TOTAL 

WEIGHT 

(LBS) 


184 


552 


369 


123 
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; Table  4-1  °*  Detailed  Weight  and  Power  Summary  - Earth  Orbital  and  Lunar  Orbital 

\ Operations  Missions  (Sheet  2 of  2) 


MISSION 


EARTH  ORBITAL 
OPERATIONS 


LUNAR  ORBITAL 
OPERATIONS 


COMPONENT 


QUANTITY 


TOTAL 

POWER 

(WATTS) 


TOTAL 

WEIGHT 

(LBS) 


QUANTITY 


TOTAL 

POWER 

(WATTS) 


TOTAL 

WEIGHT 

(LBS) 


COOLANT  PUMP 

SERVICE  HEAT  EXCHANGER 

COOLANT  ACCUMULATOR 

RADIATOR 

COOLANT  FLUID 

LOUVERS 

COMPONENT  MTG.  PANEL 
MISCELLANEOUS  PLUMBING 
MULTILAYER  INSULATION 
THERMAL  COND.  SUBSYSTEM  TOTALS 

STRUCTURES  (LBS) 


P = PRIMARY 
B =■  BACKUP 


ISO 


150 


50 

10 

30 

147 

SO 

88 

200 

60 

25 


150 


660 


400 


150 


50 

10 

30 

147 

50 

88 

200 

60 

25 

660 

400 


• Interfaces  - RF  interfaces  with  other  space  systems  and  ground  stations. 

• Transport  System  - Transport  system  used,  if  required,  to  transport  the  vehicle 
to  its  operating  base. 

Comparisons  in  these  areas  are  illustrated  in  Figure  5-1  whim  shows  both  the  commonalities 
and  differences.  Significant  areas  of  commonality  are: 

• In-space  maintenance  is  required  for  RNS,  tug,  and  space  station. 

• Signal  interfaces  (RF)  are  required  between  the  space  systems  and  between  the 
space  systems  and  the  ground  stations. 

• Automated  missions  (unmanned)  are  required  for  both  RNS  and  tug. 


i 


i 

i 


* 

i 

; 


I 


5.3.2  Mission  Events 

The  fourteen  missions  were  categorized  into  eleven  mission  events.  Comparisons  of 
these  mission  events  are  illustrated  in  Figure  5-2.  Considerable  commonality  exists  for  the 
intraorbit  transfers,  rendezvous  and  dock,  and  station  keeping  events.  Commonality  exists 
between  at  least  two  space  vehicles  for  each  of  the  eleven  mission  events  except: 

• Lunar  parking  orbit  (LPO)  to  low  earth  orbit  (LEO)  transfers  are  a requirement 
for  RNS  only.  However,  the  astrionic  system  functions  and  their  mechanization 
for  providing  N & G are  essentially  the  same  for  LPO  to  LEO  transfers  as  those 
for  LEO  to  LPO  transfers,  thus  providing  commonality  between  two  vehicles  for 
these  mission  events. 


! 
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Table  4-11.  Detailed  Weight  and  Power  Summary  - Planetary  Mission 


MISSION 

PLANETARY 
(REUSEABLE  - 1ST  TUG) 

I PLANETARY 

(EXPENDABLE  - 2ND  TUG) 

1 QUANTITY 

TOTAL 

TOTAL 

QUANTITY 

TOTAL 

TOTAL 

COMPONENT 

POWER 

WEIGHT 

POWER 

WEIGHT 

P 

B 

(WATTS! 

(LBS) 

P 

B 

(WATTS) 

(LBS) 

CPU 

1 

1 

80 

120 

1 

1 

80 

BUS  CONTROL  UNIT 

1 

1 

50 

70 

1 

1 

50 

MAIN  MEMORY 

2 

200 

40 

2 

200 

MAGNETIC  TAPE  UNIT 

1 

15 

10 

1 

15 

CONFIG.  ASSIGN.  UNIT 

1 

1 

15 

24 

1 

1 

15 

24 

DATA  MGMT.  SUBSYSTEM  TOTALS 

360 

264 

360 

264 

IMU 

1 

200 

80 

1 

200 

80 

LASER  RADAR 

1 

30 

28 

STAR  TRACKER 

2 

40 

46 

2 

LANDMARK  TRACKER 

1 

40 

30 

HORIZON  SENSOR 

1 

10 

17 

— 

N,  G&C  SUBSYSTEM  TOTALS 

320 

201 

240 

126 

FUEL  CELL 

2 

200 

338 

1 

100 

169 

REACTANT  - H2 

. 

- 

4 

REACTANT  * 02 



36 

h2 tank 

2 

_ 

5 

1 

02  TANK 

2 



11 

1 

DC  REGULATOR 

2 

_ 

10 

1 

ELEC.  POWER  SUBSYSTEM  TOTALS 

200 

404 

loo" 

192 

SIU 

23 

22 

23 

18 

22 

21 

22 

17.2 

DATA  BUS 

1 

2 

— . 

22.5 

1 

2 

72  5 

MONITORING  UNIT 

9 

9 

18 

9 

9 • 

POWER  DISTRIBUTOR 

1 

39 

AUX.  POWER  DISTRIBUTOR 

4 

■ _ 

52 

WIRES  & CABLES  (LBS) 

— 

_ 

180 

JUNCTION  BOX 

8 

— 

16 

8 

— 

16 

ELEC.  NETWORKS  SUBSYSTEM  TOTALS 

41 

336 

40 

306 

USB  ELECTRONICS 

1 

107 

42 

1 

107 

USB  DIPLEXER 

1 

— 

0.5 

1 

0.5 

USB  ANTENNA  SWITCH 

1 

0.3 

1 

USB  POWER  DIVIDER 

1 

0.5 

1 



0 5 

USB  OMNI  ANTENNAS 

4 

--  - 

2 

4 

USB  HI -GAIN  ANT.  CTRL 

1 

10 

10 

1 

USB  HI-GAIN  ANTENNA 

1 

20 

1 

COMMAND  DECODE  ELEC. 

1 

1 

5 

20 

1 

TV  CAMERA 

1 

6 

5 

TV  CAMERA  CONTROL 

1 

3 

2 

1 

CMND  fit  CTRL  SUBSYSTEM  TOTALS 

131 

102 

131 

102 

COOLANT  PUMP 

1 

1 

150 

50 

1 

1 

150 

50 

SERVICE  HEAT  EXCHANGER 

1 

10 

1 

COOLANT  ACCUMULATOR 

1 

. 

30 

1 

COOLANT  FLUID 

— 

, 

50 

RADIATOR 

8 

147 

6 

1 10 

LOUVERS 

8 



88 

6 

COMP.  MTG.  PANEL 

8 

- 

200 

6 

MULTILAYER  INSULATION 

_ 



25 

MISC.  PLUMBING 

— 

— 

60 

— — 

__ 

60 

THERMAL  CONO.  SUBSYSTEM  TOTALS 

150 

660 

150 

551 

STRUCTURES  (LBS) 

— 

— 

400 

— 

400 

P=  PRIMARY 
B = BACKUP 
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Table  4-12.  Detailed  Weight  and  Power  Summary  - Reusable  Nuclear  Shuttle 
and  Four  Stage  Saturn  V Missions  (Sheet  1 of  2) 


MISSION 

REUSABLE  NUCLEAR 
SHUTTLE 

FOUR  STAGE 
SATURN  V 

COMPONENT 

QUA) 

JTITY 

TOTAL 

TOTAL 

WEIGHT 

(LBS) 

QUANTITY 

— 

TOTAL 

TOTAL 

WEIGHT 

(LBS) 

■a 

D 

(WATTS) 

P 

B 

(WATTS) 

CPU 

BUS  CONTROL  UNIT 
MAIN  MEMORY 
MAGNETIC  TAPE  UNIT 
CONFIG.  ASSIGN.  UNIT 
OATA  MGMT.  SUBSYSTEM  TOTALS 

i 

1 

2 
1 
1 

i 

i 

i 

80 

50 

200 

IS 

15 

120 

70 

40 

10 

24 

1 

1 

2 

1 

1 

1 

1 

1 

80 

50 

200 

15 

15 

120 

70 

40 

10 

24 

360 

264 

360 

264 

IMU 

LASER  RAO  A*? 

STAR  TRACKER 
LANDMARK  TRACKER 

1 

2 

1 

200 

30 

40 

40 

80 

28 

46 

30 

1 

1 

2 

200 

30 

40 

80 

28 

46 

HORIZON  SENSOR 
RATE  GYROS 

t 

10 

17 

1 

to 

17 

ACCELEROMETERS 

N.G&C  SUBSYSTEM  TOTALS 

— 

— 

— 

1 

8.4 

4 

320 

201 

373 

216 

FUEL  CELL 
REACTANT  - H2 

2 

200 

338 

54 

2 

200 

338 

REACTANT  - 02 
h2  TANK 

2 

486 

72 

2 

— 

161 

02  TANK 
BATTERY 

2 

2 

144 

1% 

2 

— 

45 

DC  REGULATOR 
BATTERY  CHARGER 

ELEC.  POWER  SUBSYSTEM  TOTALS 

2 

1 

10 

8 

2 

— 

10 

1268 

200 

593 

SIU 

DATA  BUS 
MONITORING  UNIT 

23 

1 

9 

22 

2 

9 

23 

18 

18 

22.5 

g 

23 

1 

22 

2 

23 

18 

22.5 

POWER  DISTRIBUTOR 
AUX.  POWER  DISTRIBUTOR 

1 

4 

1 

39 

65 

1 

39 

WIRES  & CABLES 



200 

JUNCTION  BOX 

ELEC.  NETWORKS  SUBSYSTEM  TOTALS 

USB  ELECTRONICS 
USB  DIPLEXER 
i,*SB  ANTENNA  SWITCH 
USB  POWER  DIVIOER 
USB  OMNI  ANTENNAS 
USB  HI -GAIN  ANT.  CTRL 
USB  HI-GAIN  ANTENNA 
COMMANO  DECODE  ELECT. 

TV  CAMERA 
TV  CAMERA  CONTROL 
CMND  a CTRL  SUBSYSTEM  TOTALS 

8 

— 

16 

8 



16 

1 

1 

1 

1 

4 

1 

1 

1 

1 

1 

1 

41 

107 

10 

5 

6 
3 

369 

42 

0.5 

0.3 

0.5 

2 

10 

20 

20 

5 

2 

1 

41 

107 

10 

5 

6 
3 

336 

42 

0.5 

0.3 

0.5 

2 

10 

20 

20 

5 

2 

HH 

102 

131 

102 

P = PRIMARY 
8 = BACKUP 


Table  4-1 2.  Detailed  Weight  and  Power  Summary  - Reusable  Nuclear  Shuttle 
and  Four  Stage  Saturn  V Missions  (Sheet  2 of  2) 


MISSION 

] REUSABLE  NUCLEAR 

| SHUTTLE 

I FOUR  STAGE 

1 SATURN  V 

COMPONENT 

QUA! 

JTITY 

TOTAL 

TOTAL 

WEIGHT 

(LBS) 

QUANTITY 

TOTAL 

POWER 

(WATTS) 

TOTAL  1 
WEIGHT  | 
(LBS) 

P 

B 

(WATTS) 

P 

B 

COOLANT  PUMP 
SERVICE  HEAT  EXCH. 

COOLANT  ACCUMULATOR 
COOLANT  FLUID 
RADIATOR 
LOUVER 

COMPONENT  MTG.  PANEL 
MULTILAYER  INSULATION 
MISC.  PLUMBING 

THERMAL  COND.  SUBSYSTEM  TOTALS 
STRUCTURES  (LBS) 

1 

1 

1 

8 

8 

8 

1 

150 

150“ 

50 

10 

30 

50 

147 

88 

200 

25 

60 

1 

1 

1 

8 

8 

8 

1 

ISO 

SO 

10 

30 

50 

147 

88 

200 

25 

60 

660 

400 

660 

400 

150 

P = PRIMARY 
B * BACKUP 

* iU" ■!,  ,a?ding  is  a re<Ju«rement  for  the  tug  only.  This  event  establishes  several 
special  astriomc  requirements,  including: 


Control  of  variable  thrust  engines. 


' unprepared  sites)”8  SyS'em  ‘°  Pf°VidC  ‘Crminal  **“*»•*  d“*^*  <■« 

3 aPnvfZe',  Checkou‘  a"d  system  initialization  functions  without 

any  direct  support  from  an  operational  base. 

5-33  Astrionic  Functional  Areas 

The  more  significant  areas  of  commonality  and  differences  are  as  follows: 

• Navigation  and  Guidance  - All  studies  for  all  mission-vehicle  combinations 
nhaffiPTh"e-  tU?  l|’lss,on)  recommend  use  of  an  inertial  and  terminal  guidance 
fhe  had*6  7 nav,8at,°n;  w recommended  by  the  studies,  is  performed  on 
the  basts  of  measured  vehicle  attitude  and  accelerations  in  the  inerthd 
measurement  unit  and  then  processed  in  the  digital  computer  lo  obtain  vehicVe 
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Table  4-13.  Asfcrionie  Module  Weight  Summaries 


tTKicnimt* 


‘ESTIMATED  MIGHTS 

• ‘EXPECTED  MIGHT.  DEPENDENT  UPON  SELECTED  STRUCTURAL  DESIGN  AND  REQUIRED  MCRQMtTERQID  PROTECT)  ON 
NOTE  MIGHT  AS  GIVEN  IN  POUNOS 


Table  4-14.  Astrionic  Module  Power  Summaries 


SUMVOTE&v 


'ESTIMATED  POWER 

'FUEL  CELL  PARASITIC  POWER 


DTE:  POWER  GIVEN  IN  WATTS 


5 


Missions  and  Mission  Elements  Commonality 


TUG  MISSION  VEHICLE  COMBINATIONS 


/ *>  / , 
/ £ / 3? 

//V, 


///A* 

O / o / o 


f/iL , 
/ £ / ^ / 
VAA 

* / ~ / o / 

'mA 


/£/£/$/  '*'/  /$/£/  / A 

/ *+  / ^ / % / > / / n / / / S 

AAv -/ f/^/f/p/  / / 

f C/jC  / &/  O /&  /v/«/  / K / 

1/5  /<»/?/*»  /ft  / 

O / O / / v / o / v f x / * / J 0 / 

yWAAAW/Av  / 

*/*/*/&/$/£/' */4/  / 

r/r/£/£/$/f/f /$/#/# 


' 9-  / £ / £ 

f/J/J/ 

/*/«'/ 


VEHICLE 

- MANNED 

— AUTOMATED 

- REUSABLE 

- EXPENDED  ISINGIE  MlSSiONi 

operational  base 

- e ahth 

- SPACE  STATION  BASE 


X Ml  Ml  Ml  X 

X X X X 

X X X X 


Ml  STUDY  GUIDELINE  HAS  MAN 
AS  A NON  PARTICIPANT 
<?l  DEPENDENT  ON  TRANSPORT 
SYSTEM  USED 

131  EITHER  OR  BOTH  TRANSPORT 
SYSTEMS  MAY  BE  USED 


SPACE  OPERATIONS 

- ASSEMBLY 

- MAINTENANCE 


INTERFACES  ISIGNAU 

- GROUND  STATIONS 

- OTHERSPACE  STATIONS 

TRANSPORT  SYSTEM 

- SATURN  DERIVATIVE 

- 60S 

- RNS 


Figure  5-2.  Mission  Events  Commonality 
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TUG  MISSION  VEHICLE  COMBINATIONS 


COS  /SS. 


Figure  5-3.  Astrionic  Functional  Area  Commonality 


TUG  MISSION-VEHICLE  COMBINATIONS 


RNS 


EOS  /SS. 
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/A 
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pf 

£/ 

?/ 

?/. 

f/ 

ip/»  / 
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jL- 

-L_ 

/ 

/ 
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11 

11 

NAVIGATION  AND  GUIDANCE 

{ 

f 

/ 

( 

- INERTIAL 

- TERMINAL 

X 

X 

X 

X 

X 

X 

X 

X 

X 

x 

X 

X 

X 

X 

XI6 

X 

X 

X 

X 

X 

X 

xn 

(1)  STATION  KEEPING  FUNCTION 

CONTROL 

X 

X(2 

12)  REMOTE  CONTROL  OF  CHASER 

VEHICLE  FOR  RENDEZVOUS  AND  DOCK 

- MAIN  ENGINEIS)  (GIMBALS) 

X 

X 

X 

X 

X 

X(3 

X(3 

XI3I 

XI3) 

(3)  SPECIAL  NUCLEAR  ENGINE 

- THRUSTERS  (APS) 

X 

X 

X 

X 

X 

X 

X 

CONTROLS  REOUIRED 

- CMG'S 

X 

X 

X 

(4)  HF  AND  UHF  SYSTEMS 

DATA  MANAGEMENT 

X 

(5)  VOR  AND  DME  FOR  NAVIGATION 

(6)  LUNAR  APPROACH  PHASE 

- CPU 

X 

X 

X 

X 

X 

X 

N/A 

X 

N/A  DENOTES  INFORMATION 

- OTHER  (MULTIPROCESSORS! 

NOT  AVAILABLE 

N/A 

X 

X 

X 

COMMUNICATIONS 

- VHF 

- UNIFIED  SB  AND 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

- K{j  BAND 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

- OTHER 

X(4) 

KI5I 

XI51 

X 

PRIME  POWER 

- CENTRAL 

- DISTRIBUTED 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

THERMAL  CONTROL 

- ACTIVE 

- PASSIVE 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

N/A 

N/A 

N/A 

X 

X 

X 

- INTEGRATED  WITH  LIFE  SUPPORT 

N/A 

N/A 

N/A 

- COMPONENT  TCS 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

N/A 

N/A 

N/A 

N/A 

N/A 

N/A 

X 

X 

X 

STRUCTURE  AND  PACKAGING 

- DISTRIBUTED 

- MODULE  STRUCTURE 

X 

N/A 

X 

X 

X 

- MODULE  PACKAGE 

X 

N/A 

X 

X 

X 

X 

X 

N/A 

X 

M/A 

N/A 

N/A 

CREW  DISPLAYS  AND  CONTROLS 

X 

X 

X 

X 

X 

X 

X 

X 

X 

X 

N/A 

N/A 

M/A 

X 

X 

X 

CHECKOUT  AND  MONITOR 

X 

X 

X 

X 

X 

X 

JLL 

X 

X 

X 

X 

X 

X 

X 

X 

X | 
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navigation  data  from  the  solution  of  the  vehicle’s  equations  of  ..vntion.  According 
to  the  selected  pudance  law,  the  guidance  computer  generates  vehicle  guidance 
n=V18?±;  Ration  aids  (star  tracker,  landmark  tracker,  etc.)  are 
provided  for  IMU  realignment,  position  and/or  state  vector  updates.  Terminal 
gwdance  utilizes  an  on-board  sensor(s)  to  provide  the  vehicle-to-tareet 
relationship  in  real  time.  Again  according  to  the  selected  guidance  law  and  using 
tins  real  time  data,  the  guidance  computer  (except  where  assigned  as  a crew 

nET  8TvateS,uVehlCle,  guidunce  command  signals.  The  terminal  guidance 
used  for . ‘he  rendezvous,  docking,  planet  approach,  iunar  and  earth 
landing,  as  required  by  the  individual  missions. 

stat.ion  an  inertiaI  guidance  requirement  which  is  primarily  a station 
keeping  function.  ITie  terminal  guidance  provides  a remote  control  capability  for 
traffic  control,  rendezvous  and  docking.  y 

Data  Management  - All  studies  recommend  a data  management  system  utilizing 

“SU*-r(s)  l?.pr.0V!d,e  on-b°ard  process  control  and  computations  for  a 
amily  of  functions.  This  (amily  of  functions  for  most  mission-vehicles  include: 

1 . Navigation  and  IMU  processing 

2.  Guidance 

3.  Control 

4.  Sequencing 

5.  Data  bus  control 

6.  Monitor  and  checkout 

7.  Telemetry 

8.  Display  support  (crew) 

9.  Software  management 

2L8tudi?  (rhich  :e£?“ed  a comPuter  approach)  recommend  a central 
processor  for  tug  and  RNS.  Multiprocessors  were  recommended  for  the  EOS  and 
space  station. 

nS  r A11  StUd‘eS  f°r  aU  missions  ^commend  unified  S-band 
SystfTS  wer^commended’  in  addition  to  the  S-band  systems,  for 
RNS,  EOS,  space  station,  and  for  the  manned  tug  missions. 

Other  Areas  - At  this  level  of  comparison,  two  significant  differences  develop  due 
to  the  tug  modularity  requirement.  These  are: 

1.  Each  tug  module  must  contain  its  own  prime  power  source  and  distribution 

system  where  the  EOS,  RNS,  and  space  station  have  central  prime  power 
sources. 
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5-3-4  Subsystem  Baseline  Hardware 
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• ii|;l=S=S?H» 

h i -•5  IVVVL)  power  load  and  long  mission  duration. 

• Navigation  and  Guidance  - 

1 

SSBWfE  !£*S5EE4S£SE'’  “ ■ 

3'  recommend  "use  of  £*  al!.vehides  ,exceP‘  E»S  orbiter  and  booster) 

position  updates  The  Ff)^  K' °F  navig**tlo»  ^ to  obtain  attitude  and 

” “d  WhideS  a"d 

The  space  station  uses  both  star  trackers  and  star  sensors.  The  star  trackers 
lsi t ion  tune  provides  partial  information  on  vehicle  inertial  attimdp 

sasr  °n  **- — *»  —.areas 
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Figure  5-4.  Selected  Subsystems  Baseline  Hardware  Commonality 
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ELECTRICAL  NETWORKS 


- DATA  BUS 


NOTES 


ORBITER  ONLY 
LARGE  H25  KWE)  POWER 
REQUIREMENT 
EITHER  DEDICATED  OR 
USE  OF  CENTRAL  UNIT 
FOR  USE  DURING  EARTH 
FIXED  ATTITUDE  POSITIONS 
FOR  MANNED  MISSIONS: 

MAY  BE  USED  AS  BACKUP 
EOS  MISSIONS  ARE  MANNED 
GUIDANCE  FOR  DOCKING 
ASSIGNED  AS  CREW  FUNCTION 
FOR  LUNAR  LANDING  MISSION 
REQUIRED  FOR  LANDING  AT 
PREPARED  LANDING  STRIP 
CALLED  PARTY  LINE  SYSTEM 


5. 


6. 


4.  Landmark  Trackers  - The  landmark  tracker  is  recommended  for  all  tue 
missions  (except  one),  for  the  space  station,  and  by  one  RNS  study.  From 
the  referenced  studies  and  from  the  sensors  and  combinations  of  sensors 
investigated,  the  star  trackers  (two)  and  landmark  tracker  combinations 
provided  the  most  accurate  navigation  data.  However,  the  landmark  tracker’s 
use  is  limited  m altitude  and  most  studies  for  high  altitude  or  long  range 
operations  added  a honzon  sensor  or  sun  sensor  to  replace  the  landmark 
tracker  The  EOS  orbiter  and  booster  use  a sextant  which  can  be  used  as  a 
landmark  tracker. 

Laser  Radar  - For  missions  requiring  rendezvous  and  docking,  all  studies  for 
all  vehicles  recommend  use  of  a laser  radar  except  those  studies  where 
docking  was  assigned  as  a crew  function. 

!vArre"'^ndinE  S^tem  <,LS)  ani1  Marker  Beacon-  VHF  Omni  Ranging 
IVOR),  and  Distance  Measuring  Equipment  (DME)  - These  systems  are  to 

provide  navigation  and  guidance  data  for  land  landings.  Only  the  EOS  orbiter 
and  booster  have  earth  land  landing  requirements. 

• Signal  Distribution  - All  studies  for  all  vehicles  recommend  use  of  a data  bus 
system  for  internal  signal  distribution. 

!eqi‘irem.ents  ‘memory  and  operational  speed)  for  digital  computer^)  are  shown  in 
Table  5-1  As  shown  in  the  table,  the  space  station  requirements  exceed  all  other 
rmssion-vehicle requirements  by  almost  an  order  of  magnitude.  The  range  of  requirements 
for  mission-vehicles  numbered  (2)  through  (13)  is  176,000  to  352.000  operations  per 
second  and  31,500  to  73.600  32-bit  words  of  main  memory.  A ‘common”  CPU  and  main 

o^^comm^n”01111#  ^ ?fVC*opcd  f°r  the  specm,m  of  future  space  vehicles,  and  multiples 

th  m ,h  « Sy?Cm  * 2 3 CtC  i cou,'J  **  used  for  chicles  having  requirements  laiger 
than  the  “common”  systei  i could  provide.  * 
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Table  5-1.  CPU  and  Main  Storage  Requirements 


MISSION-VEHICLE 

OPERATIONS 
PER  SECOND  (1) 

MAIN  STORAGE 
(32  BIT  WORDS) 

SPACE  STATION 

1.132,000 

SPACE  SHl'  TLE  ORBITER 

352.000 

352.000 

73,600 

lu“  SYNC.  ORBIT  (EXPENDABLE) 
TUG  - SYNC.  ORBIT  (REUSABLE 
1ST  TUG) 

TUG  - SYNC.  ORBIT  (REUSABLE 
2ND  TUG) 

TUG  - LUNAR  LANDING 
TUG  - EARTH  ORBIT  OPERATIONS 
TUG  - LUNAR  ORBIT  OPERATIONS 
TUG  - PLANETARY  (REUSABLE 
1ST  TUG) 

TUG  - PLANETARY  (EXPENDABLE 
2ND  TUG) 

TUG  - RNS 

TUG  - FOUR  STAGE  SATURN  V 

153.000  

176.000 

176.000 

278.000 

272.000 

272.000 

170.000 

170.000 
278,000(2) 

275.000 

32.500  

45,000 

45.000 

60.000 
59,000 
59,000 

39.500 

31.500 
63.00012) 

60.500 

RNS  - (MDAC.  STUDY  REPORT) 
RNS  - (LMSC.  STUDY  REPORT) 
RNS  - (NAfi.  STUDY  REPORT) 

250.000(3) 

N/A 

N/A 

38,000(3) 

79,500 

N/A 

i NOTES:  | 

MAXIMUM  HATE 

12)  DOES  NOT  INCLUDE  NUCLEAR  ENGINE  CONTROL 
(31  AUTONOMOUS  N&G  REQUIREMENTS  ONLY 
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6 0 RECOMMENDATIONS  FOR  FUTURE  STUDY 


MtrinU11  da"L  ha‘  concen,ra,«‘  on  «*  preliminary  design  of  a modular 

i " >y',tni  * which  is  picked  in  a structural  moduli-  ailed  the  astrtonk  module  I to 

Znt  T 1 !!*  T ,ug  miM,om  Eraphasb  - ^ 

aml^jMeal  defimlion  ..f  the  total  system  as  well  as  ,!s  assoeated  components,  i.c  mS 


aealiabk-  ^ P"*1*  spaCe  ,u*  P»«P*d»on  and  crew  modules  becomes 

fufft  mU'<  * "‘aal««  “P“  *ttwo  Rciunmcnds 

'"T  for  "*’*  ,bc  "‘niHiK  subsystems  as  nS  * the  mtcgrattoa  efTan 

with  other  ipacc  tur.  modulo 


6,1  GENERAL  STUDIES 


There  are  several  general  areas  of  study  effort  required  for  the 
These  areas  are  as  follows: 


space  tug  astrionics. 


Correlate  study  results  with  astnomc  system  studies  currently  being  conducted  by 
NASA  on  space  tug,  space  shuttle,  reusable  nuclear  shuttle  and  space  station 
vehicles  I for  investigation  of  commonality  of  functional  requirements  and  for 
compatibility  of  electrical,  mechanical,  and  operational  timeline  interfaces. 

Iterate  on  the  design  of  the  astrionic  systems  for  the  design  space  tug  missions. 
This  will  include  better  definition  of  subsystem  components  based  on  the 
preliminary  definition  ot  the  astrionic  system  and  its  components.  Particular 
attention  will  be  paid  to  the  impact  of  commonality  across  tug  missions. 

Continue  the  requirements  analysis  for  more  explicit  definition  of  the  functional 
requirements  and  specifications  for  the  space  tug  astrionics.  These  requirements 
a^e  to  be  continually  factored  into  the  design  of  the  astrionic  system. 

Perform  cost-effectiveness  trade  studies  tsee  “Astrionic  System  Optimization  and 
Mod As j non ics  lor  NASA  Missions  after  1974.“  Progress  Report  - December 
16  1969  to  February  15.  1970,  I3M  No.  69-K44-0006C  for  details  concerning 
cost-et tecti veness  analysis)  to  determine  cost-effective  equipment  usage  and  to 
provide  cost-ellcvt.ve  designs  for  the  astrionic  system.  This  study  should  result  in 
a preliminary  RDT&E  plan  lor  cost-el lective  systems  considering  the  other  space 
elements  mentioned  above.  The  required  lifetimes  of  the  components  should  also 
be  evaluated  tu  lilts  study  effort. 

PcTlorm  more  detailed  evaluations  of  the  space  tug  astrionic  module  use  for  the 
KNb  and  lour  stage  Saturn  V missions.  Tills  includes  using  til  • astrionic  module 
structure  and  components  to  function  in  either  a prime  or  a backup  role. 

Continue  the  system  integration  effort  lo  combine  subsystem  components  into  an 
optimized  astnomc  system 


6 2 MISSION  AND  REQUIREMENTS  ANALYSIS 


The  mission  plan  and  prulitmnarv  fund  tonal  requirement  were  developed 
space  tug  The  following  additional  effort  .s  required  lo  supplement  the  initial  effort 


for  the 


• Interlace  with  other  space  tug  contractors  to  u:  -Wc  the  present  mission  plan  with 
the  mission  operational  aspects  defined  bv  oil*,  ,^cc  tug  systems  and  modules 

This  include-  how  the  space  tugs  will  be  launched.  configured,  activated  fueled 
etc  . m space 


• InvM.p.lc  the  hl.-liiiK-  ol  i(k-  -,vnc  lu-  j HX)  nIn  clttullf  vU,™. 

oihi  lo  delennmc  ifxr  lc-.ob.im  u,  ,h,-  ph^c  l„,  lhe  « mhionm.  o,b.i  nuvoon 
ITi-iimuur}  (IjU  indulr.  polcnluJ  ptoMt'iu.  in  mimuuun;  lh»  orbn  for  km* 
*r nods  ot  rune 


• Update  the  functional  requirements  for  all  space  tug  design  missions  and  confirm 
the  requirements  for  commonality.  The  requirements  from  other  tug  contractors 
will  be  used  to  aid  in  delta  V versus  N,  G and  C accuracy  comparisons 
Rendezvous  schemes  versus  mission  times  and  delta  V penalties  should  be 
assessed. 


6.3  DATA  MANAGEMENT  SUBSYSTEM  EFFORT 


A data  management  subsystem  has  been  defined  using  a data  bus  approach  for  the 
subsystem.  Additional  effort  is  required  to: 


• Perform  more  detailed  trades  for  the  data  bus  concept,  a centralized  input/output 
concept  or  some  combination  of  these  concepts  for  the  optimum  data 
management  configuration.  This  effort  will  determine  the  basis  for  updating  data 
management  modularity  concepts. 

• Continue  the  investigation  of  data  management  software  concepts,  specifically 
concerning  the  trades  between  the  modular  and  '.  onglomerate  software  concepts. 

• ^f.Athe  data  management  requirements  for  NERVA  engine  control.  The 
NERVA  control  appears  to  be  a complex  requirement  and  may  have  a large 
impact  on  data  management  requirements  for  the  RNS  mission. 

• Determine  the  computer  requirements  for  monitoring  and  controlling  the 
automatic  refueling  of  the  space  tug  in  space  (based  on  the  operational  aspect  of 
refueling  to  be  determined  by  mission  analysis). 

• Perform  further  analysis  of  trades  for  magnetic  memories,  which  retain  their 
current  state  when  power  is  removed,  and  monolithic  memories  which  are  volatile 
or  lose  their  stale  when  power  is  removed,  but  have  the  lowest  power,  weight  and 
volume  characteristics.  Organization  of  the  memories  and  error  detection  and 
correction  should  also  be  analyzed. 


6.4  NAVIGATION.  GUIDANCE  AND  CONTROL  SUBSYSTEM  EFFORT 

The  navigation  sensors,  guidance  schemes  and  control  schemes  have  been  defined 
during  this  study.  The  future  effort  required  to  better  define  this  subsystem  is  as  follows: 

• Perform  a more  detailed  analysis  in  the  selection  of  navigation  sensors,  comparing 
the  components  with  the  updated  functional  requirements.  Specifically,  the 
tradeoffs  between  the  strapdown  IMU  and  the  gimballed  IMU  accuracies  will  be 
more  extensively  defined. 

• Investigate  the  schemes  used  lot  ,v.c  log  functions  tstu.fi  as  rendezvous,  docking, 

plane  changes,  etc  > to  determine  optimum  schemes  in  c injunction  with  delta  V 
and  l'IDr  penalties.  (This  would  hr  in  conjunction  with  the  mission  and 
requirements  analysts.  | The  results  of  this  study  wot:  then  be  compared  with  the 

guidance  and  control  schemes  recommended  to  assure  compatibility 

• gy°rm  J detailed  control  analysts  as  the  RCS  and  main  propulsion  engine 
characteristics  arc  defined  by  other  space  !ug  contractors  The  detailed  analysis 
for  the  control  of  this  equipment  would  also  be  performed. 


6.5  ELECTRICAL  POWER  SUBSYSTEM  EFFORT 

«» isrsns  rr  r nr ' - 

subsystem  f„,  4ddlll0„,  ,,„V.tfo"„,ut^ 

• Integrate  inputs  from  other  space  tug  contractors  to  determine  the  imo  icf  of  a 

k™™  - - 

ZZZM  Capab,li,ies  « effective‘y  -Huge  ,hc  space  btugfCpower 

• Determine  the  power  requirements  and  associated  power  subsystem  lor  the 
durin^^r  0l  ,htspace  U'e  missions.  This  would  be  based  on  equipment  usage 
fllis  study  gL‘  P *'  S,°rJge  P°WCr  re<'u,reme'>ts  were  not  addressed  in 

6.6  ELECTRICAL  NETWORKS  SUBSYSTEM  EFFORT 

comp™entsUforSrert^n«  dT  CS'i",a,ed  ,he  P°Wer  a,,d  si®nal  ‘iisTibution 

6.7  COMMAND  AND  CONTROL  SUBS  STEM  EFFORT 


Investigate  the  interlace  requirement,  between  the  space  tug  and  ihe  DRSS  tV.r 
communications  with  the  ground  and  other  space  dein 'fuSpel.etm 
requirements  tor  and  leas.bilitv  of  using  the  KU-band  ,|V  to  |5  GH,i 
communication!,  should  be  addroned.  3 H 

IX' I ermine  the  communication  links  currently  being  defined  lor  snaee-losn-.ee 

S“,hb fr™  "Vpa“  «*  space  stir^or^: 

tin-  licit  > , K w !°,ct  Jf  r,llN  I,,,K-  bul  considcmsion  should  be  oven  io  using 

* ofaVHFni;:;'  ,,or  ,hi>,  p,,rp°'c  ^ mJ  uz:,::rz 

UH  OI  J ' 1,1  uplink  during  the  storage  phase 

m^T^uVntmr’ot  VHI  ^ rjU'' "Wcmcnt  ,he  laser 

(W„7  H equipment  would  be  u«d  lor  range,  ut  «Omn 

-ds^ePs,aT,on  WdKJ'C'  “*»*  * -d  on  the  U shuttle 


6.8  THERMAL  CONTROL  SUBSYSTEM  EFFORT 


The  thermal  control  study  to  date  has  defined  the  equipment  to  thermally  control  the 
astnonic  equipment.  Emphasis  was  placed  on  the  earth  orbit  missions.  Future  study  effort 
for  the  thermal  control  subsystem  is  as  follows: 


• Perform  a more  detailed  analysis  of  the  thermal  control  requirements  for  the 
astrionic  module,  assuming  an  integrated  electrical  power  subsystem.  Effort 
should  be  specifically  oriented  at  determining  the  thermal  protection  required  for 
the  lunar  type  missions,  such  as  lunar  landing  and  the  requirements  for  a 
protective  heating  shroud  during  launch  for  the  four  stage  Saturn  V mission. 

• Perform  trade  studies  to  determine  the  feasibility  of  using  an  integrated  thermal 
control  subsystem  to  provide  thermal  protection  for  the  propulsion  and  crew 
modules  as  well  as  the  astrionic  module. 

6.V  INSTRUMENTATION  SUBSYSTEM  EFFORT 

The  instrumentation  subsystem  has  not  been  specifically  addressed  during  this  study. 
An  effort  should  be  expended  to  determine  the  impact  of  instrumentation  (sensors)  on  the 
design  of  the  astrionic  system. 

6.10  STRUCTURES  AND  PACKAGING  EFFORT 

The  structures  and  packaging  study  effort  to  date  has  defined  preliminary  structure 
and  packaging  concepts  and  an  equipment  layout  for  an  astrionic  module.  Recommended 
future  study  effort  for  this  area  is  as  follows: 

• Continue  the  present  study  effort  to  better  define  the  structures  and  packaging 
concepts.  This  includes  structure  and  packaging  trades  for  maintainability* 
accessibility,  etc.  Specifically,  the  structure  trades  will  determine  the  optimum 
structural  concept*  s Mo  meet  the  space  tug  modularity  concept. 

• Perform  detailed  analysis  to  better  define  the  packaging  concepts,  especially  for 
quick  mounting  and  disconnect  techniques  for  components,  pipes,  electrical 
wiring,  etc. 

• Identify  the  module-to~module  interfaces  required  by  other  space  tug  contractors 
to  better  define  the  required  physical  and  electrical  interfaces  between  the  space 
tug  astrionic  module  and  other  space  tug  modules. 

6.1 1 ONBOARD  CHECKOUT  EFFORT 

The  checkout  study  effort  to  date  has  defined  preliminary  concepts  for  checkout  of 
the  space  tug  equipment  The  future  study  effort  should  further  detail  the  trade  information 
telwecn  the  ccnlratucd  control  and  built -mutest -equipment  concepts  based  an  the  presently 
defined  hardware  for  the  fug.  The  test  and  software  impacts  should  also  be  further  defined 
as  an  input  to  tl;  data  management  subsystem 


6.12  RELI ABILITY  EFFORT 


f.i-  J?.e  rehabl,ity  study  to  date  has  determined  reliability  schemes  which  may  be  used  for 

ayawag  jw  a-SSS 

should^  enhancement  ‘echnioues  for  the  longer  duration  missions.  Future  study  effort 


sw'ere8  re|tllm,bii'ty  °f  cha"ges  10  mission  °Peratlon  requirements  which  impose 

relkbilkv  f neme  , °n  aS‘non,c  ecluiPment.  For  example,  assess  the 

reliability  impact  of  allowing  limited  astnonic  maintenance  during  the  extended 
quiescent  stay  on  the  lunar  surface. 


£clToere“yygoSdf  ***  Perf°rm  S‘UdieS  Whieh  rela,e  astrionic  design 


S^„,tchSuebsli,y  °f  impl£men,ing  more  sophisticated  reliability 


6.13  DISPLAY  EFFORT 


ro  d,splay  s[udy  effort  to  date  !las  concentrated  on  multipurpose  electronic  disol  ivs 
to  meet  space  tug  display  requirements.  Recommended  future  study  effor t b 


Investigate  other  display  equipment,  such  as  the  deformographic  storage  display 
space  tSLXs"8  ',her  °P,iCS  “nd  CRT  *°  °ptimize  ,he  desiS"  of  ,hE 


Determine  the  display  requirements  and  constraints  imposed  by  other  space  tue 
contractors  as  an  mput  to  the  design  of  the  displays  for  the  space  tug.  ? 
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1.0  INTRODUCTION 


1.1  PURPOSE 

The  purpose  of  this  document  is  to  describe  the  space  tug  design  missions  that 
determine  the  astrionic  system  design  requirements  and  to  define  the  groundrules  and 
assumptions  used  for  the  conduct  of  the  study.  In  addition,  mission  timelines,  profiles, 
vehicle  configurations  and  communication  interface  requirements  are  also  presented. 

1.2  SCOPE 

Design  missions  for  space  tug  are  categorized  as  follows: 

1 . Low  earth  orbit  to  synchronous  orbit 

2.  Earth  orbit  operations 

3.  Unmanned  planetary 

4.  Reusable  nuclear  shuttle 

5.  Lunar  orbit  operations  (similar  to  earth  orbital  operations) 

6.  Lunar  landing 

7.  Four  stage  Saturn  V 

!n  order  to  arrive  at  the  above  categorization,  all  possible  tug  missions  were  evaluated 
from  an  operational  requirements  standpoint  and  grouped  accordingly  Next  the  astrionic 
requirements  for  the  missions  within  each  category  were  analyzed  and  u missions  which 
imposed  the  most  stringent  requirements  were  selected  for  detailed  analysis.  Therefore,  the 
resultant  design  missions,  which  are  described  in  this  appendix,  collectively  impose  the 
astrionic  requirements  for  all  space  tug  missions. 

All  mission  descriptions  contained  in  this  appendix  start  at  the  beginning  of  the 
individual  mission.  For  example,  the  earth  orbit  and  unmanned  planetary  missions  begin 
with  the  tug  docked  to  the  space  station.  The  tugs  required  to  initialize  these  various 
missions  are  assumed  to  have  been  brought  to  the  space  station  using  one  of  the  options 
shown  below. 

1.3  GENERAL  MISSION 

The  space  tugs  will  be  injected  into  low  earth  orbit  ( 100  NM  to  270  Nil),  either 
completely  or  partially  deactivated  tcxccpt  for  the  four  stage  Saturn  V mission ).  by  a space 
shuttle  or  Saturn  derivative  vehicle.  When  the  boost  vehicle  tun-  achieved  its  final  earth  orbit 
altitude,  there  are  two  options  for  getting  the  space  tug  to  the  space  station. 

I A space  tug.  previously  brought  to  the  space  station,  can  be  activated  to  retrieve 
the  deactivated  "new**  space  tug  and  take  it  to  the  space  station  for  activation  and 
fueling.  Tire  “old”  tug  would  use  the  earth  orbital  mission  profile  to  accomplish 
the  mission. 


2.  The  space  tug  can  be  activated  and  checked  out.  After  becoming  operational,  the 
tug  can  perform  the  maneuvers  necessary  to  undock  from  its  boost  vehicle  and 
rendezvous  and  dock  with  the  space  station.  The  tug  would  be  deactivated  until 
required  for  a future  mission. 

2.0  GROUNDRULES  AND  ASSUMPTIONS 

These  groundrules  and  assumptions  form  the  background  for  this  study.  The  baseline 
space  tug  vehicle  configuration  used  for  this  study  is  shown  in  Figure  2-1 . 


MANIPULATOR  ARMS  (KIT) 


CREW  MODULE 


CARGO  MODULE 


ASTRIONIC  MODULE 


EXTENDABLE  SUPPORT  ARM 


PROPULSION  MODULE 


LANDiNG  LEGS  (KIT)  — 


rtpaw  M Sfwr  Tug 


The  space  tug  includes  four  basic  modules  (crew,  propulsion,  astrionic  and  cargo) 

e«c  ) as  reQUirefcl^tl  pUrTSt  “‘“T?  (landin«  lees-  manipulation  arms, 
mission  Combinations  of  the  modules  and  kits  will  be  used  for  each 


The  tug  is  based  and  maintained  in  space  and  on  fhe  ground. 


The  tug  may  be  configured  for  manned  or  unmanned 
configuration,  the  tug  will  be  operated  automatically 
the  earth  or  from  other  space  elements. 


missions.  In  the  unmanned 
or  by  remote  control  ft  on 


• The  space  tug  will 
vehicle. 


be  delivered  to  orbit  by  a space  shuttle  or  Saturn  derivative 


* Sta,i°n  iS  aSSUmed  be  in  a po,ar  ort>i‘  at  a “r  altitude 

* ,?**pace  LUf  S|hal1  hf  'iompa,ible  wi,h  ihe  earth  and  lunar  orbiting  space  stations 
the  space  shuttle,  and  the  reusable  nuclear  shuttle  (RNS). 

* sTuppoTtaCC  ,Ug  aS,ri°niC  m°dUle  desisn  sha"  minimize  the  »eed  for  ground 


Ihe  space  tug  shall  be  capable  of  maintaining  a quiescent  status  for  ud  to  1S( 
days  m earth  or  lunar  orbit  when  docked  to  olher^e  element  or  f^-nvino 

days^-H™  days^onbngency). 4"  Wi“  * °"  <•«  * 


• The  space  tug  shall  be  capable  of  going  from  the  quiescent  stale  to 
operational  stale  within  two  hours. 


a fully 


carabThiv  nf  h 8 s.hall1hav,;  a ",,n,n,um  lifetime  goal  of  ten  years  and  the 

throu^  ncrtoAlT  n ""“I  a‘  'im“  bV  rcl’lcnishmenl  of  consumables  and 

required  mainicnance.  Maintenance,  as  required  and 
reconfiguration  capability  while  in  space  residence  is  considered  mandators 
Major  refurbishment  may  necessitate  Ihe  need  for  Ihe  lug  lo be  relumed  rocnrtii 

* “rrv™  and  a h‘eb  >,robiibili'»  of  fulfilling  all  space  lug  functions 

nu  fa"u,t  « of 

* In  the  manned  mode,  ihe  space  lug  can  be  piloted  by  one  crewman. 

* The  crew  module  sail  sene  as  the-  primary  crew  living  quartets  and  a haw  of 
operations  I mission  control ) lot  manned  missions. 

* Operation  Jn  J,,,lKk  far  ‘ VA  a"“  mu,«-"“'«»*ous  EVA 
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• Tug  communication  systems  will  be  compatible  with  the  Manned  Space  Flight 
Network,  Deep  Space  Network.  SGLS  (DOD),  available  Communication  Satellite 
Systems  and  with  space  elements,  such  as  the  space  stations,  shuttles,  etc., 
depending  on  the  mission. 

• The  space  tug  attitude  reference  system  shall  have  complete  freedom  in  all  axes. 

• The  space  tug  shall  have  neuter  docking  devices  compatible  with  all  space  vehicle 

hardware  elements. 

• Minimum  interfaces  are  required  between  the  space  tug  and  its  payload  to  reduce 
complexity  and  increase  the  flexibility  of  the  kinds  of  payloads  to  be  transported. 
However,  consideration  should  be  given  to  how  the  space  tug  communications 
and  power  subsystems  could  support  the  payload. 

• The  primary  propulsion  system  will  be  LOX/LH2-  Secondary  propulsion  systems 
may  also  be  LOX/LHr 

• The  fmt  operational  flight  will  be  flown  no  earlier  than  1977. 

• The  tug  astrionic  system  will  have  the  capability  to  automatically  control  and 

monitor  the  retueling  process  with  automatic  shutoff  and  disconnect  capability. 

• The  synchronous  orbit  mission  of  the  tug  will  be  a baseline. 

• Only  cooperative  satellites  are  considered  for  all  retrieval  missions. 

• More  than  one  low-energy  mission  may  be  performed  between  refuelings. 

• Hie  space  tug  maximum  diameter  must  be  less  than  I 5 feet  One  throttleable  and 
gunballed  engine  will  be  used. 

® ^ space  tug  astnoni*  system  shall  not  be  constrained  by  lunar  lighting 

conditions.  The  lug  shall  be  capable  of  landing  at  all  lunar  latitudes  and  longitude* 
with  appropriate  time-phasing. 

DEFINITIONS 

• op-. ration  Ihe  control  of  »hc  system  i>  accomplished  trom  an  external 
source. 

• Automatic  operation  The  system  is  completely  independent  of  any  external 
control  or  astronauts 

• Cooperative  satellites  Satellite*.  that  arc  attitude  vtabtlized  have  corner 

reflectors,  and  have  a docking  adapter!**! 


3.0  SYNCHRONOUS  ORBIT  MISSION  (REUSABLE) 

3.1  GUIDELINES 

Vehicle:  Two  unmanned  reusable  space  tugs  (propulsion  module,  astrionic  module) 
one  set  of  manipulator  arms,  and  one  payload  (cargo  module). 

Payload:  Synchronous  orbit  satellite. 

Misaon:  Provide  the  propulsion  vehicle  to  place  a payload  into  synchronous  equatorial 
°!blt  a 28'^  Pla.ne  change)  and  return  the  payload  to  earth  orbit  (with  a 28.5°  plane 
change).  The  mission  will  begin  in  a 100  NM  circular  orbit  at  an  inclination  of  28.5°. 

Operation:  Unmanned.  Unmanned  vehicles  will  have  the  capability  of  automatic  or 
remote  operations.  Possibility  ot  a manned  mission  to  synchronous  orbit  does  exist. 

Frequency  of  Operation:  Assume  reusable  tugs  will  be  used  continuously  for  a 
maximum  of  60  hours. 

3.2  MISSION  DESCRIPTION 

. „.The  ™“al  tuS  operation  will  begin  with  the  space  tug  in  the  cargo  bay  of  the  space 
shuttle  and  the  space  shuttle  ready  for  launch.  The  shuttle  will  then  transport  the  payload 
(tug)  to  a 100  NM  circular  orbit  at  an  inclination  of  28.5°. 

When  the  space  shuttle  has  reached  orbit,  the  space  tug  will  be  fully  activated.  It  will 
be  jettisoned  from  the  shuttle  cargo  bay  and  will  remain  in  this  orbit  prior  to  final  assembly 
tor  the  mission.  The  second  reusable  space  tug  will  be  brought  into  orbit  and  assembled  with 
the  first  tug.  At  this  point  the  baseline  mission  will  begin. 

sJ?ace  tugs  wi!1  be  ftivated  and  checked  out.  After  undocking  from  the  shuttle, 
irk-^f5  W1+  m^ieilver  trom  thf  shuttle.  When  they  are  properly  phased  for  the  synchronous 
Jj? j!  target,  a Hohmann  transfer  burn  will  be  used  to  transfer  the  payload  to  synchronous 
orbit.  The  first  tug  will  burn  to  start  the  payload  on  its  journey,  will  separate  and  prepare 

Ikl  3 £e<?rblt  ,maneurr-  The,second  tug  wiU  ignite  immediately  after  separation  and  provide 
orbit  dltl°na  'mpU  se  t0  p ace  tbe  Payi°ad  in  an  approximately  19,300  NM  by  100  NM 

inn  JE?  fuS;  *25  WiU  per[Prm  a second  burn  to  deorbit  and  a third  burn  to  circularize  at  a 
will  bedeacdvatld6  8 ^ ^ rendeZV0US  and  dock  with  the  shuttIe  and,  after  docking, 

The  second  tug  will  coast  approximately  one-half  revolution  after  its  initial  bum  and 
perform  a second  burn  at  apogee  to  change  the  plane  of  the  orbit  to  equatorial  inclination 
and  circularize  at  approximately  19,300  NM.  Vernier  burns  and  maneuvers  will  be  used  for 

Anrvltl ^endezvous  *°  foe  target.  The  tug  will  then  place  the  payload  and  maneuver  to  and 
dock  with  another  satellite  that  is  in  synchronous  orbit.  The  space  tug  will  be  in  a station 
keeping  status  during  this  period.  n 
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After  the  payload  transfer  is  complete,  a retrograde  burn  will  lower  the  orbit  to  19,300 
NM  by  100  Ni»*  and  accomplish  a plane  change  of  28.5°.  One-half  revolution  later  at 
perigee,  a second  transfer  bum  will  circularize  the  orbit  at  approximately  100  NM.  The  tug 
will  then  rendezvous  and  dock  with  the  first  tug  at  the  space  shuttle.  The  space  shuttle  will 
either  (1)  bring  the  tug(s)  back  to  earth  for  refurbishment  along  with  the  payload  or  (2) 
return  the  payload  and  the  tugs  will  be  placed  in  a quiescent  mode  and  stored  in  earth  orbit 
for  a maximum  of  180  days  and  until  refueled  by  another  space  shuttle  mission.  Both  the 
first  and  second  space  tugs  will  remain  in  orbit  until  required  for  another  mission. 

The  mission  profile  and  space  tug  vehicle  configuration  for  this  mission  are  shown  in 
Figure  3-1. 

3.3  DETAILED  MISSION  PHASE  DESCRIPTIONS 

The  space  tug  is  assumed  to  be  launched  into  a 100  NM  circular  orbit  at  an  inclination 
of  28.5  in  the  cargo  bay  of  the  space  shuttle.  Space  tug  active  mission  will  begin  when  both 
space  tugs  are  fueled  and  configured  for  the  mission. 

3.3.1  Activation 

After  both  space  tugs  reach  orbit,  both  astrionic  systems  will  be  completely  activated 
and  checked  out  using  the  tug  onboard  checkout  system.  The  onboard  equipment  will  be 
initialized  with  mission  parameters  for  the  specific  mission.  The  mission  parameters  will  be 
received  from  either  the  space  shuttle  or  the  ground  mission  control. 

3.3.2  Undocking  and  Orbital  Coast 

Space  tugs  will  undock  from  the  space  shuttle  and  will  begin  operational  control.  The 
tugs  will  maneuver  a safe  distance  from  the  space  shuttle  prior  to  the  tugs’  first  main  burn. 
The  tugs  will  coast  in  low  earth  orbit  until  achieving  the  proper  phasing  for  the  desired 
synchronous  target. 


At  this  point,  the  mission  phases  can  be  divided  into  Part  A,  Space  Tug  1 Mission,  and 
Part  B,  Space  Tug  2 Mission. 


Part  A - Space  Tug  1 Mission 

3.3 .3 A Transfer  Burn  No.  I 


When  the  tug  is  properly  phased  for  the  synchronous  target,  the  tug  will  perform  the 
initial  part  of  the  Hohmann  transfer  burn  to  achieve  an  elliptical  orbit  of  approximately 
19,300  NM  by  100  NM. 

3.3 .4 A Separation 

After  completion  of  the  transfer  burn  the  lower  space  tug  will  separate  and  maneuver 
to  an  attitude  for  the  deorbit  burn. 
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3. 3. 5 A Orbital  Coast  No.  1 


The  tug  will  coast  during  the  attitude  maneuver  until  it  is  a safe  distance  from  the 
second  tug. 

3.3.6A  Transfer  Burn  No.  2 

The  transfer  bum  will  allow  the  space  tug  to  burn  to  achieve  an  orbit  whose  perigee  is 
100  NM. 

3.3. 7 A Orbital  Coast  No.  2 

Space  tug  will  coast  in  the  elliptical  orbit  until  achieving  a perigee  of  100  NM. 

3.3. 8A  Transfer  Bum  No.  3 

This  transfer  bum  will  allow  the  circularization  of  the  tug  into  a 100  NM  circular  orbit. 
3.3. 9A  Rendezvous  and  Docking 

The  combination  of  short  duration  burns  in  coast  periods  will  be  used  to  rendezvous 
the  tug  with  the  space  shuttle.  When  the  tug  has  completed  rendezvous  with  the  space 
shuttle,  it  will  dock  with  the  space  shuttle. 

3.3. 10A  Deactivation 

When  the  tug  is  attached  to  the  shuttle,  the  tug  will  be  deactivated.  The  tug  will  either 
be  brought  back  to  earth,  where  it  will  be  refurbished,  or  left  in  earth  orbit  where  it  will  be 
deactivated  and  stored  for  a period  not  to  exceed  180  days. 

Part  B — Space  Tug  No.  2 Mission 

3.3.3 B Transfer  Burn  No.  1 

As  soon  as  the  tug  is  separated  from  the  other  space  tug,  a burn  will  be  accomplished 
to  add  the  additional  thrust  necessary  to  complete  the  Hohmann  transfer  and  achieve  an 
elliptical  orbit  of  approximately  19,300  NM  by  100  NM. 

3.3 .4 B Orbital  Coast  No.  1 


The  tug  will  coast  for  approximately  one-half  revolution  or  until  the  tug  reaches 
apogee  (19,300  NM).  Any  required  target  or  navigation  update  will  be  received  during  this 
period. 

3.3.5B  Transfer  Burn  No.  2 

At  apogee,  a second  transfer  burn  for  the  tug  v/ill  be  used  to  circularize  the  orbit  at 
approximately  19,300  NM.  This  burn  will  be  a combination  maneuver  to  circularize  the 
orbit  and  acccmplish  a plane  change  to  place  the  payload  in  an  earth  equatorial  synchronous 
orbit. 


3.3.6B  Orbital  Coast  No.  2 

The  tug  will  coast  in  preparation  for  final  rendezvous  operations.  Any  target  or 
navigation  update  will  be  received  during  this  phase. 

3.3.7B  Rendezvous 

A combination  of  vernier  burns  and  coast  periods  will  be  used  to  maneuver  the  tug  and 
place  the  payload  in  an  exact  equatorial  synchronous  orbit  of  19,363  NM. 

3.3.8B  Station  Keeping 

The  space  tug  will  maintain  attitude  control  in  a synchronous  orbit  while  the  payload 
is  undocked.  After  the  payload  is  operational,  the  space  tug  will  maneuver  to  another 
previously  placed  synchronous  satellite  and  dock  to  that  satellite  for  return  to  lower  earth 
orbit.  The  tug  will  maintain  an  active  status  and  attitude  control  for  the  duration  of  this 
phase. 

3.3.9B  Transfer  Bum  No.  3 

After  the  mission  has  been  completed  the  tug  will  perform  a retrograde  burn  to  deorbit 
the  tug.  This  bum  will  perform  the  28.5°  plane  change  maneuver  and  place  the  tug  in  an 
elliptical  1 9,363  NM  by  1 00  NM  orbit. 

3.3.1  OB  Orbital  Coast  No,  3 

The  tug  will  coast  for  one-half  revolution  or  until  perigee  (100  NM).  Any  target  or 
navigation  update  will  be  received  during  this  coast  period. 

3.3.1 1 B Transfer  Burn  No.  4 

The  final  main  burn  of  the  tug  will  be  a retrograde  burn  at  perigee  to  place  the  tug  in 
an  approximately  100  NM  circular  orbit  at  an  inclination  of  28.5°. 

3.3. 12B  Rendezvous  and  Dock  with  Space  Shuttle 

The  combination  of  short  duration  burns  and  coast  periods  will  be  used  to  rendezvous 
the  tug  with  the  space  shuttle.  When  the  tug  has  completed  rendezvous  with  the  shuttle,  it 
will  dock  with  the  first  tug. 

3.3. 13B  Deactivation 

When  the  tugs  are  docked,  they  will  be  activated  and  either  brought  back  to  earth  by 
the  shuttle  where  they  will  be  refurbished  or  left  in  earth  orbit  where  they  will  be 
deactivated  and  stored  for  a maximum  of  180  days.  If  stored,  the  onboard  systems  required 
to  insure  the  integrity  of  the  astrionics  may  be  active  during  this  phase. 


3.4  INTERFACE  REQUIREMENTS 


In  order  to  allow  remote  control  of  the  tug  and  manipulator,  constant  communications 
is  required  with  the  ground  and/or  space  shuttle  when  docking  or  undocking  with  the 
payload.  The  communications  consist  of  TV,  telemetry,  command  and  tracking. 

The  communication  interface  should  be  a USB  type  system  for  simplicity  of  ground 
interface.  The  ground  interface  for  NASA  missions  should  be  to  mission  control,  probably 
via  Goldstone,  Madrid,  and/or  Honeysuckle. 

The  ground  interface  for  DOD  missions  should  be  the  Satellite  Control  Facility  via  a 
DOD  satellite  system  or  the  network  controlled  by  the  Satellite  Control  Facility.  In  both 
cases,  the  interface  should  be  a USB  type  (USB/NASA,  SGLS/DOD). 

3.5  MISSION  TIMELINE 


Initial  Conditions 

2 Tugs  mated,  fueled,  payload  is  attached,  and  configuration  is  docked  with  Space  Shuttle. 

SPACE  TUG  NUMBER  1 SPACE  TUG  NUMBER  2 
MAX  MAX 

DURATION  CUMULATIVE  TIME  CUMULATIVE  TIME 

BOTH: 


Activation 

Undock  (Tug  from  Space 
Shuttle)  and  Orbital 

1*2  hours 

2.0  hours 

2.0  hours 

Coast 

1 .5  hours 

3.5  hours 

3.5  hours 

SPACE  TUG  NUMBER  1 

Transfer  Burn  Number  1 
Separation 

4-8  minutes 

3.6  hours 

3.6  hours 

Orbital  Coast  Number  1 

0.5-2  hours 

5.6  hours 

Transfer  Burn  Number  2 

4-8  minutes 

5.8  hours 

Orbital  Coast  Number  2 
Transfer  Burn  Number  3 

2-4  hours 

9.8  hours 

(100  NM  Circular) 
Rendezvous  and  Dock 

1-4  minutes 

9.9  hours 
15.9  hours 

with  Space  Shuttle 

2-6  hours 

17.9  hours 

Deactivate 

1-2  hours 

17.9  hours  max. 

SPACE  TUG  NUMBER  2 

Transfer  Burn  Number  1 

1-4  minutes 

3.7  hours 

Orbital  Coast  Number  1 
Transfer  Burn  Number  2 
(Circularization  and 

5-6  hours 

9.7  hours 

plane  change) 

1 -4  minutes 

9.8  hours 

(Continued  on  next  page) 
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SPACE  TUG  NUMBER  1 SPACE  TUG  NUMBER  2 


DURATION 

MAX 

CUMULATIVE  TIME 

MAX 

CUMULATIVE  TIME 

SPACE  TUG  NUMBER  2 

Orbital  Coast  Number  2 

1 -4  hours 

13.8  hours 

Rendezvous 

2-6  hours 

19.8  hours 

Station  Keeping 

2-24  hours 

43.8  hours 

Transfer  Burn  Number  3 

4-8  minutes 

44.9  hours 

Orbital  Coast  Number  3 

5-6  hours 

50.9  hours 

Transfer  Burn  Number  4 
(100  NM  Circular) 

1-4  minutes 

5 1 .0  hours 

Rendezvous  and  Dock 
with  Space  Shuttle 

2-8  hours 

58.0  hours 

Deactivate 

1 -2  hours 

60  hours  max. 

Storage 

30-180  days 

180  days  max. 

1 80  days  max. 

4 0 SYNCHRONOUS  ORBIT  (EXPENDABLE) 


4.1  GUIDELINES 

Vehicle:  One  unmanned  expendable  space  tug  (propulsion  module  and  astrionic 
module) 

Payload:  Synchronous  orbit  satellite 

Mission:  Provide  the  propulsion  vehicle  to  place  a payload  in  synchronous  equatorial 
orbit  (with  a 28.5°  plane  change).  This  mission  will  begin  in  a 100  NM  circular  orbit  at  an 
inclination  of  28.5°.  The  payload  and  space  tug  will  be  brought  up  to  the  100  NM  circular 
orbit  using  the  space  shuttle. 


Operation:  Unmanned  with  the  capability  of  automatic  or  remote  operations. 


4.2  MISSION  DESCRIPTION 

The  initial  mission  will  begin  with  the  space  tug  and  payload  in  the  cargo  bay  of  the 
space  shuttle  at  a 100  NM  circular  orbit  with  an  inclination  of  28.5°. 

The  space  tug  will  start  the  mission  docked  to  the  space  shuttle.  The  tug  will  be 
activated  and  checked  out  and  will  undock  from  the  shuttle.  When  the  tug  is  properly 
phased  for  a synchronous  orbit  target,  a Hohmann  transfer  burn  will  place  the  tug  in  an 
approximately  19,300  NM  by  100  NM  orbit.  At  apogee,  a second  burn  will  be  accomplished 
with  a plane'  change  of  28.5°  to  put  it  in  an  equatorial  orbit  and  circularize  this  orbit  at 
approximately  19,300  NM.  Vernier  burns  and  maneuvers  will  be  used  for  the  final 
rendezvous  for  proper  placement  of  the  payload. 

After  the  mission  is  complete,  the  expendable  space  tug  will  be  placed  in  an  attitude 
for  burning  out  of  orbit  and  will  be  burned  to  depletion,  thereby  disposing  of  the  tug  and 
placing  it  in  some  orbit  outside  the  synchronous  altitude.  The  mission  profile  and  space  tug 
vehicle  configuration  for  this  mission  are  shown  in  Figure  4-1 . 

4.3  DETAILED  MISSION  PHASE  DESCRIPTIONS 


The  space  tug  is  assumed  to  be  launched  inactive  into  a 100  NM  circular  orbit  at  an  j 

inclination  of  28.5°  in  the  cargo  bay  of  the  space  shuttle.  j 

1 
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4.3.1  Activation 

After  the  space  tug  reaches  orbit,  the  astrionic  system  will  be  completely  activated  and 
checked  out  using  the  tug  onboard  checkout  system.  The  onboard  equipment  will  be 
initialized  with  mission  parameters  for  the  specific  mission.  The  mission  parameters  will  be 
received  from  either  the  space  shuttle  or  the  ground  network. 

4.3.2  Undocking 

The  space  tug  will  undock  from  the  cargo  hold  of  the  space  shuttle  and  will  begin 
operational  control.  The  tug  will  maneuver  a safe  distance  from  the  space  shuttle  prior  to  its 
first  main  bum, 

4.3.3  Transfer  Burn  No.  1 

When  the  space  tug  is  properly  phased  for  the  synchronous  target,  the  space  tug  will 
perform  the  initial  part  of  the  Hohmann  transfer  bum  to  achieve  an  elliptical  orbit  of 
approximately  19,300  NM  by  iOO  NM. 

4.3.4  Orbital  Coast  No.  1 


The  space  tug  will  coast  for  approximately  one-half  a revolution  or  until  the  space  tug 
reaches  apogee  (19,300  NM).  Any  required  target  or  navigation  update  will  be  received 
during  this  period  from  the  ground. 

4.3.5  Transfer  Bum  No.  2 

At  apogee,  the  transfer  burn  for  the  space  tug  will  be  used  to  circularize  the  orbit  at 
approximately  19,300  NM.  This  bum  will  be  a combination  maneuver  to  circularize  the 
orbit  and  accomplish  a plane  change  (28.5°)  to  place  the  payload  in  the  earth  equatorial 
synchronous  orbit. 

4.3.6  Orbital  Coast  No.  2 


The  space  tug  will  coast  in  preparation  for  final  rendezvous  operations.  Any  target  or 
navigation  update  will  be  received  during  this  phase. 

4.3.7  Station  Keeping 

The  space  tug  will  maintain  attitude  control  in  synchronous  orbit  while  the  payload  is 
undocked.  After  the  payload  is  operational,  the  space  tug  will  maneuver  to  an  attitude  not 
to  interfere  with  any  other  payloads  in  synchronous  orbit  and  burn  to  depletion. 

4.3.8  Transfer  Bum  No.  3 

This  bum  will  be  a combination  of  main  propulsion  and  attitude  control.  The  bum  will 
be  accomplished  after  achieving  the  out-of-plane  maneuver  to  allow  for  depletion  of  all 
propellants  on  board  and  also  to  allow  for  disposal  of  the  space  tug,  preventing  it  from 
interfering  with  other  objects  in  synchronous  orbit. 
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4.4  INTERFACE  REQUIREMENTS 


In  order  to  allow  remote  control  of  the  space  tug,  constant  communication  is  required 
with  the  ground  and/or  space  element  when  docking  with  or  undocking  from  the  payload. 
The  communications  will  consist  of  TV,  telemetry,  and  command.  Target  updating  may  also 
be  required;  therefore,  tracking  must  be  available. 

The  communications  to  support  this  type  of  interface  should  be  a USB  type  of  system 
for  simplicity  of  ground  interface.  Since  the  space  tug  will  not  be  in  constant 
communication  with  a space  element,  the  ground  interface  should  be  utilized.  The  ground 
interface  for  NASA  missions  will  probably  be  mission  control  via  Goldstone,  Madrid,  and/or 
Honeysuckle,  since  all  three  stations  will  have  approximately  270-foot  antennas.  The  DRSS 
may  be  used  when  the  space  tug  is  in  a low  earth  orbit. 

The  ground  interface  for  DOD  missions  should  be  the  Satellite  Control  Facility  via 
either  a DOD  satellite  system  or  the  network  controlled  by  the  Satellite  Control  Facility.  In 
both  cases,  the  interface  should  be  a USB  type  (USB/NASA,  SGLS/DOD). 


4.5  MISSION  TIMELINE 


PHASE 


DURATION 


MAXIMUM  ACCUMULATIVE  TIME 


Activation 

1 - 2 hours 

2 hours 

Undocking 

0.5  hours 

2.5  hours 

Transfer  Burn  No.  1 

4-8  minutes 

2.6  hours 

Orbital  Coast  No.  1 

5-6  hours 

8.6  hours 

Transfer  Burn  No.  2 

I - 4 minutes 

8.7  hours 

Orbital  Coast  No.  2 

1 - 4 hours 

12.7  hours 

Station  Keeping 

2-6  hours 

18.7  hours 

Transfer  Bum  No.  3 

To  Depletion 

18.9  hours  max. 

5.0  ORBITAL  OPERATIONS  MISSION 

5.1  GUIDELINES 

Vehicle:  One  reusable  space  tug  (propulsion  module,  astrionic  module,  crew  module, 
payload). 

Mission:  Space  resident  vehicle  used  for  payload/passengei  trails  >’n  conjunction  with 
a space  station  in  earth  or  lunar  orbit. 

Similar  Additional  Missions: 

(a)  Rescue  vehicle  for  earth  or  lunar  orbit 

(b)  Satellite  repair  or  transfer 

Launch  Vehicle:  Space  shuttle,  INT-21  or  another  Saturn  derivative.  Space  tug  inactive 
during  launch. 
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Storage:  Up  to  180  days  of  quiescent  operation,  either  docked  or  free-flying,  at 
approximately  270  NM  altitude.  Operational  within  two  hours. 

Operation:  Manned  or  unmanned.  Capable  >f  being  remotely  operated. 

Frequency  of  Operation:  Assume  at  least  one  mission  every  two  weeks  with  less  than 
24  hours  continuous  operation  per  use. 

5.2  MISSION  DESCRIPTION 

The  space  tug  will  be  launched  into  low  earth  orbit  aboard  a space  shuttle  or  a Saturn 
derivative  vehicle.  The  space  tug  will  be  inactive  during  the  launch  to  orbit.  After  the  launch 
vehicle  has  completed  its  orbital  maneuvers,  the  space  tug  may  be  activated  and  will 
rendezvous  and  dock  with  the  Space  Station  at  approximately  a 270  NM  altitude  with  an 
inclination  of  28°  or  55°.  The  space  tug  could  also  he  delivered  inactive  to  the  space  station 
by  another  space  tug. 

The  space  tug  mission  will  begin  with  the  space  tug  docked  to  the  space  station  and  in 
a quiescent  mode.  To  begin  a mission,  the  space  tug  is  activated  and  its  onboard  subsystems 
checked  out  to  assure  operational  capability.  The  onboard  systems  would  then  be  initialized 
with  mission  parameters.  The  space  tug  would  undock  from  the  docking  port  of  the  space 
station  and  begin  maneuvers  to  rendezvous  with  the  payload  at  100  NM  for  orbital  transfer 
of  a payload  to  the  spa.  e station.  Using  a combination  of  transfer  bums,  the  tug  w”' 
maneuver  to  the  vicinity  of  a space  vehicle  (shuttle,  Saturn  derivative  vehicle)  and  dock  u, 
the  payload.  The  space  tug  will  then  deliver  the  payload  to  the  space  station.  After 
delivering  the  payload,  the  tug  will  either  be  docked  to  the  space  station  or  left  in  a 
free-flying  mode  during  the  storage  period  prior  to  another  active  mission. 

5.3  DETAILED  MISSION  PHASE  DESCRIPTIONS 

The  space  tug  will  be  launched  into  low  earth  orbit  aboard  a space  shuttle  or  a Saturn 
derivative  vehicle  and  transferred  to  the  space  station.  The  space  tug  is  assumed  to  be 
docked  to  the  space  base  before  being  activated.  The  following  are  the  detailed  mission 
phases  for  this  mission.  Figure  5-1  shows  the  mission  profile  and  the  vehicle  configuration 
for  the  earth  orbital  operations  mission.  The  lunar  orbital  operations  missions  are  considered 
to  have  essentially  the  same  requirements  as  the  earth  orbit  mission,  and  its  profile  is  shown 
in  Figure  5-2. 

5.3.1  Activation/  Reactivation 


The  space  tug  will  be  activated  and  its  astrionic  system  checked  out  to  assure  that  all 
modules  are  operational.  After  completing  activation,  the  onboard  subsystems  will  be 
initialized  with  mission  parameters. 

5.3.2  Undocking 

The  space  tug  will  undock  from  the  space  station  and  maneuver  a safe  distance  away 
from  the  station  prior  to  its  initial  burn.  The  space  tug  will  be  visually  inspected  to  detect 
damage  by  a member  of  the  space  station  crew  as  the  space  tug  maneuvers  from  the  station. 
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Figure  5-2.  Lunar  Orbit  Operations  Mission  Profile  and  Vehicle  Configuration 
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5.3.3  Transfer  Bum  No.  1 

When  the  tug  is  a safe  distance  from  the  space  station,  the  tug  will  perform  a brakine 
NMorbi?.C  ^ * * deSlred  tlansfer  elliPse  t0  Place  it  in  an  approximately  270  NM  by  100 

5.3.4  Orbital  Coast  No.  1 

time  f^LTctttil^nranSfer  bUm*  t“8  Wi"  in  the  ,ra"sfcr  elliPse 

5.3.5  Transfer  Bum  No.  2 

On  reaching  the  desired  altitude  and/or  perigee,  a second  burn  is  executed  to 
circularize  the  orbit  at  approximately  a 100  NM  altitude.  executed  to 

5.3.6  Rendezvous  and  Docking 

The  finf!r/Chi!eVing  •t,!1ldes!r*d  0rbit-  tl,e  sPace  tuS  Will  rendezvous  and  dock  to  its  target 
d°cl'lng  *lU.  be  ®Ither  manual  °r  by  remote  control.  The  space  tug  will  remain 
docked  to  the  target  while  the  payload  is  transferred  to  the  tug. 

5.3.7  Undocking 

vehicle  and  maneuver* a safe  StonS“  *°  ^ tU*  the  Spa“  tUg  Wi"  ™d°ck  «« 

5.3.8  Transfer  Burn  No.  3 

f,„^enJhe  sPacc,tug  ,s  a safe  distance  from  the  space  vehicle,  tiie  space  tug  will  perform 
a trans.er  burn  to  achieve  the  desired  transfer  trajectorv  to  intercept  the  space  station  The 
resulting  orbit  will  be  approximately  100  NM  by  270  NM.  P 

5.3.9  Orbital  Coast  No.  2 

time  ^li;SSa,^L:nlnSffer  bUrn'  "le  tUg  Wi"  t0aSt  in  the  elliP-  “"«■ 

5.3.10  Transfer  Burn  No.  4 

circus  AS, Ke.? 2°S  NM  Ude-  “*  Wi"  Perf°""  « b“r"  *°  P*«*  *<=  <"  a 

5.3.1 1 Rendezvous  and  Docking 

Alter  completion  of  the  circularization  burn,  the  space  tug  will  perform  a series  of 
short  burns  to  rendezvous  and  redock  to  the  space  station. 
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5.3.1 2 Deactivation 

After  the  tug  is  docked  to  the  space  station,  the  payload  will  be  transferred  from  the 

tug  to  the  space  station,  and  the  space  tug  will  be  checked  out  and  deactivated  to  a 
quiescent  status. 

5.3.13  Storage 

In  the  quiescent  status,  the  space  tug  will  either  be  docked  to  the  space  station  or 
placed  in  a free-flying  mode  near  the  space  station.  The  tug  will  remain  in  this  mode  until 
activated  for  maintenance,  refueling  or  another  mission. 

5.3.14  Maintenance 

Prior  to  ail  missions,  the  tug  will  receive  a check  out.  During  this  maintenance,  any 
short  life  or  defective  equipment  will  be  replaced  and  the  subsystems  returned  to  optimum 
operational  status.  The  frequency  of  maintenance  will  depend  on  the  number  of  missions 
lown  time  in  space  of  the  vehicle,  past  failure  rates,  etc.  Inflight  maintenance  will  be 
limited  to  automatic  switch-in  of  redundant  components. 

5.3.15  Fueling 

Prior  to  each  mission  the  tug  will  be  fueled,  if  necessary,  with  the  quantity  of  fuel 
required  for  that  mission  plus  contingencies.  The  tug  will  actively  monitor  and  control  the 
fueling  process. 

5.4  INTERFACE  REQUIREMENTS 

Due  to  the  requirement  for  remote  control  and  target  updates  the  tug  has  a 

requirement  for  a communications  i 1 ^rface  with  the  ground,  space  station,  and  other  active 
space  vehicles. 

A.  Ground:  A direct  interface  to  ground  (USB)  or  relayed  through  the  DRSS  to 
mission  control.  This  interface  includes  command,  telemetry,  voice  (if  manned) 
tracking,  and  TV. 

B.  Space  Station  and  Other  Active  Space  Vehicles:  This  interface  should  be  a VHF 
or  USB  type  and  include  command,  telemetry,  voice  (if  manned),  tracking,  and 

The  TV  requirement  is  to  allow  remote  control  of  the  manipulator  arms. 


5.5  MISSION  TIMELINE 


PHASE  DURATION  MAXIMUM  ACCUMULATIVE  TIME 


Activation/Reactivation 

2.0  hours 

2.0  hours 

Undocking 

0.5  hours 

2.5  hours 

Transfer  Burn 

0.1 -1.0  minute 

2.5  hours 

Orbital  Coast 

0.8  hours 

3.3  hours 

Transfer  Burn 

1. 0-2.0  minutes 

3.3  hours 

Rendezvous  and  Docking 

2.0-8.0  hours 

1 1 .3  hours 

Undocking 

0.5  hours 

1 1 .8  hours 

Transfer  Burn 

0.1 -1.0  minute 

1 1.8  hours 

Orbital  Coast 

0.8  hours 

12.6  hours 

Transfer  Bum 

1. 0-2.0  minutes 

12.6  hours 

Rendezvous  and  Docking 

2.0— 8.0  hours 

20.6  hours 

Deactivation 

3.4  hours 

24.0  hours  max. 

Storage 

Variable 

180  days  max. 

6.0  PLANETARY  MISSION  - UNMANNED 

6.1  GUIDELINES 

Vehicle:  One  reusable  space  tug  (propulsion  and  astrionic  module)  and  one  expendable 
space  tug  (propulsion  and  astrionic  module) 

Payload:  Planetary  probe. 

Mission : Provide  the  propulsion  vehicle  for  planetary  probes. 


Operation:  Unmanned,  capable  of  automatic  or  remote  operation. 

Frequency  of  Operation . Expendable  tugs  are  used  once.  Assume  reusable  tugs  will  be 
used  for  more  than  one  mission. 

6.2  MISSION  DESCRIPTION 

The  mission  will  begin  with  a fueled  space  vehicle  configured  to  the  baseline 
configuration  shown  in  Figure  6-1 . The  mission  profile  is  also  depicted  in  Figure  6-1 . 

The  space  tug  astrionics  will  be  activated,  checked  out  to  assure  operational  capability 
oi  all  systems,  and  the  onboard  systems  initialized  with  mission  parameters.  The  first  tug 
astrionics  will  be  configured  to  perform  the  necessary  maneuvers  required  to  return  to  the 
space  station  after  separation. 
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Figure  6-1 . Unmanned  Planetary  Mission  Profile  and  Vehicle  Configuration 


When  the  vehicle  is  properly  phased  for  the  burn,  the  first  spaa  tug  will  ignite  to  start 
the  payload  on  its  journey.  The  first  space  Ug  will  burn  a portion  of  its  fuel,  separate  from 
the  payload  and  return  intact  to  the  space  station.  The  second  space  tug  will  ignite 
immediately  after  first  tug  separation.  The  second  tug  will  boost  the  payload  to  the  desired 
cutoff  conditions.  At  this  point  the  engine  will  be  shut  down,  and  the  space  tug  will  separate 
from  the  payload.  It  is  assumed  that  the  payload  will  then  have  the  capability  to  perform  its 
own  navigation,  guidance,  control  and  communications  functions  to  properly  carry  out  its 
mission. 

Space  tug  No.  1 will  be  deactivated  and  stored  at  the  space  station.  After  maintenance 
and  refueling,  it  will  be  capable  of  performing  other  missions. 

Space  tug  No.  2 will  be  operated  in  an  expendable  mode.  After  its  separation  from  the 
payload,  its  trajectory  will  be  altered  to  assure  that  there  will  be  no  contact  with  the 
payload.  After  safing  of  the  tug,  its  mission  will  be  complete. 

6.3  DETAILED  MISSION  PHASE  DESCRIPTIONS 

6.3.1  Activation 

The  space  tugs  will  be  activated  and  their  astrionic  systems  checked  out  to  assure  all 
modules  are  operational.  The  onboard  subsystems  will  then  be  initialized  with  mission 
parameters.  The  second  space  tug  will  assume  the  operational  control  of  the  mission  aided, 
if  required,  by  the  first  tug  astrionics. 

6.3.2  Orbital  Coast 

After  the  checkout  phase  is  complete,  the  space  vehicle  will  be  oriented  to  the  desired 
attitude  prior  to  engine  ignition. 

6.3.3  Transfer  Burn  No.  1 


When  the  proper  engine  start  conditions  have  been  satisfied,  the  engine  of  space  tug 
No.  1 will  be  ignited  and  a partial  burn  will  be  accomplished.  At  the  appropriate  time,  the 
engine  will  be  shut  down. 

6.3.4  Undocking 

After  engine  cutoff,  vehicle  attitude  will  be  maintained,  and  space  tug  No.  1 will 
separate  from  the  rest  of  the  vehicle. 

At  this  point,  the  mission  phases  can  be  divided  into  Part  A,  space  tug  No.  1 mission 
and  Part  B,  space  tug  No.  2 mission. 


Part  A - Space  Tug  No.  I (Reusable) 


6.3.5A  Orbital  Coast 

After  separation,  the  space  tug  will  remain  in  the  coast  mode  until  time  for  the  next 
transfer  burn.  Prior  to  the  transfer  burn.,  the  tug  will  be  oriented  to  the  desired  attitude  by 
the  RCS.  Target  or  navigation  update  will  be  received  as  required. 
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6.3.6A  Transfer  Bum  No.  2 

At  the  appropriate  time,  the  engine  will  be  ignited  to  perform  a retrograde  burn  which 
will  place  the  tug  in  an  elliptical  orbit  with  a perigee  of  approximately  300  NM. 

6 .3 .7  A Orbital  Coast 

After  engine  cutoff,  the  space  tug  will  remain  in  the  coast  mode  until  the  next  transfer 
bum.  Prior  to  the  transfer  burn,  the  tug  will  be  oriented  to  the  desired  attitude.  Any  small 
trajectory  alterations  necessary  during  the  coast  period  will  be  accomplished.  Target  or 
navigation  update  will  be  received  as  required. 

6. 3. 8 A Transfer  Bum  No.  3 

At  or  near  perigee,  the  space  tug  engine  will  again  be  ignited  to  circularize  its  orbit  at 
approximately  300  NM  for  subsequent  rendezvous  with  the  space  station  at  270  NM. 

6.3.9A  Rendezvous 

Using  a combination  of  short  bums  and  coast  periods,  the  space  tug  will  rendezvous 
with  the  space  station  either  automatically  or  by  remote  operation. 

6.3. 10A  Dock 

The  space  tug  will  perform  the  appropriate  maneuvers,  either  in  the  automatic  or 
remote  operational  mode,  to  accomplish  docking  with  the  space  station. 

6.3.1 1 A Deactivate 

The  space  tug  will  be  checked  out  and  deactivated. 

6.3.1 2A  Storage 

The  space  tug  will  remain  dormant  until  required  for  a subsequent  mission. 

Part  B - Space  Tug  No.  2 (Expendable) 

6.3. SB  Escape  Burn 

After  space  tug  No.  1 separation,  space  tug  No.  2s  main  engine  will  be  ignited  and  will 
burn  until  the  proper  escape  velocity  has  been  attained. 

6.3 .6B  Undocking 

After  engine  shutdown,  the  vehicle  attitude  will  be  held  constant  until  space 
tug/payload  separation. 

6.3.7B  Coast 

After  separating  from  the  payload,  the  space  tug  will  remain  in  the  coast  mode. 
Maneuvers  may  be  required  to  gain  separation  distance  between  the  tug  and  payload  to 
assure  no  contact. 


i 
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6.3. 8B  Safing 


After  the  desired  space  tug  maneuvers  have  been  accomplished,  the  tug  mission  will  be 
terminated  by  safing  the  vehicle  and  allowing  it  to  go  into  an  uncontrolled  expendable 
mode. 

6.4  INTERFACE  REQUIREMENTS 

The  requirement  exists  for  communications  with  the  tug  when  it  is  active  during  a 
planetary  probe  to  allow  target  update  and  status  checks/The  communications  necessary  to 
fulfill  this  requirement  are  tracking,  command,  and  telemetry. 

Implementation  should  be  via  a USB-type  system  interfacing  with  Goldstone,  Madrid, 
and/or  Honeysuckle  to  Mission  Control. 

Space  tug  No.  1 requires  an  interface  with  the  space  station.  The  communications  must 
include  command,  voice  and  telemetry  to  allow  checkout,  activation  and  repair.  Therefore, 
this  interface  should  be  a USB-type  which  will  satisfy  all  requirements. 

6.5  MISSION  TIMELINE 


BOTH  SPACE 

PHASE  TUG  STAGES  DURATION 


Activation 
Orbital  Coast 
Transfer  Burn 
Undocking 


1 *2  hours 
2-3  hours 
6-12  minutes 
30  seconds 


SPACE  TUG  STAGE 
NUMBER  1 


Orbital  Coast 
Transfer  Burn 
Orbital  Coast 
Transfer  Burn 
Rendezvous 
Dock 
Deactivate 


0.5-2  hours 
4-8  minutes 
2-4  hours 
0.5-3  minutes 
2-8  hours 
0.5-2  hours 
1 -2  hours 


Storage 


30-1 80  days 


MAXIMUM  ACCUMULATIVE 
TIME 


SPACE  TUG 
STAGE 
NUMBER  1 

2 hours 
5 hours 

5.2  hours 

5.2  hours 


7.2  hours 

7.3  hours 

1 1 .3  hours 

1 1 .4  hours 

19.4  hours 

21.4  hours 

23.4  hours 

180  days  max 


SPACE  TUG 
STAGE 
NUMBER  1 

2 hours 
5 hours 

5.2  hours 

5.2  hours 


180  days  max 


SPACE  TUG  STAGE 
NUMBER  2 


Escape  Burn 
Undocking 
Coast 
Safing 


6-1 2 minutes 
30  seconds 
0.5-1  hour 
0.5  hour 


5.3  hours 

5.3  hours 

6.3  hours 

6.8  hours  max 


7.0  REUSABLE  NUCLEAR  SHUTTLE  (RNS)  EARTH/MOON  MISSION 

7.1  GUIDELINES 

Vehicle:  Reusable  nuclear  shuttle  (RNS).  RNS  control  is  provided  by  space  tug 


Payload:  Space  station  modules,  space  tug,  propellant,  crew,  miscellaneous  payload. 
Mission:  Transfer  of  payload  to  and  from  the  moon. 

Frequency  of  Operation:  2 — 8 round  trips  per  year. 

Operation:  Manned  or  unmanned.  Automatic,  remote  operation  or  manual  control. 

7.2  MISSION  DESCRIPTION 


The  nuclear  shuttle  mission,  using  the  reusable  nuclear  shuttle  vehicle,  starts  from  a 
configuration  that  has  the  nuclear  shuttle  docked  to  a propellant  and  maintenance  depot 
positioned  in  a circular  earth  orbit.  The  depot  maintains  a constant  distance  between  it  and 
an  earth  space  station,  so  that  radiation  exposure  to  the  space  station  is  tolerable.  A lunar 
space  station  in  a circular,  polar  lunar  orbit  is  the  destination  for  a payload 


In  preparation  for  the  mission,  the  nuclear  shuttle  undocks  from  the  depot  and  moves 

rCCei?  th?  Pf yload  from  a space  tug  p,ying  between  the  space  station  and 
the  depot  The  space  tug  docks  with  the  nuclear  shuttle  and  transfers  the  payload,  and  the 
tug  moves  the  shuttle  into  a lower  orbit.  The  space  tug  then  returns  to  the  space  station,  and 
the  nuclear  shuttle  proceeds  to  the  moon. 

i The  nuclear  shuttle  (see  Figure  7-1)  transports  the  payload  from  an  earth  orbit  to  a 
lunar  orbit,  exercising  the  proper  maneuvers  to  place  it  at  a constant  distance  from  a lunar 
space  station  orbiting  the  moon  (see  Figure  7-2).  A space  tug  from  the  lunar  space  station 

station W,th  ^ ”UCtear  shutt,e’  removes  the  P^oad  and  transfers  it  to  the  lunar  space 

If  the  nuclear  shuttle  is  to  remain  in  the  vicinity  of  the  moon  for  an  extended  period  it 
maneuvers  into  a lunar  parking  orbit  position  which  is  removed  from  the  space  station 
When  it  is  to  return  to  an  earth  orbit,  it  accepts  a payload  from  the  space  tug  and  maneuvers 
into  a transearlh  trajectory,  exercising  the  appropriate  maneuvers  to  place  it  at  a constant 
distance  trom  the  orbiting  propellant  and  maintenance  depot. 

The  space  tug  from  the  earth  space  station  docks  with  the  nuclear  shuttle,  removes  the 
payload,  and  returns  to  the  space  station.  The  nuclear  shuttle  docks  with  the  depot  and  is 
prepared  for  its  next  mission. 

7.3  DETAILED  MISSION  PHASE  DESCRIPTIONS 

Initial  Conditions 

The  propellant  and  maintenance  depot  (PMD)  will  be  station  keeping  with  earth  space 
station  at  a fixed  distance.  F 
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Figure  7-1 . Basic  Configuration  of  the  RNS  Vehicle 

Nuclear  shuttle  will  be  docked  with  propellant  and  maintenance  depot. 

The  aft  interstage  of  the  nuclear  shuttle  will  be  jettisoned. 

7.3.1  Reactivation 

The  reactivation  sequence  of  the  nuclear  shuttle  will  be  initiated  by  either  the 
propellant  and  maintenance  depot  personnel  or  by  commands  from  the  space  station. 

The  automatic  checkout  sequence  will  also  be  initiated  by  either  propellant  and 
maintenance  depot  personnel  or  by  commands  from  the  space  station. 


Figure  7-2.  Mission  Profile  for  Earth-Moon  Reusable  Nuclear  Shuttle  Mission 


£* ?'$ Pft?!K- ; f^~r" ~~ . «•  • r-'Ti-r*'  v-^:*^-.^11.:/.  !v  V*  . 


7.3.2  Maintenance 


Any  necessary  maintenance  will  be  performed  during  this  phase. 

7.3.3  Refueling 

The  nuclear  shuttle  will  be  fueled  commensurate  with  the  mission  to  be  performed. 

7.3.4  Undocking  (RNS  from  PMD) 

the  dST**  SPaCe  Stati°”  Wi"  COmmand  the  unmanned  nuclear  shuttle  to  undock  from 


If  a payload  is  to  be  taken  to  the 
prepare  to  move  it  to  the  nuclear  shuttle. 


moon,  the  space  tug  will  dock  with  payload  and 


The  nuclear  shuttle  will  maintain  a controlled  attitude, 

7.3.5  Docking  (Space  Tug  with  RNS) 

Space  tug  will  move  payload  to  the  nuclear  shuttle  and  dock  with  it 

7.3.6  Pre-Operational 


The  interface  between  a manned  payload  and 
applicable.  Any  necessary  vehicle  checkouts  will  also 


nuclear  shuttle  will  be  checked  out,  if 
be  accomplished. 


Tiie  earth  space  station  will  transfer  necessary  data  to  the  nuclear  a 


The  space  tug  while  docked  with  the  nuclear  shuttle  will  move  it  into  a lower  orhit 
this  transfer"26  ' ^ att‘tUde  C°ntro1  °f  the  nuclear  shuttle  win  be  inactive  during 


The  space  tug  will  undock  from  the  nuclear  shuttle  and  return  to  earth  space  station. 

The  attitude  control  of  the  nuclear  shuttle  stabilizes  it.  The  NERVA  engine  k not 

thxtThf  UHntI]  a S3|fe  d.lstance  exists  between  the  nuclear  shuttle  and  earth  space  station  such 
that  the  radiation  level  received  at  the  earth  space  station  is  within  tolerances. 

7.3.7  Escape  Burn  (TLI) 

and  25  a‘  ^,000  Pounds  thrust 

The  nuclear  shuttle  performs  the  proper  maneuvers  to  inWt  a « 
trajectory  which  will  satisfy  lunar  targeting.  Maneuver  wil!  oe  performed  such  thaMhe 
radiation  level  received  at  the  earth  space  stations  is  within  tolerances. 


7.3.8  Transfer  Coast  (Translunar) 


After  the  NERVA  engine  burns  for  approximately  25  minutes,  the  nuclear  shuttle  will 
experience  periodic  cooldown  thrusts  for  approximately  35-50  hours.  Tne  periodic  thrust 
will  be  used  as  efficiently  as  possible  to  provide  final  trajectory  refinements. 

The  translunar  coast  phase  will  require  108  hours  (Reference  A-l). 

7.3.9  Transfer  Bum  (LQI) 

The  NERVA  engine  will  burn  approximately  6 minutes  to  brake  the  nuclear  shuttle 
into  lunar  orbit.  The  bum  will  be  accomplished  to  properly  phase  the  nuclear  shuttle  with 
the  lunar  space  station. 

7.3.10  Rendezvous  (RNS  with  LOSS) 

The  periodic  engine  cooldown  thrust,  which  will  last  approximately  1 1 hours,  will  be 
used  as  efficiently  as  possible  to  rendezvous  the  nuclear  shuttle  with  the  lunar  space  station. 
A minimum  distance  must  be  maintained  between  the  nuclear  shuttle  and  the  lunar  space 
station. 

The  nuclear  shuttle  will  control  its  attitude  such  that  the  radiation  received  by  the 
lunar  space  station  and  lunar  surface  base  are  within  tolerances. 

7.3.1 1 Pocking/Undocking  (Space  Tug  with  RNS) 

The  nuclear  shuttle  will  maintain  a minimum  distance  from  the  space  station.  The 
space  tug  will  undock  from  the  lunar  space  station  and  will  dock  with  the  nuclear  shuttle. 

The  space  tug  removes  the  payload  from  the  nuclear  shuttle  and  transfers  it  to  the 
lunar  space  station. 

7.3.12  Transfer  Bum 

Lunar  space  station  will  command  the  nuclear  shuttle  to  change  its  altitude  using  the 
reaction  control  system. 

The  nuclear  shuttle  will  coast  at  the  new  altitude  until  sufficient  distance  from  the 
lunar  space  station  has  been  attained.  ■ 

The  nuclear  shuttle  will  perform,  either  automatically  or  on  command  from  Earth,  a 
maneuver  using  the  reaction  control  system  to  return  it  to  the  same  altitude  as  the  lunar 
space  station,  if  this  maneuver  is  required  for  phasing  or  storage. 

If  extended  lunar  stay  is  planned  reference  Paragraph  7.3.13.  If  immediate  earth  return 
is  planned  reference  Paragraph  7.3.17. 


7.3.13  Deactivate 


The  nuclear  shuttle  will  automatically  perform  a deactivation  sequence  to  reach  a 
semi-active  state  of  minimum  attitude  control  and  monitoring. 

7.3.14  Storage 

The  nuclear  shuttle  shall  remain  in  this  semi-active  state  for  not  more  than  30  days. 

7.3.15  Reactivation 

The  nuclear  shuttle  will  automatically  perform  a reactivation  sequence  upon  command 
from  the  earth  or  the  space  tug. 

The  nuclear  shuf>Me  will  automatically  perform  a checkout  sequence  when  the 
reactivation  sequence  is  completed  and  communicate  its  condition  to  earth  or  the  space  tug. 

7.3.16  Docking/Undocking  (Space  Tug  with  RNS) 

Space  tug  with  the  payload  will  undock  from  the  lunar  space  station  and  maneuver  to 
rendezvous  and  dock  with  the  nuclear  shuttle. 

The  space  tug  will  transfer  the  payload  to  the  nuclear  shuttle. 

The  space  tug  will  undock  from  the  nuclear  shuttle  and  maneuver  to  return  to  the 
lunar  space  station. 

7.3.17  Preoperationai 

The  interface  between  a manned  payload  and  the  nuclear  shuttle  win  be  checked  out, 
if  applicable.  Any  necessary  vehicle  checkouts  will  also  be  accomplished. 

Earth  space  station  will  transfer  necessary  data  to  the  nuclear  shuttle’s  astrionic  system 
to  perform  the  earth  return  trip.  This  includes  such  items  as  navigation  update,  time  to 
initiate  operations  for  earth  targeting,  etc, 

7.3.18  Escape  Burn 

The  NERVA  engine  will  bum  for  approximately  5 to  7 minutes  at  75,000  pounds 
thrust  and  825  second  nominal  specific  impulse. 

The  nuclear  shuttle  performs  the  proper  maneuvers  to  inject  into  a transearth 
trajectory.  Maneuvers  will  be  performed  so  that  the  radiation  level  received  at  the  lunar 
space  station  and  lunar  surface  base  are  within  tolerances. 

7.3.19  Transfer  Coast  (Transearth) 

After  the  NERVA  engine  is  shutdown,  the  nuclear  shuttle  will  experience  a periodic 
cooldown  thrust  for  approximately  1 1 hours.  The  periodic  thrust  will  be  used  as  efficiently 
as  possible  to  provide  final  trajectory  refinements. 

The  transearth  coast  phase  will  require  72  hours  (Reference  A-l ). 
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7.3.20  Transfer  Bum  (Earth  Braking) 
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The  NERVA  engine  will  burn  approximately  8 to  1 2 minutes  to  brake  the  nuclear 
shuttle  into  earth  orbit. 


The  bum  will  be  accomplished  to  properly  phase  the  nuclear  shuttle  with  the  earth 
space  station. 

7.3.21  Rendezvous  (RNS  with  EOSS) 

The  periodic  engine  cooldown  thrust,  which  will  last  approximately  13  to  20  hours, 
will  be  used  as  efficiently  as  possible  to  rendezvous  with  the  earth  space  station.  ! 

A minimum  distance  must  be  maintained  between  the  nuclear  shuttle  and  the  earth 
space  station. 

The  nuclear  shuttle  will  control  its  attitude  such  that  the  radiation  received  at  the  earth 
space  station  is  within  tolerances. 

7.3.22  Docking/Undocking  (Space  Tug  with  RNS) 

The  nuclear  shuttle  will  maintain  a station-keeping  position  with  the  propellant  and 
maintenance  depot. 

The  space  tug  will  unu,  k from  earth  space  station  and  dock  with  the  nuclear  shuttle. 

The  space  tug  with  the  payload  will  undock  from  the  nuclear  shuttle  and  dock  with  the 
earth  space  station. 

7.3.23  Docking  (RNS  with  Depot) 

The  nuclear  shuttle  will  automatically  dock  with  the  propellant  and  maintenance  depot 
using  the  reaction  control  system. 

7.3.24  Maintenance 

The  propellant  and  maintenance  depot  personnel  will  perform  the  required 
maintenance  actions. 

7.3.25  Deactivation 

The  earth  space  station  will  command  the  nuclear  shuttle  to  automatically  perform  a 
deactivation  sequence. 

7.3.26  Storage  j 

The  nuclear  shuttle  will  remain  in  the  deactivated  state  until  needed  for  its  next  ! 

mission.  1 
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7.4  INTERFACE  REQUIREMENTS 

The  RNS  mission  will  require  an  interface  with  the  space  station,  tug,  and  the  LOSS  to 
allow  targeting  updates  during  rendezvous  and  the  transfer  of  data  for  status  purposes  when 
in  line-of-sight  of  these  space  vehicles.  During  translunar  coast  an  interface  with  the  ground 
for  the  same  reasons  is  required. 

The  system  installed  on  the  RNS  should  be  a USB  type  system  including  command, 
tracking  and  TM.  The  ground  systems  will  be  Madrid,  Goldstone,  and  Honeysuckle  with  the 
normal  data  relay  to  Mission  Control. 

7.5  MISSION  TIMELINE 


PHASE 


DURATION  CUMULATIVE  TIME 
(DAYS)  (DAYS) 


(1) 

1 . Activation/Reactivation 

2.  Maintenance 

3.  Fueling/Refueling 

4.  Undocking  (RNS  from  Depot) 

5.  Pocking  (Space  Tug  with  RNS) 

6.  Pre*operational 

7 

7 

7.  Escape  Burn  (TLI) 

8.  Transfer  Coast  (Translunar) 

9.  Transfer  Burn  (Lunar  Braking) 

1 0.  Rendezvous  (RNS  with  Lunar  Space 

Station 

1 1 . Docking/Undocking  (Space  Tug  with 

RNS 

4 

11 

(2) 
(2) 
(2) 
(3)  (2) 

1 2.  Transfer  Burn  (Lunar  Orbit  Change) 

13.  Safing  (Deactivation) 

14.  Storage 

15.  Reactivation 

16.  Docking/Undocking  (Space  Tug 

with  RNS) 

17.  Pre-operational 

Max.  Min.  Max. 

30  2 41 

(Assumes 

28  day 

lunar  orbit 

storage) 

Min. 

13 

(3) 

18.  Escape  Burn  (TE1) 

19.  Transfer  Coast  (Transearth) 

20.  Transfer  Burn  (Earth  Braking) 

21 . Rendezvous  (RNb  with  Earth  Space 

Station) 

22.  Docking  /Undocking  (Space  Tug  with 

RNS) 

23.  Docking  (RNS  with  Depot) 

Max. 

4 45 

Min. 

17 

24.  Maintenance 

25.  Safing  (Deactivation) 

26.  Storage 

Variable 

(1 ) This  phase  applicable  only  if  payload  is  to  be  carried  to  moon. 

(2)  This  phase  applicable  only  if  extended  lunar  stay  time  is  planned. 

(3)  This  phase  applicable  only  if  payload  is  to  be  returned  to  earth. 


A-32 


8.0  LUNAR  LANDING  MISSION 


8.1  GUIDELINES 


Vehicle:  Reusable  space  tug  (landing  leg  kit,  propulsion  module,  astrionic  module, 
cargo  module,  crew  module,  and  manipulator  arm  kit). 

Mission:  Manned  or  unmanned  lunar  landing  and  return  to  lunar  orbit  space  station. 

Launch  Vehicle:  Tug  brought  to  lunar  orbit  space  station  by  RNS  or  payload  on 


Storage:  Up  to  180  days  quiescent  storage  in  lunar  orbit.  Up  to  42  days  on  lunar 
surface.  Operational  within  two  hours. 

Operation:  Primarily  manned,  but  capable  of  automatic  or  remote  operation. 

Frequency  of  Operation:  Alternately,  28  days  on  lunar  surface  with  28  days  docked  to 
space  station. 

8.2  MISSION  DESCRIPTION 


The  space  tug  mission  will  begin  with  the  tug  configured  for  a lunar  landing  mission  in 
a quiescent  mode,  and  docked  to  the  lunar  space  station  (60  NM  polar  lunar  orbit  iltitude). 

The  space  tug  will  be  activated,  checked  out  to  assure  operational  capability  of  all 
subsystems  and  components,  and  onboard  systems  initialized  with  mission  parameters.  The 
space  tug  will  undock  from  the  lunar  space  station  when  the  station  is  properly  phased  with 
the  prospective  landing  site.  The  space  tug  will  transfer  to  a 60  NM  by  9 NM  lunar  orbit  At 
penlune  (9  NM),  the  space  tug  will  initiate  a powered  descent  burn  to  the  lunar  surface. 

After  landing,  the  space  tug  will  spend  14  to  28  days  on  the  lunar  surface.  The  space 
tug  systems  required  for  lunar  habitation  and  exploration  will  be  activated,  and  any 
astrionic  subsystems  not  required  during  the  lunar  exploration  will  be  deactivated. 


After  lunar  surface  exploration,  the  space  tug  astrionic  systems  will  be  activated  and 
the  space  tug  will  inject  into  an  initial  9 x 45  NM  lunar  orbit  for  subsequent  phasing 
maneuvers  with  the  lunar  space  station.  The  space  tug  will  rendezvous  and  dock  with  the 
space  station,  and  the  space  tug  will  be  deactivated  and  stored.  The  mission  profile  and 
vehicle  configuration  are  shown  in  Figure  8-1 . 


Prior  to  the  next  use  of  the  space  tug  for  lunar  landing,  the  space  tug  subsystems  will 
be  thoroughly  checked  out  and  defective  parts  replaced. 


8.3  DETAILED  MISSION  PHASE  DESCRIPTIONS 


Initially,  it  is  assumed  that  the  space  tug  used  for  the  lunar  landing  will  be  docked  to 
the  lunar  orbit  space  station  (LOSS).  The  LOSS  will  be  in  a 60  NM  circular  polar  orbit.  The 
space  tug  will  be  powered  down  to  the  maximum  extent. 


The  following  are  the  detailed  mission  phases  for  this  mission. 
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8.3.1  Activation  Phase 

The  space  tug  will  be  activated,  and  all  onboard  astrionic  subsystems  will  be  checked 
out.  When  all  onboard  systems  are  deemed  operational,  the  onboard  systems  will  be 
initialized  with  the  mission  parameters. 

8.3.2  Undocking  Fhase 

The  space  tug  will  undock  from  the  space  station  and  maneuver  a safe  distance  away 
from  the  space  station  to  begin  its  transfer  burn.  During  this  phase,  the  space  tug  will 
maneuver  while  a member  of  the  space  station  crew  visually  checks  the  vehicle. 

8.3.3  Transfer  Bum 

When  the  space  tug  is  a safe  distance  from  the  space  station  and  approximately  1 80° 
from  the  landing  site,  the  initial  retrograde  burn  of  the  space  tug  will  be  used  to  place  the 
space  tug  in  a 9 NM  by  60  NM  elliptical  orbit.  The  burn  time  will  be  from  20  to  40  seconds 
in  duration. 

8.3.4  Orbital  Coast  Phase 

The  space  tug  will  coast  for  either  one-half  revolution  or  1.5  revolutions  until  the 
initiation  of  powered  descent  at  perilune.  During  this  phase,  the  onboard  systems  will  be 
monitored  and  configured  for  the  next  burn. 

8.3.5  Powered  Descent  and  Landing  Phase 

At  perilune,  the  powered  descent  to  the  lunar  surface  will  begin.  This  phase  will  begin 
at  9 KM  altitude  and  continue  until  the  space  tug  has  landed  on  the  lunar  surface.  The  tug 
will  be  controllecWiutomatically  or  by  remote  operation.  This  phase  is  assumed  to  be  similar 
with  the  present 'lunar  landing  mission.  The  burn  time  will  be  from  10  to  14  minutes 
duration. 

8.3.6  Deactivation  Phase 

After  landing,  the  onboard  systems  will  be  checked  to  detect  any  possible  damage 
incurred  during  the  landing.  The  subsystems  required  to  maintain  survivability  of  the  crew 
and/or  the  astrionic  systems  will  be  partially  activated.  All  other  subsystems  will  be 
deactivated. 

8.3.7  Storage  Phase 

The  space  tug  will  remain  in  the  deactivated  (or  quiescent)  state  for  the  duration  of  the 
lunar  surface  stay.  The  onboard  detection  system  will  detect  and  report  any  critical 
malfunctions  or  off-nominal  conditions  during  the  storage  phase.  This  phase  will  last  either 
14  or  28  days,  with  an  additional  14  days  contingency  capability  required. 

8.3.8  Reactivation  Phase 

After  the  lunar  surface  exploration,  the  space  tug  will  be  reactivated,  the  onboard 
systems  will  be  checked  out  and  the  space  tug  configured  for  the  ascent  burn. 
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8.3.9  Powered  Ascent  Phase 


A 6 to  10  minute  burn  of  the  space  tug  will  place  the  tug  in  a 9 NM  by  45  NM  elliptical 
orbit  suitable  for  rendezvous  with  the  lunar  orbit  space  station.  Part  of  the  space  tug  may  be 
expendable  and  left  on  the  lunar  surface.  The  powered  ascent  is  assumed  to  be  similar  to  the 
present  powered  ascent  by  the  lunar  module  on  the  Apollo  missions. 

8.3.10  Orbital  Coast  Phase 

The  space  tug  will  coast  until  apolune  where  a burn  will  be  performed  to  circularize  the 
orbit  at  45  NM.  During  this  phase,  the  tug  will  update  or  receive  data  to  update  its 
trajectory  for  rendezvous  with  the  space  station. 

8.3.1 1 Rendezvous  Phase 

After  the  coast,  a burn  will  circularize  the  orbit  at  45  NM.  The  space  tug  will  coast  in 
this  orbit  until  combinations  of  short  burns  and  coast  periods  maneuver  the  tug  into  proper 
position  for  docking  with  the  space  station.  The  present  Apollo  rendezvous  scheme,  after 
circularizing  at  45  NM,  includes  a plane  change  maneuver  (if  required),  a burn  one-half  orbit 
after  circularizing  to  provide  a constant  delta  height  between  the  rendezvousing  vehicles,  a 
two-burn  Hohmann  transfer  to  approximately  the  final  orbit,  and  the  final  close-range 
rendezvous  and  docking.  These  maneuvers  will  place  the  tug  in  a 60  NM  circular  orbit  with 
the  space  station. 

8.3.12  Docking  Phase 

When  the  tug  maneuvers  to  a close  proximity  of  the  space  station,  the  space  tug  will 
dock  with  the  space  station  (either  manually  or  by  remote  operation,  if  unmanned). 

8.3.13  Deactivation  Phase 

With  the  space  tug  docked  to  the  lunar  orbit  space  station,  the  space  tug  will  be  given  a 
final  status  check  and  the  onboard  systems  powered  down.  The  space  tug  may  receive 
external  power  and/or  environmental  conditioning  from  the  space  station. 

8.3.14  Storage  Phase 

The  tug  will  be  placed  in  a quiescent  status  and  remain  docked  to  the  space  station 
until  fueling  and  maintenance  is  complete  or  the  next  active  mission  is  started. 

8.3.1 5 Maintenance  Phase 

During  some  or  all  phases  of  the  mission,  the  tug  will  be  checked  out.  If  defective 
modules  are  found  during  this  checkout,  they  will  be  replaced  at  the  next  appropriate  and 
convenient  time.  Periodic  maintenance  will  be  performed.  This  would  be  performed  during 
slack  periods,  and  any  defective  modules  or  units  would  be  replaced  and  the  subsystems 
returned  to  optimum  operating  capability.  The  frequency  of  maintenance  will  depend  on 
the  number  of  missions  flown,  time  in  space,  past  failure  rates,  etc. 
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8.3.16  Fueling  Phase 


The  space  tug  will  be  activated  for  fueling  when  its  fuel  supply  is  exhausted.  This  may 
be  done  randomly,  such  as  when  the  space  shuttle  brings  fuel,  or  scheduled  just  prior  to  a 
mission.  The  tug  will  actively  monitor  the  fueling  process. 

8.4  INTERFACE  REQUIREMENTS 

A USB  system  should  be  installed  in  the  astrionic  module  to  allow  communications 
with  the  ground  system  at  Goidstone,  Honeysuckle,  and/or  Madrid  for  transmission  of 
voice,  data  and  command  between  the  NASA  Mission  Control  and  the  tug  while  on  the 
lunar  surface. 

A similar  communications  link  is  required  between  the  LOSS  and  the  tug  for 
command,  control  and  evaluation. 

The  ground  link  is  required  because  the  LOSS  will  not  always  be  within  line-of-sight  of 
the  tug  when  the  tug  is  on  the  lunar  surface. 

8.5  MISSION  TIMELINE 


PHASE  DURATION  MAXIMUM  ACCUMULATIVE  TIME 


Activation 

2 hours 

2.0  hours 

Undocking 

0.5  hours 

2.5  hours 

Transfer  Bum 

20  — 40  seconds 

2.5  hours 

Orbital  Coast 

1 — 3 hours 

5.5  hours 

Powered  Descent  and 

0.2  hours 

5.7  hours 

Landing 

Deactivation 

4 hours 

9.7  hours  max. 

Storage 

14-28  days 

42  days  max 

Reactivation 

2 hours 

2.0  hours 

Powered  Ascent 

.1  - .2  hours 

2.2  hours 

Orbital  Coast 

1 - 4 hours 

6.2  hours 

Rendezvous 

2-8  hours 

14.2  hours 

Docking 

0.5  hours 

14.7  hours 

Deactivation 

4.0  hours 

18.7  hours  max. 

Storage 

14-28  days 

180  days 

9 0 FOUR  STAGE  SATURN  V MISSION 
9.1  GUIDELINES 


Vehicle:  Saturn  V (without  IU)  with  the  space  tug  as  a fourth  stage. 
Payload:  Lunar  orbit  space  station,  space  tugs,  CSM  derivative,  fuel,  etc. 


\ 
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Mission:  Transfer  of  payload  from  earth  to  lunar  orbit. 

Frequency  of  Operation:  Will  be  used  in  lunar  orbit  after  completion  of  this  mission. 
Frequency  or  length  of  deactivation  is  unknown. 

Operation:  Automatically  controlled;  however,  a crew  may  have  control  capability. 

9.2  MISSION  DESCRIPTION 

The  Saturn  V/space  tug  configuration  will  be  launched  from  Complex  39.  Complete 
bums  of  the  S-IC  and  S-II  and  a partial  bum  of  the  S-IVB  will  insert  the  configuration  into  a 
100  NM  circular  parking  orbit.  After  two  to  three  orbits,  the  S-IVB  will  be  reignited  for  the 
transfer  bum  into  a lunar  trajectory.  The  S-IVB  will  burn  to  depletion;  it  will  be  jettisoned; 
and  the  space  tug  fourth  stage  will  complete  the  lunar  transfer  bum. 

The  space  tug/payioad  will  coast  approximately  three  days  in  the  translunar  coast.  Any 
midcourse  corrections  will  be  performed  by  the  space  tug. 

When  the  space  tug/payload  reaches  the  60  NM  perilune  behind  the  moon,  the  space 
tug,  in  a retrograde  attitude,  will  fire  its  engine(s)  to  insert  the  payload  into  a 60  NM  by  170 
NM  lunar  orbit.  A second  lunar- orbit  insertion  burn  will  insert  the  payload  into  a 60  NM 
circular  polar  orbit  in  the  vicinity  of  the  lunar  space  station.  After  another  space  tug 
removes  the  payload  from  the  space  tug  (fourth  stage),  the  fourth  stage  will  be  jettisoned 
unless  it  is  required  for  use  with  the  lunar  space  station. 

The  vehicle  configuration  and  mission  profile  are  shown  in  Figure  9-1. 

9.3  DETAILED  MISSION  PHASE  DESCRIPTIONS 
9.3.1  Preflight  Operations 


Launch  pad  checkout  activities  will  be  conducted  for  S-IC,  S-II,  S-IVB,  and  space  tug 
stages  prior  to  launch  to  assure  that  ail  systems  are  capable  of  operating  as  planned. 

9.3.2  Boost-to-Orbit  (To  LEO) 

The  vehicle  will  be  targeted  for  a 100  NM  circular  earth  parking  orbit.  It  will  attain  this 
orbit  by  complete  bums  of  the  S-IC  and  S-II  stages  and  a partial  burn  of  the  S-IVB  stage. 

9.3.3  Orbital  Coast  (LEO) 

After  S-IVB  stage  cutoff  the  vehicle  will  enter  the  coast  mode  for  one  to  three  earth 
orbits.  During  this  coast  period,  additional  vehicle  checks  will  be  made  to  assure  that  all 
systems  are  capable  of  proper  operation  prior  to  TLI. 

9.3.4  Translunar  Injection  (TLI)  Bum 

The  escape  burn  to  a lunar  trajectory  shall  be  made  by  burning  the  S-IVB  stage  to 
depletion,  separating  the  S-IVB  stage,  and  igniting  the  space  tug  fourth  stage  for  a partial 
burn.  When  proper  cutoff  conditions  have  been  attained,  the  space  tug  engine  will  cut  off. 
The  S-IVB  stage  will  provide  a delta  V after  separation  to  avoid  contact  with  other  space 
vehicles  and  will  be  disposed  of  in  an  escape  orbit,  if  possible. 
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9.3.5  Translunar  Coast 


The  fourth  stage  will  coast  for  approximately  three  days  to  reach  the  moon.  Any 
required  midcourse  corrections  will  be  performed  by  the  space  tug.  The  tug  will  be  rolled  to 
equalize  the  solar  heating  effect.  The  ground  will  aid  in  target  and  navigation  updates. 

9.3.6  Transfer  Bum  No.  1 (LOI) 

Upon  lunar  arrival,  the  space  tug,  in  a retrograde  attitude,  will  fire  its  engine  for 
insertion  into  a 60  NM  by  170  NM  elliptical  polar  orbit. 

9.3.7  Orbital  Coast  (Lunar) 


The  space  tug  will  remain  in  the  60  NM  by  170  NM  orbit  for  phasing  with  the  lunar 
orbit  space  station  (LOSS).  The  coast  phase  will  last  one  to  three  revolutions. 

9.3.8  Transfer  Burn  No.  2 (LOI) 

A second  retrograde  burn  of  the  space  tug  will  circularize  the  payload  in  an 
approximately  60  NM  circular  polar  orbit  in  close  proximity  with  the  LOSS. 

9.3.9  Rendezvous  (Tug  with  LOSS) 

• i.  ^ter  ^le  c*rcu^ar^zat*on  hum,  the  space  tug  will  maneuver  to  accomplish  rendezvous 
with  the  LOSS.  The  space  tug  can  now  dock  its  payload  to  the  LOSS,  or  its  payload  may  be 
removed  by  another  lunar  space  tug. 

The  space  tug  fourth  stage  mission  is  now  complete;  however,  all  or  portions  of  the  tug 
may  be  subsequently  used  for  lunar  operational  activities. 

9.4  INTERFACE  REQUIREMENTS 


This  mission,  from  a support  standpoint,  is  the  same  as  the  lunar  mission  and  should 
use  the  MSFN  while  in  low  earth  orbit  and  use  Madrid,  Goldstone,  and  Honeysuckle  in  the 
translunar  coast  and  lunar  orbit  phases. 

To  implement  this  interface  a USB  type  system  should  be  installed  on  the  tug  with 
voice,  command,  TM,  and  tracking  capability. 
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9.5  MISSION  TIMELINE 


PHASE 

Preflight 


DURATION  MAXIMUM  ACCUMULATIVE  TIME 
Up  to  20  hours  20  hours  max. 


Boost-to-Orbit 
Orbital  Coast 
Translunar  Injection  Bum 


10—14  minutes 
.7-4.5  hours 
6-10  minutes 


0.2  hours 
4.7  hours 
4.9  hours  max. 


Translunar  Coast 


2.5— 3.5  days 


3.5  days  max. 


Transfer  Bum  No.  1 (LOIi) 
Orbital  Coast 

Transfer  Bum  No.  2 (LQI2) 
Rendezvous 


5—10  minutes 

1— 6  hours 

2— 6  minutes 
1-4  hours 


0,2  hour 

6.2  hours 

6.3  hours 

10.3  hours  max. 
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1 .0  INTRODUCTION  AND  SCOPE 


The  asirionic  rystem,  by  definition,  includes  that  integrated  group  of  components 
and/or  subsystems  which  provide  the  following  vehicle  functions  during  a mission: 

• Navigation,  guidance,  and  control  of  the  vehicle 

• Measurement  of  vehicle  parameters 

• Onboard  data  management 

• Data  transmission  between  vehicle,  ground  stations,  and  other  space  systems 

• Facilitate  vehicle  tracking  by  ground  stations  or  other  space  systems 

• Checkout  and  monitoring  of  vehicle  functions 

• Detection  of  emergency  situations 

• Generation  of  eiectrical  power  for  system  operation 

• Power  and  signal  distribution 

• Thermal  conditioning  of  components 

Current  practice  shows  the  astrionic  system  to  be  at  level  5 in  the  NASA  work 
breakdown  structure  used  for  determining  costs  of  new  programs. 

This  appendix  defines  the  preliminary  astrionic  system  functional  requirements  for 
seven  space  tug  missions.  These  seven  missions  were  selected  as  the  “design”  missions  which 
determine  the  tug  astrionic  system.  Descriptions  of  these  missions  are  provided  in  the 
preceding  appendix  and  are  summarized  in  Figure  1-1 . 

The  space  tug  is  of  modular  design,  and  vehicle  groundrules  dictate  that  the  primary 
astrionic  equipment  be  assembled  into  a structural  module  or  segment  called  the  astrionic 
module.  This  module  is  at  level  4 in  the  NASA  work  breakdown  structure.  Functions  and/or 
equipment  external  to  the  astrionic  module  is  to  be  defined  to  the  extent  needed  to  size  and 
define  interfaces  and  functional  requirements  of  the  astrionic  system. 

2.0  SUMMARY  OF  RESULTS 


Analysis  or  projected  availability  dates  for  the  major  NASA  space  systems  and  a 
scheduling  of  the  seven  design  missions  indicates  that  the  capability  to  satisfy  the  whole 
range  of  space  tug  astrionic  system  functional  requirements  must  be  provided  within  a two 
year  time  frame. 

Derivation  of  preliminary  space  tug  astrionic  system  functional  requirements  included 
definition  of  the  design  criteria  and  constraints  which  were  assembled  from  the  mission 
operations  and  vehicle  descriptions,  study  guidelines,  system  interfaces,  and  general 
effectiveness  and  safety  requirements  as  well  as  definition  of  typical  performance  limits  for 
the  astrionic  system  functions  required  in  each  mission  phase. 
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Figure  1-1 . Design  Missions  Summary  Chart 
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Astrionic  system  functions  are  interfaced  with  overall  space  tug  operations  bv  a 

cursory  analysis  of  functional  flow  diagrams  for  the  tug.  More  work  is  needed  to  fully  define 
iiivSv  interlaces. 


3.0  REQUIREMENTS  ANALYSIS 

3.1  DESIGN  CRITERIA  AND  CONSTRAINTS 


The  astrionic  system(s)  design  criteria  and  constraints  were  assembled  and  derived  from 
the  missions  operations  and  vehicle  descriptions,  study  guidelines,  system  interfaces,  and 

general  effectiveness  requirements.  These  design  criteria  and  constraints  are  divided  into  the 
following  categories: 


( 1 ) Mission  Mix  and  Schedule 

(2)  Operational  Bases  and  Facilities 

(3)  Modularity 

(4)  Autonomy 

(5)  Interfaces 
'6)  Environments 

(7)  Effectiveness 

(8)  Monitor  and  Control 

(9)  Storage 


( 1 0)  Operational  Life 

(11)  Transport 

3.1.1  Mission  Mix  and  Schedule 


The  seven  design  missions,  as  shown  in  Figure  1-1,  encompass  fifteen  different 
missmn-vehicle-payload  combinations.  These  combinations  include  three  different  vehicles 

Til  muLCOnf^Uratl°!!f  °fu°n,e  °f  the  vehicles  {tu8)’  manned  and  unmanned  vehicles, 
single  mission  and  reusable  vehicles,  and  payloads  that  are  cargo  and  manned.  From  Figure 

M,  it  should  be  noted  that  all  seven  representative  missions  must  be  capable  of  being 
performed  in  an  unmanned  mode,  i.e.,  no  support  fron  on  onboard  crew  or  crew  module 

, — Cn  miss,0‘ls’  excePt  the  deeP  sPace  and  synchronous  orbit  with  expendable 

vehicle  missions,  may  be  manned  or  have  manned  payloads. 

iI,US,tr?!fS  th!  projected  availability  dates  of  the  major  NASA  space  systems. 

that  the  whntr  3Vai  3fll,ty  dates’  a schedulmg  the  seven  representative  missions  shows 
that  the  whole  range  of  space  tug  astrionic  system  functions  must  be  made  available  within  a 

2-year  time  frame.  This  assumes  an  Apollo  Program  follow-on.  If  there  is  no  Apollo  Program 

IndXTuna^^oL  “ ^ E8P  betWee"  'he  6arth  0rbit  and  Planet^ 
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Figure  3-1.  Functional  Requirements  Schedule 
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3.1.2  Operational  Base  and  Facilities 

t4  Each  of  the  representative  missions  has  a point-of-oriyin  or  operational  base  where  the 
prepare  for  mission  functions  are  performed.  These  operational  bases  include: 

(a)  Earth  base  (KSC  or  other)  - for  the  early  synchronous  orbit  (expendable 
vehicles)  missions  and  for  the  four  stage  Saturn  V lunar  missions. 

(b)  Earth  orbit  space  station  — for  the  low  earth  orbital  operations,  planetary 
missions,  and  synchronous  orbit  (reusable  vehicles)  missions  and  also  as 
maintenance  depot  for  RNS  mission  support. 

(c)  Lunar  orbit  space  station  - for  tug  operations  in  lunar  orbit  and  lunar  landing 
missions. 

The  prepare  for  mission”  functions  include  checkout,  replacement  part  maintenance, 
replace  or  load  expendables,  loading  a new  program  and/or  navigational  data  or  parameters 
into  the  computer,  and  other  operations,  such  as  configure  tug(s)  for  assigned  mission  (stack 
two  tugs  for  tandem  operation  and/or  add  special  kits),  and  load  fuel  and  payload. 

Use  of  expendables  should  be  minimized  to  the  extent  practical.  Other  supplies,  such 
as  replacement  parts,  should  be  limited  as  to  types  and  quantities  required. 

3.1 .3  Modularity 

To  meet  the  functional  requirements  of  the  many  mission-vehicle-payload 
combmatjons  the  astrionic  system(s)  must  possess  both  a high  degree  of  operational 
flexibility  and  be  readily  changeable  through  the  addition  or  deletion  of  special  kits.  The  tug 
isto  be  of  modular  design  (crew,  astrionic,  cargo  and  propulsion  modules  plus  special  kits) 
fhe  tug  is  to  be  configured  in  space  by  addition  or  removal  of  modules  and/or  kits  for 
assigned  mission.  For  some  missions,  stacking  tugs  for  tandem  operation  is  required.  The 
astrionic  module/segment  for  the  RNS  and  Saturn  V may  be  configured  at  KSC  or  other 
earth  base  for  these  vehicles. 

The  astrionics  tor  both  the  tug  and  RNS  must  be  capable  of  being  reconfigured,  as 
required,  in  space  to  provide  the  required  mission  flexibility.  This  reconfiguration  capability 
should  be  provided  by  the  addition  and/or  removal  of  components.  This  reconfiguration 
capability  is  made  possible  with  a “modular  astrionics”  concept  and  does  not  require  all 
equipment  to  be  designed  for  “universal”  capability. 

3.1.4  Autonomy 

Autonomous  operations  has  been  identified  as  a desirable  feature  to  reduce  ground 
support  requirements.  Substantially  less  ground  support  should  be  required  for  the  tug 
operations  than  is  provided  for  the  Apollo  missions.  Two  areas  where  ground  support  should 
be  reduced  are:  (a)  quantity  of  status  data  should  be  reduced  by  use  of  onboard  diagnostics, 
data  compaction,  or  by  limiting  transmission  time,  and  (b)  ground  stations  should  not  be 
required  to  supply  data  that  can  reasonably  be  supplied  by  onboard  systems. 


3.1.5  Interfaces 


Communication  links  must  be  provided  with  all  mission  elements.  These  links  should 
be  of  a USB  type  and  provide  telemetry,  command,  voice  (if  manned),  tracking  and  TV,  as 
required  for  the  individual  missions.  Some  missions  will  require  an  interface  or  relay 
capability  to  DRSS.  For  DOD  missions  the  interface  should  be  through  the  satellite  control 
facility  via  a DOD  satellite  system. 

A hardwire  tie-in  capability  should  be  provided  for  data  (data  bus  interface)  and  power 
interchange  between  the  tug  astrionic  module  and  other  system  elements,  including,  EOS, 
EOSS,  LOSS,  and  RNS. 

Within  the  astrionic  system(s)  of  all  space  elements,  a standard  interface  should  be  used 
to  the  maximum  extent  practical  permitting  interchange  of  components  or  subsystems.  This 
interchange  of  components  or  subsystems  is  required  to  configure  astrionics  for  specific 
missions  and  to  permit  updating  the  astrionics  by  using  improved  or  advanced 
state-of-the-art  equipment.  Modifications  should  be  limited  to  software  changes  where 
practical. 

3.1 .6  Environments 

Natural  - the  natural  environments  encountered  by  the  astrionic  systems  shall  be  as 
defined  in: 

( 1 ) Space  - NASA  TM  X-53798  entitled,  “Space  Environment  Criteria  Guidelines  for 
Use  in  Space  Vehicle  Development.” 

(2)  Terrestrial  - NASA  TM  X-53328  entitled,  “Terrestrial  Environment  (Climatic) 
Criteria  Guidelines  for  Use  in  Space  Vehicle  Development.” 

induced  - The  astrionics  must  be  capable  of  withstanding  the  induced  environments, 
either  operating  or  non-operating,  as  applicable,  encountered  during: 

( 1 ) Transport  to  launch  site  and/or  earth  base  and  handling. 

(2)  Transport  from  earth  base  to  LEO  by  EOS  and  jettisoning  to  free  flight. 

(3)  Transport  to  lunar  orbit  as  payload  in  either  a four  stage  Saturn  V or  RNS. 

(4)  Operation  in  either  the  fourth  stage  of  the  Saturn  V launch  vehicle  or  the  RNS. 

(5)  Expected  tug  flight  operations  either  as  single  units  or  in  tandem. 

3.1.7  Effectiveness 


Reliability  - The  astrionic  system(s)  shall  meet  the  reliability  requirements  when 
maintenance,  refurbishment,  or  replacement  are  used  to  maintain  the  required  level  of 
reliability  throughout  its  lifetime.  Cost  effectiveness  studies  will  determine  reliability  levels 
and  maintenance  cycle. 
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Safety  — For  ali  manned  missions  the  astrionic  system  will  be  designed  for  a fail 
operational  — fail  safe  condition  on  the  equipment  required  for  crew  safety.  An  emergency 
detection  system  shall  be  provided  with  appropriate  crew  displays,  and  an  abort 
mode/sequence  shall  be  provided  for  each  mission  and  mission  phase  where  necessary.  For 
automated  vehicles  with  manned  payloads,  a control  takeover  capability  shall  be  provided  to 
the  payload. 

Maintainability  - Onboard  checkout  for  the  complete  tug/vehicle  is  a design  goal. 
Checkout  to  the  level  necessary  to  locate  failures  or  degraded  conditions  to  the  lowest 
replacement  unit  consistent  with  the  modular  astrionics  concept  is  required.  Support  from 
the  operational  base  is  provided  and  may  consist  of  supplying  spare  parts,  personnel  and 
equipment  for  replacing  components  or  an  entire  astrionic  module  and  assistance  in 
checkout  as  required.  In-flight  maintenance  is  to  be  limited  to  switching-in  redundant 
equipment. 

3.1 .8  Monitor  and  Control 

Mission  Control  (Earth,  Space  Station,  or  other  locations)  has  a responsibility  to 
schedule  and  to  monitor  and  control  mission  events.  Onboard  equipment  must  be  provided 
for  interchange  of  data,  receipt  and  execution  of  commands,  and  to  aid  ground  tracking 
stations. 

Most  missions  require  rendezvous  and  docking  operations.  For  the  terminal  rendezvous 
phase  and  the  docking  phase  where  the  tug  is  unmanned  and  the  target  is  manned,  a tug 
monitor  and  control  capability  shall  be  provided  to  the  target  vehicle  crew. 

3.1.9  Storage 

Between  missions  storage,  either  docked  to  a space  station/base  or  free  flying,  is 
required.  This  storage  may  be  either  powered-down  or  in  a quiescent  state,  as  required,  to 
withstand  the  space  environments,  provide  periodic  assurance  as  to  operational  status,  and 
to  permit  the  tug  to  go  from  the  storage  mode  to  operational  status  within  two  hours. 
Storage  periods  of  up  to  180  days  are  required.  For  the  lunar  landing  mission,  a storage  or 
quiescent  mode  is  required  for  up  to  42  days  (28  days  plus  14  day  contingency)  on  the 
lunar  surface. 

3.1 .10  Operational  Life 

The  reusable  space  tug  shall  have  a minimum  lifetime  goal  of  ten  years  or  the  capability 
of  being  reused  ten  times  before  major  refurbishment.  To  achieve  this  lifetime  goal, 
“as-required”  in-space  maintenance  is  considered  mandatory.  Major  refurbishment  may  be 
provided  by  returning  either  the  tug  or  astrionic  module  to  earth  base. 

The  operational  lifetime  of  the  astrionic  system  for  the  RNS  must,  as  a minimum  meet 
the  RNS  life  requirements  (presently  one  year  or  ten  missions).  Astrionics  maintenance 
support  required  to  provide  the  operational  lifetime  should  be  compatible  with  RNS 
maintenance  plans  and  facilities. 


3.1.1 1 Transport 


The  tug  is  to  be  transported  to  an  operating  base  using  an  EOS,  RNS,  or  the  four  stage 
Saturn  V.  For  EOS  transport,  the  astnonic  module  diameter  will  be  limited  to  fit  within  the 
EOS  cargo  bay  (less  than  1 5 feet  in  diameter). 

3.2  LUNAR  LANDING  MISSION  REQUIREMENTS 

The  lunar  landing  mission  is  used  to  illustrate  typical  astrionic  system  requirements  for 
the  space  tug.  Unique  requirements  of  other  design  missions  will  be  documented  in 
follow-on  study  reports. 

3.2.1  Navigation,  Guidance  and  Control  Requirements 

The  NG&C  requirements  were  derived  during  this  study  and  are  given  in  the  following 
paragraphs.  Also  for  clarity  the  following  definitions  are  used: 

Navigation  - Navigation  is  the  process  of  determining  the  state  (velocity  and  position) 
of  the  vehicle  with  respect  to  a selected  coordinate  system  and  vehicle  attitude  with  respect 
to  the  navigation  coordinate  system. 

Guidance  - Guidance  is  the  process  of  determining  vehicle  maneuvers,  engine  start  and 
cutoff  timing  and  engine  throttling  conditions  required  to  satisfy  a given  set  of  end 
conditions  defined  as  either  orbital  constraints  or  attitude  constraints. 

Control  - The  control  function  is  to  maintain  vehicle  stability  and  to  execute  guidance 
maneuvers  based  on  attitude  error  and  attitude  rate  error  signals  developed  by  the  guidance 
system.  Attitude  control  is  accomplished  by  gimballing  the  main  engine  or  firing  RCS 
engines  on  command. 

3.2.  LI  Phase  Independent  Requirements 
Navigation 

All  navigation  requirements  are  treated  as  phase  dependent  requirements  in  paragraph 

3.2. 1.2. 

Guidance 

All  guidance  requirements  are  treated  as  phase  dependent  requirements  in  paragraph 

3. 2. 1.2. 

Control 


• Attitude  and  translational  control  shall  be  provided  for  multiple  missions. 

• Capability  shall  exist  for  the  following  modes  of  attitude  and  translational  control 
for  both  normal  and  emergency  operational  modes  of  the  vehicle: 
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(1)  Manual  control 

(2)  Remote  operation 

(3)  Automatic  control 

• RCS  attitude  control  deadbands  shall  be  variable  to  at  least  two  settings,  fine  and 

coarse. 

• The  desired  system  deadbands  shall  be  set  by  remote  operation,  crew,  or 

automatically. 

3.2. 1.2  Phase  Dependent  Requirements 

( 1 ) Activation/Reactivation  Phase 

Navigation 

• Initialize  the  navigation  subsystem  with  a state  vector  (position  and  velocity) 
received  from  the  space  station.  This  state  vector  must  be  to  the  following 
accuracy:  Position  ± 2km,  Velocity  1 2m/sec. 

• The  attitude  reference  supplied  by  the  IMU  will  be  aligned  to  an  accuracy  of 
one  minute  of  arc  through  the  use  of  a star  tracker  located  either  on  the  IMU 
or  on  the  vehicle.  The  star  tracker  measures  the  inertial  angles  of  the  IMU  or 
vehicle  with  respect  to  two  cataloged  stars. 

Guidance 

There  are  no  guidance  requirements  during  this  phase. 

Control 

There  are  no  control  requirements  during  this  phase. 

(2)  Undocking  Phase 

Navigation 

• Compute  position,  velocity  and  attitude  with  respect  to  the  reference 
coordinate  system  through  the  use  of  the  IMU  to  an  accuracy  consistent 
with  requirements  of  subsequent  phases. 

• Maintain  attitude  reference  to  an  accuracy  of  10  arc  minutes. 

Guidance 

• After  undocking  has  occurred,  provide  attitude  con;.ol  commands  to: 

(1)  Stabilize  the  tug 


(2)  Transfer  the  tug  to  a station  keeping  position 

(3)  Control  the  tug  in  a station  keeping  position 

• To  minimize  collision  possibility  after  undocking: 

(1)  When  going  to  a higher  altitude  orbit,  separate  from  mating  vehicle  in 
direction  of  present  velocity  vector. 

(2)  When  going  to  a lower  altitude  orbit,  separate  from  mating  vehicle  in 
the  opposite  direction  of  present  velocity  vector. 

Control 

• Translational  control  shall  be  provided  via  RCS. 

• The  maneuver  is  not  time  critical  and  monitoring  of  precise  attitude  control 
following  separation  is  not  a requirement. 

• Separation  velocities  of  1 ft/sec  or  less  can  be  used  and  then  nulled  after 
separation  to  allow  the  crew  to  check  the  control  system  operation. 

• The  attitude  control  subsystem  shall  execute  guidance  commands  which  are 
functions  of  relative  attitude,  position,  and  rates  of  change  between  the  tug 
and  the  lunar  orbit  space  station. 

• The  attitude  control  subsystem  deadband  shall  be  set  to  TBD  (tentatively 

1 0.5°).  * 

• The  tug  shall  be  oriented  and  stabilized  in  preparation  for  the  transfer  burn. 

(3)  Orbital  Coast  Phase 

Navigation 

• Accept  navigation  update  and  store  in  computer. 

• Align  IMU  prior  to  each  navigation  update. 

During  orbital  coast,  prior  to  transfer  burn: 

• Update  the  tug  state  vector  by  using  a landmark  tracker  anu  orbital  altimeter 
(radar  or  laser)  as  inputs  to  a Kalman  filter  navigation  scheme  or  from  the 
MSFN  tracking  network.  The  accuracy  of  the  update  will  be:  Position 
- 2km,  Velocity  t 2 m/sec. 

• IMU  alignment  should  be  performed  within  one  hour  of  any  powered 
maneuver  in  order  to  maintain  an  accurate  (10  min  of  arc)  inertial  reference 
during  the  maneuver. 


Guidance 


• Provide  attitude  control  commands  to: 

( 1 ) Control  the  tug’s  attitude  during  the  coast  phase. 

(2)  Orient  the  tug  and  maintain  attitude  hold  for  engine  firing  for  the 
transfer  burn. 


Control 

• A minimum  impulse  limit  cycle  shall  be  established  in  all  three  axes  with  a 
wide  or  narrow  attitude  deadband. 

• The  wide  deadband  shall  nominally  be  equal  to  TBD  (tentatively  t 5.0°)  and 
the  narrow  deadband  shall  nominally  be  TBD  (tentatively  ± 0.5°)  about  each 
axis. 

• RCS  thruster  commands  shall  be  such  that  the  number  of  thruster  operations 
shall  be  minimized,  and  the  frequency  of  thruster  operation  shall  be  less  than 
TBD  (tentatively  7 pulses  per  second). 

(4)  Transfer  Burn 
Navigation 

When  the  angle  between  the  plane  of  the  tug  orbit  and  the  vector  from  the  center 
of  the  moon  to  the  landing  site  is  within  a predetermined  angle  and  the  central 
angle  between  the  landing  site  and  the  tug  is  between  170  and  190  degrees,  the 
tug  will  burn  into  a 9 NM  by  60  NM  elliptical  orbit. 

• Measure  transfer  burn  parameters. 

• Maintain  attitude  reference  to  an  accuracy  of  1 10  arc  minutes. 

Guidance  j 

• Issue  commands  to  start  and  shutdown  the  main  engine  and  to  control  the 
direction  of  vehicle  thrust  to  achieve  a 9 NM  by  60  NM  elliptical  orbit. 

Control  ] 

• TVC  shall  provide  pitch  and  yaw  attitude  control. 

• Engine  gimbal  position  and  rate  shall  not  exceed  TBD  (tentatively  t 6.0°  j 

and  t 0.2°/sec,  respectively). 

j 

• The  TVC  engine  shall  not  respond  to  frequencies  exceeding  TBD  Hz.  The  \ 

break  frequency  of  the  actuator  should  occur  at  a frequency  of  8 to  10  times  j 

the  control  frequency  of  the  system.  I 
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• The  attitude  control  system  shall  respond  to  guidance  commands  within  the 
design  limits  of  the  vehicle  and  engine  requirements. 

• Roll  control  shall  be  provided  by  RCS. 

(5)  Powered  Descent  and  Landing 

Navigation 

At  perilune,  the  powered  descent  to  the  lunar  surface  will  begin.  This  phase  will 
begin  at  9 NM  (55,000  feet)  altitude  and  continue  until  the  space  tug  has 
soft-landed  on  the  lunar  surface.  The  tug  may  be  manually  controlled  during  this 
phase.  There  are  three  subphases  associated  with  this  maneuver  which  are:  braking 
phase  - deorbit  from  9 x 60  NM  orbit  to  lunar  intersect  trajectory;  approach 
phase  - approach  to  landing  site  using  throttleable  engine;  landing  phase  - final 
approach  and  landing. 

• Compute  velocity  and  position  with  a sufficient  accuracy  to  land  the  tug 
within  a radius  of  1 .5  NM  of  the  landing  site  with  a landing  velocity  less  than 
or  equal  to  1.5  ft/sec.  The  tug  state  vector  will  be  updated  using  a landing 
radar  and  IMU  accelerometer  measurements  as  inputs  to  a Kalman  filter 
navigation  update  scheme. 

• Maintain  attitude  reference  to  an  accuracy  of  t 10  minutes  of  arc. 

Guidance 

• Issue  commands  to  properly  initiate  and  terminate  main  engine  bum  for 
descent  to  lunar  surface. 

• Provide  attitude  control  commands  to  control  the  tug’s  engine  thrust  during 
the  burn  and  to  control  vehicle  attitude  during  coast  phases  while  descending 
to  the  lunar  surface. 

• Provide  engine  throttle  commands  as  required  to  properly  control  the  tug’s 
trajectory  to  the  desired  lunar  landing  site. 

• Accomplish  one  of  the  following: 

( 1 ) Guide  the  tug  to  a lunar  landing  with  a guidance  error  less  than  0.1  NM 
radius  of  a predetermined  site  for  landing  without  a beacon. 

(2)  Guide  the  tug  to  a lunar  landing  with  a guidance  error  of  less  than  0.01 
NM  radius  of  a predetermined  site  for  landing  with  a beacon. 

• Guide  the  tug  to  the  desired  lunar  landing  site  such  that  the  tug’s  velocity 
relative  to  the  moon  is  zero  at  an  altitude  of  5.0  feet. 


Control 


• Thrust  vector  alignment  to  the  engine  reference  line  shall  be  within  TBD 
degrees  (3 o;  tentatively  t 0.5°). 

• At  engine  start,  thrust  level  gimbal  deflection  uncertainty  shall  not  exceed 
TBD  degree  (3a;  tentatively  t 0. 1 °). 

• Thrust  vector  angular  deviation  from  zero  thrust  position  due  to  gimbal 
deflection  shall  not  exceed  TBD  degrees  (3a;  tentatively  ± 0.75°)  when 
engine  is  operating  at  full  throttle. 

• Pitch,  yaw,  and  roll  attitude  control  shall  be  accomplished  using  the  RCS 
and/or  TVC. 

• During  manual  operation,  the  crew  shall  be  provided  with  attitude  rate 
command  capability.  The  commanded  rates  will  be  summed  with  the  vehicle 
rate  signal,  and  the  attitude  error  input  will  be  disconnected  from  guidance 
and  shorted  to  low  side  externally.  When  the  vector  sum  of  the  attitude  rates 
about  all  axes  goes  below  TBD  (tentatively  1 .0°/seo),  the  vehicle  attitude  at 
that  time  shall  be  held  by  means  of  RCS  thruster  commands. 

• Response  time  to  crew  commanded  rates  shall  be  less  than 

AO 2/a2  + TBD  (tentatively  0.2  sec) 

A$2  = absolute  value  of  the  difference  between  the  constant 

command  rate  and  the  initial  vehicle  rate. 

&2  - ratio  of  RCS  torque  to  rigid  body  inertia. 

• The  final  vehicle  rate  shall  be  within  TBD  (tentatively  + 0.4°/sec)  of 
commanded  rate. 

• When  the  manual  controller  is  dropped  ;nto  detent,  the  maximum  time  fer 
the  vector  sum  of  the  attitude  rates  about  all  axes  to  go  below  TBD 
(tentatively  1 .0°/sec)  shall  not  exceed: 

• - -■ 1 + TBD  (tentatively  0.2  sec) 


Aej  = difference  in  two  above  rates 

al  = ratio  of  RCS  engine  torque  to  rigid  body  inertia. 

• Attitude  rates  from  manual  rate  commands  shall  range  nominally  from 
+TBD  (tentatively  +20°/sec)  to  -TBD  (tentatively  -20°/sec)  about  each  axis. 

• The  main  engine  throttling  commands  shal*  be  such  that  the  vehicle  rate  of 
descent  along  the  calculated  local  vertical  is  maintained  at  the  desired  rate. 
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• Incremental  changes  in  the  rate  of  descent  shall  be  commanded  by  means  of 
discretes,  each  discrete  representing  an  incremental  change  of  TBD 
(tentatively  1 .0)  ft/sec. 

• Discretes  shall  be  available  to  command  positive  or  negative  acceleration 
along  each  axis  via  the  RCS. 

(6)  Deactivation  Phase 

There  are  no  NG&C  functions  during  this  phase  except  those  associated  with 

checkout. 

(7)  Activation  Phase 

Navigation 

• Alignment  of  the  IMU  will  be  accomplished  by  Signing  the  longitudinal  axis 
to  the  lunar  local  gravity  using  IMU  accelerometer  outputs.  Azimuth 
alignment  is  determined  by  measuring  the  angular  relationship  of  the  IMU 
yaw  axis  with  respect  to  two  cataloged  celestial  stars.  The  azimuth  of  the 
space  stations  orbit  with  respect  to  the  landing  site  at  the  proposed  liftoff 
time  is  calculated  with  reference  to  the  same  celestial  stars  and  transmitted 
to  the  space  tug  on  the  lunar  surface.  The  space  tug  then  commands  the  yaw 
axis  into  the  space  station  orbit  plane  in  the  downrange  direction. 

• The  space  tug  state  vector  is  updated  while  on  the  lunar  surface  by  one  of 
the  following  means: 

The  position  and  velocity  of  the  space  tug  at  the  time  of  liftoff  is 
transmitted  to  the  space  tug  from  either  the  space  station  or  mission 
control  on  the  earth. 

- The  space  tug  receives  signals  from  orbiting  space  station  or  earth  and 
computes  its  astronomical  position  from  this  data. 

- The  space  tug  calculates  its  astronomical  position  using  the  guidance 
computer  whose  inputs  are  the  known  lunar  landing  site  location  and 
prestored  ephemeris  table  locations  of  the  moon  with  respect  to  the 
selected  inertial  references. 


Guidance 

There  are  no  guidance  requirements  for  this  phase. 
Control 


There  are  no  control  requirements  for  this  phase. 


(8)  Powered  Ascent  Phase 


Navigation 

A 6 to  10  minute  burn  of  the  space  tug  will  place  the  tug  in  a 9 NM  by  45  NM 
elliptical  orbit.  There  are  two  subphases  associated  with  the  powered  ascent  burn 
which  are:  vertical  ascent  and  azimuth  rotation  to  place  yaw  axis  down  range  and 
guidance  commanded  pitch-over  to  attain  desired  orbit. 

• Measure  ascent  burn  velocity  and  position  accuracy  to  1 4 m/sec  and  ± 4 km 
respectively.  ' 


• Maintain  attitude  reference  accuracy  to  1 10  minutes  of  arc. 

Guidance 

• Issue  commands  to  properly  initiate  and  terminate  main  engine  bum  for 
ascent  from  the  lunar  surface. 

• Provide  attitude  control  commands  and  engine  throttle  commands  to  control 
the  tug  s engine  thrust  during  the  ascent  burn  to  lunar  orbit. 

® Guide  the  tug  to  a 9 x 45  NM  orbit  with  apolune  and  perilune  varying  by  no 
more  than  ± two  kilometers  from  the  above  specified  values. 

Control 

Control  system  requirements  are  same  as  those  for  the  powered  descent  phase. 

(9)  Orbital  Coast  Phase 

Navigation 


The  space  tug  will  coast  to  apolune  where  a coelliptic  circularization  burn  will  be 
initiated.  During  this  phase,  the  onboard  systems  will  be  monitored  and 
configured  for  the  next  burn. 

• Perform  navigation  update 

• Align  1MU 
Guidance 

9 Provide  attitude  control  commands  to: 

( 1 ) Control  the  tug’s  attitude  during  the  coast  phase. 

(2)  Orient  the  tug  and  maintain  attitude  hold  for  engine  firing  to  circularize 
at45NM. 
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Control 


Control  requirements  are  same  as  for  the  first  coast  phase. 

(10)  Orbit  Circularization  and  Plane  Change 
Navigation 

When  the  tug  has  reached  apolune  of  the  elliptical  ascent  orbit,  the  tug  will  be 
placed  into  a coelliptic  45  NM  circular  orbit. 

• Measure  coelliptic  circularization  burn  parameters. 

• Maintain  attitude  reference  to  an  accuracy  of  i 10  arc  minutes. 

The  space  tug  will  coast  in  this  circular  orbit  until  the  nodal  intersection  between 
the  plane  of  the  space  station  orbit  and  the  plane  of  the  tug  orbit  is  reached.  A 
plane  change  maneuver,  if  required,  will  then  be  performed. 

• Perform  navigation  update 

• Align  IMU 

At  the  node  between  the  space  station  and  tug  orbits  a tug  burn  will  correct  for 
any  inclination  between  the  two  orbits. 

• Measure  out-of-plane  burn  parameters. 

• Maintain  attitude  reference  to  an  accuracy  of  i 10  arc  minutes. 

The  space  tug  will  continue  to  coast  until  one-half  orbit  after  the  coelliptic 
circular  bum,  where  the  tug  will  burn  into  a constant  delta  height  (CDH)  orbit 
with  respect  to  the  space  station  orbit. 

• Perform  navigation  update 

• Align  IMU 

The  space  tug  is  placed  into  a constant  delta  height  orbit  with  respect  to  the  space 
station. 

• Measure  burn  parameters. 

• Maintain  an  attitude  reference  to  an  accuracy  of  i 10  arc  minutes. 

The  space  tug  will  coast  in  the  CDH  orbit  until  the  central  angle  between  the 
space  station  and  the  tug  is  1 70  to  1 90  degrees. 

• Perform  navigation  update 

• Align  IMU 
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Guidance 


Guidance  requirements  for  the  burn  phases  are  the  same  as  the  first  bum  phase 
and  listed  in  paragraph  (3).  The  coast  phases  are  the  same  as  the  first  coast  phase 
and  listed  in  paragraph  (4). 

Control 

Control  requirements  are  the  same  as  those  listed  in  paragraph  (4)  for  the  bum 
phase.  Coast  phase  requirements  are  the  same  as  those  listed  in  paragraph  (3). 

(11)  Rendezvous  Phase 

Navigation 

When  the  central  angle  between  the  tug  and  the  space  station  is  between  1 70  and 
1 90  degrees,  the  tug  will  bum  into  '*  transfer  orbit  to  rendezvous  with  the  space 
station. 

• Measure  transfer  bum. 

• Maintain  an  attitude  reference  to  an  accuracy  of  1 10  arc  minutes. 

The  space  tug  will  coast  to  the  midpoint  of  the  transfer  orbit  where  a midcourse 
correction  will  be  performed. 

• Acquire  space  station  with  rendezvous  radar  and  provide  range,  range  rate, 
line-of-site  angle,  and  line-of-site  angle  rate  as  follows: 

— Range  accuracy  t 0.5%  or  1 .0  meter 

- Range  rate  accuracy  t 0.5%  or  0. 1 meter/sec 

- Line  of  site  ( LOS ) accuracy  10.1° 

- LOS  rate  accuracy  t 0. 1 °/sec 

• Align  IMU. 

At  the  midpoint  of  the  transfer  orbit,  the  transfer  orbit  will  be  corrected  by  a 
midcourse  correction  burn. 

<»  Measure  midcourse  correction  bum  parameters. 

• Maintain  attitude  reference  to  an  accuracy  of  1 10  arc  minutes. 

The  space  tug  will  coast  until  final  phase  rendezvous. 

o Continuous  update  of  tug  state  vector. 


The  space  tug  will  brake  into  a station  keeping  altituuv  «vith  respect  to  the  space 
station.  This  phase  consists  of  placing  the  tug  at  a range  of  1000  meters  from  the 
space  station  with  a relative  velocity  of  less  than  5 ft/sec. 

• Measure  braking  maneuver  burn. 

9 Updau  the  tug  state  vector  with  respect  to  the  space  station  using  a 
rendezvous  radar  or  laser. 

• Maintain  attitude  control  within  t 10  arc  minutes. 

Guidance 

Gross  Rendezvous: 

• initiate  and  perform  guidance  to  accomplish  a burn  to  circularize  the  tug  in  a 
45  NM  orbit  and  subsequently  to  initiate  short  burns  and  coast  periods  to 
maneuver  the  tug  to  a coelliptic  orbit  approximately  15  NM  below  the  LOSS 
by: 

(a)  Issuing  commands  to  initiate  and  terminate  main  engine  burns. 

(b)  Providing  attitude  control  commands  to  control  the  tug’s  engine  thrust 
and  attitude  during  burn  and  coast  periods. 

(1)  Guidance  during  coast  periods  will  consist  of  maintaining  either  a 
locally  or  inertially  referenced  attitude  as  determined  by  a 
preprogrammed  sequence. 

(2)  Guidance  during  thrusting  phases  will  be  closed  loop  using 
appropriate  guidance  laws  for  circularization  and  phasing 
(assuming  optimum  launch  windows).  The  guidance  system  will 
contain  the  capability  to  operate  in  an  automatic  mode  or  by 
manual  crew  control. 

Terminal  Rendezvous: 

• This  mission  phase  begins  at  some  variable  time  after  the  circularization  bum 
to  place  the  tug  15  NM  below  the  target  vehicle  and  includes  the  necessary 
maneuvers  to  achieve  an  adequate  relationship  to  begin  docking. 

(a)  Guidance  will  be  closed  loop  using  a given  reference  system  and 
rendezvous  radar  as  sensors  for  targeting  updates. 

(b)  A burn-coast-burn  capability  will  be  included  to: 

( 1 ) Begin  the  transfer. 

(2)  Make  two  midcourse  corrections. 
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(3)  Final  circularization. 


(c)  The  terminal  rendezvous  period  will  end  when  the  separation  distance 
between  the  tug  and  target  vehicle  is  reduced  to  approximately  1 NM. 

Control 

Control  requirements  are  the  same  as  for  the  previous  burn  and  coast  phases. 

(12)  Docking  Phase 
Navigation 

A short  series  of  burns  will  place  the  tug  in  the  proper  attitude  with  the  desired 
rate  to  automatically  dock  the  tug  with  the  space  station. 

• Measure  range,  range  rate,  and  attitude  with  respect  to  the  space  station  as 
follows: 

Range  accuracy  ± 0.5%  or  I meter 

- Range  rate  accuracy  ± 0.5%  or  0.1  meter/sec 

- Angular  position  accuracy  t 4.0  degrees 
Angular  rate  accuracy  1 0.5  deg/sec 

Guidance 

• Begin  guiding  the  tug  to  the  target  at  a distance  of  not  less  than  1 NM  from 
the  target.  The  docking  procedure  shall  consist  of  two  phases.  The  first  phase 
shall  consist  of  guiding  the  vehicle  from  a 1 NM  range  to  within  a distance  of 
1 00  feet  at  a relative  velocity  of  less  than  0.5  ft/sec.  During  this  phase,  range 
rate  will  be  maintained  as  a function  of  range. 

• The  second  phase  will  guide  the  tug  to  impact  with  the  target  vehicle  such 
that  at  impact  the  range  rate  is  less  than  1 ft/sec,  the  lateral  rate  is  less  than 
0.5  ft/sec,  and  the  lateral  displacement  is  less  than  1 foot. 

• Attitude  commands  will  be  issued  such  that  at  impact  the  alignment  error  is 
less  than  four  degrees  and  the  attitude  rate  relative  to  the  target  is  less  than 
0.5  deg/sec  in  each  axis  (pitch,  roll,  and  yaw). 

Control 


• The  attitude  and  translational  control  shall  be  accomplished  within  the 
following  constraints. 

(1)  Maximum  closing  velocity  - TBD  (tentatively  between  0.5  and  2 0) 
ft/sec. 

(2)  Maximum  lateral  offset  - TBD  (tentatively  between  5 and  18)  inches. 
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(3)  Maximum  lateral  rate  - TBD  (tentatively  between  0.1  and  0.75)  ft/sec. 

(4)  Maximum  alignment  angle  - TBD  (tentatively  between  5 and  10) 
degrees. 

(5)  Maximum  angular  rate  - TBD  (tentatively  between  0.25  and  1.0) 
degrees/sec. 

• The  attitude  and  translational  control  system  shall  respond  to  commands 
issued  dependent  upon  relative  attitude,  position,  and  rates  of  change 
between  the  tug  and  the  LOSS. 

• The  required  commands  shall  be  issued  to  the  RCS. 

• In  contrast  to  undocking,  the  maneuver  may  be  time  critical  and  monitoring 
of  precise  attitude  and  translational  control  is  a requirement. 

• The  attitude  control  subsystem  deadband  shall  not  exceed  TBD  (tentatively 
: 0.5 ) degrees. 

3.2.2  Supporting  Subsystems  Requirements 

The  navigation,  guidance  and  control  subsystem  functional  requirements  and  minimum 
performance  requirements  are  mission  and  mission  phase  dependent.  The  functional 
requirements  of  several  of  the  astrionic  subsystems  are  not  necessarily  mission  dependent 
but  are  mission  phase  (e.g..  boost,  coast,  storage,  etc.)  dependent.  These  subsystems  or 
functions  include: 

(a)  Data  Monitoring  and  Reporting 

<b>  Command 

(c)  Tracking 

Id)  Sequencing 

( e t Power  General  ion 

If)  Power  and  Signal  Distribution 

(g)  Structures.  Mounting  and  Packaging 

<h>  Checkout 

3.2.2. 1 Data  Monitoring  and  Reporting 

A data  monitoring  and  reporting  fund  urn  shall  be  provided  to  permit  the  mission 
control  personnel  (crew  or  ground)  to  monitor  and  evaluate  vehicle  performance  at  major 
decision  points  in  the  mission.  The  data  monitoring  and  reporting  function  shall  be  capable 
of  monitoring  all  critical  vehicle  parameters  and  reporting  and/or  displaying  the  resulting 
data  to  the  users. 


The  voice  and  telemetry  transmission  shall  be  compatible  with  all  space  resident 
vehicles,  a data  relay  satellite  system  and  the  MSFN  and  Deep  Space  receiving  and  data 
processing  networks  with  respect  to  frequency,  data  rates,  and  modulation  techniques.  Pulse 
Code  Modulation  (PCM)  and/or  Frequency  Modulation  (FM)  shall  be  used  for  the 
operational  measurements.  The  maximum  PCM  error  rate  shall  be  (TBD). 

The  vehicle  transmitting  antennas  shall  be  located  to  provide  adequate  communications 
capability  with  a minimum  of  antenna  pointing  control.  The  communications  equipment 
shall  have  a minimum  transmitting  distance  of  a few  feet  to  a maximum  distance  from  the 
earth  to  the  moon.  The  transmitting  antenna  shall  have  a minimum  beamwidth  of  (TBD). 

The  analog  data  accuracy  shall  be  a minimum  of  i 5%  of  the  full  scale  measurement 
range.  The  repeatability,  or  maximum  difference  in  calibration  points  found  in  a series  of 
repeated  calibrations  under  the  same  test  conditions,  shall  not  exceed  25  mvdc  nominal. 

3. 2. 2. 2 Command 

The  command  uplink  subsystem  is  the  onboard  receiver(s)  used  for  real-time  command 
capability  and/or  remote  vehicle  control  for  various  missions.  The  commands  may  be 
generated  and/or  initiated  from  ground  control  or  from  other  space  vehicles. 

The  requirements  for  the  command  function  for  the  space  tug  are  as  follows: 

(1)  The  command  uplink  function  shall  receive  uplink  data,  demodulate/decode  it. 
verify  it,  determine  the  system  to  which  it  is  destined,  and  direct  it  to  that 
system. 

(2)  The  command  uplink  function  shall  have,  as  a minimum  the  capability  to  provide 
timing  updates,  navigation  and  guidance  function  updates,  and  switching 
commands  to  the  tug  data  management  system. 

(3)  The  command  uplink  function  shall  have  the  capability  to  provide  data  to  the 
crew  (if  manned)  or  the  initiator  of  the  command  to  monitor  and  evaluate  vehicle 
reaction  during  the  command  execution  process. 

(4)  The  probability  of  the  command  uplink  function  to  process  erroneous  or  invalid 
commands  shall  be  less  than  or  equal  to  (TBD)  for  individual  commands  to  the 
tug.  This  assumes  valid  and  correct  information  is  transmitted  to  the  tug. 

(5)  The  command  function  shall  be  independent  of  other  space  vehicles  and  shall  be 
compatible  with  ground  and  space  vehicle  command  stations. 

3.2. 2.3  Tracking 

Tracking  is  the  function  of  determining  the  vehicle  rate  of  change  of  position  and/or 
position  by  the  use  of  a source  external  to  the  space  vehicle.  It  also  applies  to  onboard 
tracking  aids  used  to  determine  other  vehicle  or  object  rate  of  change  and/or  position 
relative  to  the  source  vehicle. 
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Although  autonomous  operation  ot'  the  tug  is  a desired  design  feature,  external 
tracking  of  the  space  tug  is  required  to  determine  the  position  and  velocity  of  the  tug  by 
ground-based  external  tracking  or  space-based  vehicle  tracking.  The  ground-based  tracking  is 
required  to  aid  the  tug  during  unmanned  missions  and  as  a backup  to  the  tug  navigation 
system.  Tracking  by  other  space  elements,  such  as  the  space  station  is  required  by  the  space 
vehicle  to  aid  the  tug  in  rendezvous  and  docking  and  for  collision  avoidances.  The  tracking 
aids  on  the  tug  must  be  compatible  with  space  and  ground-based  tracking  systems. 

3. 2. 2. 4 Sequencing 

Sequencing  is  the  process  of  determining  the  order  and  the  time  of  commanding  the 
execution  of  events  (both  internal  and  external  to  the  sequencing  subsystem),  critical 
mission  timing  and  the  operation  of  some  vehicle  equipment. 

The  sequencing  function  shall  be  capable  of  meeting  the  following  requirements: 

1 1 ) To  sequence  time-dependent  events,  a clock  reference  signal  whose  frequence 
instability  does  not  exceed  I 2 parts  per  million  shall  be  provided. 

<2)  The  capability  to  accumulate,  access,  and  display  elapsed  mission  phase  and/or 
subphase  time  shall  exist. 

(3)  The  capability  to  sequence  events  relative  to  the  recognition  of  other  mission 
critical  events. 

(4)  The  capability  to  recognize,  determine  and  command  events  both  internal  and 
external  to  the  astrionic  system  shall  exist. 

(5)  Sequencing  shall  he  performed  consistent  with  the  vehicle  systems  configurations 
and  timing  accuracy  requirements. 

(h)  The  capability  shall  exist  to  sequence  manually,  automatically  or  through  the 
space  tug  command  subsystem. 

(7)  The  capability  shall  exist  to  sequence  functions  as  required  to  assist  the  checkout 
and  maintenance  functions. 

(8)  The  capability  shall  exist  to  vary  the  time  for  initiating  certain  operations  (such  as 
undocking). 

3. 2. 2. 5 Power  Generation 

The  power  generation  subsystem  shall  furnish  suitable  electrical  power  for  satisfactory- 
operation  of  ail  or  a portion  of  the  various  subsystems.  A sufficient  quantity  of  cieeTrical 
energy  shall  be  supplied  to  enable  the  satisfactory  completion  of  the  mission. 

The  requirements  which  follow  are  written  without  regard  to  mission  phase. 

9 The  power  generation  function  shall  contain  a primary  electrical  power  source 
which  shall  generate  a suitable  direct  current  voltage  to  power  most  or.  if  no 
special  voltages  are  required,  all  astrionic  system  components/subsystems.  Primary 
source  capacity  shall  be  sufficient  to  permit  successful  completion  of  all  mission 
phases. 
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• The  power  generation  function  shall  contain,  if  necessary,  special  electrical  power 
devices  which  shall  convert  the  power  furnished  by  the  primary  source  to  a form 
required  by  certain  components/subsystems. 

• The  power  generation  function  shall  exhibit  the  capability  of  detecting  electrical 
faults,  such  as  electrical  shorts,  and  isolating  these  faults  such  that  no  excessive 
electrical  transients  are  generated  or  without  excessive  drainage  of  primary 
electrical  power. 

• The  primary  power  source  shall  be  compatible  with  external  power  sources. 

• The  primary  power  source  shall  be  capable  of  acting  as  a standby  or  backup 
power  source  whenever  external  power  sources  are  used. 

• The  primary  power  source  shall  be  capable  of  being  operated  in  the  following 
manner  without  excessive  electrical  transients  being  generated: 

( 1 ) Switching  the  astrionics  from  external  to  internal  power  and  back  again. 

(2)  When  powering  up  or  powering  down  the  astrionics  while  on  internal 
primary  power. 

• The  power  generation  function  shall  contain  a primary  power  source  capable  of 
being  placed  in  a quiescent  state,  remaining  in  the  quiescent  state  for  up  to  42 
days,  and  then  being  reactivated  to  full  operating  condition.  The  quiescent  state 
shall  be  characterized  by  a minimum  rate  of  energy  consumption. 

e The  primary  power  source  shall  be  capable  of  being  reactivated  or  replaced  during 
scheduled  maintenance  phases. 

3. 2. 2. 6 Power  and  Signal  Distribution 

The  power  and  signal  distribution  subsystem  distributes  electrical  power  to  the  various 
components  comprising  the  astrionic  system  and  routes  signals  between  these  electrical 
components. 

The  requirements  that  follow  are  written  without  regard  to  mission  phase. 

• This  subsystem  shall  distribute  electrical  power  to  the  various  components 
comprising  the  astrionic  system. 

• This  subsystem  shall  route  analog,  digital  and/or  discrete  electrical  signals  between 
components  comprising  the  astrionic  system. 

• To  facilitate  maintenance  and  checkout,  flexibility  shall  be  provided  through  the 
use  of  electrical  distributors,  as  required. 

• This  subsystem  shall  provide  switching,  both  momentary  and  latching,  to 
facilitate  sequencing  and  signal  substitution  for  redundant  functions,  checkout, 
and  powering  up  and  powering  down  of  components. 
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Provision  shall  be  made  to  switch  between  external  and  internal  power. 


• This  subsystem  shall  provide  a means  by  which  the  onboard  astrionics  can 
interface  with  external  systems  for  monitoring,  checkout,  and  data  input/output 
functions.  Such  astrionics  umbilical  connections  are  required  for: 

( 1 ) Launch  pad  operations  prior  to  launch. 

(2)  Space  Station  operations  while  in  orbit. 

(3)  RNS  operations  while  the  tug  and  RNS  are  docked. 

3. 2. 2. 7 Structures.  Mounting  and  Packaging 

This  subsystem  includes  all  secondary  structures,  component  mounting  bracketry  and 
component  packaging  required  to  install  the  astrionic  subsystems  in  the  space  tug. 

<1)  Primary  Structures  - Defined  as  the  major  load  bearing  shell  and  framework  of 
the  stage. 

(2)  Secondary  Structures  - Defined  as  astrionic  equipment  mounting  panels,  plates 
or  stringers  which  bolt,  rivet,  bond.  etc.,  to  the  primary  structure. 

(3)  Component  Mounting  Bracketry  - Defined  as  the  brackets  or  mounts  used  to 
attach  the  individual  component  to  the  secondary  structure. 

(4)  Component  Packaging  - Defined  as  the  exterior  housing  or  container  used  to 
protect  or  contain  the  astrionic  hardware. 

The  primary  structure  must  provide  its  load  carrying  function  plus  the  following 
additional  functions  and/or  conditions: 

• Loads  environments 

• Equipment  mounting 

• Accessibility 

• Environmental  protection 

• Modular  interface 

• Weight 

Preliminary  requirements  for  the  primary  structure  are  given  in  Appendix  I of  this 
report. 

The  secondary  structures,  component  packaging,  and  component  mounting  bracketry 
shall  be  designed  to  a TBD  (tentatively  I . I ) yield  factor  of  safety,  or  a TBD  (tentatively  1 .4) 
ultimate  factor  of  safety,  whichever  governs. 


The  only  phase  dependent  requirements  are  those  associated  with  the  maintenance 
phases  of  the  mission  which  contain  maintenance  requirements. 

• Access  shall  be  provided  to  the  astrionics  to  facilitate  servicing  and  maintenance 
of  astrionic  equipment. 

• Maintenance  actions  shaii  be  remove-and-re place  operations.  These  operations 
shall  be  conducted  in  a TBD  environment.  (Possible  environments  are  pressurized 
environments  in  which  space  suits  would  not  be  required  or  unpressurized 
environments  in  which  space  suits  would  be  required.) 

• Astrionic  system  layout  shall,  as  a goal,  minimize  maintenance  time.  Special 
attention  shall  be  directed  toward  reducing  to  a minimum  the  number  of 
components  resulting  in  maintenance  actions  which  will  consume  more  than  TBD 
hours  of  elapsed  time  from  malfunction  detection  through  maintenance  and 
checkout. 

• Astrionic  component  layout  shall  be  such  that  (1)  components  are  easily 
accessible  and  (2)  the  remove-and-replace  operations  will  cause  minimum 
disturbance  to  adjacent  equipment. 

• Astrionic  component  mounting  methods  shall  be  designed  to  minimize  the 
number  of  special  tools  and/or  procedures  required  for  the  remove-and-replace 
operation. 

• Component  packaging  envelope  configurations  shall  meet  the  following 
requirements: 

(1)  Equipment  shall  be  packaged  in  units  that  will  not  exceed  TBD  (tentatively 
20)  inches  x TBD  (tentatively  25)  inches  x TBD  (tentatively  40)  inches. 

(2)  Friction  hinges  shall  be  utilized  so  that  hinged  devices  will  remain  as 
positioned  by  the  crew. 

(3)  Each  transferable  component  shall  have  a minimum  of  one  hand  hold  and 
one  tether  attach  point.  The  attach  points  shall  be  in  as  close  proximity  to 
the  center  of  the  container  as  possible  and  in  line  with  the  center  of  mass  in 
the  direction  of  transfer. 

(4)  Forces  for  manual  release  systems  shall  not  exceed  TBD  (tentatively  25) 
pounds  lateral  force  or  TBD  (tentatively  45)  pounds  pull. 

(5)  For  purposes  of  identification,  components  shall  be  marked  and/or  color 
coded. 

3. 2. 2. 8 Checkout 

Checkout  includes  the  process  of  determining  the  operational  capability  of  the  vehicle, 
diagnosing  malfunctions,  and  reverification  of  operational  status  after  a repair  sequence. 
Checkout,  as  discussed  here,  includes  pre-flight  or  pre-mission  checkout,  and  operational 
checkout  as  required  in  various  mission  phases. 
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A basic  design  goal  for  the  space  tug  is  autonomous  operation.  The  autonomous 
operation  includes  checkout  capabilities.  Therefore,  a design  goal  for  the  checkout  system  is 

equipment  y °f  Check°Ut  of  the  system  indePendent  of  external  controls  or  monitoring 


The  following  terms  are  defined  to  indicate  the  effects  of  certain  item  failures  on  the 
mission  and  to  establish  a baseline  for  capability  of  the  checkout  system: 

( 1 ) Criticality  I failures  - Jeopardize  the  safety  of  the  crew. 

(2)  Criticality  II  failures  - Cause  primary  mission  abort. 


(3)  Criticality  II!  failures  - Cause  reduction  in  fulfilling  mission  objectives. 

The  following  requirements  are  independent  of  mission  phase: 

( 1 ) Detection  of  a critical  malfunction  shall  result  in  switching  to  an  alternate  unit, 
module,  path,  or  method  to  complete  the  mission  successfully.  Crew  and  Mission 
Control  alert  shall  be  provided. 


(2) 


Monitoring  parameters  for  trends  and  determining  a prediction  of  the  time  that  an 
unsatisfactory  condition  will  exist  shall  be  considered  for  incorporation.  The 
capability  shall  exist  to  alert  the  crew  and  Mission  Control  of  equipment 
degradation  or  potential  equipment  failures. 


(3)  A 


preset  testing  sequence  using  operational  inputs  as  stimuli  and  analyzing 
outputs  shall  be  provided. 


(4>  A preset  testing  sequence  using  test  stimuli,  either  generated  internally  or 
externally,  to  the  unit  and  analyzing  outputs  shall  be  provided. 

(5)  Programs  necessary  for  diagnostic  testing  using  data  obtained  from  a number  of 

sources  shall  be  provided.  Diagnostic  testing  is  required  when  the  cause  of  a 

problem  is  not  readily  apparent  from  the  individual  monitor  points.  Diagnostic 

testing  consists  of  analyzing  symptoms  or  trends  from  interrelated  test  results  and 

5VoiT"*ng  lh.C  naturc  01  l,lc  causc*  Fau,t  isolation  to  the  lowest  replaceable  uni! 
(LhU)  is  a goal. 


(b)  The  checkout  function  shall  provide  a capability  of  checking  the  entire  tug 
< us t riomes  plus  other  modules  and  payload  systems)  by  monitoring  parameters 
and  comparing  the  values  against  preset  limits  or  expected  sequence  of  events. 

( 7 ) The  checkout  function  shall  be  capable  of  remote  activation  and  monitoring. 

(8)  The  checkout  Junction  shall  be  so  designed  as  to  not  adversely  affect  the 
component  or  system  under  test. 


(9)  Onboard  vehicle  checkout  equipment  and  techniques  shall  be  compatible  with 
existing  launch  and  mission  support  facilities. 
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(10)  The  checkout  function  shall  be  designed  to  detect  all  failures  where  practical. 
Criticality  I and  II  items  shall  be  failure  detectable  to  the  maximum  extent 
possible. 

The  following  paragraphs  contain  the  checkout  functional  requirements  peculiar  to 
each  phase  of  the  mission: 

Reactivation  or  Power-up  - the  checkout  function  must  perform  a complete  checkout 
of  the  space  tug  subsystems.  Testing  will  include  complete  end-to-end  testing  for  all 
subsystems.  Redundant,  backup,  and  alternate  paths  shall  be  tested  when  practical. 

Flight  Phases  - The  checkout  function  will  monitor  operational  parameters  necessary 
to  determine  the  operational  status  of  the  space  tug.  Limit  checks,  reasonableness  tests, 
trend  analysis,  and  detection  of  built-in  alarm  indications  will  be  utilized.  End-to-end 
testing  of  propulsion  subsystems  shall  occur  prior  to  engine  bums.  Emphasis  of  the 
testing  will  be  on  navigation,  tracking  and  propulsion  equipment/subsystems. 

Deactivation  - Prior  to  deactivation,  a complete  checkout  as  described  earlier  will  be 
performed.  Any  anomalies  noted  during  previous  phases  will  be  investigated  and 
resolved.  The  checkout  function  shall  then  be  deactivated  except  for  that  portion 
required  to  support  any  system  functions  still  active. 

3.3  ASTRIONIC  SYSTEM/TUG  OPERATIONS  INTERFACE 

The  interface  of  astrionic  system  functions  in  overall  space  tug  operations  is  assessed 
relative  to  a functional  flow  diagram. 

A top  level  Functional  Flow  Diagram  for  typical  tug  operations  is  shown  in  Figure  3-2. 
The  major  system  elements  included  in  this  functional  flow  in  addition  to  the  space  tug  are: 

(a)  Transport  System  - Vehicles  for  transporting  the  space  tug  to  its  operational 
station  may  be  an  EOS  or  a Saturn  V derivative  for  transport  to  LEO.  For  the 
LPO  operations,  the  transport  system  may  be  an  EOS  and  RNS  or  a four  stage 
Saturn  V vehicle. 

(b)  Operational  Base  - The  operational  base  provides  necessary  assistance  and  logistic 
support  for  the  preparc-for-mission  operations  and  includes  such  1 unctions  as 
maintenance,  fueling,  and  reconfiguration  of  the  tug,  as  required,  for  the  assigned 
mission. 

(c)  Mission  Control  - A monitor  and  control  function  is  required  to  schedule  and 
monitor  the  tug  missions.  Mission  Control  may  be  at  an  earth  base  or  at  a space 
station.  For  some  missions  navigation  data  will  be  required. 

The  following  paragraphs  relate  the  astrionic  system  preliminary  functional 
requirements  to  tug  synchronous  orbit  mission  operations.  These  functional  requirements 
are  presented  in  chronological  order  within  the  functional  flow  diagram  (Figure  3-2)  blocks 
as  follows: 


Functional 


ill 


D 

LI 

0 

D 


(a)  Prepare  for  Mission  (tug  function  4) 

(b)  Perform  Outbound  Maneuvers  (tug  function  2) 

(c)  Perform  Target  Orbit/Station  Operations  (tug  function  i ) 

(d)  Prepare  for  Return  Mission  Phase  (tug  function  5) 

(e)  Perform  Inbound  Maneuvers  (tug  function  3) 

(0  Provide  Storage  Operations  (tug  function  6) 

Follow-on  work,  dependent  on  more  definition  of  tug  vehic,f*  and  its  operations,  is 
needed  to  fully  relate  astrionic  system  requirements  to  tug  operations. 

The  unmanned  synchronous  orbit  mission,  as  illustrated  in  Figure  3-3,  transfers  a 
payload  from  LEO  to  equatorial  synchronous  orbit,  rendezvous  and  docks  to  a satellite, 
performs  on-station  operations,  returns  to  LEO,  and  rendezvous  and  docks  to  the  space 
station.  Two  tugs  are  used  in  tandem  in  the  initial  mission  phase.  The  first  tug,  after  the 
initial  transfer  bum,  returns  to  the  space  station. 

3.3.1  Prepare  for  Mission  (4.0*) 

The  objective  of  this  function  is  to  activate  and  checkout  the  tugs,  perform  any 
necessary  maintenance,  perform  servicing  and  fueling  operations,  and  assemble  vehicle  and 
payload.  Included  are  provisions  for  all  orbital  support  operations.  This  function  starts  with 
tug  activation  and  terminates  with  verification  of  vehicles  flight  readiness. 

A.  DESIGN  CHARACTERISTICS 

(1)  The  astrionic  system  shall  be  capable  of  being  powered  up  from  a storage  and/or 
quiescent  state  to  an  operational  status  within  two  hours. 

(2)  A tug  checkout,  including  astrionics,  shall  be  performed.  Automatic  onboard 
checkout  equipment  will  be  utilized  to  the  maximum  extent. 

(3)  Tug  fueling  operations  will  be  monitored  and  controlled  by  the  astrionic  system. 

(4)  Tug  translation  and  attitude  positioning/hold  requirements  during  vehicle  and 
payload  assembly  shall  be  TBD. 

(5)  The  astrionic  system  digital  computer  must  be  capable  of  being  loaded  (and 
verified)  with  a new  flight  program  and/or  specific  navigational  data  and  operating 
instructions,  as  required,  for  assigned  missions. 
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(6)  Just  prior  to  performing  outbound  maneuvers  (2.0),  the  onboard  NG&C  system 
shall: 

(a)  Initialize  the  navigation  system  with  tug  state  vector  received  from  space 
station.  Accuracy  of  state  vector  initialization  shall  not  be  less  than 

• Position  - TBD 

• Velocity  — TBD 

• Time  - TBD 

(b)  Align  the  platform.  Accuracy  of  alignment  shall  be  as  required  to  provide 
not  less  than  TBD  minutes  of  arc  ?n  all  three  axes  during  the  transfer  burn. 

B.  DESIGN  CONSTRAINTS 

(1)  The  natural  environments  encountered  are  as  defined  in  NASA  TMX-53798.  The 
induced  environments  are  those  encountered  during  translation  and  attitude 
maneuvers,  rendezvous  and  docking,  vehicle  assembly,  and  fueling  operations. 

(2)  Time  allocated  for  tug  checkout  shall  not  exceed  TBD  minutes. 

C.  EFFECTIVENESS 

(1)  Reliability  - After  completion  of  checkout  and  any  needed  maintenance,  the 
astrionic  system  shall  not  contribute  more  than  TBD  to  the  tug  unreliability  in 
performance  of  the  assigned  mission. 

(2)  Safety  - TBD 

(3)  Maintainability  — Provisions  shall  be  made  for  access  to  the  astrionic  equipment, 
and  replacement  to  the  lowest  replaceable  unit  shall  be  accommodated. 

D.  INTERFACE 

(1)  When  docked  to  the  space  station/base,  interlace  with  the  space  station 
(hardwire)  shall  be  provided  to  permit: 

(a)  Manual  initiation  and  monitor  of  tug  checkout. 

(b)  Loading  new  flight  program  and/or  special  operating  instructions  and/or 
navigational  data/ para  meters. 

(c)  Interchange  of  power  and  thermal  conditioning. 

(2)  When  free-flying  near  the  space  station/base,  intertace(s)  with  the  space  station 
. (RF  links)  shall  be  provided  to  permit: 

(a)  Receiving  special  discrete  commands/instructions  and  navigational 
data/parameters. 
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(b)  Transmission  of  tug  status  data  to  the  space  station. 

(3)  Interfaces  with  payloads  shall  be  as  defined  in  applicable  Interface  Control 
Documents. 

(4)  Interfaces  with  another  tug  when  connected  in  tandem. 

3.3.?  Perform  Outbound  Maneuvers  (2.0) 

The  objective  of  this  function  is  to  perform  those  operations  required  to  deliver  the 
payload  into  the  required  synchronous  orbit  position.  Included  in  this  phase  are  the 
prescribed  boost-coast  phases  for  transfer.  This  function  is  initiated  on  completion  of  ail 
vehicle  assembly  and  checkout  operations  and  terminates  on  achieving  synchronous  orbit. 
I his  I unction  includes  the  tollowing  subfunctions. 

(a)  Orbital  Maneuvers  and  Coast  - Maneuver  the  vehicle  a safe  distance  from  the 
space  station  and  coast  until  the  required  position  (at  equator  and  the  line  of 
nodes  in  the  vicinity  of  the  target  orbit  longitude)  is  reached. 

(b)  Execute  Transfer  Burn  and  Staging  - The  first  tug  will  provide  initial  transfer 
velocity  and  then  separate.  The  second  tug  will  complete  the  transfer  burn. 

(c)  Coast  Coast  unfll  synchronous  altitude  is  reached  (second  tug  with  payload). 

(d)  Circularization  and  plane  change  burn  - Main  engine  burn  to  execute  plane 
change  and  circularize  orbit.  (Second  tug). 

A.  DESIGN  CHARACTERISTICS 

(1)  The  NG&C  subsystem  shall  provide  vehicle/engine  controls,  as  required,  to 
provide  a flight  trajectory  resulting  in  achieving  an  equatorial  synchronous  orbit 
having  the  lolivwing  nominal  characteristics: 

Nominal  Characteristics:  TBD 

Note.  NG&(  accuracy  requirements  are  dependent  on  degree  of  autonomy 
required  and  trajectory  flown.  Navigation  analysis  has  defined  four  potential 
trajectories  (direct  ascent  and  slow  drift  phasing,  low  phasing  orbit,  high  phasing 
orbit,  and  overshoot  phasing).  Nominal  NG&C  accuracies  were  defined  for  three 
ol  these  trajectories  based  on  the  requirement  of  being  within  radar  range  on 
achieving  synchronous  orbit  altitude.  In-depth  analysis  is  required  to  select 
optimum  trajectory  and  determine  degree  of  autonomv  available  and  to  provide 
an  error  budget. 

(2)  During  coast  periods,  vehicle  attitude  positionts)  shall  be  provided  as  required  to 
meet  solar  heating  and/or  antenna  pointing  requirements. 

(3)  Internal  status  data  is  to  be  provided  to  mission  control. 

(4)  Provide  cooperative  tracking  for  ground  slat  ions. 

<5 ) Receive  and  execute  any  targeting  or  navigation  data  updates. 


B.  DESIGN  CONSTRAINTS 
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(2) 

(3) 


(4) 

(5) 


i 

Nominal  time  for  this  function  is  TBD  hours.  j 

Off-set  targeting  will  be  used  to  minimize  total  energy  required  and  to  place  tug  in  j 

near  optimum  position  for  the  rendezvous  phase.  j 

i 

Environments:  j 


Natural  environments  - (same  as  Function  4.0;  see  Sec.  3.3. 1 ) 

Induced  environments  - TBD 

The  astrionic  module  is  to  be  self-sufficient. 

In  event  of  mission  abort  - TBD. 


C.  EFFECTIVENESS  REQUIREMENTS 

( 1 )  Reliability  - The  astrionic  module  shall  contribute  no  more  than  TBD  to  the  tug 
mission  unreliability. 


(2)  Safety -TBD 


(3)  Maintainability  - In-flight  maintenance  shall  be  limited  to  automatic  switching  of 
redundant  components  or  subsystems. 

D.  INTERFACES 


Communication  links  are  to  be  provided  to: 

(a)  Receive  discrete  commands/instructions  am  .igational  parameters/data  from 
mission  control. 

(b)  Transmit  status  data  to  mission  control. 


3.3.3  Perform  Target  Orbit/Station  Operations  ( 1 .0) 

The  objective  of  this  function  is  to  rendezvous  and  dock  with  a cooperative  satellite 
and  transfer  payloads.  This  function  is  initiated  on  completion  of  the  plane  change  and  orbit 
circularization  maneuvers  and  terminated  on  completion  of  the  on-station  operations.  This 
function  includes  the  following  subfunctions: 

Orbital  Coast/Phasing  - Vernier  bums  may  be  required  to  achieve  position  within  radar 
range  of  target  satellite. 

Rendezvous  Maneuvers  - Series  of  vernier  bums  to  place  tug  in  position  for  docking  to 
satellite. 

Dock  - Series  of  vernier  burns  to  achieve  docking  to  satellite. 
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Station  Keeping  - Provide  and  hold  attitude  positionts)  lor  payload  transfer. 

Undock  - Vernier  burn  to  separate  tug  from  satellite. 

A.  DESIGN  CHARACTERISTICS 

(1)  The  astrionic  system  shall  contain  the  necessary  onboard  facilities  to  locate  and 
track  target  satellites  and  compute  and  execute  trajectory/maneuvers  for 
rendezvous.  At  completion  of  this  rendezvous  the  tug  shall  be  in  a TBD  position 
(about  l NM  below  and  behind  target ) for  initiation  of  the  docking  phase. 

(2)  The  astrionic  system  shall  provide  the  necessary  C to  execute  the  docking 
maneuvers. 

Note:  Docking  tolerances  are  dependent  on  docking  mechanism  used. 

(3)  Onboard  sensor!  s)  and  communications  link  will  be  provided  to  permit  visual 
monitoring  of  docking  and  payload  transfer  operations  by  mission  control. 

(4)  The  astrionic  system  shall  receive  and  execute  discrete  maneuver  orders  from 
mission  control  to  provide  vernier  payload  positioning  in  orbit. 

(5)  Internal  status  data  is  to  be  provided  to  mission  control. 

(6)  Provide  cooperative  tracking  for  ground  stations. 

(7)  Receive  and  execute  any  targeting  or  navigation  data  updates. 

B.  DESIGN  CONSTRAINTS 

( 1 ) Docking  target  shall  be  cooperative. 

(2)  Nominal  time  for  this  function  is  TBD  hours. 

C.  EFFECTIVENESS  REQUIREMENTS 

Same  as  for  Function  2.0.  see  Sec.  3.3.2. 

D.  INTERFACES 

< 1 ) Communicative  link  required  for  visual  monitor  transmission  to  mission  control. 

(2)  Target  satellite  will  contain  TBD  system  to  facilitate  location  and  tracking  for  the 
rendezvous  and  docking  operations. 

(3)  Same  as  Function  2.0.  see  Sec.  3.3.2. 

3.3.4  Prepare  for  Return  Mission  Phase  (5.0) 

This  function  is  to  provide  any  navigation  and/or  target  updating  and  orbital  phasing 

needed  prior  to  initiation  of  return  transfer  burn. 
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A.  DESIGN  CHARACTERISTICS 

TBD 

B.  DESIGN  CONSTRAINTS 

Same  as  Function  2.0,  see  Sec.  3.3.2. 

C.  EFFECTIVENESS 

Same  as  Function  2.0,  see  Sec.  3.3.2. 

D.  INTERFACES 

Same  as  Function  2,0,  see  Sec.  3.3.2. 

3.3.5  Perform  Inbound  Maneuvers  (3.0) 

The  objective  of  this  function  is  to  perform  those  operations  required  to  transfer  the 
tug  and  payload  from  synchronous  orbit  to  an  orbit  near  the  space  station.  This  function 
includes  the  following  subfunctions: 

• Plane  change  and  brake  into  transfer  ellipse. 

• Coast  in  transfer  ellipse  perigee. 

• Brake  into  near  circular  orbit. 

• Rendezvous  and  dock  to  space  station. 

A.  DESIGN  CHARACTERISTICS 

(1)  The  NG&C  subsystem  shall  provide  vehicle/engine  controls,  as  required,  to 
provide  a flight  trajectory  resulting  in  achieving  a target  in  low  earth  orbit  having 
the  following  nominal  characteristics: 

Target  Orbit  Characteristics:  . BD 

(2)  During  coast  periods,  vehicle  attitude  position(s)  shall  be  provided  as  required  to 
meet  solar  heating  and/or  antenna  pointing  requirements. 

(3)  Internal  status  data  is  to  be  provided  to  mission  control. 

(4)  Provide  cooperative  tracking  for  ground  stations. 

(5)  Receive  and  execute  any  targeting  or  navigation  data  updates. 

(6)  The  astrionic  system  shall  contain  the  necessary  onboard  facilities  to  locate  and 
track  the  space  station  and  compute  and  execute  trajectory/maneuvers  for 
rendezvous.  At  completion  of  this  rendezvous  the  tug  shall  be  in  a TBD  position 
for  initiation  of  the  docking  phase. 
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(7)  The  astrionic  system  shall  provide  the  necessary  NG&C  to  execute  the  docking 
maneuvers. 

Note:  Docking  tolerances  are  dependent  on  docking  mechanism  used. 

(8)  Onboard  sensor(s)  and  communications  link  will  be  provided  to  permit  visual 
monitoring  of  docking  operations  by  mission  control. 

(9)  The  astrionic  system  shall  receive  and  execute  discrete  maneuver  orders  from 
either  mission  control  or  the  space  station. 

B.  DESIGN  CONSTRAINTS 

( 1 ) Nominal  time  for  this  function  is  TBD  hours. 

(2)  Environments: 

Natural  environments  --  (same  as  Function  4:  See  Section  3.3.1 ) 

Induced  environments  - TBD 

(3)  The  astrionic  module  is  to  be  self-sufficient. 

(4)  In  event  of  mission  abort  - TBD. 

C.  EFFECTIVENESS 

Same  as  Function  2.0;  see  Sec.  3.3.2. 

D.  INTERFACES 

(1 ) Communication  links  arc  to  be  provided  to: 

(a)  Receive  discrete  commands/instructions  and  navigational  parameters/data 
from  mission  control. 

(b)  Transmit  status  data  to  mission  control. 

(c)  Transmit  visual  monitor  data  (TV)  to  mission  control. 

(2)  When  docked  to  the  space  station/base,  interface  with  the  space  station 
(hardwire)  shall  be  provided  to  permit: 

(a)  Manual  initiation  and  monitor  of  tug  checkout. 

(b)  Interchange  of  power  and  thermal  conditioning. 
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3.3.6  Prepare  for  Storage  (6.0) 


The  objective  of  this  function  is  to  power-down  the  astrionic  system  for  storage. 

A.  DESIGN  CHARACTERISTICS 

During  the  stored  or  quiescent  period  periodic  status  data  is  to  be  provided  to  mission 

control  or  space  station  on  command. 

B.  DESIGN  CONSTRAINTS 

Storage  periods  of  up  to  180  days,  either  docked  to  a space  station  or  free-flying,  are 

required. 

C.  EFFECTIVENESS 
TBD 

D.  INTERFACE 

( 1 ) When  docked  to  the  space  station,  interface  with  the  space  station  as  specified  in 
Function  4.0  (see  Sec.  3.3.1)  plus  providing  a power-up/ power-down  control  to 
the  space  station. 

(2)  When  free-flying,  an  RF  link  is  to  be  provided  to  receive  and  execute  discrete 
orders  from  the  space  station,  including  power-up/down,  initiate  self  checkout, 
and  transmit  status  data. 

After  receiving  and  executing  a power-up  order,  station  keeping  orders/data  are  to  be 

received  and  executed. 
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1.0  INTRODUCTION 

The  purpose  of  this  appendix  is  to  describe  the  data  management  function,  its 
requirements  and  the  associated  hardware  required  for  the  various  space  tug  missions  which 
are: 


• Synchronous  Orbit  (expendable  vehicle) 

• Synchronous  Orbit  (reusable  vehicle) 

• Lunar  Landing 

• Earth  Orbital  Operations 

• Lunar  Orbital  Operations 

• Unmanned  Planetary 

• Reusable  Nuclear  Shuttle  (RNS) 

• Four  Stage  Saturn  V 

Functionally,  data  management  integrates  the  tug  astrionic  system  by  providing  for  all 
subsystem-to-subsystem  signal  flow.  In  addition,  data  management  provides  the 
computational  support  for  the  following  astrionic  functions: 

• Attitude  control  (TVC  and  RCS) 

• Engine  control 

• Guidance 

• Navigation 

• Checkout  and  hardware  reconfiguration  control 
® Data  monitoring  and  telemetry 

• Sequencing 

• Data  bus  control 

• Software  management 

• Display  support 

• Strapdown  IMU  processing 

• Maintenance  support 

• Refueling  support 


C-l 


Specifically,  the  following  tasks  were  addressed  in  detail: 

(1)  Identification  of  constituent  data  management  elements  and  the  presentation  of 
the  functional  operation  of  each,  including  trade-off  considerations  where 
applicable. 

(2)  Establishment  of  data  management  organization,  subsystem-to-subsystem 
interface  approach,  and  redundancy  approach. 

(3)  Establishment  of  software  organization  and  control. 

(4)  Determination  of  memory  storage  and  CPU  speed  requirements. 

2.0  STUDY  GUIDELINES  AND  GROUNDRULES 


The  synchronous  orbit  mission  was  used  as  a baseline  for  the  study.  Requirements 
(hardware  and  software)  were  added  or  deleted  to  arrive  at  total  requirements  for  the  other 
missions. 

The  following  groundrules  were  used  as  guidelines  on  which  this  study  was  based: 

• Design  will  minimize  the  necessity  for  ground  support  during  flight;  autonomy  is 
the  design  objective.  Other  design  objectives  are  (1)  minimize  total  weight,  power 
consumption  and  volume,  (2)  minimize  impact  of  adding  or  deleting  component 
or  subsystems  to  accommodate  the  various  missions,  (3)  minimize  impact  of 
software  modifications  by  minimizing  the  requited  verification  effort  while 
maintaining  assurance  in  sufficiency  of  effort,  and  (4)  maximize  system 
reliability,  crew  safety  and  probability  of  fulfilling  all  objectives. 

© Maintenance  in  space  is  required. 

• The  astrionic  system  must  operate  automatically  and  be  capable  of  receiving 
remote  commands  from  the  earth,  moon  or  other  spacecraft. 

• The  astrionic  system  must  be  capable  of  maintaining  a quiescent  status  for  up  to 
1 80  days  in  earth  or  lunar  orbit,  both  docked  to  other  vehicles  and  free  flying. 

• The  astrionic  system  must  be  capable  of  going  from  the  quiescent  state  to  a fully 
operational  state  within  two  hours. 

• Critical  systems  which  are  necessary  for  crew  survival  will  be  designed  such  that 
no  single  failure  or  credible  combination  of  failures  will  result  in  loss  of  life. 

• The  astrionic  system  will  interface  with  the  crew  module  to  provide  display  of 
onboard  status.  The  crew  will  be  capable  of  manual  control  and  operation  of  the 
data  management  subsystem. 

• The  astrionic  system  will  be  capable  of  operation  without  maintenance  or 
refurbishment  during  operational  periods  and  any  time  it  is  not  docked  to  a space 
station. 
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3.0  SUMMARY 

hard^ta"coS  orUire,nen,S  f°r  ihe  V”OUS  Sp3Ce  tUg  missions’ ,he  da,a  ma"ag^ent 

(1)  A central  processing  unit  (CPU)  of  medium  speed  range  (300K  to  400K  ops/sec.) 

(2)  32K  to  64K  of  random  access  main  memory 

(3)  A bus  control  and  input/output  unit 

(4)  A data  bus  system  with  standard  interface  units  which  interface  all  astrionic 
subsystems  to  the  data  bus 

(5)  A configuration  assignment  unit  (CAU)  which,  in  addition  to  monitoring  itself 
monitors  the  mam  memory,  the  CPU  and  bus  control  unit,  and  switches  to 
backup  units  when  a primary  unit  fails  (see  ref.  C-7). 

(6)  Primary  and  auxiliary  measurement  units  for  sampling  command,  propulsion  and 
astnomc  module  parameters 

(7)  A magnetic  tape  unit  for  mass  storage 

(8)  A 32K  display  memory  for  storing  display  skeletons 

(9)  An  auxiliary  monitor  computer. 

Figure  4-1  shows  a basic  functional  layout  for  space  tug  data  management.  Since 
component  redundancy  varies  over  the  space  tug  mission  spectrum,  no  attempt  was  made  to 

S,^U"danCy  m tlUS  figl!re'  However-  a backuP  CPU  is  shown  to  better  illustrate  the 
configuration  assignment  unit  linkage  with  other  devices. 

. . ’n,e  auxiliary  ™on>tor  computer  and  the  auxiliary  measurement  units  are  used  only  for 
the  lunar  landing  mission  to  allow  the  primary  system  to  be  powered  down  during  the  18  or 

tufnLnTnnw  7T  tUg/  °"  ‘u- lunar  surface'  By  havin«  the  Primary  data  management 
tevel  P°wered  down  during  this  penod,  the  overall  reliability  is  maintained  at  a high 

C°mp0nents  such  as  the  cpu>  data  bus,  some  standard  interface  units  (SIU) 
Zff'Tr  assl6nmen!  unit  (CAU>  a"d  the  bus  control  and  I/O  unit  will  have  one  backup 
®f„ch  fo"  unmanned  missions  and  two  backup  units  for  manned  missions  with  error 
detection  and  switching  of  the  above  items  being  provided  by  the  CAU.  This  provides 

£,tT  rn  '?  ,‘he  f‘rS‘ Case  and  lail/operate-fail/ safe  operation  in  the  latter  case. 
rnid°addresses°n  “ addresses  on  ,he  data  bus  will  be  provided  by  encoding  all  data 

„ B,.U  error  dat“tion  will  probably  be  provided  by  SIU  self  detection  hardware;  and 
trend  analyses)*  hardWare  W1  be  handled  by  software  (reasonableness  test,  limit  test,  and 
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The  data  bus  concept  was  chosen  for  subsystem-to-subsystem  communication  in  the 
astrionlc  system  for  the  following  reasons: 

( 1 ) The  data  bus  has  as  a feature  a standard  digital  interface  that  can  be  specified  for 
components  performing  varied  functions  in  large  and  complex  astrionic  systems. 

(2)  The  data  bus  concept  offers  the  advantage  of  flexibility  in  that  subsystems  or 
components  can  be  added,  deleted,  or  upgraded  with  little  or  no  effect  on  the 
system  interface. 

(3)  The  data  bus  has  a weight  advantage  over  the  conventional  centralized  system 
because  data  bus  multiplexing  allows  all  data  to  and  from  subsystems  to  be 
handled  by  one  or  a small  number  of  cables.  This  supports  the  space  tug  objective 
to  minimize  weight. 

(4)  The  data  bus  realizes  a reliability  advantage  through  a more  efficient  system 
functional  design  and  because  interface  circuitry,  wiring,  and  connectors  are 
reduced. 

(5)  Maintenance  is  simplified  by  eliminating  signal  distributors  and  multiple 
connectors,  by  standardizing  a communication  technique  and  by  providing  ready 
access  to  components  that  need  to  be  added  or  deleted  without  impacting  the 
entire  system. 

Results  show  that  use  of  a conglomerate  software  organization  for  space  tug  is  not 
tenable;  thus,  modular  organization  will  be  used  for  the  data  management  main  memory 
software.  Using  this  approach,  an  executive  control  program  will  control  all  CPU  operations. 
The  software  design  goal  is  to  totally  isolate  each  function  module  so  that  a program  change 
in  any  module  will  not  affect  other  modules.  Thus,  for  a given  phase  of  the  mission, 
executive  control  program  will  load  from  bulk  storage  into  main  memory  only  the  required 
function  modules. 


A preliminary  estimate  was  made  to  determine  worst  case  CPU  speed  and  random 
access  memory  requirements.  These  estimates  show  a worst  case  need  for  62,760  32-bit 
memory  locations  and  a CPU  speed  capability  ot  278,000  operations/second.  However,  the 
requirements  for  supporting  the  refueling  operation  has  not  been  assessed  due  to  lack  of 
information.  Indications  are  that  the  CPU  speed  requirement  for  refueling  may  exceed  the 
278,000  ops/sec.  required  during  the  worst  case  mission.  This  problem  will  be  addressed  as 
information  becomes  available.  In  addition.  CPU  speed  and  memory  requirements  for  RNS 
nuclear  engine  control  were  not  included  due  to  the  *:iek  ot  information  and  complexity  of 
this  function.  Preliminary  information  indicates  requirements  for  this  function  could  easily 
double  the  mission  requirements  for  RNS  shown  in  Table  4-1 . 
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4.0  DETAILED  ANALYSIS 


4.1  DESCRIPTION 

Data  management  provides  the  control  tor  all  data  and  signal  flow  throughout  the 
space  tug.  Figured  1 depicts  the  basic  data  management  functional  block  diagram  While  the 
basic  astrionic  components  for  ai.i  missions  are  included  in  the  diagram,  component 
redundancy  is  not  because  it  is  not  the  same  for  unmanned  missions  as  it  is  for  manned 
missions.  As  noted  on  the  diagram,  the  displays  and  associated  hardware  are  tor  manned 
missions  only;  in  addition,  the  auxiliary  computer  and  its  associated  monitoring  equipment 
are  included  in  the  lunar  landing  mission  only.  This  hardware  is  included  to  monitor  critical 
measurements  and  for  display  support  during  the  28  or  42  day  period  the  space  tug  is  on  the 
moon;  otherwise,  the  main  computer  and  data  bus  system  would  have  to  be  powered  up 
during  this  period,  in  which  case  reliability  would  be  significantly  reduced. 

Determination  of  system  characteristics,  organization,  redundancy,  functional 
operation,  and  interface  with  other  subsystems  are  the  major  topics  ot  this  discussion.  The 
following  paragraphs  detail  these  topics. 

4. 1 . 1 Random  Access  Memory’  (RAM ) 

The  quantities  of  random  access  memory'  (RAM)  required  to  accommodate  data 
management  ft  actional  requirements  for  each  space  tug  mission  are  presented  in  Table  4-1 . 
Based  on  this  table,  each  mission  will  have  either  32K  or  64K  o!  RAM. 

A study  was  made  to  determine  v.  *'ut  memory  technologies  should  be  considered  for 
use  in  implementing  the  required  RAM.  The  currently  available  RAM  technologies  are  as 
follows  (see  reference  CM ): 


© Magnetic  core 
m Magnetic  film  memories 
(1)  Plated  wire  (PW  l 
t2 1 Plauas  magnetic  film  fPMFi 


© Metal  ox^-ie  silicon  < MOS> 
& Bhpobr  devices 


Monohrhtc  technology 


T se  folio  wins  jwasioph'  di^uv>  I lie  more  important  characteristics  of  these 
tccknhKius 

4 I I !!  Mctsory  Speed 


4-2  shims  projected  re^d-wnic  6ir.ro  for  the  abmc  ore;; tinned 

esSioate*  c>i£c  scan.’*  -d  w*.  or  lev*  he  required 

Ehr  tnnrv  8t:uv  cou-desirut  6:*e  resdouS  n\DRO»  core  c* 

cml  o caraijdate  Cuj  spucc  Cui  Gcjuu  -so  ***».•*>  speed  patru3  c3  stem  Jv^2  cs  oof  to 

thu?  %ORi»  a cDteKKi-  tu  cssuo&hn,  CAfcasIqgy  cn  Sue  cuua  fcsurc 
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Figure  4-2.  Memory  Speed  Technology 


4. 1.1. 2 Reliability 

MTBF’s  projected  for  the  early  1970’s  indicate  that,  while  magnetic  memories  are 
somewhat  more  reliable  than  memories  using  monolithic  technology,  implementation 
techniques  are  available  that  can  increase  the  overall  reliability  of  monolithic  memories 
sufficiently  to  make  them  candidates  for  use  in  space  tug.  One  such  technique  that  lends 
itself  well  to  monolithic  implementation  uses  several  basic  operating  memories  (BOM)  (see 
reference  C-2)  each  containing  single  bit  words  (bit-per-BOM).  For  space  tug  purposes,  each 
BOM  would  probably  contain  32K  x 1 bit  words.  The  total  memory  unit  would  then  be 
made  up  of  32  BOMS  for  data  storage,  and  7 BOMS  for  error  correction  coding  (ECC),  or  a 
total  of  32K  x 39  bit  words.  The  7 ECC  bits  will  detect  and  correct  one  error  in  each  data 
path  and  detect  a second  error  in  each  path.  In  addition,  spare  BOM’s  may  be  used  to 
replace  operating  BOM’s  having  a significant  number  of  defective  bits.  This  technique 
handles  single  bit  transient  errors  well  in  that  the  error  is  corrected  without  circuit 
switching:  and  once  the  transient  has  passed,  operation  continues  as  though  no  eiror  had 
occurred. 

One  disadvantage  of  using  monolithics  is  tliat  while  several  errors  may  be  detected  and 
corrected,  the  fact  that  monoSithics  have  a higher  failure  rate  than  magnetic  devices 
indicates  a probable  increase  in  maintenance.  £ * other  disadvantage  with  monoHthics  is  its 
volatility  characteristic,  he.,  when  power  is  taksn  off  the  monolithic  memory,  it  does  not 
retain  its  state  and  must  therefore  be  reloaded  when  power  is  returned. 

4.1 .1 .3  Power.  Weight,  and  Volume 

Figure  4-3  shows  projections  for  memory  technology,  weight,  power,  and  volume 
requirements  for  the  early  !97G’s  based  on  8&  x 36  bits.  Thus.  Figures  4-2  and  4-3  provide 
comparisons  of  cycle  time,  weight,  power,  and  volume  for  making  random  access  memory 
trade  studies. 
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Figure  4-3 . Memory  Technology  Power.  Weight  and  Volume 


4.1. 1.4  Recommended  Approach 


The  advantages  of  low  power,  weight,  and  volume  tend  to  make  monolithic  technology 
a more  attractive  choice  than  magnetic  devices  for  implementing  space  tug  random  access 
memory.  However,  the  probable  increase  in  maintenance  with  cnowMthie  technology  and 
the  monolithic  volatility  characteristic  tend  to  make  magnetic  devices  more  attractive. 


Significant  progress  is  being  made  to  overcome  the  volatility  problem,  and  it  is 
probable  that  for  the  space  tug  time  frame  this  problem  will  be  solved.  However,  it  is  stilt 
not  clear  at  this  time  which  liardware  technology  or  memory  organization  technique  should 
be  used  for  space  tug.  While  Hie  bit-pcr-BGM  meniiory  organization  technique  lends  itself 
well  to  monolithic  technology:  it  is  not  very  compatible  with  memory  addressing  circuitry 
used  with  magnetic  device  technology.  Titus,  it  is  not  a simple  matter  of  choosing  the  best 
Rratmoty  technology  and  best  memory  oiganization  technique  anil  then  putting  the  two 
together.  & jw  detailed  study  should  be  made  that  reflects  not  only  trades  within 
hardware  icchnolopes  and  irate  within  memory  organization  techniques:  b»t  also  isadcs 
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4.1.2  Bulk  Storage 


The  required  quantity  of  bulk  storage  or  non-random  access  memory  for  sproe  tug  will 
range  from  none  for  the  expandable  synchronous  earth  orbit  mission  to  several  hundred 
thousand  32-bit  locations  for  the  more  complex  manned  missions.  Bulk  storage^will  be  used 
for  some  missions  to  (1)  redundantly  store  all  programs  that  are  used  in  the  random  access 
memory,  (2)  store  extensive  checkout  and  diagnostic  programs,  and  (3)  store  programs  for 
refueling  support.  There  are  probably  other  requirements  for  bulk  storage,  such  as  recording 
some  mission  data,  that  are  not  presently  defined.  However,  the  massive  amount  of  storage 
contained  in  a basic  bulk  storage  unit  should  be  capable  of  accommodating  these  added 
requirements. 

The  currently  available  non-random  access  memory  technologies  are  as  follows: 

© Dram  memories 
© Disc  memories 
© Magnetic  tape 

The  disc  systern  has  a basic  technology  problem  of  obtaining  necessary  disc  flatness 
(about  +20  x 1C6  inches)  and  then  maintaining  it  over  temperature  ranges  and  during 
system  vibration. 

Magnetic  tape  is  very  attractive  for  large  volume  data  storage  and  for  data  readout  if 
the  computing  system  can  be  efficiently  oriented  towards  a sequential  data  source.  This  Is 
the  case  when  using  a tape  for  memory  loading.  However,  for  reading  non-sequential 
information,  the  magnetic  tape  is  extremely  slow.  From  a cost  per  bit,  weight,  power,  and 
volume  standpoint,  magnetic  tape  is  more  attractive  than  the  rotating  drum  system,  The 
magnetic  drum  has  an  advantage  over  tapes  for  nonsequential  information  reading  with 
access  times  several  orders  of  magnitude  better  than  the  magnetic  tape.  Table  4-2  shows  the 
more  important  characteristics  of  the  three  non-random  access  storage  devices  mentioned 
above. 

Table  4-2.  Characteristics  of  Non-Sandora  Access  Storage  Devices 
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The  only  bulk  storage  requirement  showing  a need  for  fast  access  time  is  that  of 
display  skeletons.  This  requirement  can  be  handled  by  a separate  monolithic  or  magnetic 
type  memory  (32K  of  3°-bit  words);  and  if  the  number  and  types  of  skeletons  are  fixed  for 
a given  vehicle,  the  memory  could  be  a “read  only”  type,  thus  eliminating  the  necessity  for 
memory  reloading,  resulting  in  lower  power,  weight,  and  volume  for  this  memory.  With  the 
fast  access  requirement  accommodated  by  a separate  storage  unit,  the  choice  for  bulk 
storage  is  the  magnetic  tape  unit. 

4.1.3  Central  Processing  Unit  (CPU) 

The  number  of  CPU  operations/second  necessary  to  perform  the  required  functions  for 
each  space  tug  mission  is  shown  in  Table  4-1.  As  shown,  requirements  for  the  various  space 
tug  missions  result  in  a wide  range  of  speed  requirements,  i.e.,  the  manned  missions  require 
extensive  checkout  and  diagnostic  routines  and  display  support  programs  to  be  executed  in 
real-time  by  the  CPU;  whereas,  an  unmanned  expendable  mission  requires  no  display 
support  and  a reduced  real-time  checkout  operation.  Thus,  operations/second  requirements 
are  reduced  considerably  for  the  latter  mission,  and  a less  powerful  CPU  will  meet  these 
requirements.  In  selecting  CPU’s  for  space  tug,  the  options  considered  were  as  follows: 

@ For  all  missions,  use  one  CPU  of  medium  speed  capability  (JQ0K-400K  ops/sec.) 
that  will  accommodate  the  most  severe  mission  case.  This  option  tends  to 
minimize  the  required  changes  in  hardware  and  software  for  the  whole  range  of 
space  tug  missions;  and  it  tends  to  reduce  synchronization  problems  inherent  with 
use  of  several  dedicated  CPU’s.  However,  for  missions  using  expendable  space 
tugs,  this  option  has  the  disadvantage  of  having  to  use  a computer  that  weighs 
more,  costs  more,  and  consumes  more  power  than  a less  powerful  CPU  that  could 
also  handle  mission  requirements. 

® For  all  missions,  use  several  less  powerful  CPU’s.  Thus,  for  missions  having  less 
requirements  and  using  expendable  space  tugs,  only  the  number  of  CPU’s  needed 
to  meet  requirements  would  be  used.  This  is  feasible  with  the  modular  astrionics 
approach.  However,  for  missions  with  greater  requirements,  it  complicates 
software  changes,  verification  and  maintenance:  and  it  also  makes  total  system 
synchronization,  checkout,  error  correction  and  maintenance  more  complex. 

© Design  a family  of  computers  with  compatible  software  and  operation  which  will 
handle  the  range  of  missions  while  providing  a near-optimum  CPU/mission  match. 
Thus,  the  CPU  best  suited  for  a particular  mission  would  be  used.  The 
disadvantage  of  this  approach  is  the  cost  of  developing  such  a family  of  CPU’s,  the 
problem  of  ensuring  compatibility  between  family  members,  and  the  problem  of 
adapting  each  to  the  modular  structure. 

At  this  time,  the  first  option  (one  CPU  of  medium  speed  capability)  appears  to  be  the 
best  choice  for  space  tug.  This  final  choice  will  also  depend  on  the  best  choice  for  the  other 
space  elements,  such  as  RNS  and  space  shuttle.  White  CPU  capability  may  be  wasted  for 
some  tug  missions  using  this  optior*.  the  overall  reduction  in  complexity  makes  it  attractive; 
and  it  is  expected  us  more  detailed  trade  studies  arc  made  that  this  advantage  will  be  seen  to 
outweigh  the  advantages  of  other  options. 
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The  numbers  shown  in  Table  4-1  are  intended  to  reflect  the  most  stringent 
requirements  for  each  space  tug  mission;  thus,  the  CPU  speed  specification  was  based  on  this 
table.  However,  it  is  possible  that  the  refueling  support  requirement  may  be  of  such 
complexity  that  the  speed  requirements  on  the  CPU  will  be  more  severe  than  the  real  time 
requirements  for  any  mission.  This  refueling  requirement  has  not  been  defined  well  enough 
at  this  tim  to  make  an  evaluation,  but  should  be  addressed  as  soon  as  information  is 
available.  Until  such  time,  it  will  be  assumed  that  Table  4-1  reflects  worst  case  CPU 
requirements. 

Based  on  requirements  for  the  several  missions,  the  space  tug  CPU  should  have  the 
following  design  goals:  be  in  the  300K  operations/second  or  greater  range;  weigh  30  pounds 
or  less;  have  power  requirements  of  30  watts  or  less;  have  a 128  instruction  repertoire  that  is 
compatible  with  a ground-based  computer,  thus  easing  software  development  and 
verification  support.  In  addition,  the  CPU  should  have  floating-point  operation  capability 
and  be  a parallel  machine.  These  goals  are  somewhat  more  stringent  than  the  goals  required 
by  an  earlier  report  (see  reference  C-3).  This  is  due  to  requirements  being  better  defined  at 
this  time.  CPU’s  using  extended  state-of-the-art  technology  are  being  developed  that  will 
meet  most  of  these  goals.  New  technology  currently  under  development  should  easily  meet 
all  these  goals  in  the  space  tug  time  frame. 

4. 1 -4  Bus  Control  and  I/O  Unit  (BCIQU) 

The  Bus  Control  and  I/O  Unit  (BCIOU)  will  serve  to  control  all  information  flow 
between  the  CPU  and  the  data  bus  and  between  the  random  access  memory  and  the  data 
bus.  It  will  send  arid  receive  address  and  data  information  to  and  from  the  data  bus  in  serial 
digital  form.  It  will  receive  data  and  address  information  from  the  CPU  in  f .oraflel  digital 
form  via  a Program  Controlled  Output  (PCO)  channel  or  Externally  Controlled  Output 
(ECO)  channel  where  external  control  is  performed  by  the  BCIOU.  Data  is  output  from  the 
random  access  memory  whenever  a data  request  and  memory  address  is  input  from  the 
BCIOU  via  the  ECO  channel.  These  alternate  output  paths  provide  the  option  to  completely 
control  the  flow  of  data  request  and  data  outputs  with  program  execution  (PCO  channel)  or 
to  allow  the  BCIOU  to  control  the  output  via  the  ECO  channel  once  it  has  been  initiated  by 
the  CPU  via  the  PCO  channel.  A combination  of  these  two  approaches  seems  to  offer  the 
greatest  flexibility  for  output  control. 

The  CPU  will  store  in  predetermined  memory  locations  any  desired  sequence  of 
addresses  and  data  that  are  to  be  sent  to  the  data  bus  sysu  r.;  it  then  initializes  execution  of 
the  sequence  via  the  PCO  channel.  Using  the  ECO  channel  then,  the  BCIOU  will  sequentially 
fetch  the  stored  addresses  and  data  from  memory  and  transfer  them  to  the  data  bus  serially. 
Sequencing  will  continue  until  the  last  address  in  the  sequence  is  processed  or  until  a 
termination  command  is  received  from  the  CPU  via  the  PCO  channel.  The  last  word  in  the 
sequence  will  be  a special  I/O  control  word  which  commands  the  BCIOU  to  terminate  the 
sequence  processing.  Control  words  will  also  be  used  to  clear  the  BCIQU,  initialize  IfO  block 
transfers,  and  modify  the  ECO  channels'  storage  address  register  to  allow  branching.  Ctee 
initialized,  the  BCIOU  will  perform  all  of  the  control  functions  necessary  to  complete 
transfer  with  the  data  bus  systems. 

Input  data  will  be  transferred  to  the  memory  via  an  Externally  Controlled  Inputted) 
channel.  This  is  done  by  the  BCIOU  requesting  a memory  cycle  and  specifying  the  desired 
storage  address. 
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4.1.5  System-to-System  Communication 
4.1 .5.1  Introduction 


The  trend  (see  reference  C-4)  in  the  design  of  large  asfirionic  systems  is  to  incorporate  a 
data  bus  to  provide  exchange  of  information  between  the  various  astrionic  subsystems 
rather  tlian  use  a centralized  approach  where  subsystems  link  directly  with  a central 
computer  or  with  each  other.  The  data  bus  concept,  its  advantages,  and  the  problems 
attendant  to  its  implementation  are  summarized  in  the  following  paragraphs. 

Hie  salient  feature  of  the  data  bus  is  a standard  digital  interface  that  can  be  specified 
for  components  performing  varied  functions  in  large  and  complex  astrionic  systems.  In 
addition,  a data  bus  offers  to  an  astrionic  system  the  advantages  of  flexibility,  low  weight, 
high  reliability,  and  ease  of  maintenance. 

Flexibility  results  because  subsystems  or  components  can  be  added,  deleted,  or 
upgraded  with  little  or  no  effect  on  the  system  interface.  Components  access  the  data  bus 
asd  obtain  the  output  information  they  require  to  perform  their  designated  functions. 

The  weight  advantage  (see  reference  C-4)  of  the  bus  concept  over  the  conventional 
centralized  system  is  a result  of  multiplexing.  In  the  conventional  centralized  system, 
numerous  wires  carry  signals  to  and  from  the  various  system  components  in  a variety  of 
forms  and  on  many  cables.  In  a bus  system,  all  data  to  and  from  the  components  are  carried 
on  one  or  a small  number  of  cables. 

Reliability  is  an  advantage  that  can  be  realized  because  interface  circuitry,  wiring,  and 
conneclojs  are  reduced  and  more  importantly,  through  a more  efficient  system  functional 
design.  Cl/seckout  is  enhanced  because  the  data  bus  serves  as  a single  test  point  that  allows 
access  to  hardware  through  a centralized  integrated  testing  point.  It  enables  a centra!  digital 
computer  or  special  test  device  to  test  and  rsonitor  performance  before  and  during  powered 
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Maintenance  is  simplified  by  eliminating  signal  distributors  and  multiple  connecters,  by 
standardizing  a communication  technique,  and  by  providing  ready  access  to  components 
that  need  to  be  added  or  deleted  without  impacting  the  entire  system. 

Many  of  the  advantages  of  the  data  bus  system  are  made  possible  through  the 
techniques  of  multiplexing.  A technique  that  addresses  serial  digital  data  which  is  to  be 
transferred  through  time  division  multiplexing  on  two  twisted  shielded  pairs  is  described 
fegre.  Use  major  influencing  factor  in  determining  the  architecture  for  a time  division 
bus  system  is  the  method  of  cofUrohing  access,  to  the  bus.  Uncontrolled  random 
access  permit  multiple  units  of  data  to  be  transmitted  simultaneously  with  the 
psot&MS&y  of  scrambling  of  data. 

Hmc  are  at  feast  three  general  techniques  tree  reference  C«4>  to  cootrolhng  bus  access 
They  are  defined  aw«l  summamed  as  follows . 

til  Approach  Ur'fcf  thts  design  concept,  a ceatral  control  unit  or 
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respond  only  upon  request;  hence,  bus  control  is  maintained  by  the  central 
controller.  This  concept  should  result  in  simple  input/output  device  interface 
circuits,  but  would  also  result  in  a relatively  complex  controller  with  several 
stored  sampling  formats. 


(2)  Interrupt  Approach  - Under  this  design  concept,  input/output  devices  flag  the 
central  controller  when  it  has  information  ready  or  when  it  requires  attention. 
The  processor  then  addresses  the  input/output  device  to  allow  information 
transfer.  Bus  control  is  also  maintained  by  the  central  control  unit.  Most 
centralized  digital  computer  controlled  systems  (A7,  ATM  DC,  LVDA,  etc.)  use 
this  approach  which  can  also  be  implemented  for  bus  control.  Advantages  are 
lower  average  transport  lag  time  than  the  central  control  approach  at  the  cost  of 
requiring  an  independent  interrupt  function.  Independent  data  transfers  between 
input/output  devices  are  not  possible. 

(3)  Polling  Approach  - Under  this  design  concept,  a polling  signal  circulates  through 
each  unit  on  the  bus.  An  input/output  device  acquires  access  to  the  data  bus  by 
capturing  the  polling  signal.  A somewhat  random  access  is  thereby  possible 
without  requiring  attention  from  a central  control  unit.  The  advantage  of  the 
concept  lies  in  automatic  time  multiplexing  of  data  indpendent  of  the  central 
controller  and  input/output  device  response  time. 

4. 1.5. 2 Functional  Operation 


The  desirable  functional  characteristics  of  any 
astrionic  system  should  include  the  capability  for  the 


data  bus  implemented  for  an  avionic  or 
following: 


1 1 1 Any  in  put/ output  device  to  issue  or  receive  commands  and  data  from  any  other 
device  in  the  system  independent  of  a central  How  point. 


(2 1 Any  input/ output  device  to  randomly  access  the  transmission  media. 


A muster  controlling  element  on  the  bus  to  govern  and,  if  necessary . restrict  the 
data  transmission. 


Any  system  architecture  which  achieves  these  characteristics  should  also  accomplish 
the  following. 

i 1 1 Insure  she  rel.  ability  uj  the  mtonnatiun  transmissions. 

Standardize  and  mminn/c  the  bus  control  logic  within  each  mput/output  device. 

i .3 1 deduce  the  cabling  or  the  transmission  media  to  a minimum 

Penial  the  add  it  km  or  deletion  oi  input  output  devices  to  or  from  the  system 
without  adversely  affecting  interlaces  or  control  logit 
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4.1. 5.3  Data  Bus  Selection 


At  this  phase  of  the  study,  the  data  bus  technique  that  will  probably  be  chosen  for 
space  tug  is  the  central  control  approach,  which  uses  two  pairs  of  twisted  shielded  wires 
terminated  at  the  end  of  the  bus.  One  of  the  pairs,  called  the  data  line,  transfers  digital  data 
serially  in  a two-way  fashion:  the  other  pair,  called  the  address  line,  provides  multiplexing 
control  by  designating  which  device  will  send  data  and  which  device  will  receive  it.  The  bus 
originates  in  and  is  controlled  by  a bus  control  unit  which  is  interconnected  with  a digital 
computer.  The  bus  control  unit  provides  the  addresses  that  allow  one  device  to 
communicate  with  any  other  device  and  directs  the  flow  of  information  between  the 
computer  main  storage  and  each  input/output  device  attached  to  the  bus.  The  control  unit 
relieves  the  central  processing  unit  of  the  tasks  of  communicating  directly  with  input/output 
devices  and  permits  data  processing  to  proceed  concurrently  with  input/output  operations. 
The  single  data  path  of  the  bus  is  time-shared  by  the  input/output  devices  which  operate,  as 
commanded,  by  addresses  from  the  bus  control  unit.  The  physical  and  electrical  connection 
between  each  input/output  device  and  the  bus  is  called  the  standard  interface  unit.  All 
devices,  regardless  of  their  differences,  can  be  added  to  the  system  without  hardware 
changes  or  addition  of  new  instructions  to  the  central  processor,  provided  they  satisfy  the 
requirements  on  their  side  of  the  interface.  Figure  4-4  is  a simplified  functional  diagram  of 
the  two  pair  bus  system. 

4.1 .6  Data  Bus  Standard  Interface  Unit 

The  standard  interface  unit  adapts  the  input/output  unit  of  each  device  to  the  data 
bus.  The  functional  circuitry  is  shown  on  the  diagram  of  Figure  4*5. 

The  standard  interface  unit  is  identical  for  all  monitored  units.  It  consists  of  the 
circuitry  necessary  to  decode  the  digital  address  of  the  measurement  or  command,  receive 
the  command  or  data  from  the  data  bus  or  deliver  data  to  thi  uta  bns.  The  unit  receives 
serially  formatted  digital  data  from  the  data  bus  and  makes  it  available  tc  the  commanded 
location  in  serial,  parallel,  or  analog  form  as  required  by  the  device.  In  like  maimer,  the  unit 
receives  serial,  parallel,  or  analog  data  from  the  addressed  location  and  transmits  the  data  in 
serially  formatted  digital  form  onto  the  data  bus. 

By  employing  the  standard  interface  unit  in  this  form,  each  device  can  use  known 
standard  multiplexers  and  signal  conditioners  that  are  compatible  with  that  type  of 
circuitry.  At  the  same  time,  the  standard  interface  unit,  utilizing  latching  relays  or  sample 
and  hold  circuits,  performs  all  the  functions  of  the  switch  selector,  thus  eliminating  the 
requirement  for  that  unit.  The  use  of  the  standard  interface  unit  and  formats  allows  the 
design  of  each  device  to  be  indpendent  of  the  design  of  any  other  device. 

In  operation,  the  standard  interface  unit  receives  the  digitally  coded  address  from  the 
bus  address  line,  determines  that  the  signal  is  intended  for  its  device,  and  turns  on  the 
appropriate  multiplexer  and  sequences  into  the  proper  channel,  the  addressed  standard 
interface  unit  will  then  either  receive  data  from  or  transmit  data  to  i;he  data  bus  after  the 
data  lias  been  properly  converted  by  the  A/D  or  D/A  converters.  Two  parallel  storage 
registers  will  be  provided  to  temporarily  store  parallel  data  while  the  shift  register  on  the 
A/D  ladder  is  engaged  with  time  dependent  tasks.  The  data  will  be  strobed  into  and  out  of 
the  parallel  storage  registers  to  reduce  the  cycle  time  and  bus  dead  time.  It  should  be 
possible  to  obtain  nearly  IGOSr  duty  cycle  usage  of  the  data  bus. 
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Table  4-4.  Measurement  Power  Requirements 


MEASUREMENTS 

ASTRIONIC 

MODULE 

PROPULSION 

MODULE 

CREW 

MODULE 

AC  AND  DC  (2  MA  EACH) 

1,800  MA 

528  MA 

1,200  MA 

DISCRETE  (1  MA  EACH) 

600  MA 

176  MA 

400  MA 

SIGNAL  COND.  (10  MA  EACH) 

4,500  MA 

1,320  MA 

3,000  MA 

TOTAL 

6,900  MA 

2,024  MA 

4,600  MA 

NORMAL  CURRENT  (30%) 

2,070  MA 

607.2  MA 

1,380  MA 

PEAK  CURRENT  (60%) 

4,140  MA 

1,214.4  MA 

2,760  MA 

NORMAL  POWER 

56.2  W 

17.0  W 

44.6  W 

PEAK  POWER 

112.4  W 

34.0  W 

89.2  W 

4* 1 -8  Configuration  Assignment  Unit  (CAU) 

The  Configure™  Assignment  Unit  (CAU)  provides  the  means  for  recovery  after  ar 
5,rr°r  l?detected  m th®  maln  storage,  CPU  or  the  bus  control  and  I/O  unit  (see  reference 
C-7).  The  initial  step  of  recovery  is  provided  by  the  use  of  interface  error  detectors  which 
test  a device  output  dynamically  and  which  are  self-testing  themselves.  These  are  used  to 

th,°cVldn  i:rr,°r  3 f™  Slgna  s l0  the  CAU  and  il  therefore  becomes  the  prime  responsibility  of 
tins  subsystem  to  react  to  the  error  condition.  Basically,  then,  the  CAU  can  be  subdivided 

"*°  ‘W°  subfunct>ons.  bootstrap  recovery  and  diagnosis.  Through  the  bootstrap  recovery 
he  CAU.se,rves  f°ur  Purposes.  It  first  provides  a nontrivial  and  complex 
between  the  failure  detection  hardware  and  the  diagnosis  programs.  Second,  it 
provides  a means  for  rapid  retry  capability  for  recovery  from  transients.  Third,  it  provides  a 
system  capacity  for  ascertaining  the  existence  of  catastrophic  failures.  And,  finally,  it 
initiates  system  reconfiguration  when  necessary.  ’ 


4.2  DATA  MANAGEMENT  ORGANIZATION 
DETECTION 


REDUNDANCY  AND  FAILURE 


The  organization,  redundancy  and  failure  detection  was  approached  with  goals  of  (T 
total  we‘Sh‘.  Power  consumption,  and  volume,  (2)  minimizing  impact  of  adding 
™ft,np  CO!?P°nentS  or  subsystems  to  accommodate  the  various  missions,  (3)  minimizing 
unpact  of  software  modifications  by  minimizing  the  required  verification  effort  while 

sTitcWnTffC  ,^^1?  SUffiCienCy  of  effort-  (4)  minimizing  checkout  and  component 
fXlfngalfobjectives.  mmimnn*  system  reliability,  crew  safety,  and  probability  ol 

Figure  4-1  shows  the  data  management  organization  for  the  unmanned  synchronous 

reHnn^nc,011'  As  .ment'oned  earhar'  the  random  access  memory  (RAM)  organization  and 
redundancy  will  depend  on  the  hardware  technology  used.  If  monolithic  technology  is 
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employed,  the  RAM  will  probably  consist  of  BOM’s  of  32 K words  with  I -bit  per  word. 
Thirty-nine  of  these  BOM’s  will  be  combined  to  provide  32K  of  39-bit  words  (32-bit  data 
and  7-bit  error  code).  One  standby  BOM  will  be  included  to  provide  capability  to  replace  a 
failed  BOM  or  one  with  a significant  number  of  defects.  However,  if  magnetic  devices  are 
employed,  the  bit  per  BOM  organization  will  not  be  used.  Further  trade  studies  will 
determine  this. 

Memory  control  and  interface  will  provide  capability  for  each  32K  memory  to  be 
controlled  (read  or  store)  by  the  CPU’s  (primary  or  backup),  bus  control  and  I/O  units 
(primary  or  backup),  and  the  configuration  assignment  unit. 

For  the  synchronous  orbit  mission,  two  CPU’s  will  be  used;  one  as  the  operating 
primary  and  the  other  as  the  standby  backup.  This  provides  a fail  safe  capability.  Manned 
missions  will  require  two  backup  CPU’s  and  two  backup  bus  control  and  I/O  units  to 
provide  a fail  operate/fail  safe  capability.  The  CPU’s  in  conjunction  with  the  configuration 
assignment  unit  (CAU)  provide  hardware  to  detect  failures  in  the  CPU,  bus  control  and  I/O 
units,  and  memory;  determine  if  they  resulted  from  transient  or  hard  failures;  and  switch  to 
the  backup  CPU,  the  backup  bus  control  or  backup  memory  module,  as  required. 

The  communication  between  the  CPU’s  and  bus  control  and  I/O  units  will  consist  of: 
(1)  one  program  controlled  output  (PCO)  channel.  (2)  one  externally  controlled  output 
(ECO)  channel,  (3)  one  externally  controlled  input  (ECI)  channel,  which  actually  links  the 
memory  with  the  bus  control  and  I/O  units,  and  (4)  several  interrupts. 

Each  CPU  will  have  a small  dedicated  non-volatile  memory  to  provide  bootstrap 
startup  and  loading  after  the  data  management  subsystem  has  been  powered  down. 

For  the  synchronous  orbit  mission,  the  data  bus  and  each  operating  standard  interface 
unit  (SIU)  will  be  provided  with  one  standby  backup  to  meet  the  tail/safe  criterion.  Manned 
missions  will  require  that  the  data  bus  and  the  SlUs  handling  critical  functions  be  provided 
with  two  backups  to  meet  the  fail  operate/ fail  safe  criterion. 

All  data  and  addresses  transmitted  on  the  data  bus  will  be  encoded  for  error  detection 
purposes. 

SIU  failure  detection  will  probably  be  accomplished  through  self  detection  hardware 
techniques.  However,  trade  studies  should  be  made  to  evaluate  both  hardware  and  software 
techniques  for  this  application. 

Sensors  and  other  devices  being  monitored  or  controlled  will  probably  be  checked  for 
failures  through  application  of  software  techniques  (limit  checking,  reasonableness  tests,  and 
trend  analysis).  However,  failure  detection  may  be  accomplished  by  adding  test  circuitry  in 
the  SlU’s  or  possibly  a combination  of  hardware  and  software  may  be  desirable.  A trade 
study  should  be  made  to  result  in  the  best  choice. 

As  mentioned  earlier  and  shown  in  Figure  4-1 , storage  for  display  formats  or  skeletons 
will  probably  be  provided  by  a 32K  monolithic  or  magnetic  memory  for  manned  missions. 
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The  lunar  mission  will  include  an  auxiliary  monitor  computer  to  support  monitoring 
and  displaying  of  critical  parameters  to  the  crew  during  the  28  or  42  day  period  on  the  lunar 
surface.  This  allows  the  DMS  to  be  powered  down  during  this  period  and  also  allows  DMS 
reliability  to  be  maintained  at  a high  level  for  the  entire  mission. 

As  shown  in  Figure  4-1 , sequencing  will  be  performed  via  the  same  SIU-I/O  units  that 
provide  data  monitoring  and  measurements  in  each  vehicle  module.  Two  concepts  were 
considered  for  performing  the  sequencing  function:  (1)  use  separate  switch  selectors  as  in 
Saturn  program  and  (2)  let  SIU-1/O  address  logic  handle  sequencing  commands.  In  the 
former  case,  a separate  switch  selector  type  device  would  be  employed  in  each  module 
(propulsion,  crew,  secondary  propulsion,  and  astrionic  module).  In  the  latter  case  the 
sequencing  commands  would  be  handled  by  the  SIU-I/O  address  logic  just  as  other 
information  (data  and  discretes)  are  handled.  However,  just  as  with  the  switch  selector, 
some  means  of  read  back  verification  by  the  computer  will  be  required.  Thus,  both  concepts 
are  much  the  same;  the  difference  being  that  in  the  first  concept,  the  sequencers  are  separate 
units  and  in  the  latter  concept,  the  sequencers  are  integrated  with  other  information 
conveying  hardware  which  multiplexes  all  incoming  and  outgoing  information.  The  latter 
concept  was  chosen  because  of  the  reduction  in  hardware. 

Table  4-5  shows  a summary  of  the  ec  iipment  required  for  each  mission,  and  Table  4-6 
summarizes  power,  weight,  and  volume  p.quirements  for  each  data  management  subsystem 
component. 

4.3  SOFTWARE  ORGANIZATION  AND  REQUIREMENTS 

Two  types  of  software  organization  were  considered  for  space  tug  application: 

< 1 > Conglomerate  Organization  in  which  a single  complete  software  package  is  written 
for  each  mission  or  phase  between  missions.  Subroutines  performing  various 
functions  are  interlaced  to  minimize  the  initial  programming  effort;  thus, 
subroutines  are  highly  dependent  on  each  other. 

(2)  Modular  Organization  in  which  function  modules  are  written  to  perform  single 
functions  such  as  navigation,  guidance  or  control  for  a particular  mission  or  phase 
between  missions.  Function  subroutines  are  written  in  modular  form  so  that  each 
function  module  is  isolated  as  much  as  possible  from  all  others.  Thus,  an 
executive  control  program  will  load  from  bulk  storage  into  main  memory  only 
those  function  modules  required  to  perform  a particular  mission  or  phase. 

The  modular  rather  than  the  conglomerate  software  approach  will  probably  be  used  for 
implementing  the  space  tug  software  package.  The  main  reason  for  this  is  the  fact  that 
unlike  Saturn,  which  has  a lifetime  of  only  one  mission  and  thus  requires  only  one  software 
configuration,  space  tug  will  have  a lifetime  consisting  not  only  of  many  missions  but  also  of 
many  phases  between  missions,  all  of  which  will  require  different  flight  software 
configurations,  lhus,  since  only  one  software  configuration  is  required  for  Saturn,  either  the 
conglomerate  or  the  modular  approach  can  be  used  with  little  difference  in  software  size 
and  verification  effort.  However,  if  the  conglomerate  approach  is  used  with  space  tug,  a 
different  software  package  will  be  required  for  each  mission  and  for  each  phase  between 
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Table  4-5.  DMS  Equipment  List 


Table  4-6.  Component  Characteristics 


COMPONENT  CHARACTERISTICS 
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H 

D 
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D 
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m 
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•40  TO  131 
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12.0 

8.0 

3.6 
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50.0 
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■40  TO  131 
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6.0 

5.0 
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5.0 
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7.0 

50 

10.0 
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0.0 
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0.4 

1.0 

1.0 
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7.5 

— 

— 

— 
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MONITOR.  UNITS 

4.0 

2.0 
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5.0 

3.5 

15.0 

20.0 

20.0 

68.3 

40  TO  131 

AUX.  MONITOR.  UNITS 

4.0 
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2.0 

0.5 

2.0 

2.0 
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40  TO  131 
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missions.  Whereas,  if  the  modular  approach  is  used,  the  executive  control  program  will  pull 
from  bulk  storage  and  load  in  main  memory  only  those  function  modules  that  are  required 
for  the  particular  phase  or  missic  1.  It  becomes  obvious  that  not  only  will  much  more 
software  be  required  for  the  conglomerate  approach  but  that  the  verification  effort  tends  to 
become  prohibitive.  Figure  4-6  illustrates  the  difference  between  the  modular  and 
conglomerate  software  structures  and  shows  the  advantages  and  disadvantages  in  using  the 
modular  approach. 

The  modular  executive  control  function  which  is  presented  in  more  detail  in  Figure  4-7 
includes  interrupt  processing,  function  execution  scheduling  and  control,  mission  and  phase 
initialization,  and  memory  loading.  Since  functions  within  a missic n phase  must  be  executed 
at  different  rates  with  different  timing  precision,  function  modules,  according  to  their 
particular  timing  requirements,  are  assigned  via  system  macros  to  operate  under  a specific 
sub-program  of  the  control  program.  The  program  structure  will  consist  of  the  following 
sub-programs. 

• Mission  Executive:  Governs  phase-to-phase  transition  throughout  the  entire 
mission. 

• Phase  Initializer:  Initializes  master  queue/control  tables  to  proper  status  at  the 
start  of  each  defined  mission  phase. 


WHAT  IS  MODULAR  SOFTWARE? 

MODULAR  SOFTWARE  CONSISTS  OF  TWO  BASIC  PARTS: 

1 FUNCTION  MODULES  EACH  OF  WHICH  IS  RESPONSIBLE  FOR  PERFORMING 
A MISSION  FUNCTION  SUCH  AS  NAVIGATION,  GUIDANCE  OR  CONTROL 
FOR  A PARTICULAR  PHASE  OF  A MISSION;  THE  FUNCTION  MODULE 
USED  IS  MISSION  DEPENDENT. 

2-  EXECUTIVE  CONTROL  MODULES  WHICH  HAVE  A PRIMARY  PURPOSE  OF 
CONTROLLING  THE  SEQUENCE  AND  ORDER  OF  EXECUTION  OF  ALL  FUNCTION 
MODULES  FOR  A PARTICULAR  MISSION.  THE  CONTROL  MODULES  ARE 
MISSION  INDEPENDENT. 

MODULAR  SOFTWARE  STRUCTURE 


FUNCTION 

MODULE 


MAIN  MEMORY 

FUNCTION  I 
MODULE 


FUNCTION 

MODULE 


MAGNETIC  TAPE 
FUNCTION  MODULE  1 
FUNCTION  MODULE  2 


EXEC. 

CONTROL 

MODULES 


COMMAND 


FUNCTION 

MODULE 


FUNCTION 

MODULE 


FUNCTION 

MODULE 


CONGLOMERATE  SOFTWARE  STRUCTURE 


FUNCTION  MODULE  M 


MAIN  MEMORY 

LOADER  . 
ROUTINE 


COMMAND 


CONGLOMERATE  SOFTWARE  PACKAGE  1 


MAGNETIC  TAPE 

CONGLOMERATE  SOFTWARE 

PACKAGE  1 

CONGLOMERATE  SOFTWARE 
PACKAGE  2 


CONGLOMERATE  SOFTWARE 
PACKAGE  M 


ADVANTAGES  OF  MODULAR  SOFTWARE 

1.  ISOLATES  EACH  FUNCTION  SO  THAT  THE  EFFECTS  OF  CHANGES  IN  A GIVEN  FUNCTION 
MODULE  WILL  BE  CONFINED  TO  THAT  MODULE  AS  MUCH  £S  POSSIBLE,  I.E.,  OTHER 
FUNCTIONS  SHOULD  NOT  HAVE  TO  BE  MODIFIED  TO  ACCOMMODATE  THESE  CHANGES. 
THUS,  ONLY  THE  CHANGED  MODULE  WILL  REQUIRE  PROGRAM  VERIFICATION. 

2.  NEW  MODULES  CAN  BE  ADDED  TO  THE  FUNCTION  MODULE  POOL  WITH  MINIMUM 
IMPACT. 

3.  MAXIMIZES  SOFTWARE  RELIABILITY  BY  CONFINING  THE  IMPACT  OF  PROGRAM  CHANGES 
TO  THE  FUNCTION  MODULE  BEING  MODIFIED. 

4.  MASS  STORAGE  IS  MINIMIZED  SINCE  THE  ALTERNATIVE  TO  THE  MODULAR  APPROACH  IS  TO 
HAVE  SEPARATE  COMPLETE  MISSION  SOFTWARE  PACKAGES  FOR  EACH  MISSION  OR 
PHASE  OF  OPERATION.  IN  THIS  CASE,  SOME  FUNCTION  ROUTINES  WOULD  BE  CON- 
TAINED IN  EACH  OF  THESE  PACKAGES,  THUS  REQUIRING  REDUNDANT  STORAGE. 

DISADVANTAGES 

1.  SLIGHTLY  MORE  MAIN  MEMORY  WILL  BE  REQUIRED  DUE  TO  THE  DIFFERENCE  IN 
MODULAR  SOFTWARE  STRUCTURE. 


Figure  4-6.  Space  Tug  Software 
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• Non-Interrupt  Sequencer:  Controls  tne  execution  of  those  modules  which  make 

up  the  basic  iterative  computation  of  any  phase,  i.e.,  those  functions  of  a 
non-priority  nature  which  are  to  be  operated  as  a part  of  a repetitive,  ordered 
sequence.  » 

• Periodic  Processor:  Controls  the  execution  of  those  modules  of  a non-priority 
nature  but  which  are  to  be  executed  a given  number  of  times  within  a specified, 
but  not  precisely  rigid,  time  frame. 

• Interrupt  Processor:  Services  both  hardware  and  program  controlled  interrupts 
and  routes  control  to  the  appropriate  program  module  on  a priority  basis. 

• Timed  Schedulers:  Schedules  the  use  of  the  timed  interrupts  to  control  the 
execution  of  priority  functions  modules  which  require  operation  at  an  exact  time 
or  at  a precisely  cyclic  rate. 

A study  should  be  made  to  identify  in  greater  detail  the  required  software  function 
modules  for  all  space  tug  missions  and  phases  and  show  how  these  can  be  called  into  main 
memory  as  missions  and  phases  change. 

4.4  FUNCTIONAL  REQUIREMENTS 

The  details  of  the  data  management  Junctions,  including  now  charts,  are  presented  in 
other  appendices.  The  purpose  of  this  subsection  is  to  enumerate  the  data  management 
subsystem  functions,  show  CPU  (operations/sec.)  and  memory  (number  of  locations) 
requirements  per  function  for  each  mission.  Table  4-1  shows  the  functions  as  presently 
defined  along  with  their  respective  CPU  and  memory  load  requirements.  The  range  of 
memory  requirements  for  the  ten  missions  shown  in  Table  4-1  is  31,568  32-bit  memory 
locations  for  the  second  unmanned  planetary  mission  to  62,790  locations  for  the  RNS 
mission.  The  unmanned  planetary  mission  memory  requirement  is  low  primarily  because  of 
the  lower  navigation  requirements.  It  should  be  noted  here  that  RNS  memory  and  CPU 
speed  requirements  do  not  include  nuclear  engine  control.  This  is  a very  complex  problem 
and  sufficient  information  is  not  available  at  this  time  to  address  these  requirements.  Based 
on  the  information  that  is  available,  it  appears  the  problem  of  nuclear  engine  control  will  at 
least  double  those  memory  and  speed  requirements  for  RNS  presented  in  Table  4-1 . 

The  range  of  CPU  speed  requirements  is  153K  ops/sec.  for  the  expendable  synchronous 
orbit  mission  to  278K  ops/sec.  for  RNS.  This  is  somewhat  lower  than  the  results  of  the 
earlier  space  tug  report  (see  reference  C-6).  The  ditfeiencc  is  due  mainly  to  refinements  in 
navigation  and  strapdown  IMU  requirements  and  a reduction  from  25%  to  15%  for 
contingencies.  The  contingencies  requirement  was  reduced  because  of  increased  confidence 
in  the  refined  requirements. 

4.5  PROJECTION  OF  TECHNOLOGY  DEVELOPMENT 

Table  4-7  (see  reference  C-7)  shows  the  expected  computer  technology  characteristics 
resulting  from  extended  state-of-the-art  technology  in  the  1972-1975  time  frame.  In 
addition,  the  expected  computer  characteristics  of  new  technology  development  are  shown 
for  the  post- 1974  time  l.ame. 
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Table  4-7 . Projected  Technology  Development 
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The  weight,  power  and  size  given  include  the  basic  memories  listed,  i.e.,  8K  words  for 
extended  technology  and  1 6K  words  for  new  technology. 

By  using  Table  4-6  in  conjunction  with  Table  4-7,  the  expected  weijit,  power  and 
volume  characteristics  of  the  I/O  and  bus  control  unit  and  the  configuration  assignment  unit 
can  be  approximated  for  extended  and  new  technology. 
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This  document  presents  the  results  of  an  analysis  performed  to:  (1)  relate  mission 
characteristics  to  the  space  tug  navigation  and  guidance  requirements,  (2)  identify  the 
candidate  hardware  which  satisfy  the  established  requirements,  (3)  define  the  mounting 
constraints  of  candidate  hardware  and  (4)  describe  the  technology  trends  for  the  candidate 
navigation  sensors. 

2.0  STUDY  GUIDELINE  AND  GROUND  RULES 

The  navigation  analysis  is  based  on  the  following  ground  rules  and  guidelines. 

1 . The  tug  will  be  primarily  manned,  but  will  be  capable  of  automatic  or  remote 
control. 

2.  Autonomy  is  a design  goal. 

3.  Automatic  landing  on  the  lunar  surface  will  be  at  a prepared  site,  only. 

4.  The  target  vehicle  for  rendezvous  and  docking  will  be  cooperative. 

5.  The  navigation  accuracy  required  is  basically  the  same  as  for  the  LM. 

6.  Each  mission  is  assumed  to  begin  with  ah  of  the  stages  in  the  stacked 
configuration. 

7.  The  accuracy  requirements  for  the  early  flight  phases  (inertial  N&G  mode)  is  set 
depending  on  available  radar  range  to  effect  a transition  from  the  early  N&G 
mode  to  a terminal  guidance  mode. 

3.0  SUMMARY  OF  RESULTS 

3.1  NAVIGATION  REQUIREMENTS 

Navigation  and  guidance  requirements  are  first  related  to  characteristics  of  the  design 
missions  established  for  the  definition  of  the  space  tug  astrionic  system. 

A method  is  discussed  that  permits  intraorbit  operations  in  a near  autonomous  mode. 
This  method  requires  knowledge  of  either  the  target  or  chaser  vehicle  orbit  and  radar 
tracking  of  the  target  by  the  chaser  vehicle.  However,  considerable  time  (about  18  hrs.)  is 
needed  due  to  the  long  synodic  period  for  low  earth  orbits  (100  NM  and  300  NM  orbits) 
when  using  Hohmann  transfers. 

The  preliminary  N&G  accuracy  requirements  for  orbit  transfers  are  summarized  in 
Table  3-1  and  were  obtained  by  adapting  a set  of  Keplerian  subroutines  to  determine  range 
at  nominal  transfer  completion  as  a function  of  errors  at  injection. 
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Table  3-1 . Preliminary  Initial  Position  and  Measured  Velocity  Controlling  Errors 


From  the  study  conducted  and  with  no  excess  AV  available,  the  best  trajectory  for 
achieving  equatorial  synchronous  orbit  with  any  desired  longitude  is  the  use  of  a low 
altitude  phasing  orbit.  Four  approaches  were  evaluated  and  gross  results  are  shown  in  Table 
3-2.  Details  are  discussed  in  Section  4.0. 

For  the  late  midcourse  correction  for  the  earth  to  moon  transfer,  onboard  sensors  are 
required  to  measure  vehicle  to  moon  line-of-sight.  Range  and  range  rate  data  is  desired. 
These  studies  showed  that  measurement  of  these  parameters  within  2%  would  provide  a 
resultant  orbit  with  perilune  within  radar  range  (300  NM)  of  the  lunar  space  station  (after 
any  necessary  phasing). 

Follow-on  in-depth  analysis  and  simulations  are  required  to: 

• For  the  low  earth  orbit  operations,  perform  a AV  versus  mission  time  study  using 
the  near  autonomous  N&G  mode. 

• Determine  optimum  degree  of  autonomy  for  space  tug  operations. 

• Include  second  order  effects  in  determining  N&G  accuracy  requirements  and 
update  or  correct  accuracies  shown. 


Table  3-2.  Synchronous  Orbit  Trajectory  Comparison  Matrix 


TRAJECTORY 

ADVANTAGES 

DISADVANTAGES 

DIRECT  ASCENT 
WITH  SLOW  DRIFT 
TO  STATION 

9 NOMINAL  TRANSFER  TIME  . 

1^5.3  HOURS) 

® NOMINAL  N&G  ACCURACY 

REQUIRED  IF  TARGET  IS 
NEAR  OPTIMUM  LONGITUDE. 

® USES  NOMINAL  AV. 

a LONG  PHASING  PERIOD  Is: 2 DAYS) 

AT  NEAR  SYNCHRONOUS  ALTITUDE 
TO  ARRIVE  AT  ANY  REQUIRED 
LONGITUDE. 

® LONG  PHASING  PERIOD 

IMPOSES  STRINGENT  N&G 
REQUIREMENT  OR  NAVIGATION 
UPDATE. 

LOW  PHASING  ORBIT 

ffl  MINIMUM  TOTAL  MISSION 

TIME  FOR  WORSE  CASE  TARGET 
LONGITUDE  AND  USING 
NOMINAL  AV. 

« STRINGENT  N&G  ACCURACY 

REQUIREMENTS  WITHOUT 
POSITION  UPDATE. 

HIGH  PHASING  ORBIT 

e USES  NOMINAL  Av. 

® LONG  TRANSFER  TIME.  (18-20  HRS.) 

8 STRINGENT  N&G  ACCURACY 

REQUIREMENTS  WITHOUT 
NAVIGATION  UPDATE. 

OVERSHOOT  PHASING 

® MINIMUM  TOTAL  MISSION 

TIME. 

» NOMINAL  N&G  ACCURACY 

REQUIRED. 

® EXCESS  AV  REQUIRED.  (690  M/S 

WORST  CASE) 

• Show  need  and  cost  of  the  conservatism  included  in  the  use  of  an  offset  aim 
point. 

• Perform  the  radar  range  versus  inertial  guidance  accuracy  requirements  trade 
study,  including  cost  effectiveness,  for  all  representative  missions. 

• Develop  and  provide  an  error  budget  for  the  N&G  hardware. 

3.2  NAVIGATION  SENSOR  SELECTION 

Figure  3-1  depicts  the  preliminary  choice  of  sensors  to  perform  the  navigation  function 
for  the  spectrum  of  space  tug  missions.  It  should  be  noted  that  the  configuration  c hosen  is 
based  on  limited  trade  and  component  data  and  does  not  necessarily  reflect  the  final 
configuration  for  space  tug  navigation. 

The  layout  is  configured  tor  the  aimed  synchronous  orbit  mission  which  includes 
automatic  rendezvous  and  docking.  1 e i.a*.w  .ion  subsystem  is  comprised  of  the  following 
units.  b 

( 1 ) 1MU  (Strap-down) 

(2)  Star  trackers  (2) 

(3)  Rendezvous  and  Docking  Radar  (Laser  Radar) 

v-v)  Landmark  tracker 

(5)  Horizon  Sensor 

For  missions  that  include  a lunar  landing  as  one  of  the  mission  phases,  a landing  radar 
js  required. 

A matrix  of  navigation  sensors  versus  tug  missions  is  presented  in  Figure  3-2.  The 
estimated  size,  weight,  and  power  requirements  for  each  subsystem  are  given  in  Table  3-3. 
The  functions  of  each  unit  and  the  mission  phases  where  they  are  employed  are  presented 
below  and  summarized  in  the  matrix  of  figure  3-3. 

3.2.1  IMU 

The  IMU  is  employed  for  all  active  mission  phases  to  measure  vehicle  thrust 
acceleration  and  to  provide  vehicle  attitude  relerenee.  A strap-down  configuration  was 
chosen  since  it  will  perform  to  the  required  accuracy  and  offers  advantages  in  redundancy, 
cost,  weight,  and  power  over  four  redundant  conventional  gimballed  IMU’s,  as  well  as  an 
advantage  in  inherent  reliability.  However,  a tradeoff  comparison  will  be  made  in  greater 
depth  in  tollow-on  studies.  The  potential  advantages  which  must  be  evaluated  for  the 
gimballed  configurations  include: 

• Greater  maturity  and  production  base  which  should  result  in  lower  development 
costs. 

® Capability  tor  launch  pad  calibrations  which  eliminates  dependence  on  long-term 
stability  of  inertial  sensor  error  coefficients. 
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Figure  3-1 . Space  Tug  Navigation  Layout 
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Figure  3-2.  Matrix  Relating  Navigation  Equipment  To  Space  Tug  Missions 
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Table  3-3.  Navigation  Sensors  Physical  Characteristics 


WEIGHT  I POWER 


(WATTS) 


VOLUME 


(CU.  FT.) 


ESTMTBF  EST  SERVICE 
(HRS.)  LIFE 


LASER  RADAR00 


STAR  TRACKER  (2) 


LANDING  RADAR 


UNKNOWN  UNKNOWN 


23  EA.  20AVEPa 
30  PK 


0.96  EA.  20. 


7 YEARS 


LANDMARK  TRACKER  30 


HORIZON  SENSOR 


HEXAD  STRAPDOWN  UNIT 
CHASER  VEHICLE  EQUIPMENT 


■*■2*2  Star  Trackers,  Landmark  Tracker,  and  Horizon  Sensor 

Two  star  trackers  were  selected  for  automatic  IMU  alignment.  The  star  trackers  along 
with  either  a landmark  tracker  or  horizon  sensor  was  selected  to  perform  autonomous 

10 000  NM  from  a cel  t . tracker/s  used  for  dista"ces  UP  to  a maximum  of 

1U  UU0  NM  from  a celestial  body.  Navigation  beyond  an  altitude  of  10,000  nmi  will  require 

honzon  sensor  to  reliably,  automatically,  and  accurately  update  the  vehicle  state  vector 

synchro"ous  °,rb*>  Planetary,  and  translunar  transearth  missions.  These  units  will  be 
used  for  navigation  initializations  and  orbital-lunar  surface  navigation. 

flln  t*°  ataf  trackfs  and  the  landmark  tracker  or  horizon  sensor  serve  the  same 
tel®scope/sextant  provide  for  the  LEM.  For  manned  operations,  the 

m2  ? IS  sufficient.  However,  for  unamnned  missions,  the  star  trackers  and 
automatic  landmark  tracker  or  horizon  sensor  are  required. 

3.2.3  Rendezvous  and  Docking  Radar 

The  function  of  the  rendezvous  and  docking  radar  is  to  provide  range,  range  rate 
angular  position,  and  angular  rate  with  respect  to  a target  vehicle  or  location.  8 

. , The  laser  ™dar  was  selected  for  this  function  since  it  can  be  used  for  rendezvous 

renHP7vnfnd  HUt0matfu  anding‘  This  radar  has  an  advantage  over  the  present  microwave 
rendezvous  radars  in  that  it  provides  the  accuracy  required  for  automatic  docking  as  well  as 

prepare^site  US*  A * Ca"  b°  USed  aS  a landing  aid  for  unmanned  lunar  landing  at  a 

a las®r  scannjng  radar  developed  by  ITT  in  cooperation  with  NASA  MSFC 
has  performed  successful  simulated  dockings  at  the  Martin  Denver  Simulation  Laboratory.  A 
similar  aser  radar  was  mounted  on  a helicopter  and  successfully  docked  with  a docking 

thk  lLP  d at.op  of  a trL“*  °n  the  s,de  of  a mountain.  The  present  state  of  development  of 
this  laser  indicates  an  availability  in  the  1973-1978  time  frame. 


re  3-3.  Required  Navigation  Sensors  and  Their  Functions 


♦LANDMARK  TRACKER  USED  FOR  ALTITUDES  LESS  THAN  10  K NM 


° *HORIZON  SENSOR  USED  FOR  ALTITUDES  GREATER  THAN  10KNM 


.~r^>nl4-:ArabdtlLr*^v^..-.Jsi , 


3.2.4  Landing  Radar 


The  function  of  the  landing  radar  is  to  provide  velocity  and  altitude  with  respect  to  the 
lunar  surface,  and  prior  to  acquisition  of  the  landing  site  by  the  laser  radar,  to  supplement 
the  IMU  inertially  measured  quantities  during  lunar  landing. 


The  landing  radar  presently  employed  on  the  LM  appears  to  provide  the  functions  and 
accuracy  required  for  the  space  tug. 


REQUIREMENTS  CHARACTER,STICS  AND  NAVIGATION  AND  GUIDANCE 


Figure  4-1  lists  the  space  tug  missions  (with  all  vehicles)  and  the  mission  phases 
expected  for  the  spectrum  of  space  tug  design  missions.  The  commonality  of  the  mission 
phases  for  the  missions  indicates  that  there  is  also  much  commonality  for  the  functional 
requirements.  Some  pertinent  mission  characteristics  and  N&G  requirements  are  discussed  in 
this  section. 


Requirements  and  specifications  must  be  related  to  the  functional  hardware  to  be  used. 
Thus,  the  assumption  made  in  this  requirements  analysis  is  the  utilization  of  a core  G&N 
subsystem  consisting  of  an  inertial  measurement  unit  (IMU),  digital  computer  with  needed 
flight  program  (software),  and  a target  sensor  (radar).  This  core  system  will  operate  in  two 
primary  modes: 


Inertial  Guidance  — for  preprogrammed  trajectories. 


Terminal  Guidance  - for  accurate  terminal  phase  guidance  requiring  direct  target 
data. 


Supporting  functions  and  equipment  required  for  this  core  system  include  the 
following: 


IMU  Alignment  - The  duration  of  all  seven  design  missions  is  in  excess  of  several 
hours  and  thus  onboard  sensor(s)  are  required  for  periodic  IMU  alignment.  . 


9 Space  Navigation  - Providing  onboard  navigation  to  minimize  ground  station 
support  is  a design  goal.  With  the  IMU  alignment  requirement  (sensors  available), 
the  hardware  impact  in  providing  position  data  is  not  considered  to  be  large! 
Software  impact  is  also  not  excessive. 


• Trajectory  Computations  - The  capability  and  data  needed  to  compute  onboard 
precision  trajectories  is  mission  and  mission  phase  dependent. 


A review  of  the  missions,  past  studies,  and  other  available  data  indicates  that: 


(1)  The  intraorbit  transfers  (earth  and  lunar  orbit  operations  design  missions)  are  the 
most  likely  candidate  for  autonomous  operation. 


(2)  The  synchronous  orbit  mission  will  impose  the  most  stringent  N&G  requirements. 
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(3)  The  late  midcourse  correction  for  the  earth  to  moon  transfer,  and  for  automated 
missions,  will  impose  special  sensor  and/or  operational  requirements. 

This  analysis,  due  to  the  compacted  schedule,  was  directed  toward  these  three  areas. 

In  determining  the  onboard  N&G  system  accuracy  requirements,  several  constraints 
must  be  considered,  including  availability  and  limitations  of  the  ground  stations,  number  of 
trajectory  correction  burns,  and  fuel  allocated.  The  approach  taken  is  to  set  the  N&G 
accuracy  requirements  for  the  inertial  guidance  phase  as  needed  to  achieve  radar  lock-on  for 
initiating  the  terminal  guidance  phase.  Also  a design  goal  was  set  to  minimize  ground 
support  requirements. 

4.1  INTRAORBIT  TRANSFERS 

Orbital  transfers/operations  are  to  be  performed  in  both  lov/  earth  orbit  and  lunar 
orbit.  The  representative  mission  profile  for  tug  orbital  operations  consist  of  the  tug 
executing  a Hohmann  transfer  from  the  space  station  orbit  to  the  target  orbit,  rendezvous 
and  dock,  load  payload,  transfer  to  the  space  station  orbit,  and  rendezvous  and  dock  to  the 
space  station.  In  performing  these  transfer  maneuvers,  there  are  two  basic  approaches 
depending  on  the  difference  in  the  tug  and  target  altitude  (Ah)  and  the  guidance  hardware 
used. 

(a)  If  Ah  is  large,  an  inertial  guidance  phase  plus  a terminal  guidance  phase  is  required. 
For  the  inertial  guidance,  inputs  to  the  tug  guidance  system  are  required  to  define 
both  the  tug  and  target  state  vectors  either  from  ground  track  or  from  the  space 
station. 

(b)  If  Ah  is  small,  i.e.,  target  is  within  tug  radar  range,  only  a terminal  guidance  phase 
is  required  with  inputs  from  the  space  station  defining  the  tugs’  initial  state 
vector. 

Approach  (b)  above,  provides  considerable  less  reliance  on  data  from  ground  stations 
and  should  provide  more  flexible  lunar  orbit  operations.  Description  of  this  terminal 
guidance  approach  is  as  follows. 

If  the  space  station  (target)  is  in  a circular  near-earth  orbit,  and  the  space  tug  is  nearby, 
the  motion  of  the  tug  with  respect  to  the  station  can  be  defined  simply  by  introducing  a 
rotating  coordinate  system  with  the  origin  at  the  station.  With  reference  to  Figure  4-2,  let; 

X be  in  the  direction  of  motion  of  the  station 

Y be  in  the  local  vertical  (up  at  station) 

Z be  in  the  negative  orbit  normal  at  the  station 
then,  X,  Y and  Z are  coordinates  of  the  tug  and  the  equations  of  motion  are: 

X — 2 a)Y  = 0 

Y + 2<uX  - 3g)2Y  * 0 

Z +o>2  Z = 0 


D-l  1 


Figure  4-2.  Transfer  Trajectory  In  Rotating  Coordinate  System 


These  equations  have  the  solution: 

X - 2 A sinfot  + <£)  + a + 3b cot 
Y - A cos(wt  + <£)  + 2b 
Z - B sin(&>t  +<t>z) 
where: 

A = 5 [Yg  + (2X0-3a»Y0)2],A 

B = (Zo2  + (%*“)  2 I '/2 

a “ + 5^0 

b = 2Y0  - ' 

* = U"'  ( "'Y(1  - 2X„  ) 

*Z  ' (^) 
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These  solutions  permit  the  orbital  transfer  operations  to  be  performed  with: 

(a)  Definition  of  either  (but  not  both)  the  target  or  tug  state  vector  and 

(b)  The  following  equipment  onboard  the  tug: 

0)  Platform  aligned  (permitting  location  of  the  local  vertical)  or  an  unaligned 
platform  with  a horizon  or  other  sensor(s)  to  determine  the  local  vertical 

(2)  Radar  or  optical  tracker  to  provide  range,  range  rate,  and  line-of-$ight  angles 
in  tug  refererce. 

As  an  illustration,  suppose  that  the  tug  is  in  a circular  orbit  coplanar  with  the  station 
but  at  an  altitude,  Ah,  above  the  station. 

Then  an  optimum' transfer  is  made  by  using  impulses  in  the  X direction  only.  The 
equations  of  motion  for  arriving  at  the  space  station  with  velocity  X0  are 

X = ^ XQ  sin  <w  t - 3 X0 1 

„ -2X0 

* 01  (COS  01 1 - 1) 

where  t is  zero  at  the  conclusion  of  the  maneuver. 

The  minimum  energy  transfer  is  made  by  waiting  (phasing)  until  the  tug  lies  ahead  of 
the  station  at  an  angle  from  the  vertical 

0 = 790  36’  - tan"l  (3tr  - 4) 

then  applying  impulse  to  give  delta  velocity 


Approximately  the  same  AV  must  be  applied  at  the  origin  to  complete  the  transfer 
maneuver.  These  equations  define  a Hohmann  transfer  in  the  rotating  coordinate  system. 

For  orbital  operations  using  an  inertial  guidance  system  for  the  orbit  transfer 
maneuvers  and  then  a terminal  guidance  system  for  rendezvous,  the  inertial  guidance  system 
must  provide  sufficient  accuracy  so  that  the  target  is  within  radar  or  optical  range  at 
completion  of  the  transfer.  A set  of  Keplerian  subroutines  were  used  to  determine  range  at 
nominal  transfer  completion  as  a function  of  error  at  injection.  While  suitable  for 
determining  error,  these  routines  do  not  include  second  order  effects  which  would  have  to 
be  tc*  en  into  account  to  determine  a nominal  trajectory  (e.g.,  earth  oblateness). 

Figure  4-3  shows  th  ';  geometry  of  a Hohmann  transfer,  the  coordinate  system  used, 
and  use  of  an  offset  ainung  point.  The  duration  of  the  transfer  is  determined  from  the 
nominal.  For  the  perturbed  cases,  the  time  after  perigee  is  determined  from  the  initial 
conditions,  and  the  nominal  duration  added  to  determine  the  time  at  the  end  of  the 
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4.2  SYNCHRONOUS  ORBIT  MISSION 

The  equatorial  synchronous  orbit  mission,  as  shown  in  Figure  4-4  can  hp  nprfnrm^ 
Table  4-1.  Hohmann  Transfer  From  100  NM  Earth  Orbit  To  300  NM  Orbit 


INPUT  ERROR 

MISS  DISTANCE 

INPUT  ERROR 

MISS  DISTANCE 

r 

»p 

X , 5 M/S 

164. 

KM 

X , 2 M/S 

75  KM 

Y . 5 M/S 

42. 

KM 

Y , 2 M/S 

17  KM 

i 

2 , 5 M/S 

.03 

KM 

Z . 2 M/S 

NEGLIGIBLE 

cab 

X , 1 KM 

10. 

KM 

X , 0.5  KM 

5 KM 

AM" 

Y . 1 KM 

38. 

KM 

Y , 0.5  KM 

19  KM 

Z , 1 KM 

1. 

KM 

Z , 0.5  KM 

0.5  KM 

Table  4-2.  Altitude  Versus  Catch  Up  Time 


Ah 

(NM) 


50 

63 

100 

200 

300 

400 

500 


Aco 

no*  RAD/SEC) 


.2402 

.3030 

.4819 

.9693 

1.4621 

1.9603 

2.4642 


T 

(DAYS) 


18.5 

14.7 

9.2 

4.6 

3.0 

2.27 

1.81 
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Ah  distance  catch  up  orbit  is  below  synclironous  orbit 
A&>  = difference  in  orbi  tal  rates 
t = time  to  catch  up 


The  Phasi”S  operation  can  be  performed  much  more  quickly  using  a phasing  orbit  but 
additional  requirements  are  placed  on  the  N&G  system.  ’ 


Figure  4-4.  Synchronous  Orbit  Trajectory 
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. I1^  displacement  due  to  unit  N&.G  errors  for  the  transfer,  using  the  same  approach  as 

described  earlier  m section  4.1  for  orbital  transfers,  are  shown  in  Table  4-3. 

„ . ,F°r  7stems  with  a radf  ranse  of  SSO  km  (—300  NM)  and  using  the  offset  aiming 
point  as  shown i in  Figure  4-3,  the  error  in  Y cannot  exceed  1.7  m/s  and  the  error  in  X 
cannot  exceed  2 km.  For  a system  with  a radar  range  of  140  km  (=75  NM),  the  error  in  Y 
cannot  exceed  0.4  m/s  and  in  X cannot  exceed  0.5  km.  The  errors  were  obtained  by 
allowing  one-half  the  allowable  miss  distance  to  initial  position  errors  and  the  remaining  half 
to  velocity  measurement  errors. 


For  drift  phasing  after  obtain 
variation  in  Y never  exceed  the  radar 
derived  in  section  4. 1 , 


equatorial  synchronous  orbit,  it  is  required  that  the 
range  for  autonomous  operation.  From  the  equations 


^max  “ A + 2b 
where, 

A = 5 [Vo2  + (2X0  - 3<uY0)2  ]'A 

2b  = 4Y0  - (fe) 

W ” (24X3600)  = 0,728  X 10  r^d/sec 

Note:  X and  Y are  interchanged. 


Table  4-3.  Hohmann  Transfer  From  100  NM  To  Synchronous  Orbit 


INPUT  ERROR 

RESULTANT  ERROR  AT  APOGEE 

MISS  DISTANCE 

X 

Y 

Z 

X 

Y 

z 

KM  (RSS) 

X,  1 A/I/S 

0. 

9.7 

0. 

0.36 

0. 

0. 

9.7 

Y.  1 M/S 

61.1 

56.9 

0. 

7.97 

2.16 

0. 

83.2 

Z,  1 M/S 

0. 

0. 

c. 

0. 

0. 

0.15 

0.15 

X,  1 KM 

54.2 

51.3 

0. 

7.2 

1.8 

0. 

74.0 

Y,  1 KM 

0. 

8.8 

0. 

.33 

0. 

0. 

8.8 

Z.  1 KM 

0. 

0. 

6.4 

0. 

0. 

0. 

6.4 
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For  the  unit  errors  from  Table  4-3, 

Y0  = 1 15.3  km 
XQ  = 3.96  m/s 
Y0  = 15.86  m/s 
Vmax  = 1075  km 

Also, 

^max  = R - H 
where, 

R is  the  radar  range 

H is  nominal  altitude  difference  for  phasing 

Then  by  proportion,  the  allowable  guidance  error  versus  phasing  time  is  shown  in  Table 


Table  4-4.  Guidance  Error  Versus  Phasing  Time 


PHASING 

TIME 

(DAYS) 

MAXIMUM  GUIDANCE  ERROR 
300  NM  RADAR 

MAXIMUM  GUIDANCE  ERROR 
75  NM  RADAR 

00 

0.51  KM  AND  0.51  M/S 

0.13  KM  AND  0.13  M/S 

18.5 

0.42 

0.42 

0.04  0.04 

14.7 

0.40 

**  0.40 

0.02  0.02 

9.2 

0.34 

0.34 

NOT  POSSIBLE 

4.6 

0.17 

0.17 

NOT  POSSIBLE 

3.0 

0.0 

0.0 

NOT  POSSIBLE 

SHORTER  TIMES  NOT  POSSIBLE 

* . In  Table  4-4  the  Posifion  and  velocity  errors  were,  again,  arbitrarily  taken  as  equal. 
Also,  some  error  should  be  allowed  for  the  planned  difference  in  orbital  altitude,  but  this 
error  is  small. 


Several  methods  are  available  for  phasing,  i.e.,  in  reaching  the  required  longitude  in  an 
equatorial  synchronous  orbit,  starting  from  a low  earth  orbit.  These  include: 


( 1 ) Slow  Drift  - Injection  into  a orbit  of  slightly  less  semi-axis  major  than  desired  as 
discussed  in  the  preceding  paragraphs  and  illustrated  in  Figure  4-4.  The  impulse 
required  to  end  the  drift  is  small  and  can  be  supplied  by  small  thrusters 
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(2)  Low  Phasing  Orbit  - At  the  beginning  of  the  Hohmann  transfer,  only  part  of  the 
transfer  impulse  is  applied.  This  results  in  a phasing  orbit  with  apogee  dependent 
on  the  longitude  of  the  target  hover  point  and  with  perigee  at  the  low  earth  orbit. 
Ine  transfer  is  begun  after  one  phasing  orbit.  This  method  is  illustrated  in  Figure 

i J » 

(3)  High  Phasing  Orbit  - At  the  end  of  the  Hohmann  transfer  orbit,  as  illustrated  in 
Hgure  4-6,  only  part  impulse  to  complete  injection  is  applied.  The  result  is  a 
phasing  orbit  with  apogee  at  synchronous  orbit  and  whose  period  is  dependent  on 
^,l°ngitude  of  the  target  hover  point.  Injection  is  completed  after  one  phasing 

(4)  Overshoot  Phasing  - An  excess  of  impulse  is  applied  at  the  beginning  of  the 
transfer.  Synchronous  altitude  is  then  reached  more  quickly,  even  through  the 
beginning  of  transfer  must  be  delayed  somewhat  so  that  injection  still  takes  place 
on  the  line  of  nodes.  Injection  takes  place  when  synchronous  altitude  is  reached 
(before  apogee).  This  method  is  illustrated  in  Figure  4-7. 


Phasing  can  be  accomplished  without  impulse  penalty  in  the  second  and  third 
approaches.  The  low  phasing  orbit  imposes  less  stringent  requirement  on  the  guidance  and 
navigation  system  than  the  other  approaches. 


shows,the  for  the  maximum  required  (low  altitude)  phasing  orbit  at 
the  end  of  the  nominal  period.  These  are  errors  developed  in  an  autonomous  system  and  can 

bJ  aTCI  observafion  of  the  PhasinS  orbit  Period.  If  the  errors  in  the  second 
half  of  the  divided  burn  are  neglected,  these  errors  can  be  translated  into  equivalent  errors  at 
synchronous  orbit  injection. 


If  the  effective  range  of  the  radar  is  550  km  (300  NM),  then  errors  at  the  end  of  the 
mjectron  into  the  phasing  orbit  no  larger  than  0.2  km  in  position  and  0.2  m/s  in  velocity  are 
needed  to  insure  acquisition  of  the  target  by  radar  (offset  aim  point  included).  If  about  half 
the  time/position  error  can  be  removed  prior  to  the  transfer  burn,  these  errors  may  be 

“r  ° ™ m Posl!1°n,a"h  1 m/s  ''1  velocity.  For  a radar  with  an  effective  range  of 
140  km  (75  NM)  and  with  halt  the  errors  removed  prior  to  transfer  burn  and  using  the 
otfset  atm  point,  the  errors  should  be  no  larger  than  0.25  km  in  position  and  0 25  m/s  in 


total  l— i0n°f  the  err°r  matriX  (Table  4_3)  shows  that  0"'y  ‘he  radius  magnitude  and 
tnnlfer  t'h  Imp0,rtlint  ‘e,-  X and  Y.  These  errors  are  small  compared  to  the  errors  at 
transfer  so  that  the  neglect  of  the  second  portion  of  the  injection  is  justified. 


0M 


4.2.1  Position  Update  at  Perigee 


t.  r Iow  altitude  phasin?  orbit  approach  the  onboard  navigation  requirements  may 

Tfd  1°T  syncbronous  orblt  injection  by  using  ground  track  or  an  onboard  horizon 
sensor.  If  the  error  in  measured  position  at  the  end  of  the  phasing  orbit  were  zero  the 

be  the  S3me  38  With°Ut  the  Phasing  orbit  (i-e*’  aboul  3 m/s  without 

°rbit  retU.rns  throuSh  same  point,  in  the  patched  conic  approximation, 
so  that  the  only  error  is  in  locating  the  point  at  which  the  burn  resumes.  If  the  error  is  u km 
in  Y , this  causes  also  an  error  on  the  order  of: 


fp"  (vp)  = 1.32  m/s  in  X 


where 


rp  = radius  at  perigee  of  phasing  orbit,  6939  km 
vp  = velocity  at  perigee  of  phasing  orbit,  9121  m/s 

and  aSfractniL0kdonehferrar'an  * "eSleCted'  The"  fW  3 r3d3r  r3nge  °f  550  km  (30°  NM>- 
k 550  <8  u + (9.7)  (1 .32  /jl) 
for  k - 0.5,  then  u = 28  km. 


It  appears  that  a suitable  system  can  be  devised  with  a velocity  error  1 m/s  and  a single 
tracking  point  near  the  end  of  the  phasing  orbit  with  a 3or  error  of  2S  km. 

Another  suitable  system  could  have  a velocity  error  of  1 m/s  above,  and  a horizon 
^nsor  star  tracker  system  capable  of  determining  local  vertical  to  within  0.12  degrees 
The  re-jgmtio11  point  is  determined  by  duplication  of  the  local  vertical  orientation  in  space 
at  the  beginning  and  the  end  of  the  phasing  orbit. 

4.2.2  Platform  Alignment 


For  a 100  NM  radar,  such  as  a laser  radar,  and  from  the  above  discussion,  a 
requirement  exists  for  0.33  m/s  in  velocity  measurement  with  position  update  using  either 
ground  track  or  an  onboard  horizon  sensor  and  a star  tracker. 


The  velocity  increment  for  injection  into  the  transfer  orbit 
the  forward  direction  is  to  be  small,  say  1/5  of  the  permitted 
requirement  is: 


is  2460  m/s.  If  the  error  in 
error,  then  one  alignment 


(0.33 ) ( 1 /5 ) = 0.066  - 2460  ( 1 — cos  e j ) 
hence,  ej  = 0.42  degrees. 
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The  most  significant  cross  velocity  component  is  that  in  X.  If  it  is  required  that  this 
component  produce  less  than  10  km  error  at  synchronous  orbit  arrive,  then  the  error  in  X 
can  be  10/9.7*  “ 1.03  m/s  and  a second  error  requirement  is: 

1.03  = 2460  sin  ej 

whence,  62  = 0.024  degrees  = 1 .5  minutes  of  arc. 

This  last  requirement  is  evidently  the  controlling  error  for  platform  alignment  for 
synchronous  orbit  injection. 

4.2.3  Overshoot  AV  Requirement 

Figure  4-8  shows  the  additional  impulse  requirement  for  the  overshoot  phasing  method 
of  achieving  a required  longitude  in  equatorial  synchronous  orbit.  From  the  figure,  the 
impulse  required  without  phasing  is  about  4330  m/s.  With  worse  case  phasing,  which  is  a 
delay  of  one  period  of  the  low  earth  orbit,  the  impulse  requirement  becomes  5020  m/s.  For 
comparison,  both  the  high  phasing  orbit  and  the  low  phasing  orbit  require  no  additional 
impulse  beyond  the  4330  m/s,  and  the  slow  drift  requires  only  slightly  more. 

4.2.4  Satellite  Placement 

The  allowable  simultaneous  errors  for  an  equatorial  synchronous  orbit  satellite  in  order 
tor  the  satellite  to  have  a drift  rate  along  its  orbit  smaller  than  l°/yr.  away  from  its  desired 
station  is  as  follows: 

Inclination  error 
Altitude  error,  deviation 
from  ideal  value 

Maximum  injection  velocity 
magnitude  error  from 
circular  speed 

Maximum  injection  velocity 
direction  error,  from 
horizontal 

Achieving  a synchronous  orbit  injection  with  this  order  of  accuracies  is  considered  to 
require  a vernier  guidance  phase  using  ground  track. 


± 1/2  deg  of  arc 
1 107  meters 
i6.7  m/sec 

7-1/2  min  of  arc 


*From  Table  4-5. 
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Figure  4-8.  Overshoot  Phasing  AV  Versus  Hover  Point 
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4.3  LUNAR  MISSIONS 
4.3.1  Lunar  Orbit  Injection 

Injection  into  a lunar  orbit  cannot  be  made  without  some  form  of  terminal  guidance.  If 
a sensor  is  used,  as  illustrated  in  Figure  4-9,  which  can  determine  lunar  angular  diameter  and 
position  against  a star  background  or  in  inertial  coordinates,  a procedure  for  determining  the 
final  midcourse  correction  can  be  determined. 


Figure  4-9.  Lunar  Approach  Sensor  Measurements 


Given  r,  r,  and  0,  the  specific  angular  momentum  is:  p = 
and  the  specific  energy  is:  U = 0.5  (r2  + p 0 ) -fi/r 
then  the  eccentricity  is 

e = U+2P£V 
V>2 

and  the  perilune  radius  is 

r = -P2 

p /t(l+e) 


. us‘ns  „the  ■',hove  expressions,  the  sensitivity  of  perilune  altitude  to  the  measured  value 
of  r and  & for  a typical  case  is  shown  in  Table  4-6, 

These  sensitivities  show  that  even  with  quite  crude  measurements,  injection  can  be 
made  into  a lunar  orbit.  If  the  error  in  measured  quantities  can  be  held  to  2%,  the  lunar 
orbit  can  be  close  enough  to  permit  acquisition  of  the  lunar  space  station  by  radar  (300  NM 
range  and  assuming  optimum  space  station  position),  so  that  the  operation  is  autonomous, 
it  sensors  are  not  available  that  can  measure  range  and  range  rate  within  2%,  use  of  ground 
stations  to  obtain  range  and  range  rate  data  with  the  onboard  sensor  providing  the  angular 
Une-of-sight  data  is  another  possible  approach. 

4.3.2  Plane  Change 

Because  of  orbital  precession  and  various  mission  requirements,  the  space  tug  must  be 
prepared  to  inject  into  any  lunar  orbit.  Target  orbits  at  TLi  must  contain  the  sub-earth 
point.  By  selecting  a suitable  target  orbit  the  plane  change  required  to  attain  any  lunar  orbit 
can  be  up  to  90  degrees.  Injection  can  be  made  without  plane  change  at  the  moon  if  a wait 
ot  up  to  two  weeks  is  acceptable. 


Table  4-6.  Perilune  Sensitivity  to  Senior  Errors 
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The  impulse  required  to  make  *’ie  plane  change  decreases  with  increasing  altitude. 
Hence,  a general  procedure  is  as  follows:  First  inject  into  a high  altitude  lunar  orbit,  perhaps 
2000  km.  A plane  change  is  next  made  into  the  plane  of  the  final  orbit.  Next  is  a wait  for 
proper  phasing  to  occur,  and  finally  execute  a Hohmann  transfer  into  the  final  orbit.  If  the 
navigation  and  guidance  accuracy  is  limited,  a second  Hohmann  transfer  may  be  required  to 
correct  the  error  of  the  first. 

The  plane  change  operation  can  be  done  with  a single  burn.  In  the  notation  of  Figure 
4-2,  wait  until  the  tug  reaches  the  intersection  of  the  two  orbit  planes;  this  occurs  when  Z is 
zero.  At  this  time  an  impulse  is  applied  to  force  Z to  zero. 

Because  <f>z  is  independent  of  c ft,  there  is  no  correlation  of  time  for  making  the  plane 
change  with  the  time  for  making  the  Hohmann  transfer;  so,  the  plane  change  must  be 
treated  as  a separate  burn  in  general. 

The  properties  of  circular  lunar  orbits  of  interest  for  phasing  are  shown  in  Table  4-7.  It 
is  assumed  that  the  lunar  space  station  is  in  a 60  NM  orbit.  The  synodic  period  is  the 
maximum  time  required  for  phasing.  A high  altitude  is  advantageous  both  for  reducing  the 
phasing  time  and  for  reducing  the  impulse  required  to  make  a plane  change. 

The  period  of  an  orbit  is  given  by 


where  a is  the  semi-axis  major. 

For  the  moon, 

r - 1738.  km 

^ = 4.9027779  x ioHm^/sec^ 

The  synodic  period,  T,  is  given  in  terms  of  the  periods  of  two  orbits  by 

1=1  _L 

T "Tj  " T2 

Table  4-7.  Synodic  Period  For  Circular  Lunar  Orbits 
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4.4  RENDEZVOUS  AND  DOCK 


The  rendezvous  phase  is  a terminal  guidance  phase  and  is  to  place  the  chaser  vehicle  in 
an  optimum  position  and  attitude  for  the  docking  phase.  This  optimum  position  consists  of 
placing  the  chaser  within  visual  range  (for  manned  missions)  and  close  enough  to  the  target 
so  that  essentially  a straight  line  trajectory  may  be  used  during  docking.  A series  of  vernier 
bums  are  normally  used  for  this  phase. 

Docking  requirements  are  dependent  on  the  type  and/or  mechanism  use  for  docking. 
The  Apollo  and  Gemini  docking  requirements  are  shown  in  Table  4-8  for  reference, 

4.S  ONBOARD  COMPUTATION  OF  TRAJECTORIES  AND  TRAJECTORY 
CORRECTIONS 

The  computation  of  a precision  nominal  translunar  trajectory  is  a difficult  task. 
Significant  effects  are  produced  by  the  sun’s  gravity  and  lunar  vibration.  Therefore, 
ephemeris  data  must  be  available.  No  closed  form  solutions  exist,  so  the  trajectories  must  be 
numerically  integrated.  Some  search  process  must  be  used  to  meet  the  end  conditions, 
which  is  equivalent  to  running  perhaps  3 or  4 trajectories  with  given  initial  conditions.  For 
these  reasons,  it  is  not  considered  a reasonable  task  to  generate  precision  nominal  translunar 
trajectories  onboard. 

Missions  which  permit  radar  contact  with  the  target,  e.g.,  earth  orbital  operations  or 
ascent  from  lunar  surface  to  LOSS,  can  probably  be  done  without  a precision  trajectory 
with  little  additional  impulse  requirement.  Some  extra  time  would  be  required  for 
correction  of  the  preliminary  orbit. 

In-depth  analysis  and  trade  studies  are  needed  to  determine  the  extent  onboard 
navigation  can  be  efficiently  utilized  for  the  tug  design  missions. 


Table  4-8.  Docking  Requirements 


PARAMETER 

APOLLO 

TOLERANCES 

GEMINI 

TOLERANCES 

LONGITUDINAL  VELOCITY  (FT/SEC) 

0.1 -1.0 

+1.5 

VERTICAL  AND  LATERAL  VELOCITY  IFT/SEC) 

1 0.5 

10.5 

VERTICAL  AND  LATERAL  DISPLACEMENT  fFT> 

1 1.0 

1 1.5 

RELATIVE  ANGULAR  MISALIGNMENT  IDEG) 

♦ 10.0 

±10.0 

RELATIVE  ANGULAR  VELOCITY  (DEG/SEC) 

+ i.o 

± 0.75 
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5 0 SENSOR  SELECTION  RATIONALE 


The  candidate  configurations  considered  and  the  sensor  selection  rationale  used  are 
presented  in  the  following  paragraphs.  Detailed  cost  trades  were  not  performed  since  firm 

effoitsStimateS  WCre  n0t  3VaiIable'  c’>st  trades  wou,d  be  Performed  in  future  study 

5.1  IMU 


The  IMU  is  an  indispensable  unit  for  navigation.  Therefore,  the  decision  to  be  made 
was  not  whether  to  use  an  IMU  but  whether  to  use  a strap-down  or  gimballed  unit.  The 
strap-down  configuration  was  selected  for  the  space  tug  based  upon  the  following  rationale. 

5.1.1  Trade-Off  Considerations 

The  strap-down  IMU  has  advantages  over  the  more  conventional  gimballed  unit  in  the 
areas  of  weight,  power,  size,  simplicity,  reliability,  reaction  time,  and  its  adaptability  to 
either  redundancy  techniques  or  to  updating  with  improved  inertial  sensors.  The 
disadvantages  of  a strap-down  IMU  are  its  increased  computational  requirements,  lower 
accuracy  and  calibration  difficulties  when  mounted  in  the  user  vehicle. 


A comparison  of  the  strap-down  hexad  with  a triad  strap-down,  a triad  gimballed 
system,  and  four  commercially  available  carousel  IV  IMU*s  is  shown  in  Table  5-1.  The 
comparison  demonstrates  the  advantages  of  the  strap-down  mechanization  on  the  basis  of 
size  weight,  power,  system  cost,  and  MTBF  for  comparable  performance.  Of  particular 

iSr t uanCC  iS  tbC- re,iabi,ity  advanta8e  which  arises  both  from  the  fact  that  the  strap-down 
IMU  has  no  moving  parts  other  than  inertial  components  and  from  efficient  redundancy 
mechanization  provided  by  the  hexad  configuration.  The  reliability  for  various  IMU 
configurations  is  plotted  versus  the  instrument  loop  reliability  time  constants  (At)  in  Figure 
5-1  (Reference  D-8). 


Table  5-1 . Strapdown  Versus  Gimballed  IMU  Trade  Matrix 


CANDIDATE 

REDUNDANCY 

— 

SIZE 

(FT)3 

WEIGHT 

(LBC) 

POWER 

(WATTS) 

COST 

($K) 

MTBF° 

(HRS) 

NAVIGATION 

ERROR 

(NM/HR) 

STRAPDOWN  HEXAD 

SINGLE  IMU 
6 GYROS 
6 ACCEL. 

1.6 

80 

200 

200 

4000 

1.5 

CAROUSEL  IV 
(BOEING  7471 

4 UNITS 
12  GYROS 
12  ACCEL. 

5.0 

212 

1380 

480 

2600 

2.0 

STRAPDOWN  TRIAD 

SINGLE  IMU 
3 GYROS 
3 ACCEL. 

0.5 

44 

130 

150 

2000 

2.0 

GIMBALLED  TRIAD 

SINGLE  IMU 
3 GYROS 
3 ACCEL. 

1.3 

74 

345 

120 

1500 

1.5 

8 MTBF  FOR  SINGLE  IMU 
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A significant  advantage  of  the  strap-down  configuration  is  the  ability  to  add 
redundancy  by  simply  adding  inertial  sensors.  Analysis  has  shown  (Reference  D-l)  that  six 
gyros  and  six  accelerometers,  whose  input  axes  are  colinear  with  the  normals  to  the  face  of  a 
regular  dodecahedron,  provides  a backup  capability  that  exceeds  that  of  triple  redundant 
orthogonal  configurations.  This  mechanization  is  achieved  with  only  a modest  increase  in 
weight  and  power  over  the  conventional  three  orthogonal  sensor  package  as  shown  below. 


WEIGHT  (LBS)  POWER  (WATTS) 

3 sensor  configuration  44  130 

6 sensor  configuration  80  200 

Another  advantage  is  that  a strap-down  IMU  has  complete  rotational  freedom  in  all 
axes,  while  the  gimbalied  platform  is  limited  in  at  least  one  axis,  usually  Yaw. 

For  space  tug  missions  which  operate  only  in  the  space  domain,  the  disadvantages  of 
the  strap-down  are  minimized.  For  example,  there  is  no  requirement  for  the  IMU  to  operate 
during  atmospheric  flight.  Thus,  the  vibrations  and  buffeting  associated  with  ascent  or 
descent  through  the  atmosphere  is  not  a problem.  However,  for  the  four  stage  Saturn  V 
mission,  which  include  an  ascent  through  the  earths’  atmosphere,  vibration  and  vehicle  rates 
will  result  in  degradation  of  strap-down  performance.  Although  the  performance  of  the 
strap-down  is  degraded,  a strap-down  IMU’s  accuracy  is  sufficient  to  insert  into  a 100  nmi 
waiting  orbit.  For  those  missions  that  require  additional  impulses  to  achieve  new  orbits  or 
trajectories,  a navigation  update  and  IMU  alignment  might  be  required. 

Another  disadvantage  of  the  strap-down  is  the  inability  to  calibrate  the  system  in  the 
launch  configuration.  This  requires  ?’:at  the  inertial  sensors  have  long-term  stability  of  error 
coefficients.  Intermittent  recalibration  of  the  inertial  sensor  error  coefficients  could  bound 
this  problem. 

In  space,  only  gyro  and  accelerometer  bias  values  can  be  determined  and  the 
calibration  techniques  are  equally  applicable  to  the  strap-down  and  gimbalied  IMU. 

The  computation  rates  required  for  updating  the  direction  cosines  are  a function  of  the 
maximum  vehicle  turning  rates  and  vehicle  coning  which  are  not  yet  available.  It  is  expected 
that  a 32-bit  second  order  algorithm  operating  at  100  updates  per  second  will  provide  the 
required  accuracy.  This  is  well  within  the  capability  of  present-day  general-purpose 
computers. 

5.1.2  System  Description 

The  IMU  description  presented  below  is  for  a redundant  sensor  Strap-Down  Inertial 
Reference  Unit  (SIRU)  configuration  developed  by  the  MIT  Instrumentation  Laboratory  as 
presented  in  Reference  D-8. 


The  SIRU  Inertial  Subsystem  is  configured  as  a multiple-sensor  non-orthogonal  Inertial 
Component  Sensor  Assembly  (ICSA)  that  is  complete  with  redundant  supporting 
electronics.  The  inertial-component  package  employs  a redundant  implementation  using  six 
single-degree-of-freedom  gyroscopes  and  six  linear  accelerometers.  Each  is  operated  in  a 
classical  pulse-torque-restrained  strap-down  control  mode. 

Within  the  inertial-component  package,  instrument  input  axes  are  arranged  in  a unique 
pattern  that  corresponds  to  the  array  of  normals  to  the  faces  of  a regular  dodecahedron,  as 
shown  in  Figure  5-2.  This  array  was  selected  because  it  is  completely  symmetrical;  i.e.,  the 
acute  angle  (2  a)  measured  between  any  2 axes  is  equal  (63.4°)  for  all  axes  combinations. 
This  symmetry  allows  realization  of  maximum  redundancy  with  optimal  performance  at 
each  level  of  redundant  d eration.  It  provides  the  basis  for  the  high-reliability  SIRU 
formulation. 

Since  all  input  axes  are  non-orthogonal,  each  instrument’s  output  contains  a measure 
of  redundant  data.  This  data  is  processed  to  obtain  a measurement  solution  that  flexibly 
adapts  to  account  for  failures  of  instruments  or  corresponding  electronics.  The  unique 
symmetry  of  the  measurement  array  allows  signal-flow  processing  to  provide  satisfactory 
system  performance  with  any  three  gyro  or  accelerometer  failures.  Further,  implementation 
of  self-contained  failure  detection  and  isolation  allows  isolation  to  any  two  gyro  or 
accelerometer  axes  and  detection  of  a third  failure. 

The  system  has  been  formulated  in  a strap-down  configuration  to  take  maximum 
advantage  of  the  relative  ease  of  adaptation  of  the  failure-isolation  equations  and  the  data 
processing  to  a digital  computer,  as  well  as  the  inherent  advantages  of  improved  reliability, 
accessibility,  size,  and  weight.  The  processing  and  storage  overhead  associated  with  the 
triad-solution  form  and  failure  detection  are  negligible. 

The  ICSA  electronic  mechanization  has  been  redundantly  configured  to  provide 
supporting  instrument  electronic  functions  that  are  free  from  single-point  failure 
mechanisms.  Figure  5-3  illustrates  the  basics  of  the  mechanization.  Functional  axes  have 
been  defined,  corresponding  to  each  measurement  axis,  which  consist  of  a gyro  and 
accelerometer  module  supported  by  common  ac  and  dc  power  supplies.  These  supplies  are 
repeated  on  a per-axis  basis  so  that  a singular  loss  does  not  hazard  the  redundant 
measurement  capabilities.  Also,  each  gyro  and  accelerometer  module  includes  a temperature 
controller  and  to'que-to-balance  control  loop  which  further  extends  the  axis  redundancy. 

The  electronic-system  configuration  has  been  mechanized  to  provide  the  necessary 
failure-isolation  characteristics  with  comparative  redundant  application  based  on  the  relative 
reliability  of  the  particular  functional  elements.  For  example,  the  estimated  failure  rate  of  a 
DC  power  supply  is  less  than  10  per  million  hours,  while  a gyro  module  estimate  might 
range  between  100  and  200  per  million  hours,  dependent  upon  the  instrument  and  torque 
electronic  configuration.  Thus,  for  the  DC  power  supply,  dual  redundancy  is  sufficient  and 
does  not  compromise  the  end-to-end  system  reliability  index. 
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5.2  RENDEZVOUS  RADAR 


In  selecting  a rendezvous  radar,  the  choice  was  between  an  electromagnetic  unit  of  the 
type  presently  used  on  LEM  and  a Laser  Radar  developed  by  ITT  under  direction  of  NASA 
MSFC.  The  Laser  Radar  System  was  selected.  The  factors  that  contributed  to  this 
conclusion  are  discussed  below. 

5.2.1  System  Trade-Offs 


Optical  (laser)  radars  have  three  major  advantages  over  the  microwave  radar.  These  are: 

1.  The  wave  length  (A.)  of  microwave  systems  is  typically  1 x 10'2  meters  as 
compared  to  approximately  1 x 10"6  meters  for  optical  systems.  Thus  for  the 
same  beam  width,  considerably  smaller  antenna  size  is  needed  for  the  optical  laser 
system. 

2.  The  receiver  side  lobe  pattern  in  optical  systems  can  typically  be  reduced  to  60-70 
db  below  the  main  lobe.  This  is  compared  to  20-30  db  for  the  microwave  system. 
The  narrow  beam  width  of  the  laser  radar  results  in  lower  power  requirements 
than  the  microwave  system.  Also,  the  side  lobes  can  produce  erroneous 
information  as  a result  of  their  reflection  off  the  lunar  surface  or  target  vehicle. 

3.  With  the  optical  radar,  the  transmitter  and  receiver  can  be  scanned  over  a 
field-of-view  much  larger  than  its  own  beam  width  in  a relatively  simple  fashion. 
The  present  laser  system  has  the  capability  to  scan  the  transmitter  and  receiver 
over  a 30  degree  by  30  degree  field-of-view  by  using  piezoelectric  beam  steerers 
and  amplifying  optics.  Except  for  phased  arrays,  which  are  relatively  large  and 
power  consuming,  the  microwave  scanning  radar  systems  must  depend  on 
mechanical  gimbals  for  scan  coverage. 

One  of  the  prime  factors  in  selecting  the  laser  radar  is  its  applicability  to  automatic 
docking  as  well  as  rendezvous.  For  automatic  docking,  the  sensor  must  be  capable  of 
accurately  measuring  range,  range  rate,  and  relative  vehicle  attitude  right  up  to  vehicle 
contact.  The  laser  system  will  perform  accurately  to  approximately  zero  range  while  the 
microwave  system  is  not  accurate  at  a range  of  approximately  50  feet  or  less.  The  estimated 
system  performance  characteristics  for  the  laser  radar  system  are  given  in  Table  5-2.  Table 
5-3  compares  some  of  the  more  significant  characteristics  of  the  laser  and  microwave  radar 
systems. 

Table  5-3  points  out  some  additional  advantages  and  one  disadvantage  of  the  laser 
system.  The  weight  of  the  laser  system,  including  chaser  and  target  equipment,  is  50  lbs  as 
compared  to  85  lbs  for  the  microwave  systems. 

One  disadvantage  of  the  laser  radar  as  presently  designed  is  the  maximum  range  of  75 
NM  as  compared  to  405  NM  for  the  electromagnetic  unit.  Although  rendezvous  can  be 
performed  with  acquisition  at  this  range,  it  may  be  desirable  to  have  longer  range  capability. 
Increased  acquisition  range  requirements  result  from  transfer  orbit  injection  accuracy 
uncertainties.  Rendezvous  fuel  requirements  as  a function  of  injection  dispersions  can  result 
in  significant  fuel  penalties  when  the  acquisition  range  is  limited.  A longer  range  can  be 
provided  with  a more  efficient  detector  which  has  been  demonstrated  at  a component  level 
in  the  lab  and  can  be  incorporated  into  the  system  by  the  ’72  to  ’73  time  period. 
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Table  5-2-  Estimated  System  Performance  Characteristics  For  Scanning  Laser  Radar  System 


RANGE 

0-120  KM  <75  MILES) 

RANGE  ACCURACY 

±0.02%  OR ± 10  CM 
(WHICHEVER  IS  GREATER) 

RANGE-RATE 

0*5  KM/SEC.  11 1,200  MPH) 

RANGE— RATE  ACCURACY 

±1.0%  ORA0.5  CM/SEC. 
(WHICHEVER  IS  GREATER) 

ANGLE  COVERAGE 
WITHOUT  GIMBALS 

±15  DEGREE  PITCH 

±15  DEGREE  YAW 

±90  DEGREE  RELATIVE  ROLL 

ANGLE  ACCURACY 

PITCH  AND  YAW 

±0.02  DEGREE 

ROLL  INDEX 

±1.0  DEGREE 

ACQUISITION  SCAN  TIME 

1 TO  150  SECONDS 

ANGLE -RATE 

ACQUISITION  MODE 
TRACK  MODE 

0-0.4  DEGREE /SECOND 
0-10  DEGREE/SECOND 

ANGLE-RATE  ACCURACY 

± 1.0%  OR  + 0.01  DEGREE/SECOND 
(WHICHEVER  IS  GREATER) 

* ASSUMES  A COOPERATIVE  TARGET 

Table  5-3.  Laser  VS  Microwave  Rendezvous  Radar 


OPTICAL-LASER 

MICROWAVE 

RANGE  ACCURACY  (1  N.  M.  RANGE) 

±1.2  FT 

±80  FT 

RANGE  (MAX.) 

75  N.  M. 

405  N.M. 

RANGE  (MIN.) 

OFT 

50  FT 

SIDE-LOBES 

-60  to  70  DB 

20  TO  30  DB 

POINTING 

PIEZO-ELECT 

DEFLECTOR 

ANTENNA  GIMBAL 

SYSTEM  WEIGHT  (CHASER  AND  TARGET) 

CHASER  28  LBS 
TARGET  22  LBS 

85  LBS 

SYSTEM  POWER  (CHASER  AND  TARGET) 

CHASER  30  WATTS 
TARGET  15  WATTS 

235  WATTS 

* ASSUMES  COOPERATIVE  TARGET 
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No  data  is  presently  available  on  the  reliability  and  service  life  of  the  laser  unit. 

5.2.2  System  Description 

The  system  discussed  herein  is  a lightweight  Scanning  Laser  Radar  (SLR)  system  that  is 
being  developed  for  NASA  by  ITT  (References  D-5  and  D-6)  to  generally  address  the 
problem  of  rendezvous,  docking  and  station  keeping.  The  SLR  can  also  be  used  for  other 
mission  operations  such  as  a lunar  landing  aid.  The  SLR  does  require  that  the  target  be 
cooperative;  a four-inch  optical  corner  cube  reflector  mounted  on  the  target  will  allow  the 
chaser  to  cooperatively  acquire  and  track  the  target  from  a maximum  range  of 
approximately  120  km  (75  miles).  The  maximum  range  of  the  system  is  limited  to 
approximately  one  mile  against  a non-cooperative  diffuse  target  (i.e.,  the  outer  skin  of  a 
space  vehicle).  The  return  signal  off  the  cooperative  corner  cube  reflector  is  several  orders  of 
magnitude  stronger  than  a non-cooperative  diffuse  return  off  any  portion  of  a vehicle  target, 
therefore,  it  is  relatively  easy  to  acquire  and  maintain  track  on  the  designated  corner  cube 
reflector.  In  addition,  the  laser  radar  using  the  corner  cube  reflector  can  operate  even  with  a 
sunlit  cloud  background. 

The  target  equipment  consists  of  the  corner  cube  reflector  and  an  optical  receiver  that 
measures  the  angular  direction  of  the  incoming  laser  beam,  while  the  other  vehicle 
equipment  consists  of  a laser  transmitter-receiver  for  range  and  angle  measurements.  Both 
vehicle  equipments  are  accurately  positioned  and  oriented  relative  to  the  vehicle  axes.  Thus, 
the  SLR  measurements  can  be  converted  to  vehicle  coordinates  as  required  for  rendezvous 
and  docking. 

The  SLR  is  made  up  almost  entirely  of  digitally  controlled  devices  and  digital 
electronics,  including  the  two  scanners  that  position  the  transmitter  and  receiver.  The  radar 
scan  patterns  for  both  the  acquisition  and  track  modes  are  digitally  stopped.  This  feature 
allows  for  pre-programming  of  the  scan  patterns  and/or  for  the  remote  control  of  the  scan 
by  a computer  located  onboard  the  space  vehicle. 

The  radar  transmitter-receiver  sensor  package  weighs  approximately  20  pounds.  The 
radar  transmitter  used  in  the  SLR  is  a semi-conductor  laser  that  is  about  the  size  of  a 
cigarette  package.  The  beam  steerer  is  made  up  of  solid  state  devices  and  optical  lenses.  The 
radar  receiver  is  made  up  of  optical  lenses  and  filters  and  an  image  disector. 

Functional  block  diagrams  of  the  chaser  and  target  equipment  are  shown  on  Figures 
5-4  and  5-5,  respectively. 

The  laser  radar  system,  as  presently  designed,  will  scan  a field-of-view  30  degrees  by  30 
degrees  without  the  use  cf  gimbals.  However,  in  order  to  employ  the  same  system  for 
rendezvous  and  as  a landing  aid,  gimbals  will  be  required  since  the  target  directions  will 
differ  by  more  than  30  degrees  with  respect  to  the  space  tug  axes,  A simple  indexed  gimbal 
system  can  be  employed  which  can  be  latched  at  discrete  angles.  This  will  provide  the 
attitude  flexibility  required  while  preserving  the  scan  feature.  The  added  system  weight  is 
expected  to  be  no  more  than  6 to  8 pounds.  A disadvantage  of  the  laser  radar  when  used  as 
a Unding  aid  is  that  it  cannot  penetrate  dust  blown  up  by  the  descent  engines.  Therefore, 
navigation  close  to  the  lunar  surface  probably  would  be  accomplished  using  only  lunar 
landing  radar  inputs.  However,  if  corner  reflectors  are  located  at  the  periphery  of  the 
landing  site  and  at  a sufficient  height  above  the  lunar  surface,  a laser  radar  could  navigate 
the  landing  vehicle  to  touchdown. 
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> 3 STAR  TRACKER,  LANDMARK  TRACKER  AND  HORIZON  SENSOR 

Two  star  trackers,  a landmark  tracker,  and  horizon  sensor  were  selected  for 
au  onomous  navigation  and  IMU  alignment.  The  two  star  trackers  are  used  for  IMU 
alignment,  while  the  star  trackers  coupled  with  the  landmark  tracker  or  horizon  sensor  are 
used  for  navigation  update. 


It  should  be  noted  that  two  star  trackers  are  not  mandatory.  Both  alignment  and 
navigation  updates  can  be  performed  with  one  star  tracker  by  sequentially  acquiring  and 
?,.ng.  1jeadl"gs  °.n  ?wo  more  stars.  The  advantage  of  two  units  operating  simultaneously 
is  that  less  time  is  involved  and  greater  accuracy  is  achieved  because  all  readings  are  taken 
from  the  same  vehicle  state.  Also,  in  case  of  failure  of  one  unit,  the  second  unit  can  be 
operated  as  stated  above,  thus  providing  system  redundancy. 

5.3.1  Configurations  Considered 


The  combinations  considered  for  IMU  alignment  were: 

1 . Horizon  scanners  and  one  star  tracker. 

2.  Horizon  scanners  and  sun  sensor. 

3.  Horizon  scanners  and  gyrocompassing. 

4.  Two  star  trackers  (selected  subsystem). 


The  subsystem  combinations  considered  for  navigation  update  were; 

1 . Horizon  scanner  with  two  star  trackers. 

2.  Horizon  scanner  and  landmark  tracker. 

3.  Two  star  trackers  and  landmark  tracker  (selected  subsystem). 

5. 3. 1.1  Configurations  for  IMU  Alignment 


The  horizon  scanner  ~ star  tracker  combination  for  in-orbit  IMU  alignment  will 
provide  a vertical  alignment,  with  respect  to  local  vertical,  of  approximately  7 arc  minutes 
and  azimuth  alignment,  with  respect  to  an  inertial  coordinate  frame,  of  approximately  40 
arc  seconds  This  mode  of  alignment  is  satisfactory  for  earth  and  lunar  orbit,  but  is 
insufficient  lor  alignment  during  translunar  or  transearth  coast  or  while  on  the  lunar  surface. 
However,  alignment  on  the  lunar  surface  can  be  performed  using  the  IMU  accelerometers  for 
vertical  alignment  and  the  star  tracker  for  alignment  in  azimuth  as  is  presently  done  with  the 


™C,r.Td  co,m1bjnation:  horizon  scanners  and  sun  sensors,  is  essentially  the  same  as 
the  first.  It  is  limited,  however,  because  of  the  single  object  available  for  reference. 
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The  third  alignment  technique  employs  horizon  scanners  for  local  vertical  alignment 
and  gyrocompassing  for  azimuth  alignment  to  the  orbit  plane.  This  technique  will  provide 
in-orbit  alignment  accuracy  to  approximately  8 arc  minutes  in  each  axis.  This  technique  is 
not  applicable  for  azimuth  alignment  on  the  lunar  surface  or  for  translunar  or  transearth 
coast  because  of  the  low  lunar  gravity  potential. 

The  fourth  and  selected  subsystem  is  two  star  trackers  which  will  align  the  IMU  to  an 
inertial  coordinate  frame.  For  alignment,  the  star  trackers  acquire,  lock  on,  and  track  known 
stars  which  are  at  least  30  degrees  apart.  This  technique,  which  parallels  the  method  used  for 
the  CSM  and  LM,  is  accurate  to  approximately  40  arc  seconds  or  less,  and  has  the  advantage 
of  quick  reaction.  Furthermore,  the  two  star  trackers  operating  with  the  landmark  tracker 
provide  an  excellent  method  for  acquiring  navigation  updates  as  discussed  below. 

5.3.1 .2  Configurations  for  Navigation  Update 

Figures  5-6  and  5-7  show  the  velocity  and  position  accuracies  achievable  for  5 different 
subsystem  combinations  including  the  3 considered.  The  errors  shown  are  for  a vehicle  in  a 
100  NM  earth  orbit.  This  same  accuracy  or  better  can  be  achieved  in  a 60  NM  lunar  orbit. 
However,  the  accuracy  will  be  less  for  orbits  above  100  NM. 

The  relative  navigational  accuracies  achievable  for  the  different  subsystem 
combinations  are  dependent  upon  the  orientation  source  (stellar  or  horizon)  and  the  object 
tracked  (landmark  or  local  vertical).  Landmark  tracking  can  be  performed  more  accurately 
than  tracking  the  local  vertical  (horizon  scanning).  Thus,  subsystem  combination  3 is  more 
accurate  than  subsystem  combination  1 as  shown  on  Figures  5-6  and  5-7.  Also,  a stellar 
orientation  frame  is  superior  to  a local  vertical  frame  because  of  the  better  pointing 
accuracy  of  a star  tracker  as  compared  to  a horizon  sensor.  Therefore,  subsystem 
combination  3 is  superior  to  subsystem  combination  2. 

The  star  tracker-landmark  tracker  combination  was  selected  because  of  its  relative  fast 
response  and  accuracy  plus  the  fact  that  the  same  star  tracker  subsystem  can  be  employed 
for  alignment.  As  shown  on  the  figures,  the  accuracy  and  response  of  this  system  approaches 
that  for  MSFN  tracking. 

This  configuration  will  provide  the  accuracy  required  for  low  earth  and  lunar  orbit 
missions  and  the  lunar  landing  mission.  The  reliability  and  accuracy  of  navigation  updates 
using  the  proposed  subsystem  beyond  100  nm  and  less  than  100  nm  altitude  is  dependent 
on  the  following  conditions: 

» Accuracy  is  limited  by  the  knowledge  of  the  locations  of  landmarks  being  used. 

• The  availability  of  landmarks  is  dependent  upon : 

- Size,  shape,  and  color  contrast. 

— Local  weather  conditions. 

Slant  angle  to  target  which  subtends  a smaller  portion  of  the  field  of  view. 

- Optical  resolution  of  targets  reduces  number  of  targets  as  attitude  above 
planet  increases. 
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Position  Error  For  Five  Different  Systems 
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For  these  reasons,  the  Apollo  navigation  during  translunar-transearth  flight  used  the 
visible  horizon  as  a reference  instead  of  landmarks. 

Beyond  20,000  kilometers  (10,000  nm)  the  navigation  optical  instrument  errors  begin 
to  predominate.  Also  the  number  of  available  landmarks  has  reduced  significantly.  The 
uncertainty  of  cloud  error  over  the  remaining  landmarks  is  increasing.  These  conditions 
dictate  the  necessity  for  a more  reliable  means  of  navigation  update  beyond  this  attitude.  A 
horizon  sensor/star  tracker  combination  although  less  accurate  than  the  star/landmark 
subsystem  is  never  the  less  uneffected  by  cloud  cover  because  the  horizon  sensor  views  the 
observable  infrared  horizon.  Therefore,  the  automatic  unmanned  Space  Tug  missions  whose 
orbits  or  trajectories  exceed  10.000  nm  in  altitude  will  require  a horizon  sensor  to  perform 
navigation  updates. 

An  added  feature  of  the  horizon  sensor  is  that  it  also  provides  vehicle  attitude 
information  with  respect  to  the  local  vertical  which  might  be  used  as  added  inputs  to  the 
vehicle  attitude  control  system. 

5.3.2  Star  Tracker  Subsystem  Description 

Specific  vendor  units  have  not  been  selected.  However,  there  are  several  designs 
available  including  some  with  solid  state  detectors.  These  devices  have  advantages  over  the 
more  conventional  photomultiplier  sensors  as  follows: 

• Less  susceptible  to  background  light. 

• More  reliable. 

• Smaller. 

• Requires  less  power. 

• Makes  electronic  scanning  feasible. 

• Costs  less. 

The  projection  of  star  tracker  development  during  the  ll)7()*s  is  for  completely  solid 
state  units  with  no  moving  parts. 

Star  trackers  typically  consist  of  two  units;  the  sensin'  subassembly  and  the  electronic 
subassembly.  The  sensor  unit  which  detects  the  light  source  tstarl  must  be  mounted  such 
that  it  has  optical  access  to  the  stars.  (See  Figure  5-8.) 

A typical  functional  block  diagram  is  shown  in  Figure  5*‘>.  The  direction  of  pointing  is 
controlled  by  the  computer  via  pointing  comma. " Is  to  the  sensor  assembly.  The  initial 
pointing  commands  are  determined  from  star  position  information  stor'  d in  the  computer. 
The  sensor  then  hunts  about  this  orientation  until  the  selected  star  detected.  The  light 
from  the  star  is  focused  by  the  optics  on  the  detector  which  in  turn  transmits  an  error  signal 
to  the  signal  processing  electronics.  There,  the  signal  is  converted  to  digital  form  and  sent  to 
the  computer  The  computer  uses  this  signal  to  update  the  pointing  commands  in  order  to 
zero  the  error. 
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5-3.3  Automatic  Landmark  Tracker 


The  automatic  landmark  tracker  or  automatic  earth  Mature  sensor  (AEFS)  is  similar  to 
the  star  tracker  in  that  it  consists  of  a sensor  unit  and  an  electronic  unit  (See  Figure  5-10). 
The  entire  sensor  unit  consisting  of  a vidicon  and  optics  is  gimballed  in  pitch  and  roll 
Oimoalting  and  optical  magnification  is  required  to  obtain  the  desired  accuracy.  Gimballing 
is  required  for  initial  image  motion  compensation  for  acquisition  and  then  final  tracking- 
optical  magnification  of  2 or  3 power  is  required  to  overcome  the  TV  line  limitation  for 
resolution  The  gimba!  gle  readouts  requirements  are  roughly  15  arc  seconds  requiring  a 

simple  inductosyn  resolver  and  a 17  bit  encoder.  Table  54  lists  the  estimated  performance 
characteristics. 


5.3.3. 1 Sequence  of  Operation 
• Known  Target  Mode 

The  t.eld-of-view  is  directed  to  the  estimated  location  and  tracked  with  estimated 
image  motion  rates.  The  shutter  is  opened,  exposure  made,  and  the  video  readout 
examined  to  set  the  circuits  and  logic  levels.  A second  exposure  is  made  and  the 
video  readout  is  processed  to  compute  the  x value.  A third  exposure  is  made  and 
read  out  wi»!.  the  scanning  lines  orthogonal  to  the  previous  readout  The  video  is 
processeu  to  compute  y.  These  values  define  the  roll  and  pitch  pointing  errors. 
The  gimbals  are  corrected  by  the  distance  of  x + y from  boresight.  A second  sight 
is  taken  (two  exposures)  and  a new  x,  y,  value  obtained.  A succession  of  sights, 
taking  two  to  tour  seconds  per  cycle  will  allow  both  pointing  accuracy  to  one 

resolution  element,  and  image  motion  compensation  to  one  resolution  element 
per  cycle  time. 

The  only  information  wnich  must  be  stored  to  identify  a known  landmark  is  the 
geodetic  position.  Target  separation,  size,  contrast  and  other  pertinent 
characteristics  are  accounted  for  in  the  selection  process. 

During  ail  coasting  phase  navigation,  an  extrapolation  of  position  and  velocity  by 
numerical  integration  of  the  equations  of  motion  is  required.  The  integration 
scheme  implemented  dictates  the  integration  increment  required.  Therefore,  the 
number  and  location  of  landmarks  must  be  chosen  to  maintain  the  required 
integration  accuracy. 

• Unknown  Target  Mode 

The  unknown  mode  of  operation  i>  the  same  us  the  known  mode,  except  that  the 
sensor  is  pointed  maximum  forward  along  track  and  the  estimated  IMC  applied  if 
necessary.  The  video  is  examined  to  determine  if  a trackablc  target  is  within  the 
ftcld-ol-view.  When  a trackablc  target  appears,  the  operation  is  identical  to  the 
known  mode. 
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VIDSCON 


ELECTRONICS  UNIT 


CONTROL  CIRCUITRY  & 
DETECTION  PROCESSOR 


WEIGHT:  30  LBS.  (IQ-VSDICON,  12-GIMBAL,  8-ELECTRONOCS) 
VOLUME:  4 X 4 X 12  * VIDSCON 

4 X 4 X 12  * LENS  MOUNT  S8N68-E  UWiT 

8 X 8 X 12  * ELECTRONICS 
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Table  5-4.  Performance  Characteristics  for  Automatic  Landmark  Tracker 


DAY  TIME  TRACKING 

NIGHT  TIME  TRACKING 

9 

ILLUMINATION 

SOLAR  - CLEAR  WEATHER 
(30°  ELEVATION  ANGLE) 

1/4  MOON  - CLEAR  WEATHER 
(30°  ELEVATION  ANGLE) 

9 

GROUND  CONTRAST 

5 : 1 (DIRT  : WATER) 

10:  1 (SAND  . WATER) 

9 

IMC  REQUIRED 

NONE 

1/2% 

8 

CYCLE  TIME  PER  FIX 

2 SECONDS 

3 SECONDS 

9 

FIELD  OF  VIEW 

14.3°  ( ± 60,000  FT.  FROM 

14.3° 

80  N.M.) 

9 

ACCURACY 

100  ARC  SECONDS  (WITH  NARROW 
F.O.V.  7.2°) 

50  ARC  SECONDS 

172  ARC  SECONDS 

5.3.4  Horizon  Sensor 


dinU,^d  uher,ein  is  an  imProved  Horizon  Sensor  developed  by  TRW 
y.  t ms  (Reference  D-l  I ) which  is  now  being  successfully  used  on  the  OGO  Satellite.  The 
system  was  developed  by  TRW  lor  NASA/Goddard  to  fly  aboard  the  OGO  Satellite. 


hnriJ^Si„H?ri20n  ,SeRSOr  sys,em  utiIizes  four  infrared  search-track  units  to  track  the  earth’s 
horizon  m tour  planes  separated  90o  in  azimuth.  The  tracking  sensors  measure  angular 
elevation  of  the  horizon  in  each  plane  from  the  nominal  local  vertical  (Figure  5-11).  % 
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The  servo  circuit  of  each  tracker  includes  those  elements  necessary  tc  perform  the 
search  track  function  (telescope,  thermistor,  bolometer,  signal  pream pi ifier,  signal  amplifier. 
Schmitt  trigger,  drive  amplifier,  and  path  deflection  mirror).  The  servo  loop  is  intentionally 
made  to  oscillate  al  a constant  dither  frequency  with  a controlled  amplitude.  This 
oscillation,  manifested  by  motion  of  the  mirror,  causes  the  field  of  view  of  the  telescope 
continually  to  cross  and  recross  the  horizon  (Figure  5-11).  The  output  waveform  of  the 
thermistor  bolometer  is  asymmetrical  if  the  horizon  is  not  in  the  center  of  the  field-of-view. 
This  results  in  a dc  output  from  the  Schmitt  Trigger  (Figure  5-12).  The  dc  voltage  drives  the 
mirror  until  a null  condition  is  reached. 

The  analog  output  of  the  Horizon  Sensor  position  output  is  sent  to  a switching  matrix 
(Figure  5-13),  where  logic  supplied  by  the  spacecraft  computer  selects  the  appropriate 
signals  for  local  vertical  computation. 

The  spacecraft  logic  bases  its  selection  on  sun  presence  and  earth  presence  information 
from  each  tracker.  The  sun  presence  discrete  will  cause  the  logic  to  omit  that  tracker’s  signal 
from  the  matrix  computation.  Only  three  angular  output  signals  fed  via  the  matrix  are 
summed  by  amplifiers  whose  output  are  vehicle  attitude  in  terms  of  pitch  and  roll  with 
respect  to  local  vertical.  The  system  is  redundant  in  that  the  outputs  of  any  three 
search-track  units  are  sufficient  to  provide  attitude  information. 

The  pitch  and  roll  attitude  angles  determine  the  local  vertical  of  the  parent  planet.  This 
local  vertical  orientation  along  with  two  measurements  of  angles  to  start  using  a star  tracker, 
when  resolved  into  the  computational  coordinates,  provide  the  means  to  compute  the 
vehicle  state  vector. 

5.4  LANDING  RADAR 


A preliminary  analysis  to  determine  the  requirements  fora  space  tug  landing  radar  has 
been  made.  The  requirement  for  this  unit  and  the  description  presented  below  is  based 
primarily  upon  Apollo  LM  equipment  capability.  New  technology  promises  improvements 
which  may  be  ready  in  time  for  tug  applications  (see  Section  7.5). 

5.4.1  Subsystem  Desc ript ion 

The  landing  radar  (LR)  senses  velocity  and  altitude  with  respect  to  the  lunar  surface 
when  the  vehicle  is  moving  in  a near  tangential  approach  to  the  lunar  surface  and  when  it 
rotates  to  a vertical  attitude  to  complete  its  final  descent.  Velocity  and  altitude  information 
is  applied  to  the  computer  where  it  is  used  to  check  and  update  inertially  derived  data.  This 
data  is  also  displayed  during  descent  from  an  altitude  of  40.000  feet  to  touchdown  (See 
Figure  5-14). 

The  LR  is  composed  of  an  antenna  assembly,  electronics  assembly,  and  a control 
assembly:  it  is  functionally  divided  into  a three-beam,  continuous-wave  (ew)  doppler 
velocity  sensor  and  a narrow-beam,  linear  fm/cw  radar  altimeter.  The  antenna  assembly 
consists  of  a space-duplexed  array  of  transmit  and  receive  antennas  on  which  the  solid-state 
transmitters,  modulator,  detectors,  pre-amplifiers,  test  modulators,  and  waveguides  are 
mounted.  The  transmit  array  generates  four  beams,  three  of  which  are  arranged  in  a lambda 
configuration  and  used  by  the  doppler  velocity  sensor:  the  fourth  beam  is  used  by  the  radar 
altimeter  (see  Figure  5-15).  The  receiving  antennas  consist  of  four  individual  broadside 
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arrays.  The  receiving  array  beam  widths  are  wider  than  those  of  the  transmit  array;  therefore 
antenna  boresighting  is  not  critical.  The  electronic  assembly  contains  the  frequency  trackers, 
coordinate  converters,  high  speed  counter,  and  the  power  supply.  It  provides  binary  word 
outputs  (to  the  computer)  that  correspond  to  the  range  along  the  altitude  beam.  Pulse 
repetition  frequency  (PRF)  outputs  to  controls  and  displays  permit  display  of  the  velocity 
components  (Vx,  Vy,  and  Vz)  and  attitude  and  altitude  rate.  The  L R supplies  accurate  data 
from  25,000  feet  to  touchdown  without  mode  changes  or  altitude  holes  and  has  provision 
for  hovering  and  negative  speeds.  Self-test  devices  within  the  LR  enable  operational  checks 
of  the  entire  LR  without  radar  returns  from  the  lunar  surface;  the  astronauts  can  evaluate 
the  operational  status  of  the  LR  at  any  time  during  the  mission. 

5 ! .!  .1  Doppler  Velocity  Sensor 

fhe  doppler  velocity  sensor  consists  of  a solid-state  transmitter,  frequency  tracker  . 
and  be.i:/i-to-orthogonai  velocity  converters;  it  provides  the  desired  doppler  frequencies  and 
component  velocity  outputs.  The  received  energy  from  each  beam  is  detected  with  the 
direct-to-audio  detection  technique.  The  received  signals  are  detected  in  quadrature  to  retain 
sign  sense  and  applied  to  dual  pre-amplifiers.  Unwanted  transmitter  leakage  is  heterodyned 
to  zero  and  rejected,  because  the  detectors  are  ac  coupled  to  the  pre-amplifiers.  The 
amplified  quadrature  doppler  signals  for  each  beam  are  then  applied  to  velocity  sensor 
frequency  trackers,  which  search  the  band  of  expected  doppler  frequencies  with  a 
narrow-band  width  filter.  When  the  doppler  signal  appears  in  the  tracker  band,  the  tracker 
locks  on  and  continuously  tracks  and  filters  the  doppler  spectrum.  The  outputs  (fc  + D) , fc 
+ D2<  fc  + D3)  af  the  velocity  sensor  frequency  trackers  are  converted  to  Vxa,  Vya,  Vza  and 
applied  in  prf  form  to  the  high  speed  counter  and.  then,  to  the  computer.  The  converter  auo 
generates  output  signals  representing  three  orthogonal  velocities  and  range  rate  along  the 
altitude  beam  supplied  in  prf  form  to  displays. 

5. 4. 1.2  Radar  Altimeter 

The  radar  altimeter  is  of  the  narrow-beam,  linear,  fm/ew  type;  it  consists  of  a 
solid-state  transmitter,  frequency  tracker,  and  an  altitude  converter  and  provides  outputs 
that  represent  range  along  the  altitude  beam.  The  received  energy  is  detected  in  a manner 
almost  identical  with  that  ot  the  doppler  velocity  sensor.  The  detected  quadrature  signals 
are  amplified  in  a dual  pre-amplifier  and  applied  to  the  altimeter  frequency  tracker.  The 
frequency  along  the  range  beam  is  the  sum  of  the  range  frequency  and  the  doppler 
frequency  (fr  + fy).  The  doppler  component  is  removed  in  the  altitude  converter  by  mixing 
operations;  the  range  frequency  signal  is  applied  to  the  altitude  frequency  'onverter.  where 
the  range  signals  are  derived. 

60  A ND  LOC  ATI  NO  CONSIDERATIONS 


The  following  paragraphs  list  the  more  pertinent  points  that  must  be  considered  in 
mounting  and  locating  the  navigation  sensors.  In  general,  each  transmitting  and  sensor  unit 
must  be  mounted  such  that  it  has  a known  and  fixed  relationship  to  the  primary  space  tug 
axes.  In  addition,  each  sensor  must  be  located  in  a temperature  controlled  environment 
consistent  with  the  unit  operating  temperature  range.  Typically,  each  sensor  is  designed 
(temperature  control  built  in)  to  operate  over  a moderately  wide  ambient  temperature  ranee 
(0  to  50°  C /.  * 
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6.1  IMU 
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In  addition  to  the  above,  the  strapdown  IMU  should  be  mounted  as  near  the  center  of 
the  vehicle  as  practical  in  order  to  minimize  the  sensed  centrifugal  accelerations  caused  by 
vehicle  rotations  or  on  the  (+)  pitch  axis  of  the  vehicle  if  mounting  in  the  center  of  the 
vehicle  is  impractical. 

6.2  STAR  TRACKER 

The  star  tracker  subsystems  must  be  located  to  provide  optical  access  to  the  stars  and 
mounted  with  a known  fixed  orientation  to  the  IMU.  This  problem  was  solved  in  Apollo  by 
mounting  both  the  star  sensors  and  IMU  on  a rigid  navigation  base.  This  configuration 
permits  full  three-axis  reference  orientation  measurements  to  a high  degree  of  accuracy. 

63  LANDMARK  TRACKER 

The  sensor  unit  of  the  landmark  tracker  should  be  mounted  on  the  rigid  navigation 
base  and  located  such  that  it  has  optical  access  to  the  earth  or  lunar  surface  while  the  star 
sensors  are  tracking  stars.  If  this  is  not  practical,  then  the  sensor  should  be  mounted  on  the 
underside  of  the  vehicle  and  the  sensor  mount  relationship  to  the  navigation  base  mount 
should  be  measured. 

6.4  LASER  RADAR 

In  order  to  employ  the  laser  unit  for  rendezvous,  docking  and  as  a landing  aid,  the 
transmitter-detector  unit  must  be  located  to  provide  approximately  1 80  degree  coverage. 
For  rendezvous  and  docking,  the  sensor  unit  will  be  looking  nominally  along  the  positive 
longitudinal  axis  of  the  vehicle.  For  landing,  the  sensor  must  be  capable  of  looking  within 
10  to  20  degrees  of  the  negative  longitudinal  axis.  The  ideal  location  for  the  docking 
maneuvers  is  to  have  the  sensor  boresight  axis  aligned  coaxially  with  the  docking  axis  of  the 
vehicle.  However,  if  this  is  too  great  a constraint  on  ne  docking  adapter  design,  the  sensor 
can  be  located  adjacent  to  the  docking  port. 

The  wave  length  of  the  laser  is  temperature  sensitive.  The  unit  as  presently  designed 
operates  at  55°  F 120°  F by  u ».  g passive  copper  heat  sinks  to  dissipate  its  own  heat  {-'l 
watt).  Thus,  it  is  necessary  to  regulate  the  tempera  lure  of  the  sensor  such  that  thermal 
effects  external  to  the  unit  not  he  allowed  to  significantly  affect  the  sensor’s  internal 
temperature  boundaries.  Thermal  coatings  and  thermos  bottle  insulation  techniques  can  be 
used  to  passively  maintain  thermal  equilibrium  to  within  certain  boundaries. 

6.5  LANDING  RADAR 

The  landing  radar  antenna  assembly  must  he  boresighted  and  located  such  that  the 
transmitted  signals  strike  the  lunar  surface  nominally  beneath  the  vehicle  during  the  lunar 
landing  phase. 
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6.6  HORIZON  SENSOR 

the  infrared  horizon. 

the  vehicle.  Previous  projects  have  selected  the  ton  da  poslt've  or  negative  yaw  axis  of 
However,  the  Horizon  Sensor  application  is  limited  \be  Yehic,e  (NEG-  YAW), 

vehicle  skin  may  obstruct  the  view  of  the  earth  I,ude  orblt  mlss,ons  where  the 

horizon  sensor  be  located  on  the  underside  (POS  vlun  - r urecomme"ded  that  the 
unobstructed  view  of  the  horizon.  P°S'  YAW)  aXIS  of  ,he  vehicle  <»  Permit  an 

7 0 FIJTIjgE_TECHNOLOGY  CONSIDERATIONS 
7.1  IMU 

implementation  *0/ an  inertiaf*^  differ  primarily  in  the 

thrust)  measurements.  r accumu^at*^g  specific  force  (gravity, 

motion  through  the'us^g,^^^^  the  instrument  package  from  vehicle 

m which  the  accelerometer  information  can  be  resolved  in  ndl“Vir0nmem 

measureiTOnts^'p^^^^^fic'  fcnrce'Tnd5 anpdar1rat«^tveh^n|  ^ 'V*  — 

instruments  encounter  the  full  dynamic  environm/n>  p,  .,!  C L'oordlnat<*  Thus,  the 
inertial  reference  frame,  an  analytical  computation  ,1  m order  to  maintaip  the 

resolve  the  instrument  data  into  the  inertial  reference  frame  h"’  mUSt  ^ lmp,emented  10 

developmentsPin  perm^nent^^  whi^  rauT*' ^ due  Principally  to  recent 

factors,  wheel  bearing  mate);,,!  improvement  ,r»H  1 ,n.  more  stable  torquer  scale 

developments  in  the  70’s  of  the  electrostatic  anril  expenments  ln  bearing  gyros.  Future 

"™  *“»  <■„,  h,„ 

“ zzsil:,  “d  g*sss  tr  “ *?  »r  » 

Strapdown  weight  reduction  is  due  principally  to  the  In  . of  ,nstrl,nient  sensors, 
power  requirements.  In  addition,  the  strapdown  IMU  hm'r  r0",^  gm'balS  :'"d  their  hlSh 
concepts  that  tend  to  reduce  weight.  dself  to  integrated  packaging 

backup  systenus^A  diLdvantage  ^'^1!!*“^  ,hrou8h. ‘he  use  of  redundant  or 

neme  15  ,he  drSe  increases  in  power  and  weight. 

greatly  increased  rel 'ability  h "d  modttTTcrease1'?' r'SU “ti,' ' strapdown  JMU’s  has 

which  contains  6 gyros  and  6 ^acceTro^qe«Ta„  JP*1'  ***  ?n  hesad  X'apdown 
provide  rel, ability  greater  than  a triple  redundant  platform  "0^^^.™''°"  Pr0n,'SeS  *° 
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7.2  STAR  TRACKERS 
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Star  trackers  are  used  to  measure  the  relationship  of  the  IMU  with  respect  to  inertial  ? 

space  by  measuring  the  angular  positions  of  the  inertial  components  to  known  star  j 

positions.  At  present,  most  star  trackers  employ  gimbals  to  vary  their  line-of-site  (LOS)  to  \ 

known  stars.  Future  advances  will  eliminate  the  use  of  gimbals  and  replace  them  with  an  ] 

electromechanical  beam  deflection  scheme.  This  will  result  in  significant  weight  reductions  j 

in  the  order  of  10  lbs.  j 

The  recent  development  of  completely  Solid  State  Star  Trackers  promise  high  \ 

reliability,  relative  insensitivity  to  background  light,  elimination  of  high  voltage  power  j 

supplies,  the  use  of  multiple  sensors,  and  compatibility  with  integrated  circuit  technology.  j 

7.3  HORIZON  SENSORS  j 

There  are  four  principal  types  of  Horizon  sensors:  a 

1 

1 . Radiation  Balance 

2.  Conical  Scan 

3.  Radially  oriented 

4.  Edge  tracking 

At  present,  only  the  edge  tracking  scheme  has  been  widely  implemented. 

The  horizon  sensor  accuracy  is  limited  in  its  ability  to  view  a definable  horizon.  At 
present  that  accuracy  is  in  the  order  of  0.02  degrees.  Future  advances  will  not  appreciably  . 
reduce  this  uncertainty.  One  horizon  sensor  manufactu^  • already  uses  the  beam  scan 
technique  with  four  sensor  heads.  Advanced  studies,  pr  . 'y  underway,  on  fully  digital 
horizon  sensors  promise  future  reductions  in  size,  weight  ami  power.  In  addition,  the  digital 
horizon  sensor  will  have  better  maintainability,  reliability  and  added  compatibility  to 
modularity  concepts. 

7.4  LANDMARK  TRACKERS 

The  present  use  of  the  vidicon  optical  measurement  scheme  provides  accurate  local 
vertical  tracking  but  does  not  provide  all  weather  capability.  In  addition,  the  present 
landmark  trackers  use  gimbals  to  freely  rotate  the  sensor  heads.  A beam  deflection 
mechanism  will  probably  be  implemented  to  replace  the  gimbals  with  a subsequent 
reduction  in  weight.  Recent  experiments  with  radiometers  indicate  an  all  weather  capability 
but  requires  a 2 foot  antenna  operating  at  15  GHZ. 

7.5  LANDING  RADAR 

Future  advances  in  Yugi  Lasers  promises  to  replace  the  present  landing  radars  for 
future  space  missions.  The  Yagi  Laser  radar  would  perform  the  same  task  more  accurately 
with  less  power,  size,  and  weight.  The  present  state  of  development  of  Yagi  Lasers  indicate 
that  this  equipment  may  be  available  in  1973-1978  time  frame. 


D-59 


l,'r  •-*' ^■»F'WW; ^t5*J¥»2S3IJ*r 


7.6  LASER  RENDEZVOUS  RADAR 

The  present  ITT  laser  scanning  radar  is  limited  in  power  because  the  detector  (Gallium 
Arsenide)  is  very  inefficient.  This  power  limitation  limits  the  available  tracking  range  to  75 
nm.  Experiments  with  other  types  of  detectors  indicate  that  the  efficiency  can  be  increased 
about  40  times.  This  will  result  in  large  output  power  thereby  increasing  the 
non-cooperative  and  cooperative  target  tracking  ranges.  Systems  using  these  efficient 
detectors  can  be  incorporated  into  the  laser  system  by  the  '12  to  '13  time  period. 

7.7  POSSIBLE  COMBINATION  OF  NAVIGATION  FUNCTIONS 

It  is  quite  likely  that  space  communication,  rendezvous  and  docking,  and  lunar  landing 
can  be  accomplished  using  a multiple  beam  Yagi  Laser.  This  sensor  would  have  less  weight, 
size,  power,  and  increased  reliability  over  the  present  equipment  combinations. 


REFERENCES 

D-l.  MIT  Instrumentation  Laboratory:  Control.  Guidance  and  Navigation  for  Advanced 
Manned  Missions.  Vol.  IV  Inertial  Subsystems.  September  1968. 

D-2 . IBM:  S-S  Guidance  and  Navigation  Subsystem  Task  B Summary  Report.  April  1967. 

D-3.  Grumman  Aircraft  Engineering  Corporation:  Lunar  Excursion  Module 

Familiarization  Manual.  July  1964. 

D*4  J E.  Irby:  Earth  Orbital  Space  Station  Navigation  and  Control  Systems  Analysis. 
IBM  Report  No.  69-K22-Q02.  January  1969. 

D-5 . ITT,  Aerospace/Optical  Division : Lightweight  Scanning  Laser  Radar. 

D-6.  ITT.  Aerospace/Optical  Division:  Lightweight  Scanning  Radar  System  for  the  1975 
- 80  Space  Station  & Associated  Vehicles.  November  1969.  ~ 

D-7.  D.  C.  Franks  & R.  H.  Dye.  Kearfott  Systems  Division.  Kearfott  Group,  General 
Precision  Systems,  Inc.:  The  Analysis  and  Mechanization  of  an  Autonomous 
Guidance  and  Navigation  System  for  Future  Manned  Space  Missions. 

D-8.  Robert  Crisp,  Jerold  P.  Gilmore.  Albert  L.  Hawkins.  Jr.,  MIT  Instrumentation 
Laboratory:  SIRU  A_New  Inertial  System  Concept  for  Inflight  Reliability  and 
Maintainability. 

D-9.  David  G.  Hoag.  MIT  Instrumentation  Laboratory:  The  Navigation.  Guidance  and 
Control  of  a Manned  Lunar  Landing.  ” 

D-10.  James  A.  Hand.  MIT  Instrumentation  Laboratory:  Star/Horizon  Measurements  for 
Onboard  Spacecraft  Navigation. 

D-Il.  TRW  Systems.  Description  of  the  Variable  Altitude  Attitude  Sensor  (Horizon 
Sensor). 

D-l  2.  Paul  T.  Pixley,  MSC,  Tru  nsearl h Naviga tio n _ Using  the  Onboard  Optical 
Measurements. 


D-60 


APPENDIX  E 

ANAJ  7SIS  OF  SPACE  TUG 
GUIDANCE  FUNCTION 


ISM  No.  69-K44-O0O6H 
MSFC-DRL-008 
LINE  ITEM  No.  268 


TABLE  OF  CONTENTS 


Section  Title  page 

1-0  INTRODUCTION 

2.0  STUDY  GUIDELINES  AND  GROUNDRULES  ...  . E-l 

2.1  Docking/Undocking g.| 

2.2  Rendezvous g-l 

2.3  High  Energy  Maneuvers £.j 

2.4  Lunar  Descent  and  Ascent  g-I 

2.5  Lunar  Orbit  Insertion  Plane  Changes E-l 

3.0  SUMMARY  OF  RESULTS E-l 

3.1  Introduction  g-1 

3.2  Doc  king/  Undocking £,4 

3.3  Rendezvous £.4 

3.4  High  Energy  Maneuvers E-4 

3.5  Lunar  Ascent  and  Descent  E-6 

3.6  Lunar  Orbit  Inser^on  Plane  Changes E-6 

4.0  DETAILED  ANALYSIS  E-6 

4.1  Guidance  Scheme  Descriptions E-6 

4.2  Docking/Undocking E-8 

4.3  Rendezvous E_12 

4.4  High  Energy  Maneuvers E-l 5 

4.5  Lunar  Ascent  and  Descent  E-l 5 

4.6  Lunar  Orbit  Insertion  Plane  Change E-l  7 

RENFERENCES  E-37 


E-i/E-ii 


1 .0  INTRODUCTION 


Tl,e  aDDraLTh^L^T"''  ‘i*  reSU'‘S  °/  *he  analysis  of  ,he  ,UE  guidance  requ,remcntS. 
ie  approach  has  been  »o  analyze  a sec  of  mission  phases  instead  of  a specific  mission  This 

of  ,hl  !m“'°n  p lase"hjs  becn  chosen  suth  thal  a subset  ot  *'  ‘•an  be  used  to  accomplish  any 
of  Che  tug  missions.  The  mission  phases  addressed  are  t uulated  below: 

• Docking/ Undocking 


• Rendezvous  (c.Tth  and  lunar  orbit  operations  and  sync  orbit  missions) 

• High  Energy  Maneuvers  (RNS,  unmanned  planetary,  and  t our  stage  Saturn  V) 

• Lunar  Ascent/ Descent  (lunar  landing  mission) 

• Lunar  Orbit  insertion  Plane  Changes  (four  stage  Saturn  V or  RNS) 

2 .0  STUDY  GU[DEL! NES  AN  DC  ROUN  DRU  L.ES 


2 1 DOCKING/UNDOCKING 


■mnp^lrrr0,!nnl!,ty  of^ida,nct’  durinS  lhe  Peking  phase  is  to  take  the  tug,  at  a range  of 

ra,e  of  lcss  ,l,an  15  m/sct  wi,h  — * to 

• Perform  maneuvers  to  obtain  the  desired  dosing  geometry 

• Close  wuh  target  vehicle  such  that  docking  is  accomplished  with  terminal 
conditions  within  prescribed  limits. 

ka8  tUku  p,aCe  in  either  the  manual  ot  automatic  mode.  It  is  assumed  that  for 
automatic  docking,  the  target  vehicle  is  cooperative  in  that  it  can  either  be  turned  to  a 

1 Inf*  att,,tUdC  °r  lhal  itS  orientatio"  can  be  determined  from  laser  rada? 
measurements.  It  is  dso  assumed  that  the  tug’s  motion  is  essentially  coplanar  with  that  of 

fXX  COnditi°nS  °f  tHe  d**ln«  *«*»  * within  the 


• Range  rate:  1.0  ft  /see 

• Lateral  rate:  G.5  ft /sec 

• Lateral  displacement:  1.0  ft. 

• Attitude  error:  4.0  deg. 

• Attitude  rates:  0.5  deg/sec. 

KSS1*  assun‘cd  *° provide  range- range  ra,c  and  ,arge' ve!,ic,e  azimu'h' 


During  undocking,  the  guidance  function 
distance  of  500  meters  from  the  mating  vehicle. 


is  responsible  for  guiding  the 


tug  to  a 


2.2  RENDEZVOUS 

The  responsibility  of  guidance  during  the  rendezvous  phase  is  to  perform  the  targeting 
and  issue  engine  start/stop  and  attitude  commands  to  guide  the  tug  from  one  orbit  to  a 
copianar  orbit  with  the  target  vehicle  and  within  a range  of  1000  meters  with  a range  rate  of 
less  than  1 .5  m/sec.  This  includes  earth/lunar  orbital  operations  and  synchronous  missions. 
It  is  assumed  that  knowledge  of  the  target  vehicle  state  will  be  provided  by  the  navigation 
function.  This  knowledge  will  be  in  the  form  of  a ground  or  space  element  (i.e..  space 
station ) updatable  ephemeris  which  can  be  augmented  by  rendezvous  radar. 

2.3  HIGH  ENERGY  MANEUVERS 

Included  in  this  set  of  maneuvers  are  the  injection  bums  for  lunar  and  interplanetary 
trajectories,  burns  coming  into  and  going  out  of  lunar  orbit  and  four  stage  Saturn  V boost 
bums.  The  purpose  of  the  guidance  function  during  these  burns  is  to  place  the  vehicle  in  the 
desired  trajectory  with  respect  to  the  primary  body.  Targeting  for  lunar  and  interplanetary 
trajectories  will  be  assumed  to  be  similar  to  that  used  on  the  Apollo  lunar  flights.  That  is. 
the  target  conditions  will  be  the  elements  on  a conic  which  has  been  predetermined  to  yield 
the  desired  n-body  trajectory. 

2 4 LUNaR  DESCENT  AND  ASCENT 

In  the  lunar  descent  phase,  the  guidance  scheme  is  responsible  for  issuing  engine 
start /stop/throttle  and  attitude  commands  to  guide  *he  tug  from  a parking  orbit  to  a 
predetermined  landing  sigh*.  The  guidance  responsibility  during  the  ascent  phase  is  to  issue 
engine  commands  that  will  take  the  tug  from  the  landing  sight  and  rendezvous  with  the 
LOSS.  It  is  assumed  that  the  navigation  function  {including  landing  radar)  will  provide 
position  and  velocity  with  sufficient  accuracy  to  ensure  mission  success.  (See  Appendices  B 
and  D.)  The  lunar  descent  phase  is  the  only  tug  mission  phase  that  requires  that  the  tug 
main  engine  be  capable  of  throttling. 

2.5  LUNAR  ORBIT  INSERTION  PLANE  CHANGES 

The  lunar  orbit  plane  change  analysis  performed  here  assumes  impulsive  type  velocity 
increments.  That  is.  it  is  assumed  that  the  engine  burn  duration  is  short  enough  to  assume 
velocity  is  gained  instantaneously.  It  is  also  assumed  that  the  line  of  apsides  of  the  incoming 
trajectory  about  the  moon  is  nearly  colinear  with  the  line  of  nodes  between  the  incoming 
trajectory  and  the  LOSS. 

3 0 SUMMARY  OF  RESULTS 
3.1  INTRODUCTION 

A summary  of  the  guidance  function  requirements  is  tabulated  in  Table  3-1.  As  will  be 
noted,  both  guidance  and  targeting  schemes  were  considered.  The  targeting  provides  the 
guidance  scheme  with  the  end  conditions  it  must  satisfy.  Targeting  inputs  from  external 
sources  (ground  control,  space  station,  etc.)  do  not  effect  the  autonomy  of  the  tur.  In  most 
cases  targeting  would  be  supplied  before  mission  initiation  and  no  other  inputs  would  be 
required  later,  assuming  on-board  navigation  sensors  inputs  were  available.  An  exception  to 
this  is  the  lunar  ascent  where  targeting  information  must  be  sent  down  from  a space  resident 
element. 
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Tug  Guidance  Function  Requirements 


OPGUID  is  a guidance  scheme  which  will  handle  all  maneuvers  the  tug  is  required  to 
make  except  docking.  Because  its  commonality,  flexibility,  and  ease  of  verification, 
OPGUID  is  the  recommended  guidance  scheme  for  the  space  tug.  (Reference  Table  3-2  for  a 
summary  of  tug  guidance  schemes.)  This  recommendation  is  compatible  with  the  conclusion 
reached  from  studies  on  space  shuttle  guidance  ( Reference  E- 1 1 ).  The  main  disadvantage  of 
not  using  OPGUID  is  that  many  schemes  rather  than  one  must  be  programmed  and  verified 
to  have  full  guidance  capability. 

3.2  DOCKING/UNDOCKING 

Only  one  general  guidance  scheme  was  considered  for  docking.  This  was  dictated  for 
the  most  part  by  the  assumption  of  full-on,  full-off  type  RCS  translational  thrusters.  The 
general  characteristics  of  the  scheme  will  be  discussed  below.  It  should  be  noted  that  the 
scheme  can  be  used  for  either  automatic  or  manual  docking.  The  main  emphasis  was  placed 
on  the  automatic  mode  since  less  previous  work  has  been  devoted  to  it.  The  docking 
maneuver  will  take  place  in  the  following  steps: 

• At  a range  of  1000  meters,  it  will  be  determined  whether  the  target  vehicle  is 
active  or  passive. 

• If  the  target  vehicle  is  active,  both  vehicles  will  be  aligned  along  the  line-of-sight 
(LOS)  between  the  two.  If  the  mating  vehicle  is  passive,  its  attitude  will  be 
determined  and  a "go-around"  maneuver  will  be  performed  such  that  the  LOS 
coincides  with  the  target  vehicle's  axis  containing  the  docking  adaptor. 

• Closing  will  then  proceed  by  on-off  RCS  thrusting  such  that  range  rate  is 
maintained  as  a function  of  range  until  docking  is  accomplished. 

The  undocking  maneuver  will  take  place  in  the  following  manner: 

• The  docking  adaptor  will  release  the  tug. 

• Using  the  RCS,  the  tug  will  depart  from  the  mating  vehicle  along  the  LOS  to  a 
range  of  500  meters. 

3.3  RENDEZVOUS 

The  guidance  schemes  considered  for  the  rendezvous  maneuvers  were  a 
velocity -deficiency  type  and  the  fuel-optimal  type  (OPGUID).  The  choice  of  the  scheme 
depends  on  whether  the  guidance  requirements  for  a single  tug  mission  phase  or  all  tug 
mission  phases  are  to  be  optimized.  Table  3-1  contains  a tabulation  of  potential  schemes. 

3.4  HIGH  ENERGY  MANEUVERS 

The  guidance  schemes  considered  for  the  high  energy  maneuvers  were  the  fuel-optimal 
type  (OPGUID),  the  iterative  guidance  scheme  (IGM)  used  in  the  Saturn  V boost,  and  a 
velocity-deficiency  type.  Of  these  three  guidance  schemes,  OPGUID  appears  to  be  the  most 
attractive.  IGM  requires  many  presettings  and  much  preflight  analysis  to  insure  its  stability. 
This  would  be  especially  true  for  the  mission  where  the  tug  astrionics  guides  the  low  thrust 
RNS.  The  velocity  - deficiency  scheme,  though  relatively  simple,  requires  preflight  analysis 
to  insure  near-optimum  fuel  consumption.  Also,  terminal  trajectory  errors  tend  to  be 
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somewhat  larger  with  this  scheme  than  the  other  two.  On  the  other  hand,  OPGUID  requires 
a minimum  number  of  presettings  and  achieves  the  greatest  accuracy  but  requires  more 
storage  and  computer  speed.  A summary  of  the  requirements  for  the  candidate  guidance 
schemes  is  presented  in  Table  3-1 . 

3.5  LUNAR  ASCENT  AND  DESCENT 


For  the  lunar  ascent  and  descent  phase,  the  guidance  schemes  considered  were  the 
present  Apollo  schemes.  IGM.  and  OPGUID.  The  final  choice  was  between  the  Apollo 
schemes  and  OPGUID,  with  the  Apollo  schemes  being  simpler  and  OPGUID  offering  more 
flexibility.  See  Table  3-1  for  recommendations. 

3.6  LUNAR  ORBIT  INSERTION  PLANE  CHANGES 

The  fuel  penalties  for  the  plane  changes  required  for  insertion  of  the  tug  into  a lunar 
orbit  coplanar  with  the  LOSS  are  very  severe  when  insertion  and  plane  change  are  made 
simultaneously,  it  has  been  found  that  significant  fuel  savings  can  be  realized,  if  relatively 
large  plane  changes  are  required,  by  inserting  into  a high  apolune  ellipse,  performing  the 
plane  change  near  apolune  and  circularizing  with  the  LOSS  at  pcrilune. 

4 ° DETAILED  ANALYSIS 

4.1  GUIDANCE  SCHEME  DESCRIPTIONS 


Since  several  of  the  guidance  schemes  to  be  considered  can  be  used  in  more  than  one  of 
the  guidance  functions,  their  descriptions  will  be  presented  here  for  later  reference. 
Reference  Table  3-2  for  a summary  of  guidance  scheme  advantages/disadvantages. 

4.1.1  OPGUID 


OPGUID  is  a guidance  scheme  based  on  the  Pontryagin  maximum  principle  which 
yields  fuel  optimal  trajectories  satisfying  up  to  six  end  condition  constraints.  The  derivation 
of  the  equations  in  the  scheme  is  presented  in  Reference  E-3  and  a program  employing  them 
is  documented  in  Reference  E-2.  A brief  description  of  the  equations  to  be  solved  is 
presented  below. 


The  governing  differential  equations  for  an  optimum  powered  trajectory  are  as  follows: 
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where 


r = radius  vector 

U = vector  in  desired  thrust  direction 
fi  = gravitational  constant 
a(t)  = thrust  magnitude 
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U is  desired  to  determine  the  initial  conditions  on  these  equations  such  that  constraint  and 
transversality  equations  are  satisfied. 
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To  generate  the  trajectory,  initial  guesses  are  made,  with  respect  to  some  inertial 
system,  for  the^two  angles  which  locate  U and  the  components  of  the  vector  U.  The  initial 
magnitude  of  U is  arbitrary.  The  total  burn  time,  tf,  is  also  estimated  and  then  equations  4-1 
and  4-2  are  numerically  integrated  from  the  initial  time  to  tf.  Errors  in  the  constraint  and 
transversality  equations  are  used  to  modify  estimates  of  the  initial  conditions  and  the 
process  is  repeated  until  the  errors  are  within  predefined  limits.  The  initial  solution  should 
require  no  more  than  5 iterations  and  subsequent  solutions  are  to  two  iterations. 

The  advantages  of  this  scheme  can  be  summarized  as  follows: 

® Real-time  true  optimal  guidance 

• Mission  flexibility 

• Minimal  presetting  required 

A comparative  disadvantage  ot  OPGUlu  is  the  large  number  of  computer  operations 
required  in  the  numerical  integration  and  iterative  solution  of  equations  4-1  and  4-2. 
However,  when  compared  to  the  overall  capability  of  the  tug  computer  dictated  by  other 
functional  requirements,  the  addition  required  by  OPGU1D  is  not  expected  to  be  a deciding 
factor  in  sizing  the  tug  computer. 

4.1.2  IGM 

The  iterative  guidance  mode,  IGM,  is  a closed  loop,  near-optimum  guidance  scheme 
based  on  the  calculus  of  variations.  That  is,  the  iterative  scheme  computes  steering 
commands  as  a function  of  the  state  of  the  vehicle-velocity,  position,  longitudinal 
acceleration,  and  gravitational  acceleration  ~ and  the  desired  cutoff  conditions.  The 
guidance  commands  are  updated  each  guidance  cycle,  using  the  updated  state  of  the  vehicle. 
The  iterative  guidance  scheme  is  a path  adaptive  guidance  scheme  in  that  it  will  retain  its 
near-optimum  properties  under  all  expected  types  and  magnitudes  of  vehicle  perturbations 
without  any  loss  in  accuracy  at  cutoff. 

From  Reference  E-l  the  general  form  of  the  commanded  thrust  direction  is  shown  in 
Equation  4-3 . 


where  X = angle  defining  thrust  direction 

a,b  = trajectory  dependent  constants 

t = time 

the  constants  “a”  and  “b”  are  determined  by  the  position  and  velocity-to-be-gained  to 
satisfy  terminal  trajectory  conditions. 
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The  terminal  conditions  for  the  iterative  scheme  are  defined  by  five  quantities:  radial 
distance  from  the  center  of  the  earth,  velocity  magnitude,  path  angle  against  the  local 
horizontal,  inclination  of  the  orbit  plane  to  the  equator,  and  descending  node  of  the  orbit 
plane  relative  to  the  launch  meridian.  The  velocity  will  be  forced  to  line  in  a plane  defined 
by  the  inclination  and  descending  node.  The  radius  and  path  angle  will  also  lie  in  the  same 
plane. 

4. 1 .3  Velocity  Deficiency 

In  the  velocity  deficiency  (Reference  E-9)  guidance  scheme,  steering  commands  are 
generated  by  directing  the  thrust  vector  along  a velocity-fo-be-gained  vector.  The  desired 
present  velocity  is  usually  calculated  by  determining  the  conic  velocity  at  the  present  radius 
such  that  the  trajectory  satisfies  certain  constraints.  The  velocity-to-be-gained  is  the 
difference  between  the  desired  and  actual  velocity  vector.  In  most  cases,  the  desired  present 
velocity  is  obtained  by  the  solution  to  Lambert's  problem.  This  requires  the  vehicle  to  pass 
through  a given  aim  point  at  a given  time. 

The  velocity  deficiency  is  the  simplest  of  the  guidance  schemes  considered.  Its  major 
shortcoming  is  that  special  care  must  be  taken  to  insure  that  the  performance  of  the  scheme 
is  near-optimum. 

4.2  DOCKING/UNDOCfCING 

4.2.1  "Go-Around"  Maneuver 


Docking  the  lug  with  a target  vehicle  whose  attitude  cannot  be  remotely  controlled 
presents  a difficult  problem.  It  arises  because  the  tug  must  approach  the  target  vehicle  along 
a line  through  the  axis  of  the  target  vehicle  containing  the  docking  adaptor  This  means  that 
the  tug  will,  in  the  worst  case,  have  to  negotiate  a 180  degree  maneuver  about  the  targes 
vehicle,  at  a safe  distance,  to  obtain  the  proper  geometry  for  the  docking  to  proceed  This  is 
illustrated  in  Figure  4-1  Also  shown  graphically  are  the  guidance  laws  which  will  control  the 
go-around  maneuver. 


The  range-range  rate  law  maintains  the  range  at  a constant  value,  kj.  vhile  the 
elevation  angle  is  reduced  to  zero.  Tlie  dotted  line  represents  the  trajectory  of  elevation 
angle  and  elevation  angle  rale  during  the  maneuver  As  is  indicated,  the  tug's  attitude  will  Ik 
maintained  along  the  LOS  during  the  "go-around"  procedure.  This  phase  of  tfee  docking  will 
terminate  when  the  elevation  angle  is  less  titan  3°.  The  maneuver  will  not  :*e  performed  if 
the  elevation  angle  «s  less  than  5°  During  the  maneuver,  the  azimuth  or  <Hit-of-pkme  angle 
will  be  controlled  in  the  same  maimer  as  the  elevation  angle. 

4.2.2  Closing  Maneuver 

!n  the  case  of  a passive  tasgei  vcfckfc*.  Hie  dosing  maneuver  will  be  initiated  bv  aligning 
tire  tug  io  the  same  attitude  as  the  targe*  vefcjck  Tire  geometry  and.  again,  ^ graphical 
ft^nacniaiwn  of  the  guidance  laws  are  drown  in  Figure  4-2.  A*  ,-an  Ik  seen,  the  ffrjdfrra’r 
Ltw*  axe  of  tfee  «csr  type  » for  tfee  "psanarad"  that  mapt  tsar  « a 
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In  the  case  of  a target  vehicle  whose  attitude  can  be  controlled,  the  “go  around” 
maneuver  and  azimuth  and  elevation  angle  control  are  not  necessary.  To  accomplish  the 
docking,  the  vehicles  would  align  themselves  along  the  LOS  and  dose  with  range  rate  as  a 
function  of  range  as  shown  previously. 

4.2.3  Combination  Go-Around  and  Closing 

A procedure  for  reducing  both  the  range  and  elevation  angle  simultaneously  was  also 
considered.  Starting  from  1000  meters,  this  would  involve  maneuvering  to  some 
intermediate  range  while  reducing  elevation.  Should  the  elevation  not  be  within  limits  when 
the  intermediate  range  is  reached,  range  will  be  held  constant  until  elevation  is  reduced 
within  limits  and  then  closing  will  continue  as  described  in  4.2.2. 

4.2.4  Simulation  Results 

Simulations  of  the  docking  procedure  were  performed  using  the  techniques  discussed 
in  this  section.  The  purposes  of  these  simulations  were  to: 

• Confirm  that  the  proposed  docking  techniques  worked 

• Determine  the  RCS  impulse  requirements  for  docking 
The  assumptions  made  in  the  simulation  were  as  follows: 

• Ideal  attitude  control 

• RCS  thrusters  capable  of  a translational  acceleration  of  0 5 m/sec- 

• Perfect  range,  rangc-raic.  angle,  and  angle-rate  information  front  navigation. 

Tlie  guidance  equations  utilized  were  of  the  form  shown  m Figures  4-1  and  4-2.  For 
range  control,  the  switching  curses  were  as  follows 

0 75  /R-Ki  i Slarl  l 
“ 0 50^R-K|  < Stop ) 

0 25  /R-k  J f Start  i 

The  elevation  and  azimuth  switching  curse-  were  ol  she  following  form 
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It  should  be  noted  that  deadbands  about  the  origins  of  the  phase  plane  guidance 
curves,  equal  to  one-half  of  the  allowable  docking  tolerances,  were  also  simulated. 

Initial  conditions  for  each  of  the  simulations  were: 

Range  = 1000  m 

Range  rate  =*  0 m/sec 

Elevation  = 0 to  1 80° 

Elevation  rate  =*  0°/sec 

Azimuth  =*  0° 

Azimuth  rate  =*  0°/sec 

The  two  quantities  that  were  varied  were  the  initial  elevation  angle  (£)  and  the 
intermediate  range  the  tug  must  maintain  until  the  desired  elevation  (within  limits)  is 
achieved.  A summary  of  the  total  docking  time  and  the  RCS  fuel  requirements  is  plotted  in 
Figure  4-3.  As  was  expected,  the  time  and  RCS  fuel  requirements  increased  as  the  go-around 
angle  increased.  It  is  also  indicated  that  these  quantities  increased  as  the  intermediate  range 
was  increased. 

Figures  4-7  through  4-15  present  plots  of  how  the  various  quantities  involved  reacted 
during  a docking  simulation  with  a go-around  angle  of  180°  and  an  intermediate  range  of 
1000  meters.  As  can  be  seen,  all  quantities  performed  in  accordance  with  the  suggested 
guidance  laws.  Similar  plots  for  ail  intermediate  range  of  500  meters  are  presented  in  Figures 
4-16  eo  4-24.  The  seemingly  erratic  behavior  near  the  oripn  of  some  of  the  phase  plane  plots 
is  due  to  the  deadbands  used  in  the  simulations. 

It  should  be  noted  that  cota»w  ,wS  in  the  guidance  equations  used  here  do  not  represent 
an  optimal  choice.  The>  were  chosen  to  demonstrate  that  llie  basic  techniques  for  docking 
guidance  are  sound. 

4.3  RENDEZVOUS 

The  burns  which  arc  required  tor  the  rendezvous  maneuver  are  shown  m Figure  4-4  As 
can  be  seen,  from  four  to  seven  bums  are  rveccssan  The  firs!  burn  cstabltshes  a transfer 
ellipse  from  the  initial  orbit  which  intersects  a pseudo  orbit  at  least  uoee  C'apab«ht>  should 
also  exist  for  a small  midcoursc  correction  burn  before  intersecting  the  pseudo-orbit  to 
cancel  out  initial  burn  errors  The  thud  bum  performs  a plane  chaispc  to  establish  the  lug  in 
an  orbit  which  is  eoplanar  with  tlx*  orbit  ol  the  urge!  vehicle  This  is  followed  b>  a bum  to 
establish  an  orbit  with  a constant  diifrrentuf  Iseighi  tiCM5  fm)  bdow  the  urgsrt  veh* ck 
orbit  If  poxubkv  the  transfer  frajcUury  i*  designed  sixfe  that  the  third  and  fourth  bums  can 
be  made  simultaneously  The  fifth  bum  plat.es  the  tug  on  a transfer  cihpse  such  that  it  will 
intercept  the  target  vehxic  alter  a prescribed  coast  peftoii  The  seventh  bum  will  place  the 
iug  in  the  same  orbit  as  It*  tarprt  vchxlc  at  j range  i*t  appremnuieh  1000  metrn 
Provision  ts  abo  mack  lor  a small  u»rvJkm  burn  between  !►*.  fifth  jrd  oum 
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The  targeting  for  all  the  burns  in  the  rendezvous  procedure  will  be  calculated  using 
conic  methods  (See  References  E-3  and  F.-5).  Equations  for  the  targeting  are  in  the  process 
of  being  developed  under  Appendix  10  of  contract  NAS8-14000.  It  should  be  noted  that 
the  rendezvous  techniques  can  be  applied  to  any  type  problem  from 
low-earth-orbit-to-synchronous-orbit  type  to  the  simple  earth/lunar  orbit  operations  type. 

Once  the  targeting  calculations  have  been  made,  guidance  will  be  accomplished  using 
either  a velocity-deficiency  or  optimal  guidance  law.  Recommendations  are  made  in  Table 
3-1. 

4.4  HIGH  ENERGY  MANEUVERS 

The  phases  of  guidance  addressed  here  are  those  which  are  responsible  for  putting  the 
vehicle  on  a lunar  or  interplanetary  trajectory,  for  entering  or  leaving  lunar  orbit,  or 
boosting  to  earth  parking  orbit.  Since  accuracy  and  tuel  economy  are  particularly 
important,  only  optimum  or  near-optimum  guidance  techniques  were  considered.  The 
optimization  referred  to  is  with  respect  to  fuel  in  all  cases. 

The  schemes  that  were  considered  were  OPGUID,  IGM,  and  velocity  deficiency.  The 
bulk  of  the  detailed  analysis  for  these  maneuvers  was  considered  with  the  schemes 
themselves.  A detailed  description  of  each  scheme  can  be  found  in  section  4.1. 

Assuming  computer  requirements  are  not  a limiting  factor.  OPGUID  is  clearly  superior 
to  the  other  two  guidance  schemes.  However,  if  OPGUID  is  not  used,  the  choice  between 
IGM  and  velocity  deficiency  will  depend  on  the  vehicle  characteristics.  For  short,  high 
thrust  burns  where  fast  guidance  reaction  is  required.  IGM  is  super  or  to  velocity  deficiency  . 
For  low  thrust,  long  duration  burns  the  velocity  deficiency  schcine  has  the  advantage.  An 
example  of  the  low  thrust  case  would  he  the  RNS  mission  (Reference  1-4  h 

4.5  LUNAR  ASCENT  AND  DESCENT 

The  following  is  a discussion  of  guidance  schemes  that  could  be  employed  in  the  ascer> 
and  descent  phases  of  the  tug  lunar  landing  mission.  The  first  scheme  is  a near-optimal 
solution  to  the  problem  of  arriving  at  a given  stale  at  a specified  tune  The  scheme  can  easily 
he  applied  to  descent  or  ascent  Assuming  a constant  gravitational  attraction,  the  calculus  ol 
variations  solution  which  minimizes  the  integral  ol  acceleration  is  (Reference  F-4.  page 
111-35 1 

a q = **  <Vt)  - Y>  ♦ s |r|)-tr+\|)t(,()»!-g  (4-4 1 
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It  should  be  noted  that  Eq.  4-4  specifies  both  thrust  magnitude  and  direction.  This  implies 
the  use  of  a throttleable  engine. 

There  are  several  weak  points  in  this  solution.  First,  the  optimization  criteria,  integral 
of  acceleration,  assumes  that  specific  impulse  is  constant  regardless  of  thrust  level.  This  is 
not  always  the  case.  Also,  over  the  burn  arcs  that  are  encountered,  the  assumption  of 
constant  gravity  is  not  valid.  The  situation  can  be  improved  by  substituting  an  average 
gravity  vector  into  Eq.  4-4.  it  should  also  be  pointed  out  that  the  guidance  equation  tends 
to  become  unstable  as  “tec”  approaches  zero.  The  singularity  in  the  equation  can  be 
avoided  by  holding  Iqq  to  a constant  value  when  it  becomes  less  than  a pre-assigned  limit. 
With  its  weaknesses,  however,  Eq.  4-4  has  been  found  to  yield  near-optimum  solutions  to  a 
variety  of  problems.  A slightly  modified  version  of  Eq.  4-4  is  used  in  the  Apollo  lunar  ascent 
scheme  (see  Reference  E-4,  sect.on  HI). 

The  second  candidate  system  is  the  one  presently  used  for  Apollo  lunar  descent.  It 
assumes  that  the  thrust  vector  can  be  expressed  as  a polynomial  of  the  form  (Reference  E-8 
page  2B-95). 

aj  = K.j  + Ks  too  + K3lGO“  (4-5) 

Solving  the  equations  of  motion  using  Eq.  4-5  yields  the  desired  descent  thrust  as  a function 
of  ‘V.cT  and  the  desired  final  state  (Reference  E-7  page  5.3-1 19). 

It  = aD  - ? - t£0  ,VD  - V)  - (r  - rD»  (4-6) 


It  should  be  noted  that  the  above  equation  also  implies  the  use  of  a throttleable  engine. 

One  minor  difficulty  occurs  using  any  of  the  suggested  guidance  schemes.  This 
difficulty  is  that  commanded  attitude,  at  landing  for  descent  and  at  liftoff  for  ascent, 
cannot  be  constrained  The  problem  is  usually  circumvented  by  dividing  the  powered 
portion  of  flight  into  two  segments,  a fixed  attitude  portion  and  an  active  guidance  portion. 
In  the  ascent  phase,  this  would  mean  a vertical  rise  tor  a short  period  and  then  active 
guidance  In  the  descent  phase  the  guidance  system  would  place  the  vehicle  at  a given 
altitude  over  the  landing  sight  with  zero  relative  velocity  , then  a vertical  descent  until 
touchdown 
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4.6  LUNAR  ORBIT  INSERTION  PLANE  CHANGES 

I A tug  entering  lunar  orbit  from  the  earth  may  have  to  negotiate  up  to  a 90°  plane 

change  in  order  to  rendezvous  with  the  lunar  orbiting  space  station  (LOSS).  It  is  desired  to 

(perform  the  plane  change  maneuver  when  the  vehicle  velocity  is  as  low  as  possible  to 
optimize  the  fuel  requirements.  One  method  of  accomplishing  this  is  to  make  the  plane 
change  burn  at  the  apolune  of  a high  elliptical  orbit.  The  geometry  of  the  maneuver  is 

I shown  in  Figure  4-5.  As  is  indicated,  three  burns  are  required.  It  should  also  be  noted  that 

this  geometry  assumes  that  the  line  of  apsides  of  the  incoming  hyperbolic  orbit  coincides 
with  the  line  of  nodes  between  the  incoming  hyperbolic  orbit  and  LOSS  orbit. 


To  gain  some  insight  into  how  much  velocity  impulse  the  three  burn  maneuver  can 
save,  a standard  Apollo  incoming  hyperbolic  trajectory  was  chosen  as  a test  case.  The 
trajectory  had  a semi-major  axis  of  4222.6  kilometers  and  an  eccentricity  of  1.437.  This 
resulted  in  a perilune  radius  (Rp)  of  1 845  kilometers. 

A plot  of  velocity  impulse  as  a function  of  apolune  radius  (R^>  and  plane  change  was 
formed.  The  results  are  shown  in  Figure  4-6.  The  solid  line  represents  the  case  where  the 
plane  change  and  circularization  are  accomplished  in  one  burn.  The  other  curves  are  for  the 
three  burn  maneuver  with  apolune  radii  as  labeled.  From  the  plot,  it  is  evident  that  the  three 
burn  mode  is  more  efficient  than  a single  burn  when  the  apolune  radius  is  greater  than  8845 
km  and  the  plane  change  is  greater  than  5°. 


Fteujt*’  -*-f»  Lunar  Hj'ii  t haner  V d‘Nii>  Imp-uK**  Ke^tuircnKn!* 


L 18 


I 

I 

I 

I 

1 

! 


| 


V: 


I 

I 


I 

I 

I 

I 

I 

I 

1 

I 

1 

I 

1 

I 

I 


DOCKING  SIMULATION  - 30  ANGLE  = 180 


*bS>  a 

I >r  t.  ■i'*  Vi  multi  K/tmat  h Rj«.  Phov  P!jo.  : .■*?  It 
-*t»j  * \r««un«i 


i 


t, 

i. 

4 


"•  m 


TIME 


Figure  4-10.  Range  VS  Time  for  Intermediate  Range  = 1000  Meters  and  Go-Around 
Angle  = 180  Deg. 
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Figure  4-1 1 . Elevation  VS.  Time  for  Intermediate  Range  = 1000  Meters  and  Go-Around 
Angle  = J 80  Deg. 


XHCS-N> 


DOCKING  SIMULATION  - 30  ANGLE  - 180 


TIME 


965-86 


Figure  4-12.  Azimuth  VS.  Time  For  Intermediate  Range  = 1000  Meters  and  Go-Around 
Angle  = 1 80  Deg. 
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Figure  4-13.  Range  Rate  VS.  Time  for  Intermediate  Range  = 1000  Meters  and  Go-Around 
Angle  = 1 80  Deg. 
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Figure  4-14.  Elevation  Rate  VS.  Time  For  Intermediate  Range  = 1000  Meters  and 
Go-Around  Angle  = 1 80  Deg. 
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Figure  4-1 5.  Azimuth  Rate  VS.  Time  for  Intermediate  Range  = 1000  Meters  and 
Go-Around  Angle  = 1 80  Deg. 


E-27 


H>3J  moz>a 


Figure  4-17.  Elevation  - Elevation  Rate  Phase  Plane  for  Intermediate  Range  = 500  Meters 
and  Go-Around  Angle  = 1 80  Deg. 
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Figure  4-19.  Range  VS.  Time  for  Intermediate  Range  = 500  Meters  and  Go-Around 
Angle  = 180  Deg. 
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Figure  4-2 


Azimuth  VS.  Time  for  Intermediate  Range  = 500  Meters  and  Go-Around 
Angle  = 1 80  Deg. 
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Figure  4-22.  for  Intermediate  Range  = 500  Meters  and  Go-Around 
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Figure  4-23.  Elevation  Rate  VS.  Time  for  Intermediate  Range  - 500  Meters  and 


Go-Around  Angle  = 1 80  Deg. 
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Figure  4-24.  Azimuth  Rate  VS.  Time  for  Intermediate  Range  = 500  Meters  and 
Go-Around  Angle  = 180  Deg. 
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1.0  INTRODUCTION 


The  control  function  as  used  herein  includes  both  attitude  and  translational  control. 

The  purpose  of  attitude  control  is  to  maintain  stability  and  to  execute  guidance 
maneuvers.  Attitude  control  is  accomplished  by  gimballing  thrust  vector  control  engines  or 
firing  reaction  control  system  (RCS)  engines.  Translational  control  will  also  be  used  in 
executing  guidance  maneuvers.  Translational  control  is  achieved  by  throttling  the  main 
engine  or  firing  the  appropriate  RCS  thrusters.  Main  engine  throttling  capability  will  be 
particularly  useful  for  the  lunar  landing  mission.  RCS  translational  control  will  be  of 
particular  value  when  used  for  docking  maneuvers. 

Major  emphasis  was  placed  on  the  synchronous  orbit  missions  (SOM)  for  this  study. 
However,  hardware  and  computer  software  estimates  for  control  functions  are  included  for 
the  tug  missions  which  dictate  design  requirements  for  the  astrionic  system. 

2.0  STUDY  GUIDELINES  AND  GROUNDRULES 

• Capability  for  manual  and  remote  override  of  the  automatic  control  function  will 
be  provided. 

• Only  one  main  engine  per  propulsion  module. 

• All  control  law  functions  will  be  performed  in  the  digital  computer. 

• The  guidance  function  shall  provide  attitude  errors,  attitude  rate  errors,  position 
errors,  and  position  rate  errors  to  the  control  function  as  needed. 

• During  burn,  the  main  engine  will  be  used  for  pitch  and  yaw  attitude  control;  the 
RCS  will  be  used  for  roll  attitude  control. 

• During  coast,  three-axis  attitude  control  will  be  provided  by  the  RCS. 

• For  the  four  stage  Saturn  V configuration,  the  instrument  Unit  will  be  deleted 
and  the  astrionic  module  will  assume  complete  control  from  ground  launch. 

• RCS  engine  control  package  and  main  engine  actuators  mounted  on  the  PM  are 
excluded  from  study  at  this  time. 

3.0  SUMMARY  OF  RESULTS 

3.1  SOFTWARE  REQUIREMENTS 

The  software  requirements  for  the  control  function  of  the  space  tug  missions  are  listed 
in  Table  3-1 . Note  the  following  for  proper  interpretation  of  the  tabulated  values: 

• Memory  requirements  include  25 % contingencies. 

• Time  requirements  include  15%  contingencies. 
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Table  3-1 . Control  Function  Software  Requirements  Summary  for  the  Space  Tug  Missions 


MISSION 

FUNCTION 

TOTAL  (32-em 
MEMORY 

EQUIV. 

ADD'S 

CALLS/SEC 

EQUIV. 

ADD'S/SEC 

SYNCHRONOUS 
ORBIT  MISSION 
(EXPENDABLE) 

• TVC 
RCS 

1030 

1044 

673 

1506 

10 

20 

6730 

30160 

SYNCHRONOUS 
ORBIT  MISSION 
(REUSABLE) 

TVC 

RCS 

1720 

1044 

673 

1506 

10 

20 

6730 

30160 

FOUR  STAGE 

TVC 

5215 

1296 

10 

12*»fl 

SATURN  V 
(INCLUDES 
ALL  STAGES) 

RCS 

1044 

1506 

20 

30160 

EARTH  ORBITAL 

TVC 

1720 

673 

10 

6730 

30160 

OPERATIONS 

RCS 

1044 

1506 

20 

UNMANNED 

TVC 

1720 

673 

10 

6730 

30160 

PLANETARY 

RCS 

1044 

1506 

20 

REUSABLE 

TVC 

1720 

673 

10 

6730 

NUCLEAR 

SHUTTLE 

RCS 

1044 

1506 

20 

30160 

LUNAR  ORBITAL 

TVC 

1720 

673 

10 

6730 

OPERATIONS 

RCS 

1044 

1506 

20 

30160 

LUNAR  LANDING 

TVC 

2020 

1350 

10 

13500 

RCS 

1310 

1800 

20 

36000 

• THRUST  VECTOR  CONTROL  (TVC) 

• The  RCS  software  estimates  include  the  combined  impact  of  3-axis  attitude  and 
3-axis  translational  control. 


• Software  requirements  for  RCS  attitude  control  were  assumed  to 
RCS  translational  control. 


be  identical  to 


• The  lunar  landing  mission  software  requirements  include  engine  throttling 
software  estimates.  A throttleable  engine  requirement  has  been  identified  only  for 
the  lunar  landing  mission.  J 

3.2  HARDWARE  REQUIREMENTS 


i With  the  exception  of  standard  interface  units,  additional  hardware  may  be  required 
only  for  the  four  stage  Saturn  V configuration  to  enhance  vehicle  stability  and  load  relief 
during  earth  launch.  This  would  include  the  following: 


( 1 ) One  3-axis  rate  gyro  package 

(2)  One  2-axis  lateral  accelerometer  package 

The  requirements  for  the  above  hardware  will  be  established  in  follow-on  study  effort. 
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3.3  MODULE  INTERFACES 


Control  interfaces  with  the  propulsion  module,  the  electrical  support  equipment,  and 
the  command  function  for  the  synchronous  orbit  mission  are  illustrated  in  Figure  3-1 . 


4.0  DETAILED  ANALYSIS  (TRADE  STUDIES) 

4.1  SYNCHRONOUS  ORBIT  MISSIONS  CONTROL  ANALYSIS 

4.1.1  Unmanned-Expendable  Tug  Stage 


4. 1 . 1 . 1  Hardware  Requirements 


, The  control  hardware  requirements  are  minimal.  Assuming  a data  bus  in  used,  only 
interface  units  to  and  from  the  data  bus  will  be  required  (see  Figure  4-1).  With  a centralized 
I/O,  no  additional  hardware  will  be  required. 


The  space  tug  synchronous  orbit  mission  TVC  subsystem  control  law  will  require 
vehicle  body-referenced  attitude  error  inputs  only.  These  will  be  transmitted  to  the  control 
function  by  the  guidance  function.  The  guidance  function  utilizes  navigation  sensor  inputs 
to  compute  the  attitude  error  signals. 


RCS  subsystem  control  law  inputs  required  will  be  vehicle  body-referenced  attitude 
errors  and  attitude  rate  errors.  The  attitude  error  signal  will  again  be  transmitted  to  the 
control  subsystem  by  the  guidance  subsystem.  Attitude  rate  errors  will  be  determined  by  a 
combination  of  guidance  and  control  function  computations. 


Vehicle  angular  rate  sensors  will  not  be  a hardware  requirement  because  the  required 
angular  rate  signals  will  be  derived  from  IMU  attitude  inputs  to  the  computer.  If  IMU  sensor 
noise  prohibits  explicit  rate  derivation,  pre-filtering  and/or  state  estimation  techniques  can 
be  employed.  Associated  software  requirements  for  this  application  should  be  minimal.  Rate 
derivation  techniques  have  been  proven  on  space  vehicles  such  as  Minuteman,  LEM,  and 
CSM. 


4. 1.1. 2  Attitude  Control  Analysis 


41 -1 -2.1  Thrust  Vector  Control  (TVC)  Subsystem.  Pitch  and  yaw  attitude  control  will  be 
accomplished  by  TVC  during  the  burn  portions  of  the  synchronous  mission.  The  conceptual 
TVC  subsystem  is  shown  in  Figure  4-2.  The  guidance  and  navigation  measurements  and 
computations  will  supply  attitude  error  inputs  to  the  control  law.  They  will  be  multiplied 
by  the  control  gain  factors  and  then  will  be  transmitted  to  the  digital  compensators.  The 
compensator  outputs  will  be  the  engine  position  commands.  Engine  position  feedback, 
either  electrical  or  mechanical,  with  shaping  will  serve  to  provide  desired  actuator  responses 
to  positioning  command  inputs.  With  mechanical  feedback  the  servo  position  shaping  will  be 
inherent  to  the  actuator  hardware. 


Effective  damping  will  be  provided  by  the  filter  designs  (lead-lag  filters).  This 
eliminates  the  requirement  for  explicit  rate  feedback.  The  time-varying  control  gains  will  be 
adjusted  to  anticipated  variations  in  thrust,  vehicle  center  of  gravity,  and  vehicle  moment  of 
inertia  in  order  to  maintain  suitable  stability  margins  and  a near  constant  control  natural 
frequency. 


Space  Tug  Control  Functional  Interconnect-Synchronous 
Interfaces 
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Figure  4-1 . Synchronous  Orbit  Missions  Control  Hardware  Requirements  and  Interfaces 
With  Data  Bus  Integration 
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TVC  engine  gimbal  requirements  which  must  be  defined 
include  the  following: 


as  part  of  the  actuator  design 


• Maximum  angular  gimbal  rate 

• Maximum  gimbal  angle 

• Bandpass  frequency  range  of  the  actuator  control 


unulation  tools  are  most  effective  for  determining  the  appropriate  TVC  engine  gimbal 
requirements  based  on  maneuvers  and  potential  disturbances.  Further  definition  of 

annmnri!t^0deh  *?  requ,red-  Stations  should  be  exercised  in  follow-on  work  to  establish 
appropriate  gimbal  requirements  for  the  tug  engine. 

The  TVC  subsystem  control  law  can  be  written  as  follows: 


Bc  = 


D(Z )A(j)  (pitch  or  yaw) 


where 

• Bc  is  the  engine  deflection  command  signal 

• is  the  attitude  control  gain 

• D(Z)  is  the  digital  filter 

• A ^ is  the  attitude  error  signal  before  filtering 

This  equation  will  be  updated  10  times  per  second  during  a burn. 


The  pitch  and  yaw  filters  are  assumed  to  be  eighth-order  and  of  the  form: 

D(z>  = A0  + AiZ-1  + A2Z-2  + r AgZ-8 
10  + BjZ-1  + B?Z-2  + •••  + BgX-8 

Multiple-case  filters  are  not  considered  for  the  unmanned  expendable 
synchronous  orbit  mission. 


stage  of 


the 


riMiJrf16  ?°ntr0i  rnS  Wil1  .be  timC  varying  l'or  computer  implementation  purposes.  The 
desired  values  of  the  control  gains  for  a particular  time  of  flight  will  have  previously  been 

eauatk!ns  hp  ^ ^h™*10**  l^cd,c^ed  vehic,c  data  in  ^ntrol  design.  The  implementation 
vai.,11  r iTi  rb  bdSfd  on.s*ra,ght  ,,ne  approximations  to  the  gain  versus  time  profiles.  The 
values  of  K<£  for  each  straight  line  segment  beginning  at  time  Tj  and  ending  at  time  Tp  will 
be  incremented  according  to  the  following  equation:  ^ 


AK^ 


K<^p  - K<£j 

(Tp-T|)  jq  (computed  five  times  during  each  burn) 
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It  will  be  assumed  that  five  straight  line  segments  are  required  for  each  bum.  The  recursive 
equation  for  is  then 

i = j_j  + A (computed  1 0 times  per  second) 

Actuator  servo  loop  will  require  either  digital  or  mechanical  feedback  compensation. 
The  configuration  of  Figure  4-2,  assuming  fourth-order  servo  position  shaping  filters,  will  be 
considered  for  computer  sizing. 

A summary  of  the  groundrules  used  to  assess  the  computer  requirements  for  the  TVC 
subsystem  follows: 

• The  control  law  will  be  computed  10  times  per  second. 

• The  digital  filter  implementation  will  be  cascade-direct. 

• The  memory  requirements  will  be  sized  for  32-bit  words. 

• The  computer  speed  requirements  will  be  based  on  equivalent  ADD’s  per  second. 

• A MULTIPLY  execution  will  be  assumed  equal  to  four  equivalent  ADD’s. 

• Each  non-arithmetic  operation  will  be  equal  to  one  equivalent  ADD. 

• Redundancy  considerations  will  not  be  included  in  the  results. 

m*16  unmannec*  exPendable  stage  TVC  computer  requirements  are  summarized  in  Table 
4-1.  Note  that  the  filter  computation  computer  requirements  are  most  significant  for  TVC. 


Table  4-1 . TVC  Computer  Requirements  for  the  Unmanned-Expandable  Synchronous 
Orbit  Mission 


NUMBER 

REQUIRED 

MULT. 

ADD/SUB 

NON> 

ARITH 

DATA 

TOTAL 

MEMORY 

EQUIV. 

ADDS 

CALLS/SEC 

EQUIV. 

ADDS/SEC 

8/8  FILTER 
(REFERENCE  F-11) 

2 

17 

17 

64 

38 

272 

298 

10 

2,980 

4/4  FILTER 
(REFERENCE  F-121 

2 

9 

9 

40 

25 

166 

170 

10 

4,700 

20 

2 

2 

4 

6 

280 

— 

— 

— 

K 4> 

2 

- 

1 

4 

3 

16 

10 

10 

100 

INPUT/OUTPUT 

e 

— 

3 

1 

24 

18 

10 

180 

LIMITERS 

2 

- 

2 

16 

10 

56 

36 

10 

360 

MISC. 

OPERATIONS 

- 

2 

4 

4 

10 

6 

10 

60 

TOTAL 

— 

92 

100 

360 

282 

824 

538 

10 

15,380 
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SUbSyStem-  RCS  Phase  Plane1^  design  is  generally  based  on 

(1)  Minimizing  RCS  fuel  requirements 

<2)  “ “““• — - »« — 

ssr  •«■>* iHffissasss: 

« Parabolic  switching  lines  are  often  used  when  time  is  of  essence  Straight  lines  are  often 

"—r;::rr“rd  n»  *■»«*».  jszsszs 

spKSCifsr*-  s“® »»  ft*  £ 

, ■ ™e  *'  :S  a‘titude  control  implementation  (Figure  4-4)  will  be  used  for  roll  axis  ™„t™i 
and  assumptions  u^7d"for^  areas  folfows^  gr°Undrules 

The  three  axes  will  be  uncoupled  for  nominal  control. 

Only  the  nominal  control  case  will  be  considered. 

The  phase  plane  control  law  inputs  will  be  attitude  errors  and  attitude  rate  errors. 
The  computational  solution  rate  will  be  20  samples/sec  (Reference  F-15). 

A ^coarse  deadband  of  5.0  deg  will  be  selected  for  coasting  (References  F-l  and 

* F-ImSpS?  °f  30  de8  Wi"  b£  SeleCted  for  docking  PurP°ses  (References  F-3, 

EL*?"  S'3"6  °f  Figure  4"3  (b)  could  conceivably  be  used  for  the  expendable 

C°ntr°  fr8  docking  maneuvers.  This  phase  plane  portrait  would  satisfy 
m tUde  COntr°  docklng  requirements  of  (1)  maximum  alignment  angle  of  4 deices 
deadband  (3ornmd  Z’trVf  °f  °S  deg/sec'  ™s  is  !*■«*  bicause  the  attitude  Sor 
£■  control 

dia;;m::rru“edTnT^r410n  COmPU,er  reqUirementS’  based  on  *he  edua“on  now 


F-9 


Figure  4-3.  RCS  Phase  Plane  Portraits 


{A)  A PHASE  PLANE  PORTRAIT  CONSIDERING  (B>  A PHASE  PLANE  PORTRAIT  CONSIDERING 

A COMBINATION  OF  LINEAR  AND  LINEAR  SWITCHING  LINES. 

* PARABOLIC  SWITCHING  LINES. 


Figure  4-4.  RCS  Attitude  Control 
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Figure  4-5.  RCS  Logic  Flow  Diagram  (Single  Axis  Equation) 
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Table  4-2. 


MEMORY 

REQUIRED 

EQUIV. 

ADD'S 

CALLS/SEC 

EQUIV. 

ADD'S/SEC 

417 

603 

20 

12,060 

4. LI. 3 Translational  Control  (TC)  Analysis 

Three  axis  translational  control  will  be  provided.  Translation  along  a particular  axis  will 
be  provided  by  firing  the  appropriate  RCS  thrusters.  TC  implementation  will  be  analogous 
to  the  RCS  implementation  in  the  following  respects: 

• The  range,  elevation,  and  azimuth  axes  are  analogous  to  the  pitch,  yaw  and  roll 
axes. 

• Translational  rate  error  and  position  error  signals  are  analogous  to  the  attitude 
rate  error  and  attitude  error  respectively. 

• Phase  plane  logic  will  again  be  employed. 

• Tide  optimal  time  phase  plane  trajectory  will  be  a parabolic  function. 

TC  will  be  designed  such  that  the  following  docking  requirements  will  be  met: 

(1)  The  maximum  lateral  offset  will  be  1 ft. 

(2)  The  maximum  lateral  rate  will  be  0.5  ft/sec. 

j* 

(3)  The  maximum  closing  velocity  will  be  1.0  ft/sec  (see  Reference  F-3). 

TC  software  requirements  will  be  assumed  identical  to  those  of  the  previous  section. 

4.1 .2  Unmanned-Reusable  Stage 

4. 1.2.1  Hardware  Requirements 

These  are  the  same  as  ;:hosc  described  in  Section  4. 1 . 1 . 1 . 

4. 1.2. 2 Attitude  Control  Analysis 

4. 1.2. 2.1  Thrust  Vector  Control  Subsystem.  The  TVC  subsystem  is  generally  the  same  as 
that  described  in  Section  4.1. 1.2.1.  However,  because  of  vehicle  configuration  changes,  it 
will  be  necessary  to  switch  filters  at  least  once  per  tug  stage  during  the  mission.  The  impact 
will  be  software  storage  requirements.  The  configurations  and  filter  requirements  are 
summarized  in  Table  4-3. 
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Table  4-3. 


CONFIGURATION  * 

FILTER  REQUIREMENTS 

TUG  1 

BURN  NUMBER  1 
BURN  NUMBER  2 
BURN  NUMBER  3 

TUG  1 + TUG  2 + PAYLOAD 
TUG  1 ONLY 
TUG  1 ONLY 

USE  FILTER  A ONLY 
USE  FILTER  B ONLY 
USE  FILTER  B AGAIN 

TUG  2 

BURN  NUMBER  1 
BURN  NUMBER  2 
BURN  NUMBER  3 
BURN  NUMBER  4 

TUG  2 + PAYLOAD 
TUG  2 + PAYLOAD 
TUG  2 ONLY 
TUG  2 ONLY 

USE  FILTER  C ONLY 
USE  FILTER  C AGAIN 
USE  FILTER  D ONLY 
USE  FILTER  D AGAIN 

' REFERENCE  APPENOIX  A,  REUSABLE  SYNC  ORBIT  MISSION  FOR 

MISSION  PROFILE. 

^L,nn™f_!ter  memory  requirements  will  increase  over  that  required  for  the 
unmanned-expendable  stage  mission  as  shown  below: 


Unmanned-expendable  stage  mission 
Due  to  additional  filter  requirements 
Due  to  additional  AK<£  requirements* 
Total  for  unmanned  reusable  stage  mission 


Memory  Locations  Required 
824 
272 
280 
1,376 


V'2'?'2,  Re?ction  Control  Subsystem.  The  RCS  implementation 
described  in  Section  4.1.1  TFT. 

4. 1.2.3  Translational  Control  (TC) 


will  be  the  same  as  that 


TC  will  be  the  same  as  that  described  in  Section  4.1.1 .3. 


4.2  GENERAL  CONTROL  CONSIDERATION 

4.2.1  ~mst  Vector  Control  Analysis  for  Other  Space  Tug  Missions 

4.2. 1.1  Hardware  Requirements 


sam(SThe.COntr°l  function  for  ail  tug  missions,  except  the  four  stage  Saturn  V have  the 
anno  hardware  reqmrements.  Additional  control  sensors  may  be  required or  to  fou^t™ 
Saturn  V rn.ss.on.  These  are  (1)  a three-axis  rate  gyro  package  and  (2) 
n rol  accelerometer  package.  For  all -other  missions  and  mission  phases,  control  inputs  wffl 


* ™s)AK*  St0ra8e  requirements  are  based  on  f°nr  bums  (20  straight  line  segments  per 
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be  obtained  from  guidance  and  navigation  functions  (refer  to  Section  4. 1.1.1).  Other 
hardware  requirements  pertain  to  interface  units  to  and  from  the  data  bus.  The  seven 
missions’  hardware  requirements  are  summarized  pictorially  in  Figure  4-6.  Physical  and 
electrical  characteristics  of  the  candidate  rate  gyro  and  control  accelerometer  packages  are 
listed  in  Table  4-4. 

4.2.1 .2  Attitude  Control  Law  Comparison 

4.2.1.2.1  Candidate  Thrust  Vector  Control  Laws.  The  following  TVC  laws  applicable  to 
space  tug  missions  are  briefly  discussed  in  this  section: 

(1)  The  LM  TVC  laws 

(2)  The  CSM  TVC  laws 

(3)  The  Saturn  IB  TVC  laws 

(4)  A modified  TVC  disturbance  acceleration  nulling  scheme 

The  intent  of  these  discussions  is  to  present  some  of  the  present-day  TVC  laws  and 
philosophies  and  their  applicability  for  the  space  tug  TVC  subsystem. 

( 1 ) The  LM  TVC  subsystem  ( Reference  F-8)  uses  two  basic  modes  of  operation : 

• The  Acceleration  Nulling  Mode  utilizes  RCS  for  attitude  control  and  TVC 
for  disturbance  angular  acceleration  nulling. 

• The  Attitude  Control  Mode  employs  TVC  for  pitch  and  yaw  attitude  control 
and  RCS  for  roll  control. 

Because  the  LM  TVC  gimbal  rate  capability  is  limited  (max  gimbal  rate  of 
0.2°/sec),  the  Attitude  Control  Mode  was  designed  for  flight  situations  which 
impose  only  mild  requirements  on  the  attitude  control  subsystem. 


LATERAL  ACCELER- 
OMETER PACKAGE 
(REFERENCE  F-14) 


INPUT  i 

POWER 

(WATTS) 

INPUT  RANGE 
(°/SEC) 

OPERATING 

TEMP. 

<°C> 

DIMENSIONS 
(HXWXL  IN.) 

45 

±20 

-40  TO  +74 

3.62X7.06X 

7.06 

8.4 

±10 

-73  TO  +71 

3.62X4.0X5.0 
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Figure  4-6.  Guidance,  Navigation  and  Control  Layout  for  Tug  Missions 
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Strenuous  control  requirements  are  met  by  employing  the  RCS  for  three-axis 
attitude  control  (Acceleration  Nulling  Mode).  During  this  mode,  it  is  desired  that 
the  gimbal  engine  thrust  vector  point  through  the  vehicle  center  of  gravity  so  that 
the  disturbance  angular  accelerations  due  to  gimbal  engine  thrust  misalignment 
and  vehicle  center  of  gravity  offsets  are  minimized. 

The  TVC  law  for  the  Acceleration  Nulling  Mode  consists  of  two  parts.  First,  the 
engine  sign  command  is  determined,  and,  second,  the  time  required  to  null  the 
disturbance  acceleration  is  computed.  The  engine  is  then  gimballed  at  a rate  of  0.2 
deg/sec  in  the  acceleration  nulling  direction  for  the  duration  commanded.  The 
drive  direction  is  redetermined  every  2 seconds. 

The  TVC  subsystem  controls  the  attitude  about  two  axes  and  the  RCS  controls 
the  attitude  about  the  third  axis  when  the  Attitude  Control  Mode  is  employed. 
During  this  control  mode  operation,  the  attitude  error  and  its  first  and  second 
derivatives  are  driven  to  zero  along  the  time  optimal  trajectory  in  the  three-axis 
attitude  phase  space  (Reference  F-8,  page  3.5-2).  The  output  of  the  control  law  is 
actually  a polarity,  either  plus  or  minus,  or  zero.  Thus,  in  a plane  the  engine  is 
commanded  to  gimbal  in  either  a positive  or  negative  direction  at  a fi$ed  gimbal 
rate  (0.2  deg/sec)  or  remain  at  the  null  position.  The  computation  of  the  gimbal 
command  is  repeated  every  0.2  sec.  Between  evaluations  of  the  attitude  control 
law,  the  engine  moves  at  the  fixed  rate  or  remains  at  null  position. 

The  primary  advantages  of  the  Attitude  Control  Mode  are  as  follows: 

• It  allows  reduction  of  RCS  fuel  consumption. 

• It  reduces  the  number  of  RCS  engine  firings  for  engine  reliability  purposes. 

The  LM  engine  control  laws  are  not  considered  desirable  for  general  space  tug 
application.  They  were  designed  for  an  engine  possessing  very  limited 
maneuvering  rate  capabilities  to  trim  misalignment  conditions  and  perform 
limited  rendezvous,  docking,  and  landing  conditions. 

(2)  The  CSM  TVC  law  (Reference  F-7)  provides  attitude  control  about  the  pitch  and 
yaw  axes.  Roll  control  is  provided  by  RCS.  The  attitude  errors  are  transmitted  to 
the  digitally  implemented  compensation  filters  whose  outputs  are  the  commands 
to  the  engine  gimbal  servos.  The  control  law  is  expressed  as  follows: 

Bc  = A0F(Z)A4» 

where: 

• Bc  is  the  engine  deflection  command  signal 

• A0  is  the  attitude  control  gain 

• F(Z)  is  the  digital  filter 

• A<£  is  the  attitude  error  signal  before  filtering 
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Damping  is  inherent  in  the  filter  design  for  stability.  The  filter  gains  are  adjusted 
to  variations  in  thrust,  vehicle  center  of  gravity,  and  vehicle  moment  of  inertia. 
This  type  of  TVC  control  law  is  adequate  for  most  space  tug  missions  and  mission 
phases. 

(3)  The  S-1B  stage  TVC  control  law  depends  on  attitude,  attitude  rate,  and  lateral 
acceleration  feedback.  The  compensation  filter  implementations  consist  of 
electrical  networks.  This  implementation  is  commonly  known  as  analog  filter 
implementation  versus  the  digital  filtering  implementation  used  by  the  CSM. 
Lateral  acceleration  feedback  is  included  to  provide  structural  load  relief  due  to 
vehicle  bending  during  the  S-IB  stage  boost  through  the  max  Q region  in  the 
earth’s  atmosphere.  Filter  gains  are  preprogrammed  to  insure  stability  and  to 
provide  satisfactory  transient  responses  to  control  commands  and  disturbances.  A 
similar  control  law  will  possibly  be  needed  for  the  S-IC  stage  boost  of  the  space 
tug  four  stage  Saturn  V missions.  Lateral  acceleration  feedback  may  be  required  if 
the  nominal  control  law  does  not  provide  adequate  load  relief. 

The  bending  moment  of  a boost  vehicle  can  be  expressed  as 

K 

Mb  = K aa  + KBp  BE  + £ K 

* j=l  '» 


where 

• Mb  denotes  the  total  bending  moment 

• a denotes  the  angle  of  attack 

• rf  j denotes  the  lateral  acceleration  of  the  ith  bending  mode 

• kBe>  Kij  i denote  the  appropriate  coefficients 


Lateral  acceleration  feedback  tends  to  increase  rj  and  to  reduce  a.  For  the 
critical  station  on  Saturn  V,  the  increase  in  rj  would  have  been  significant  enough 
to  nearly  counter  the  reduction  in  a.  Therefore,  the  reduction  in  the  total 
bending  moment  that  would  have  been  achieved  by  including  lateral  acceleration 
feedback  was  considered  too  small  to  warrant  including  lateral  accelerometer 
control  sensors. 

The  TVC  laws  for  the  three  stages  of  the  Saturn  V incorporate  attitude  error  and 
attitude  rate  feedback  only.  The  Saturn  V control  function  is  also  implemented 
with  analog  filters.  Lateral  acceleration  feedback  is  not  presently  required  for 
Saturn  V since  the  attitude/attitude-rate  control  law  provides  sufficient  load 
relief. 


I 


I 

I 

I 


(4)  A modified  disturbance  acceleration  nulling  scheme  may  be  used  for  the  tug  lunar 
landing  mission.  The  purpose  of  the  control  law  is  to  compute  the  change  in  the 
engine  gimbal  angle  (ABC)  required  to  point  the  thrust  vector  through  the  space 
tug  center  of  gravity.  (The  derivation  of  this  angle  is  shown  in  Figure  4-7.)  The 
engine  deflection  command  would  be  incremented  each  computation  cycle  by 
ABC.  The  engine  command  would  be  updated  not  more  than  perhaps  every  2 
seconds  to  allow  engine  deflection  damping  following  the  issuance  of  an  engine 
deflection  command  change.  The  equation  flow  for  the  engine  commands  would 
be  as  follows : 


Bq  “ BCj„i  + ABc.  i = 1 ,2,3,-.  n 

It  should  be  noted  that  this  scheme  is  similar  to  the  Acceleration  Nulling  Mode 
employed  by  the  LM.  When  the  Acceleration  Nulling  Mode  is  selected,  Bc  is  in 
effect  divided  by  the  engine  gimbal  rate  to  compute  the  time  required  for  the 
engine  gimbal  to  null  the  disturbance  acceleration. 

4.2.1 .2.2  Space  Tug  TVC  Law  Requirements.  The  operational  TVC  attitude  control  law  for 
the  space  tug  will  be  dependent  on  the  particular  mission  and  mission  phase  requirements. 
Three  versions  of  the  TVC  law,  TVC1,  TVC2,  and  TVC3,  will  be  sufficient  to  encompass  all 
missions  and  mission  phases.  These  are  as  follows: 

TVC1:  Bc  = A0F(Z)^A<£  (pitch  or  yaw) 

Bc  - A0F(Z)^A^>  + AjF(Z)^A$  + g2F(Z)^y  (pitch  or  yaw) 

TVC2:  BR  = AoRF(Z)  <£  R A<£R  + AIRF(Z)^A  £R  (roll) 

TVC3:  Bq  = Bq  | + ABC  (pitch  or  yaw) 

TVC1  (based  on  the  CSM  TVC  law)  will  be  the  most  commonly  used  of  the  three  laws. 
It  will  be  used  lor  pitch  and  yaw  attitude  control  during  all  thrusting  missions  and  mission 
phases  except  during  certain  phases  of  the  lunar  landing  mission  and  of  the  four  stage  £.:>turn 
V mission.  The  IMU  will  furnish  the  necessary  attitude  measurements  needed  to  compute 
the  engine  deflection  commands.  Roll  attitude  control  will  be  provided  by  RCS. 

TVC2  (based  on  the  S-IB  stage  TVC)  is  a strong  candidate  for  the  S-IC  and  S-1I  stage 
bum  portions  of  the  four  stage  Saturn  V mission.  However,  g-  will  be  zeroed  throughout 
the  S-ll  stage  burn.  Body-referenced  lateral  accelerometer  and  angular  rate  gyro  inputs  may 
be  required  to  provide  vehicle  stability  and  load  relief  due  to  vehicle  bending  during  S-IC 
stage  burn.  The  accelerometer  package  and  rate  gyro  package  will  likely  be  located  in  the  aft 
section  of  the  S-IVB  stage  instead  of  in  the  astrionic  module.  The  sensors  will  thus  be  less 
susceptible  to  vehicle  bending  disturbances.  TVC2  will  be  used  to  accomplish  pitch,  yaw, 
and  roll  attitude  control.  TVC  I will  be  used  for  pitch  and  yaw  control  during  the  S-IVB  and 
space  tug  burn  modes.  Roll  control  will  be  provided  by  RCS. 
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Modified  TVC  Disturbance  Acceleration  Nulling  Scheme 
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TVC3  will  provide  disturbance  angular  acceleration  nulling  during  descent  and  ascent 
phases  of  the  lunar  landing  mission  (refer  to  the  previous  section).  Pitch  yaw  and  roll 
control  will  be  provided  by  the  RCS.  ’ 

A potential  problem  area  associated  with  TVC1  deals  with  recovery  from  space  tug 
transients  occurring  because  of  vehicle  center  of  gravity  offsets  and  thrust  vector 
misalignments.  This  phenomenon  generally  occurs  during  engine  thrust  buildup  following 
the  engine  start  command.  Thrust  vector  misalignment  of  the  chemical  engine  should  not  be 
significant  enough  to  pose  a recovery  problem.  However,  an  excessive  c.g.  offset  attributed 
to  configuration  or  payload  is  not  acceptable  because,  with  limited  engine  deflection 
capability,  sufficient  control  authority  would  not  be  available.  After  thrust  has  reached 
steady-state  and  attitude  recovery  has  occurred,  steering  misalignment  correction,  a 
guidance  function,  will  serve  to  keep  the  vehicle  acceleration  vector  pointed  in  the  desired 
direction.  The  steady-state  engine  gimbal  angle  will  align  the  thrust  vector  through  the 
vehicle  center  of  gravity. 

f-f12-3  TVC  Software  Requirements.  Of  the  tug  missions,  the  four  stage  Saturn  V mission 
(Figure  4-8)  will  impose  the  most  strenuous  TVC  subsystem  software  requirements. 
Representative  mission  filter  requirements*  are  shown  in  Table  4-5. 

Refer  to  Table  4-6  for  the  estimated  S-IC  and  S-ll  stage  TVC  computer  requirements.  The 
S-1VB  stage  and  space  tug  TVC  computer  requirements  will  be  assumed  to  be  the  same  as 
the  space  tug  TVC  requirements  listed  in  Table  4-1 . 

Refer  to  Section  3.1  tor  a summary  of  software  requirements  for  the  total  control  * 
function  for  all  space  tug  missions. 


* For  this  study,  the  TVC  subsystem  solution  rate  will  be  assumed  to  be  10  samples  per 
second  for  ail  stages. 


Table  4-5 . 


STAGE 
. 

CHANNEL 

FILTER 

ORDERS 

NO.  OF 

CONTROL  GAIN 
STRAIGHT  LINE 
SEGMENTS 

S-IC 

PITCH  AND  YAW  ATTITUDE  ERROR 

6/6 

4 

S-IC 

ROLL  ATTITUDE  ERROR 

4/4 

2 

S-IC 

PITCH  AND  YAW  ANGULAR  RATE 

6/6 

4 

S-IC 

ROLL  ANGULAR  RATE 

4/4 

2 

S-IC 

PITCH  AND  YAW  LATERAL  ACCEL. 

6/6 

3 

S-ll 

PITCH  AND  YAW  ATTITUDE  ERROR 

6/6 

4 

S-ll 

ROLL  ATTITUDE  ERROR 

4/4 

2 

S-ll 

PITCH  AND  YAW  ANGULAR  RATE 

6/6 

4 

S-ll 

ROLL ANGULAR  RATE 

4/4 

2 

S-IVB 

PITCH  AND  YAW  ATTITUDE  ERROR 

8/8 

4 

SPACE 

TUG 

PITCH  AND  YAW  ATTITUDE  ERROR 

8/8 

2 

Table  4-6.  Four  Stage  Satum  V Mission,  S-IC  and  S-II  Stage  TVC  Computer  Requirements 


r~ 

NUMBER 

REQUIRED 

MULT. 

ADD/SUB 

NON- 

ARITH 

DATA 

TOTAL 

MEMORY 

EQUIV. 

ADDS 

CALLS/SEC 

EQUIV. 

ADDS/SEC 

| 111 

6/6  FILTERS 

(REFERENCE  F-11 

6 

13 

13 

48 

618 

678 

10 

6,780 

4/4  FILTERS 

2 

9 

9 

32 

140 

154 

10 

1,540 

A K 

26 

2 

2 

4 

364 



CHANNEL  GAINS 

K 

8 

1 

4 

64 

40 

10 

400 

DECISIONS 

(REFERENCE  F-12) 

1 

4 

1 

5 

4 

10 

40 

SIGNAL  MIXING 

6 

12 

10 

28 

18 

*0 

180 

LIMITERS 

8 

2 

16 

10 

224 

144 

10 

1.440 

TOTAL  (S-IC) 

148 

178 

632 

485 

1,443 

1,038 

10 

10,380 

S-II  STAGE 

6/6  FILTERS 

4 

13 

13 

48 

29 

412 

452 

10 

4,520 

4/4  FILTERS 

2 

9 

9 

32 

20 

140 

154 

10 

1,540 

A K 

20 

2 

2 

4 

6 

280 

_ 

— 

CHANNEL  GAINS 

K 

6 

1 

4 

Q 

48 

30 

10 

300 

DECISIONS 

1 

4 

B 

5 

4 

10 

«'0 

SIGNAL  MIXING 

6 

12 

28 

18 

10 

180 

LIMITERS 

6 

2 

16 

n 

168 

106 

10 

1,060 

TOTAL  (S-II) 

110 

134  | 

472 

1,061 

766 

10 

7,660 

S-IC/S-II  Stage  T VC 


4.2.2  RCS  Thruster  Sizing  Considerations 


The  RCS  engine  thrust  magnitude  requirements  for  attitude  control  are  dependent 
• Vehicle  and  payload  characteristics 


• Maximum  and  minimum  angular  acceleration  requirements  about  each  respective 
axis  tor  specified  mission  maneuvers. 

• Locations  of  the  RCS  thrusters. 

• Number  of  thrusters  firing  for  a commanded  maneuver. 

the  fo^owfng:  ™gnitu6e  rec*uireme"ts  for  translational  control  are  dependent  upon 

• Maximum  a-.d  minimum  acceleration  requirements  along  each  respective  axis  for 
midcourse  maneuvers,  docking,  rendezvous,  etc. 


• Criticality  of  available  fuel. 

• Vehicle  mass  characteristics. 


• Number  of  thrusters  firing  for  a commanded  maneuver. 

The  total  number  of  RCS  engines  required  to  perform  the 
translational  control  functions  is  dependent  on  factors  which  include: 


desired  attitude  and 


• Redundancy  requirements 


Thruster  location  - translational  control  requires  no  resultant  moment  about  the 
L.g..  attitude  control  is  effected  by  generation  moments  about  the  c.g  - therefore 

location""8  °*  betWCCn  the  tWO  functions  is  dependent  on  engine 


4.2.3  Manual  and  Remote  Operation  %-jquiremenls 
4.2.3. 1 RCS  Attitude  Control  Requirements 


For  manned  missions,  capability  for  manual  or  remote  override  of  the  automatic 

“f™,  Wl11  b'  F-  manual  override,  the  pilot  will  ile  attUude  rate 

comma.-ds  to  the  control  tunetion  (Figure  4-9).  The  attitude  rate  eommands  will  be 
differenced  trom  the  actual  body  rates  to  torm  rate  error  inputs  to  the  eontrol  law  Rate 
commands  are  especially  desirable  for  pilot  takeover  since  man  is  able  to  sense  rate  changes 
f“o  e ov®mdc.' attitude  or  attitude  rate  commands  will  again  be  issued  to  the  controi 

Hkni  . he,  iUldanCe  fu,,ct!on-  Remote  0Pem«ion  of  the  tug  may  require  a television 

display  system  at  the  remote  station  and  onboard  the  tug. 
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The  pilot  will  have  the  option  of  providing  either  attitude  rate  or  angular  acceleration 
command  inputs  to  the  control  computation  when  the  manual  control  mode  is  selected.  The 
attitude  rate  command  will  be  similar  to  that  discussed  above.  The  angular  acceleration 
command  is  more  direct  in  that  the  pilot  has  a more  direct  link  to  the  on-off  logic  of  the 
RCS  engines  (refer  to  Figure  4-10). 

4. 2.3. 2 RCS  Translation  Control  Requirements 

The  pilot  will  have  at  least  two  options  for  selecting  the  type  of  translational  control 
depending  on  the  circumstance.  The  two  primary  options  will  be: 

• The  pilot  will  be  able  to  select  any  particular  set  of  reaction  engines  for 
translational  control  along  any  of  three  axes  (acceleration  control). 

• The  pilot  will  be  able  to  select  a desired  AV  along  the  axis  of  interest,  and  the 
engine  selection  and  bum  operation  will  be  automatically  performed. 

4.2. 3 .3  Control  Impact  of  Throttling  Main  Engine 

The  main  engine  will  have  throttling  capability.  The  pilot  will  select  a AV  type  control 
particularly  for  the  lunar  landing  descent/ascent  phase.  The  AV  command  will  serve  as  a 
command  input  to  the  digital  processor  in  which  a routine  will  compute  the  desired  thrust 
level.  Acceleration  control  will  also  be  available;  that  is,  the  pilot  will  have  the  option  of  a 
more  direct  thrust  control. 

The  TVC  attitude  control  subsystem  will  be  affected  by  thrust  level  command  changes. 
A thrust  level  reduction  with  no  alteration  in  the  control  gains  will  result  in  less  control 
authority  which  may  or  may  not  result  in  an  uncontrollable  condition.  Control  gains  which 
are  adaptive  to  thrust  level  commands  will  provide  the  necessary  compensation. 

A throttleable  engine  requirement  has  been  identified  only  for  the  lunar  landing 
mission  (Reference  Appendix  E,  Guidance  Analysis  and  Implementation). 
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1.0  INTRODUCTION 


This  appendix  presents  the  results  of  preliminary  studies  for  space  tug  electrical  power 

basennTTnt  thf  emP^sis  is  &yen  to  the  synchronous  orbit  mission  as  a 

aseline,  but  the  entire  family  of  candidate  space  tug  missions  is  treated  on  the  basis  of 

commonality  of  requirements  with  the  baseline  mission.  Additional  data  is  presented  on  a 
power  system  option  for  the  lunar  landing  mission  which  yields  a significant  cost  reduction 
but  also  entails  a substantial  weight  penalty. 

A major  portion  of  the  study  effort  was  devoted  to  identification  of  electrical  load 
requirements  and  ultimately  the  derivation  of  a power  profile  for  the  synchronous  orbit 
mission.  This  was  accomplished  through  the  preparation  of  work  sheet;  which  included 
mission  by  mission  equipment  lists,  power  per  component  and  identification  of  active 

^lnLand^?-34;tlVe  of  each  component.  Data  obtained  in  this  manner  was  then 

compiled  and  time  correlated  with  the  mission  timeline  to  generate  the  power  profile  for  the 

fmi  tUh  f°r  ri  sy"chronous  °,rbit  mission-  A time  weighted  average  power  was  then  derived 
trom  the  profile  and,  due  to  relatively  minor  variations  between  mission  astrionic  equipment 

lists,  was  used  as  an  estimating  base  for  coarse  sizing  of  tile  power  system  for  remaining 
missions* 

i fpectrum  of  sPace  tu8  missions  addressed  in  this  study  are  divided  into  three 

classes  (1)  unmanned  expendable  (2)  unmanned  reusable  and  (3)  manned  reusable  In  the 
interest  of  achieving  acceptable  reliability  while  minimizing  cost  for  the  expendable  and 

AhZn11^  rZt ^ mo?u,ar  concept  illustrated  in  Figure  I-l  was  adopted. 

Although  detailed  reliability  analysis  has  not  been  performed  on  this  power  system 

eX^e<l  bC  Capabl<T  0f  meeting  the  faiI  safe  ™d  repair  criteria  for 
expendable  tugs  and  the  fad  operational/ fail  safe  criteria  on  manned  reusable  vehicles. 

A “quick  look”  assessment  was  made  of  the  additional  electrical  loads  imposed  by  the 
crew  module  and  propulsion  module  equipment  in  order  to  determine  the  impact  of  an 
integrated  power  system  located  in  the  tug  astrionic  module. 


The  power  distribution  concept  developed  fo.  the  synchronous  orbit  tug  follows  the 
modularity  concept  of  Figure  M.  The  emergency  power  supply  which  would  be  used  only 
on  manned  missions  has  been  included  to  show  the  routing  of  power  to  those  critical 
astrionic  loads  which  would  be  needed  to  return  the  crew  safely  to  an  orbital  base. 


2.0  STUDY  GUIDELINES  AND  GROUNDRULES 


effort1*16  f°,,OWing  guidelines  and  groundrules  apply  to  the  space  tug  electrical  power  study 


1. 


Storage  phases  of  the  tug  missions  will  not  be  included  in  the  power  and  net 
energy  calculations  for  any  missions  other  than  the  lunar  landing  mission  pending 
further  definition  of  storage  load  magnitudes  and  duty  cycles.  The  storage  phase 
will  be  treated  as  a separate  mission  and  will  be  analyzed  in  subsequent  study 
tasKs. 
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Figure  1-1.  Modular  Power  Concept 


2.  The  power  system  will  be  sized  for  the  total  astrionic  system  and  a '‘quick  look” 
made  at  an  integrated  power  system  for  the  total  tug. 

3.  Power  and  environmental  conditioning  may  be  provided  to  the  space  tug 
astnonics  by  a space  element  when  the  tug  is  docked  with  the  element. 

4.  As  a minimum,  equipment  will  be  designed  for  a fail  safe  and  repair  operation 
with  a fail  operational/fail  safe  condition  on  equipment  required  for  crew  safety. 


5.  Crew  module  backup  systems  required  after  separation  from  the  astrionic  module 
are  not  considered  in  this  study. 

6.  Between  missions,  maintenance  will  be  performed  as  required  to  upgrade  the 
reliability  to  the  required  level.  During  the  mission,  maintenance  shall  be  limited 
to  switching  in  redundant  systems. 

3.0  SUMMARY  OF  RESULTS 

The  conclusion  of  this  phase  of  the  electrical  power  system  study  is  that  common  fuel 
cell  power  systems  varying  only  in  the  number  of  fuel  cells,  size  of  reactant  tanks  and 
addition  of  an  emergency  battery  power  supply  can  effectively  support  the  entire  spectrum 
of  candidate  missions  for  the  space  tug,  as  defined  for  this  study.  The  choice  of  fuel  cells  for 
this  family  of  missions  is  supported  by  identification  of  space  tug  mission  power/time 
requirements  on  the  power  technology  map  of  Figure  3-1  (Reference  G-l).  This  map  is 
based  on  the  assumption  that  the  power  system  is  provided  with  the  entire  mission  reactant 
requirement  at  liftoff.  The  region  of  optimum  weight  application  for  fuel  cells  will  be 
greater  still  if  the  concept  of  on-orbit  resupply  (e.g.,  prior  to  entering  storage  phases)  is 
applied  to  the  tug  missions. 

The  choice  of  fuel  cells  for  the  synchronous  orbit  baseline  mission  is  based  on 
consideration  of  the  factors  presented  in  the  selection  matrix,  Figure  3-2.  Most  of  these 
factors  apply  equally  well  to  the  other  space  tug  missions  because  of  equivalent  power  levels 
and  a relatively  narrow  range  of  active  phase  time  durations.  The  factors  shown  were 
weighted  from  0 to  10  depending  on  the  relative  importance  of  each.  For  example,  low 
weight  and  availability  of  hardware  were  considered  very  important  and  thus  were  weighted 
at  a 10  level.  The  generation  of  a useful  by-product  was  considered  less  important  and  thus 
weighted  at  a 4 level.  These  weighting  factors  are  shown  at  the  top  of  Figure  3-2.  Each  of 
the  electrical  power  source/conversion  candidates  were  compared  for  each  of  the  weighted 
factors  and  assigned  a value  relative  to  the  weighting  factor.  For  instance,  for  the  low  weight 
factor,  the  fuel  ceils  are  relatively  light,  therefore,  it  is  assigned  a high  value,  7.  The  batteries 
are  heavy  and  are  assigned  a low  value,  1.  Each  of  the  candidates  are  compared  in  this 
manner.  The  totals  show  that  the  fuel  cells  receive  the  highest  total,  and  they  were  selected 
as  the  optimum  candidate  for  electrical  power  generation,  with  batteries  or  fuel  cell/battery 
combinations  as  other  advantageous  candidates. 

For  the  lunar  landing  mission,  power  requirements  are  unique  in  that  they  are 
characterized  by  (1)  high  energy,  short  time  duration  power  demands  imposed  by  the 
orbit-to-surface  and  surface- to-orbit  flight  phases  followed  by  extended  periods  of  low 
power  storage  operation  and  (2)  restraints  imposed  by  operation  in  the  lunar  surface 
environment  such  as  the  extended  periods  of  darkness  which  tend  to  preclude  consideration 
of  power  systems  which  are  dependent  on  solar  energy.  For  this  reason,  an  additional  power 
option  (fuel  cells  and  rechangeable  batteries)  is  presented  as  a cost  reduction  option. 

The  recommendation  of  fuel  cells  as  the  primary  power  source  for  the  space  tug  is  in 
keeping  with  the  trend  now  in  evidence  for  contemporary  space  transportation  systems. 
Early  phase  study  results  on  the  space  shuttle  orbiter,  which  is  characterized  by  mission 
times  in  the  order  of  seven  days  and  power  levels  comparable  to  those  for  the  tug  (with  crew 
module  support),  have  advocated  fuel  cells  as  the  best  primary  source  technology  with 
availability  in  the  1972-73  time  frame.  A common  technology  for  the  space  tug  and  other 
transportation  systems  would  yield  significant  benefits  in  distributing  of  power  system 
development  costs. 
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Figure  3-1 . Region  of  Desirable  Fuel  Cell  Utilization  (Weight  Optimized) 


Figure  3-2.  Power  Technology  Selection  Matrix 


4.0  DETAILED  ANALYSIS 


4.1  SYNCHRONOUS  ORBIT  MISSION 

The  severe  payload  weight  restraint  for  the  synchronous  orbit  tug  mission  dictates 
weight  minimization  as  the  dominant  trade  factor  for  the  power  system.  Secondary 
selection  factors  include  the  need  for  uninhibited  maneuverability  (docking,  satellite 
retrieval,  etc.)  and  freedom  from  aerodynamic  drag  penalties  when  in  low  earth  orbital 
storage. 

4.1.1  Power  Requirements  and  Source  Selection  Criteria 

Power  requirement  analysis  for  the  synchronous  orbit  mission  was  carried  out  through 
the  use  of  specially  prepared  work  sheets  which  identified  (1)  astrionic  equipment 
complement  by  mission  and  (2)  electrical  load  per  component.  From  these  lists  equipments 
were  categorized  as  steady  state  or  intermittent  loads  through  consultation  with  the 
responsible  subsystem  engineers.  Intermittent  or  cyclic  loads  were,  then,  further  analyzed  in 
terms  of  function  and  usage  by  mission  phase  to  generate  the  power  profile  for  the 
synchronous  orbit  reusable  second  tug,  shown  in  Figure  4-1. 

From  the  power  profile  a time  weighted  average  power  of  837  watts  was  calculated  as 
follows: 

Pavg  = -^  x P,  + J2_  x p2  + x Pn 

where: 

T = total  active  mission  time  (hours) 

ti  = time  at  power  level  P]  (hours) 

tn  = time  at  power  level  Pn  (hours) 

Pavg  = time  weighted  average  power  (watts) 

Based  on  60  hours  total  mission  time  for  the  synchronous  orbit  second  tug: 

Pavg  = 2/60  x 1 040w  + 1 /60  x 940w  + .5/60  x 840w 

+.14/60  x 900w  + 6/60  x 760w  + .07/60  x 900w 
+4/60  x 760w  + 6/60  x 960w  + 24/60  x 800w 
+.14/60  x 900w  + 6/60  x 760w  + .07/60  x 900w 
+8/60  x 980w  + 2/60  x 740w 

Pavg  = 836.96  ~ 837  watts 

Selection  of  a power  source  to  satisfy  the  mission  power  requirements  identified  in 
Figure  4-1  is  based  on  the  following  criteria: 

• Weight  - compatible  with  synchronous  orbit  payload  capability 

• Mission  Compatibility  - non-interference  with  primary  mission  objectives  (i.e., 
docking,  satellite  rendezvous,  EVA) 
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Figure  4-1 . Power  Profile  - Sync  Orbit  Reusable  2nd  Tug 
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• Availability  - technology  available  in  1972-73  time  period 

• Autonomy  - independent  of  other  space  tug  modules  and  other  space  vehicles 
except  for  resupply  and  refurbishment  from  another  space  element 

• Cost  - cost  competitive  with  other  applicable  power  source  technologies  but  as  a 
secondary  consideration  to  low  weight 

4.1.2  Applicability  of  Power  Source  Technologies 

4. 1.2.1  Solar  Array/Battery  System 

A solar  array/battery  system  is  the  lightest  available  power  source  for  the  synchronous 
r'}  ™s.SIOn*  as  seen  frorK  ihe  P°wer  source  weight  comparison,  Figure  4-2  (Reference 
G-2).  This  system,  however,  is  considered  to  impose  unacceptable  penalties  in  terms  of 
mission  compatibility  and  was  rejected  primarily  on  the  following  factors: 

• Special  vehicle  orientation  is  required  to  obtain  the  required  power  with 
reasonable  array  area. 

Ff* 

• Externa!  appendages  (array  panels)  would  interfere  with  docking  maneuvers,  EVA 
and  communications  antenna  patterns. 

• Solar  array  aerodynamic  drag  during  low  orbit  storage  is  significant.  It  is 
estimated  that  1700  pounds  of  propellant  is  required  to  maintain  the  100  nm 
orbit  tor  the  soiar  array  area  required  to  generate  one  kilowatt  of  power 
(Reference  G-3). 

4. 1.2.2  Primary  Battery  System 

A primary  battery  system  is  not  considered  applicable  for  the  synchronous  orbit 
mission  due  to  the  following  principal  factors: 

• Excessive  weight 

• Need  tor  battery  replacement  after  each  round  trip  to  synchronous  orbit 

On  the  basis  of  a 60  hour  mission  at  the  840  watt  average  power  level  a redundant 
primary  battery  system  using  silver-zinc  batteries  at  an  energy  density  of  100  wait-hrs  per 
pound  would  weigh  1 008  lbs.  calculated  as  follows: 


WB,  Battery  Weight  = Total  Mission  Energy 

Energy  Density 

Wr  = 6°  hrs.  x 840  watts  _ 50,400  w-h 
B 1 00  watf-hrs/ib  = lOOw-h/fiT 


WB  - 504  lbs  x 2 (redundancy ) = 1008  lbs 
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PRIMARY 
BATTERY 
(NOTES  1&4) 


FUEL  I 

CELL  [ 

(NOTES  1&3) 


SOLAR 

CELL 

(NOTES  1&2) 


CONVERSION  TECHNOLOGY 


NOTES: 


1.  POWER  SOURCE  ONLY  - WEIGHT  OF  POWER 
CONDITIONING  & DISTRIBUTION  EOUIP- 
MENT  NOT  INCLUDED. 

2.  SILICON  PANEL  MOUNTED  CELLS 
ORIENTED  TO  ± 15°:  NiCd  BATTERIES. 

3.  INCLUDES  WEIGHT  OF  REACTANT  & TANKS 
FOR  SYNC.  ORBIT  MISSION. 

4.  Ag-Zn  BATTERIES  © 100  WATT-rHRS  PER 
POUND. 


Figure  4-2.  Non-Redundant  Power  Source  Weight  Comparison  -Sync  Orbit  Mission 
(60  Hr.  Duration) 
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This  w6i^t  of  batteries  alone  added  to  the  weight  of  other  power  system  components 
(cabling,  distributors,  etc.)  would  amount  to  an  estimated  1300  pounds  for  the  power 
system  which  is  considered  excessive  for  the  synchronous  orbit  mission. 

4.1 .2.3  Fuel  Cell  System 

As  shown  in  Figure  3-1,  the  envelope  of  power-time  products  for  the  space  tug 
missions  falls  almost  entirely  within  the  region  of  desirable  fuel  cell  utilization.  In  addition 
fuel  cells  represent  the  next  lightest  power  source  to  solar  arrays  as  indicated  by  the  weight 
comparison  of  Figure  4-2.  Fuel  cells  thus  appear  to  best  satisfy  the  selection  criteria 
established  for  the  synchronous  orbit  mission  by  virtue  of  the  following  factors: 

• Weight  — lighter  than  any  source  except  solar  cells 

• Mission  Compatibility  - non  position  sensitive  and  free  of  external  appendages 
which  could  interfere  with  mission  operations 

• Reliability  - suitable  for  manned  missions  of  longer  duration  as  demonstrated  on 
Apollo  and  Gemini  flights 

• Availability  - available  with  little  or  no  development  risk  due  to  past  program 
experience 

• Autonomy  - free  of  any  dependence  on  external  elements  except  for  periodic 
maintenance  and  resupply  of  expendables 

• Cost  - lowest  cost  system  with  acceptable  weight,  as  indicated  in  Figure  4-3 
(Reference  G-2). 

4.1 .2.4  Nuclear  System 

Nuclear  systems  are  not  appropriate  for  application  to  relatively  low  power,  short  time 
duration  missions  such  as  those  considered  in  this  study.  They  were  eliminated  from  further 
consideration  for  the  space  tug  based  on  the  following  factors: 

Availability  - very  questionable  due  to  development  lag  resulting  from  lack  of 
assigned  missions 

High  Cost  - isotope  costs  vary  from  as  low  as  S 24  (Reference  G-4)  per  thermal 
watt  for  Strontium  90  (very  hazardous)  to  $500  (Reference  G-4) 
per  thermal  watt  for  Plutonium  238  (relatively  safe)  but  due  to  low 
efficiency  of  conversion  devices  the  ratio  of  thermal  power  to 
electrical  output  power  is  approximately  20  to  I . Thus,  the  isotope 
cost  alone  for  a Pu  238  fueled  system  using  thermoelectric  conversion 
and  rated  for  a 1 KW  electrical  output  would  be  on  the  order  of  ten 
million  dollars. 

Safety  - the  use  of  either  radioisotope  or  nuclear  reactor  heated  systems  can 

result  in  severe  radiation  hazards  and  require  extremely  heavy 
shielding  of  the  power  source,  particularly  for  manned  missions. 
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(REF.  G-2) 


Figure  4-3.  Non-Red  undant  Power  Source  Cost  Comparison  - Sync  Orbit  Mission 
(60  Hr.) 


G-l  I 


4. 1 .3  Conclusions 


From  this  review  of  available  power  source  technologies  it  is  concluded  that  a fuel  cell 
system  is  the  optimum  choice  for  the  synchronous  orbit  mission.  Other  power  sources 
reviewed,  such  as  solar  arrays,  primary  batteries,  and  nuclear  systems,  have  serious 
disadvantages  due  to  (1)  excessive  weight  (2)  lack  of  compatibility  with  mission  objectives 
or  (3)  lack  of  availability  in  the  specified  1972-1973  time  frame. 

4- 1 .4  Preliminary  Design  - Fuel  Cell  System 


Based  on  the  above  conclusion  that  a fuel  cell  system  best  fulfills  the  requirements  of 
the  synchronous  orbit  space  tug  mission,  preliminary  design  data  for  such  a system  was 
developed  for  the  astrionic  module  power  source. 

4. 1.4. 1 Fuel  Cell  Sizing 


In  consideration  of  the  840  watt  average  power  level  derived  from  the  power  profile. 
Figure  4-1.  a fuel  cell  of  nominal  one  kilowatt  capacity  was  considered  initially.  Several 
factors  such  as  the  preliminary  nature  of  astrionic  load  data  and  the  potential  need  for  crew 
module  and  propulsion  module  support  led  to  the  conclusion  that  more  growth  margin  in 
the  basic  Electrical  Power  System  (EPS)  building  block  should  be  allowed  for  initial  sizing 
Ihus,  the  Alhs-Chalmers  2 kilowatt,  gas/liquid  cooled  fuel  cell  module,  Figure  4-4  was 
chosen  as  the  focus  for  preliminary  design.  This  fuel  cell  has  undergone  intensive 
development  since  1961  under  various  contracts  from  NASA  (MSFC  and  MSC)  specifically 

A?a^a?fIl<:atI?,n  and  has  received  cons*derable  attention  in  studies  performed  for 
rne  U8AF.  Ihis  fuel  cell  offers  a very  favorable  power-to-weight  ratio  (85  lb/KW)and  low 
reactant  consumption. 


Following  are  salient  characteristics  of  the  Allis-Chalmers  2 KW,  capillary  matrix  fuel 
cell  (see  Reference  G-5): 


Power  Output/Module  (nominal  watts) 
Voltage  (volts  dc) 

Weight  (Ibs/module) 

Size  (overall-inches) 

Reactants 

Parasitic  Power  (watts) 

Specific  Energy  (approx,  wt-hrs/lb) 
Thermal  Control  Medium 


2000 

29 

169 

16x21  x 32 
H'.O-i 

too  “ 

900* 

Stack-gas  cooled  (vehicle  coolant  used 
to  cool  gas) 


* Weight  of  reactant  tankage  and  tankage  components  not  included. 


4. 1.4. 2 Reactant  Requirements 


Using  the  active  mission  average  power  level  of  840  watts  and  mission  time  of  60  hours 
the  total  number  ot  kilowatt-hours  to  be  supplied  by  the  fuel  cell  is: 

KWH  = 60  x 0.840  = 50.5  kilowatt-hours 
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Figure  44.  Capillary  Matrix  (2  KW)  Fuel  Cell  Fluid  and  Electrical  Interface  Connections 
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(REF.  G^) 


Applying  the  specific  reactant  consumption  rate  of  0.83  Ibs/KWH  (at  1 5 gross  Dower 
output  and  1 00  days  operation  time)  yields:  & ^ 


Weight  of  Reactant  WR  = 0.83  ibs/KWH  x 50.5  KWH  = 41 .8  lbs 


^,iov?.ng  reactant  boiloff  and  10%  contingency  gives  a total  reactant  weight 

oxygen  tnVn  hTh"  °f  lbs  . Since  the  reactant  is  consumed  in  the  ratio  of  8 parts 
oxygen  to  1 part  hydrogen  the  weight  of  the  individual  reactants  is:  F 


Wo2  = (8/9)  50.4  = 44.8  lbs  of  O? 
Wh2  = 0/9)  50.4  = 5.6  lbs  of  H2 

4. 1.4 .3  Reactant  Tank  Sizing 


Assuming  subcritical  cryogenic  storage  of  the  reactants  the 
calculated  from: 


required  tank  weight  is 


( 1 ) lbs  of  H2  x 1 . 1 9 * lbs  of  H2  tank  (Reference  G-7) 

(2)  lbs  of  02  x 0.30  = lbs  of  02  tank  (Reference  G-7) 

Substituting  in  (1)  and  (2): 

5.6  x 1.19  = 6.65  lbs  of  H-7  tank 
44.8  x 0.30  = 13.45  lbs  of  02  tank 

Tank  volume  is  calculated  from: 

(3)  lbs  of  H2  x 0.25  = cu.  ft  of  H2  tank  (Reference  G-7) 

(4)  lbs  ot  02  x 0.018  = cu.  ft  of  02  tank  (Reference  G-7) 

Substituting  in  (3)  and  (4): 


5.6  x 0.25  = 1 .4  cu.  ft  of  H2  tank 
44.8  x 0.018  = 0.81  cu.  ft  of  02  tank 


4.1 .4.4  Emergency  Battery  Sizing  (Manned  Missions) 

h^HSn^?h?/?nuemerge?CK  battery  vWl,ich  WOuld  be  aPI»««able  to  manned  missions  only,  is 
_n!!?  °Vh  fo,|?wing  tabulation  ot  critical  loads  required  to  return  the  crew  safely  to  a 
space  station  or  other  space  element:  y 


Astrionic  Load 

Power  (watts) 

CPU  (computer) 

80 

Bus  Control  Unit 

50 

Memory 

100 

Unified  S-Band  Equipment 

107 

SfU/IO 

20 

Mass  Storage 

15 
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Astrionic  Load  (Cont) 


Power  (watts) 


Laser  Radar  3q 

IMU  (Guidance  System)  200 

USB  Antenna  Control  I q 

Command  Decoder  10 


Total  622 


..  i Usmf  hours-  .thc  maximum  flight  time  required  to  reach  a point  of  safety  (occurs  in 
tne  lunar  landing  mission),  the  energy  required  from  the  emergency  battery  is: 

E = 19  Hrs  x 22  Amperes  (622  watts  28  volts) 

E = 4 1 8 Ampere  hours 


The  silver-zinc  LEM  descent  battery  illustrated  in  Figure  4-5  (see  Reference  G-8)  is  typical 
ot  the  size  and  type  battery  required  to  furnish  this  emergency  power.  The  battery  could  be 
subjected  to  deep  discharge  (853)  without  detectable  voltage  degradation  because  of  the 
relatively  lew  discharge  cycles  it  would  see  in  such  emergency  service.  The  30  day  wet  stand 
hie  of  the  battery  could  be  extended  by  design  modification  if  this  stand  life  proves 
incompatible  with  tug  maintenance  and  repair  procedures. 

4.1 .4.5  Distribution  and  Control  Concept 

The  dislr,butjlon  scheme  for  the  synchronous  orbit  second  space  tue  is  shown  in  Fiuure 

it;  u t rcdundan*  sy?lT  shown-  both  2 KW  fad  facd  a common  power  distributor 
which,  m turn,  supplies  high  and  low  current  auxiliary  distributors  in  the  “A"  and  “B”  load 

s“bsys,cms'  A bus  Iic  swildl  allows  a single  fuel  cell  to  feed  the  entire  astrionic 
system  m the  event  ol  tailure  ol  one  fuel  cell.  In  normal  operation  the  system  would  be 
isolated  (bus  tie  open),  and  the  luel  cells  would  operate  in  a load  sharing  mode  to  reduce 
electrical  stress  and  extend  luel  cell  operating  lifetime.  As  noted  previously,  the  components 
shown  in  dashed  lines  are  applicable  to  manned  missions,  only,  and  provide  for  emergency 
power  to  critical  loads  in  the  event  of  simultaneous  failure  of  both  the  “A**  and  “B**  fuel 

cell  systems  (e.g..  meteriod  puncture  ol  ho! sets!.  The  switching  scheme  provides  for 

complete  isolation  ol  thc  critical  load  bus  from  the  normal  bus  distribution  system  to 
protect  the  emergency  supply  I rum  laults  occurring  in  buses  or  wiring  of  Jhe  normal  system. 

4.1 .4.6  Power  Weight  Summary 


The  power  supply  and  power  distribution 
design,  for  the  upper  tug  lor  the  synchronous  orbit 


weight  summaries,  based  on  preliminary 
mission  are  presented  in  Table  4-1 . 
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Figure  4-5.  Typical  Battery  Characteristics  Required  for  Space  Tug  Missions 


DISCHARGE  CHARACTERISTICS 
TYPICAL 


Ui  42 

O 

< 30 


RATE:  IS  AMPS 

~ r so0  f 

| 

17  1/2' 


8 13/16°  MAX 


HIGH  ENERGY  DENSITY,  SILVER-ZINC 
PRIMARY  LEM  (DESCENT)  BATTERY 


100  200  300  400 

YIELD  — AMPERE  HOURS 


VOLTAGE  (20  CELLS)  28.0  VOLTS  (MIN.) 

CAPACITY 400  A.H.  (MIN.) 

. 440  A.H.  (TYPICAL) 

DISCHARGE  RATES NOMINAL:  15.0  AMPERES 

MAXIMUM:  40.0  AMPERES 


OPERATING  CONDITIONS 


TEMPERATURE + 400  F TO  + 90°  F 

MODE  OF  OPERATION VENTED 

SHOCK 16G', 

VIBRATION to  G's 

UFE 30  DAYS 

WE|GHT  140  LBS.  (MAX.) 

VOLUME 1542  CUBIC  INCHES 

ENERGY  DENSITY 94  WATT  HOURS/LB.  (TYPICAL) 

8.5  WATT  HOURS/CU.  IN.  (TYPICAL) 


Figure  4-6.  Power  Distribution  - Synchronous  Orbit  Reusable  Tug  No.  2 


Table  4-1 . Power  Supply  and  Power  DMribution  Weight  Summaries  (Synchronous  Orbit  - 
Second  Stage) 


Component 

Quan* 

Wt  (Eil 

Wt  (Total) 

Fuel  Cell 

2 

169.0  lbs 

338  lbs 

Reactant  (Hj) 

- 

5.5  lbs 

11  lbs 

Reactant  (Oj) 

- 

44.5  lbs 

89  lbs  | 

Tank 

2 

7.0  lbs 

14  lbs 

02  Tank 

2 

14.0  lbs 

28  lbs 

DC  Regulator 

2 

5.0  lbs 

10  lbs 

Total  Power  Supply  Weight 

490  lbs 

* 100%  redundancy  of  fuel  cells  tanks  and 

reactants 

Component 

Quan* 

Wt  (Ea) 

Wt  (Total) 

Power  Distributor 

1 

39.0  lbs 

39  lbs 

Aux.  Power  Distributor 

4 

13.0  lbs 

52  lbs 

Wire  and  Cables 

- 

— 

180  lbs 

Mounting  Hardware 

— 

_ 

20  lbs 

Junction  Boxes 

8 

2.0  lbs 

16  lbs 

Total  Power  Distribution  Weight  Summary 

307  lbs 

Total  Power  Weight  Summary 

797  lbs 

4.2  FUEL  CELL  APPLICATION  TO  OTHER  MISSIONS 

4.2.1  SpaceTiig 

4. 2. 1.1  Commonality  of  Power  Requirements 

As  previously  noted,  with  reference  to  Figure  3-1,  the  power/time  requirements  of  all 
ot  the  candidate  space  tug  missions  addressed  in  this  study  lie  in  the  fuel  cell  domain.  Also 
because  of  the  commonality  of  mission  operational  phases  (U\.  docking,  separation, 
rendezvous)  the  trade  factors  which  led  to  the  recommendation  of  fuel  cells  for  the 
synchronous  mission  apply  equally  well  to  the  other  candidate  missions.  The  fuel  cell 
system  proposed  has  considerable  flexibility  in  adapting  to  the  three  mission  classes 
(expendable,  manned  reusable  and  unmanned  reusable)  by  the  modular  addition  of  fuel 
cells,  reactants,  tankage  and  batteries  to  achieve  the  required  mission  reliability. 

4.2. 1.2  Power  Weight  Summary  - All  Tug  Missions 

Based  on  the  840  watt  average  power  level  derived  from  the  synchronous  orbit  profile 
and  active  mission  durations  as  follows,  obtained  by  analysis  of  the  mission  profiles,  a 
weight  summary  for  the  spectrum  of  space  tug  missions  was  prepared  and  appears  in  Table 
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Space  Tug  Mission 

Duration  of  Active  Mission  (hours) 

Synchronous  Orbil  (First  Tug),  Reusable 

18 

Synchronous  Orbit  (Second  Tug),  Reusable 

60 

Synchronous  Orbit,  Expendable 

24 

Lunar  Landing 

29 

Earth  Orbital  Operations 

25 

Lunar  Orbital  Operations 

25 

Planetary  Mission,  Reusable  Tug 

24 

Planetary  Mission,  Exp.  Tug 

7 

Four  Stage  Saturn  V (see  Note  1) 

100 

The  following  assumptions  were  made  in  computing  the  weights: 

• Power  distributor  and  auxiliary  power  distributor  weights  will  be  comparable  to 
weights  of  present  III  distributors. 

• Flat  cable  techniques  will  be  used  resulting  in  an  estimated  total  cable  weight 
(signal  and  power)  of  1 77  pounds. 

• Reactant  tankage  weight  is  approximately  407r  of  reactant  weight  (vendor 
supplied  rule  of  thumb).  No  consideration  as  been  given  to  the  selection  of 
existing  or  actual  cryogenic  tanks  for  these  missions. 

4.2.1. 3 Reusable  Nuclear  Shuttle  (RNS)  Earth/Moon  Mission 

The  reusable  nuclear  shuttle  mission  presents  a unique  requirement  to  the  astrionic 
nwdu!e  power  system  by  virtue  of  the  high  peak  power  demands  associated  with  operation 
ol  the  NERVA  engine.  A preliminary  analysis  ol  RNS  power  requirements  was  made  and 
the  power  profile.  Figure  4-7.  derived  based  on  the  following: 

1.  The  RNS  lunar  mission  timeline  presented  in  Appendix  A. 

2.  Power  requirements  during  the  three  primary  modes  of  NERVA  engine  operation 
are  ( Reference  G 1 2.  G 1 3 ): 

a.  9 KW  start  transient  at  cooldown  initiation 

b.  5.2  KW  required  during  engine  burn 

c . 200  watts,  average  power  during  cooldown 

d.  60  watts,  average  power  during  coast 


Note  1 Sizing  assumes  that  the  other  three  Saturn  V stages  have  separate  power  systems 
and  are  independent  of  the  tug  astrionic  module,  except  for  signal  interface. 
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a 

o 


?L 


POWER  ELEMENT 

MISSION 

tug/cat. 

KWH 

FUE 

LCELL 

REACTANT 

TANKAGE 

POWER 

CONDITIONING 

POWER  Tt 
DISTRIBUTION 

BATTERY 

TOTAL 

EPS 

WEIGHT 

QUAN 

WEIGHT 

WEIGHT 

QUAN 

WEIGH1 

QUAN 

WEIGHT 

WEIGHT 

WEIGHT 

SYNC.  ORBIT 

NO,  1/UM 

a 

2 

338 

13 

4 

5 

2 

10 

307 

- 

673 

{REUSABLE) 

■| 

NO-2/UM 

D 

2 

338 

100 

4 

40 

2 

10 

307 

- 

796 

SYNC  ORBIT 
{EXPENDABLE) 

N0-  VUM 

20 

169 

20 

2 

8 

5 

277 

-i 

479 

LUNAR 
. LANDING 

NO.  1/M 

24 

2 

338 

48 

4 

19 

3 

18 

340 

140 

903 

E.O. 

OPERATIONS 

no.i/m 

21 

2 

338 

40 

4 

16 

3 

18 

340 

140 

892 

L.O. 

OPERATIONS 

NO.  t/M 

21 

2 

338 

4 

16 

3 

18 

340 

140 

892 

PLANETARY 

NO.  1/UM 
R/U 

20 

D 

338 

40 

4 

16 

> 

2 

10 

307 

- 

711 

6 

i 

169 

9 

2 

4 

1 

S 

277 

- 

464 

FOUR  STAGE 
SATURN  V 

NO.  1/UM 

84 

2 

338 

168 

4 

67 

2 

i 

10 

307 

- 

890 

* • CATEGORY;  UMUNMANNED,  M-MANNED 
f • EXCLUDING  ENERGY  FOR  STORAGE  PHASES 
ff  - INCLUDES  DISTRIBUTORS,  CABLING  {POWER  & SIGNAL)  & JUNCTION  BOXES 
PLUS  MOUNTING  HARDWARE 
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Table  4-2.  Space  Tug  Power  Weight  Summary  by  Mission  (All  Weights  in  Pounds) 


3.  Electrical  load  imposed  by  astrionic  equipment  is  0.84  KW,  average,  in  addition  to 
the  NERVA  engine  requirements. 

4.  No  electrical  loads,  other  than  those  itemized  in  (2)  and  (3),  are  fed  by  the 
astrionic  module  power  system. 


Examination  of  the  power  profile.  Figure  4-7,  shows  that  the  2 kilowatt  fuel  cell 
proposed  for  the  other  tug  missions  can  adequately  support  the  RNS  mission,  if  peaking 
batteries  are  added  to  supply  the  short  duration  peak  power  demands  imposed  by  NERVA 

!L°a<Dxic  exfess  oi  rated  fuei  ceP  capacity).  The  fuel  cell  system  is  particularly  applicable  to 
the  RNS  mission  because  of  its  total  containment  within  the  nuclear  shuttle  vehicle  and 
resultant  protection  against  NERVA  engine  radiation  which  could  degrade  externally 
mounted  power  sources,  such  as  solar  arrays. 

4.2. 1.3.1  PcakingJBattery  Requirements.  As  shown  by  the  shaded  areas  of  the  power 
profile,  the  maximum  energy  requirement  above  the  2 KW  fuel  cell  rating  is  1 7*> 
kilowatt-hours  which  occurs  during  the  first  NERVA  burn.  The  secondary  battery  weieht 
required  to  supply  this  energy,  using  silver-zinc  secondary  batteries  at  an  energy  density  of 
— watt-hours  per  pound  <55w-h/lb  at  50r,/  depth-of-discharge)  is  i alculated  as  follows: 

WB  = = 7glbs 

22  watt-hrs/lb 


The  minimum  time  between  engine  burns  is  approximately  60  hours  (2nd  burn  to  3rd 
burn),  thus  allowing  ample  time  for  battery  charging  between  burns  from  the  fuel  cell 
primary  source.  Since  all  other  burns  are  of  considerably  less  energy  content  than  the  first,  a 
.ittery  sized  lor  the  initial  burn  will  easily  support  the  subsequent  burns  required  for  this 


4._.!.3.2  Fuel  Cell  Energy  Re^u » remen t s . The  unshaded  portion  of  the  power  profile. 
Hgure  4-7,  represents  energy  to  be  supplied  by  the  primary  fuel  cell  power  system 
u powTlimc  Panels  from  the  profile  yeilds  a total  energy  requirement 
° -70  k»owatt-hours  which  must  be  supplied  by  the  fuel  cell  system.  At  a specific  reactant 
consumption  ol  0.83  lbs  per  kilowatt  hour  and  with  boiloff  and  contingency  allowances  of 
lu"  the  required  weight  of  fuel  cell  reactant  is: 


WR  “ C.83  ib/kwh  x 270  kwh  = 224  lbs 
plus  \0'/r  boiloff  allow  - 23  lbs 

plus  10 contingency  - 23  lbs 

Total  weight  of  reactant  = 270  lbs 


L^cl,hition  allows  tor  battery  charging  by  the  fuel 
efficiency  ol  70''  lor  the  silver-zinc  batteries. 


cell  system,  at  an  energy 


4.2.1  3.3  Preliminary  Weight  Statement.  Based  on  the  foregoing  analysis,  the  estimated 
weight  of  the  power  system  for  the  RNS  earth/moon  mission,  with  100%  fuel  cell,  reactant 
tank  and  battery  redundancy,  is: 


2 - 2 kw  fuel  cells  <S>  1 69  Ib/each  - 338  lbs 

2 - sets  of  peaking  batteries  @ 78  lb/set  - 1 56  lbs 

270  lbs  reactant/fuel  cell  x 2 F.C.’s  - 540  lbs 

2 - sets  reactant  tanks  @ 1 08  lb/set  - 2 1 6 lbs 

♦Power  distribution  and  conditioning  - 307  lbs 

Total  weight  of  power  system  - 1 557  lbs 


♦From  Table  4-2;  weight  for  unmanned  reusable  missions 


This  weight  appears  compatible  with  values  obtained  for  the  other  tug  missions,  leading 
to  the  conclusion  that  the  combination  of  2 KW  fuel  cells  and  silver-zinc  secondary 
batteries,  to  support  peak  loads,  constitute  a prime  candidate  power  system  for  the 
tug-supported  RNS  mission. 

4.2.2  Other  Space  Transportation  Systems 

Reference  has  already  been  made  to  the  current  interest  in  fuel  cell  systems  for  space 
transportation  systems  such  as  the  orbiter  vehicle  of  the  space  shuttle.  The  Air  Force  has 
also  indicated  an  intense  interest  in  fuel  ceils  as  the  primary  source  for  hypersonic  aircraft 
and  the  so-cailed  “aerospace  plane.”  A trade  study  conducted  for  the  Air  Force  entitled 
Fuel  Ceils  for  Air  Force  Requirements”  (Reference  G-9)  in  October  1967  concludes  that 
fuel  cells  are  the  best  choice  for  manned  orbital  and  space  missions  which  extend  for  more 
than  a few  days  and  involve  vehicles  designed  primarily  for  transportation  purposes.  This 
conclusion  is  supported  by  trade-off  data  from  that  study  which  is  presented  as  Table  4-3. 
showing  that  fuel  cells  represent  a superior  choice  in  terms  of  low  weight  and  low  cost  per 
mission  based  on  projected  performance  in  the  next  20-30  years.  It  should  be  noted  that 
total  power  system  cost  for  the  aerospace  plane  program  are  distributed  over  50  missions  to 
obtain  the  per-mission  weight  and  cost  figures  presented  in  Table  4-3.  The  significant  weight 
and  cost  increases  for  the  “single-shot”  sources  (silver-zinc  primary  and  metal-oxygen 
batteries)  are  due  to  the  need  for  replacement  after  each  mission,  whereas,  the  fuel  cells, 
secondary  batteries  and  turbine-generators  are  reusable  sources.  Silver-zinc  secondary 
battery  weight  is  high  because  of  ( he  conservative  depth  of  discharge  (40%)  and  specific 
energies  40  WH/LB  employed. 

4.3  CONSIDERATIONS  FOR  INTEGRATED  TUG  POWER  SYSTEM 

One  ol  the  study  is  to  make  a “quick  look”  assessment  of  the  advantages  and 
disadvantages  ot  an  integrated  tug  power  system,  that  is,  a central  power  system  located  in 
the  astnonic  module  and  capable  of  supplying  the  total  combined  mission  requirements  of 
the  astnonic  loads,  crew  module  loads  and  propulsion  module  loads.  The  obvious  advantages 
of  this  approach  are  reduced  power  system  design  time  and  reduced  weight  through 
elimination  ol  duplicate  power  sources.  Potential  disadvantages  include  overdesign  of  the 
power  system  tor  missions  on  which  the  crew  module  is  not  flown  and  total  dependence  of 
the  crew  module  on  the  astrionic  module  lor  its  electrical  power  supply  (except  for  portable 
lite  support  systems).  The  use  of  an  integrated  power  system  would  parallel  the  Apollo 
command  module./ service  module  concept  in  wbUi  all  primary  power  sources  (fuel  celts)  for 
the  crew  support  functions  are  located  in  the  adjacent  service  module. 
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Table  4-3.  Weight  and  Cost  Trade-Offs  for  Aerospace  Plane  Mission* 


Power  Source 

Wt-Cost  par  Mission00 

Cost  ($) 

High  Current  Density  Fuel  Call  at  0.9  Volts/Cell 

Fuel  Cell  Battery  (15  Ibe/KW) 

15.0 

10.00 

Cryogenic  H2  + Tankage  (9.2  lbs  H2  x 2.5) 

23.0 

4J0*** 

Cryogenic  02  + Tankage  (73  lbs  02  x 1.5) 

110.0 

10.40°** 

Total  Fuel  Cell  Battery  System 

148.0 

25.20 

Low  Current  Density  Fuel  Ceil  at  1.1  Vdts/Call 

Fuel  Cell  Battery  (25  Ibs/KW) 

25.0 

8.10 

Cryogenic  H2  + Tankage  (7.5  lbs  H2  x 2.5) 

18.8 

3.76*** 

Cryogenic  02  + Tankage  (59.8  lbs  02  x 1.5) 
Total  Fuel  Ceil  Battery  System 

89.7 

8.40*  °* 

133.5 

20.26 

Silver-Zinc  Secondary  Battery 

(cycle  life  of  500  at  40%  discharge,  40  watt-hour 
per  lb  of  battery,  or  25  Ibs/KWH) 

2,500.0 

100.00 

Single-Shot  Silver-Zinc  Primary  Battery 
(100  watt-hour  per  lb  of  battery,  or 
10  Ibs/KWH) 

1,000.0 

20,000.00 

Possible  Single-Shot  Metal-Oxygen  Battery 
(200  M»tt-hour  per  lb  of  battery,  or 
5 Ibs/KWH) 

500.0 

40.000.00 

Future  Gas  Turbine-Generator  Set  (H^-Or») 

Gas  Turbine-Generator  Set  Equipment 

20.0  | 

1.0 

Cryogenic  H2  + Tankage  (19  lbs  H2  x 2.5) 

47.5 

9.50*** 

Cryogenic  02  + Tankage  (151  lbs  02  x 1.5) 
Total  Gas  Turbine— Generator 

226.5 

21.10— 

294.0 

31.60 

• Mission  Time  100  Hours  for  50  Missions;  Auxiliary  Power  = 1 KW  and  100  KWH 

• * For  Target  or  Projected  Performance  in  20  - 30  Years 

• * * Assumed  Cryogenic  Tanks  at  $10.00  per  lb  of  Dry  Tank  and  Last  (Life)  for  all  Missions  (50) 


4.3.1  Crew  Module  Requirements 

Although  study  time  limitations  precluded  u detailed  analysis  of  the  electrical  loads 
imposed  on  the  tug  power  system  by  the  crew  module,  preliminary  estimates  of  these  loads 
were  obtained  from  the  crew  module  study  contractor.  These  estimates  are  presented  in 
Table  4-4. 
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Table  4-4.  Power  Requirements  for  Crew  Module 


Crew  Module  Function 

Power  (watts) 
(3  men  crew) 

Power  (watts) 
(6  man  crew) 

Crew  and  Crew  Support 

15 

Food  Management 

20 

Water  Management 

77 

Temp.  & Humidity  Control 

110 

Atmospheric  Purification 

230 

Instrumentation  & Controls 

110 

Atmospheric  Supply 

250 

Unscheduled  Experiments 

0 

Subtotals 

812 

1344 

20%  Contingency 

162 

Subtotals 

974 

1613 

Displays  (astrionic  equipment) 

840 

840 

1814 

2453 

4.3.2  Propulsion  Module  Requirements 


No  estimate  of  tug  propulsion  module  loads  was  available  for  this  study.  However,  it  is 
estimated  that  these  loads  would  be  comparable  to  those  estimated  for  the  space  shuttle 
orbiter  which  are  approximately  500  watts  (see  Reference  G-10).  Duration  of  propulsion 
loads  are  expected  to  be  in  the  order  of  minutes  and,  thus,  would  be  handled  by  the 
addition  of  peaking  batteries  in  preference  to  increasing  prime  power  source  rating. 

4.3.3  Impact  on  Power  System  Sizing 


. a ^ TS  !hli  pe^mg  batteries  can,  in  fact,  be  used  to  support  propulsion  module 
loads  the  effect  of  an  integrated  power  system  concept  would  be  to  increase  the  required 
rating  of  the  individual  fuel  cell  modules  and  to  double  or  triple  the  amount  of  fuel  cell 
reactant  to  be  carried  at  time  of  tug  activation.  The  total  load  requirements  obtained  by 
adding  the  requirements  for  the  3 and  6 man  crew  modules  to  the  0.84  KW  average  load  for 
astnomcs  equipment  are  2.65  KW  and  3.29  KW,  respectively.  Thus,  an  increase  to  a 3 KW 
basic  tuel  cell  module  would  probably  be  required  unless  the  crew  module  load  duty  cycles 
are  significantly  less  than  100%.  If  a more  detailed  analysis  of  crew  module  loads  reveals 
tha  substantial  load  blocks  are  intermittent  in  nature  it  is  possible  that  the  2 KW  units 
could  be  retained,  as  this  unit  has  an  overload  capability  of  4.5  KW  for  a 5 minute  period. 

In  any  case,  the  amount  of  additional  fuel  cell  reactants  required  would  be  significant. 
Based  on  the  60  hour  mission  time  of  the  synchronous  orbit  second  tug  and  the  crew 
module  power  requirements  presented  in  4.3.1,  the  additional  reactant  and  tank  weight  for 
crew  module  support  would  be: 

3 man  crew  - 253  lbs 

6 man  crew  - 342  lbs 

0 83^bs/KWH 316  bUSed  °n  l°°/r  fUel  CCM  redundancy  and  a reactant  consumption  rate  of 


°r  Peaking  batteries  cannot  be  estimated  until  a thorough  analysis  ol 
the  total  load  profile  for  the  integrated  power  system  is  made  including  the  magnitude  and 
duration  ol  propulsion  module  peak  load  requirements. 
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4.4  LUNAR  LANDING  MISSION 

A secondary  mission  addressed  in  the  power  system  analysis  is  the  lunar  landing 
mission  for  the  space  tug.  From  a power  system  standpoint  this  mission  is  characterized  by 
full  power  operation  for  time  intervals  measured  in  hours  followed  by  v?ry  low  power 
operation  for  periods  in  excess  of  one  month  (lunar  and  orbital  storage).  Unique  constraints 
imposed  on  the  power  system  by  this  particular  mission  are: 

• Operation  in  extended  periods  of  sunlight  and  darkness  on  lunar  surface. 

• Non-interference  with  vehicle  maneuvering  capability  as  required  in  lunar  take-off 
and  landing. 

• No  exposure  of  power  system  components  susceptible  to  damage  by  the  lunar 
environment. 

4-4.1  Mission  Power  Requirements  and  Source  Selection  Criteria 

Due  to  non-availability  of  definitive  electrical  load  requirements  for  the  tug  astrionic 
equipment,  the  following  load  figures  were  estimated  from  present  Instrument  Unit 
requirements  and  on  the  premise  that  a passive  (non-power  consuming)  thermal  control 
would  be  used: 


Equipment  Type 

Flight 

Guidance  and  Navigation 

*)00 

Instrument  & Communications 

600 

Battery  Charging 

Totals 

1500 

Phases 

Storage  Phases 

watts 

watts 

100  watts 

- 

1 00  watts 

watts 

:0C  watts 

Using  these  pov.er  requirements  a preliminary  power  profile  and  energy  budget  for  the  lunar 
landing  nfssion  were  developed,  as  shown  in  Figure  4-8. 


Selection  ol  a power  source  to  satisfy  the  mission  requirements  identified  in  Figure  4-8 
is  based  on  the  following  criteria: 


• Weight  ' compatible  with  total  astrionic  module  weight  allowance 

• Volume  compatible  with  total  astrionic  module  volume  allowance  (storable  for 
launch  in  cargo  bay  of  shuttle ) 

• 5?j?J  Effectiveness  optimized  for  both  reusable  and  expendable  versions  of 
space  tug 

• Reliability  adequate  for  manned  missions  but  suitable  for  remote  operation  to 
allow  use  on  unmanned  versions 

• Mission  Compatibility  minimum  interference  with  primary  space  tug  mission 
objectives  including  docking  operations,  long  term  orbital  storage  and  lunar 
landing  and  take-off 
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Autonomy  — independent  of  other  space  tug  modules  and  other  space  vehicles 
except  for  resupply  and  refurbishment  from  space  station 

Crew  Safety  - maximized  by  use  of  proven  technologies  and  with  adequate 
provisions  for  emergency  operating  modes 


! 


4.4.2  Applicability  of  Power  Source  Technologies 
4.4  2.1  Solar  Array/Battery  System 

A solar  array/battery  power  system  could  satisfy  all  of  the  stated  criteria  for  the  lunar 
landing  mission  with  the  important  exception  of  mission  compatibility.  The  two  major  areas 
of  incompatibility  are:  J 

• The  need  for  array  orientation  which  might  conflict  with  tug  maneuverability  and 
the  presence  of  external  appendages  which  would  cause  interference  with  docking 
operations,  EVA  and  communications  antenna  patterns. 

• The  long  period  of  darkness  which  would  require  an  unacceptable  weight  of 

secondary  batteries  to  power  the  system  during  lunar  night  (14  earth-day 
duration).  3 

Solar  array  systems  would  also  be  less  cost  effective  than  chemical  conversion  systems 
as  shown  in  the  cost  comparison  chart,  Figure  4-9  (Reference  G-2). 

4.4. 2. 2 Primary  Battery  System 

A primary  (non-rechargeable)  battery  system  is  unacceptable  for  the  tug  lunar  landing 
mission  due  to  excessive  weight.  Using  the  projected  energy  density  achievable  with  1973 
technology  of  100  watt-hours  per  pound,  the  weight  of  primary  batteries  alone  (excluding 
other  components  of  the  power  and  distribution  system)  would  be  2500  pounds. 

4.4.2. 3 Fuel  Cell  System 

A fuel  ceil  system  satisfies  all  of  the  power  source  selection  criteria  but  is  not  the  most 
cost  effective  system  when  applied  to  the  high  power,  short  time  duration  flight  phases.  This 

f\  the  fueI  ceH  must  be  sized  to  suPPort  the  maximum  power  demand 

i 1.5  KW)  which,  in  the  case  of  the  lunar  landing  mission,  represents  only  a small  percentage 
ot  the  total  mission  time.  It  does,  however,  represent  the  lightest  applicable  power  source 
tor  this  mission  as  shown  in  the  weight  comparison  chart.  Figure  4-10  (Reference  G-2). 

4.4.2.4  Secondary  Battery/Fuel  Cell  System 

A system  comprising  secondary  batteries  to  support  the  high  power  short  duration 
phases  of  the  lunar  landing  mission  in  conjunction  with  small  fuel  cell  units  capable  ot 
recharging  the  batteries  during  the  extended  lunar  and  orbital  storage  periods  offers  an 
attractive  power  option  for  the  lunar  landing  mission.  It  appears  to  be  the  most  cost 
e fective  system  because  the  lower  cost  batteries  can  readily  supply  the  mission  flight  phases 
(19  hours  maximum  duration)  with  a resultant  drastic  reduction  in  required  kw  rating  and 
hence,  in  cost  of  the  fuel  cells.  While  considerably  heavier  than  the  fuel  cell  system  (Figure 
4-,0)  it  is  more  readily  expandable  with  increasing  astrionic  load  requirements  by  virtue  of 
the  simplicity  of  a battery  system  (e.g.,  peripheral  equipment  such  as  reactant  tanks,  water 
recovery  systems,  etc.  needed  for  large  fuel  ceils  are  not  required). 
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Figure  4-9.  Power  Source  Cost  Comparison 
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4.4.3  Conclusions 


Preliminary  analysis  of  the  electrical  power  requirements  for  the  tug  lunar  landing 
mission  and  a survey  of  available  power  conversion  technologies  indicate  that  these 
requirements  can  be  supported  by  a secondary  battery/fuel  cell  system  at  minimum  cost. 
This  system  offers  a distinct  advantage  is  cost  effectiveness  due  to  the  use  of  batteries  for 
the  high  power,  short  duration,  orbit  to  lunar  surface  and  return  phases.  A system 
comprising  fuel  cells  as  the  primary  source  with  supplemental  peaking  batteries 
significantly  lighter  but  is  more  complex  and  costly  than  the  hybrid  battery/fuel  cell  system. 

4.4.4  Preliminary  Design  — Lunar  Landing  Mission  Power  Option 

4.4.4. 1 Battery  Sizing 

Reference  to  Figure  4-7  shows  that  the  maximum  energy  which  must  be  supplied  by 
the  battery  system  is  28,500  watt-hours  during  the  lunar  ascent  phase  of  the  mission. 

For  silver-zinc  secondary  batteries,  which  provide  the  best  obtainable  energy  density 
(watt-hours  per  pound),  the  maximum  permissible  depth  of  discharge  to  achieve  the  desired 
cycle  life  (72  charge-discharge  cycles  in  3 year,  36  mission  tug  lifetime)  is  45%  without 
voltage  degradation. 

The  energy  capacity  of  the  baitery  system  must  then  be: 

28,500  watt-hrs.  = 63  400  watt-hrs. 

0.45 


Assuming  an  energy  density  of  55  watt-hours  per  pound,  predicted  achievable  by 
Ag-Zn  secondary  batteries  by  1975,  the  total  weight  of  batteries  required  is: 

63,400  watt-hours  =n50|bs 
55  w-h/lb. 

Based  on  a 28  volt  DC  system,  the  total  battery  ampere-hour  requirement  is: 


63,400  watt-hrs. 
28  volts 


= 2265  ampere-hours 


Assuming  that  the  total  ampere  hour  requirement  is  supplied  by  ten  (10)  225  amp-hr 
units,  failure  of  a single  battery  would  result  in  loss  of  only  one-tenth  of  the  system 
capacity. 


4.4.4.2  Battery  Charging 

Using  a 70%  watt-hour  efficiency,  which  is  typical  for  silver-zinc  secondary  batteries, 
the  energy  which  must  be  replaced  during  the  lunar  storage  charging  period  is  based  on  the 
battery  energy  expended  during  the  ten  (10)  hour  lunar  landing  phase  or:  10  hrs.  x 1500 
watts  = 1 5,000  watt-hours,  plus  the  charging  losses.  Charging  energy  which  must  be  supplied 
by  the  fuel  cells  k then: 
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15,000  watt-hours 
0.70 


= 2 1 ,400  watt-hours 


Based  on  a 30  hour  charge  rate  for  the  batteries,  the  required  charging  power  is 


21 ,400  watt-hours 
30  hours 


= 715  watts 


To  minimize  required  fuel  cell  capacity  and,  hence,  cost  and  because  there  is  ample 
time  to  accomplish  battery  charging  in  serial  fashion,  it  is  assumed  that  one-tenth  of  the 
total  charging  power  will  be  supplied  to  a single  battery  until  it  reaches  the  charged  state  at 
which  time  charging  power  will  be  switched  to  the  second  unit,  etc.,  until  all  units  are  fully 
recharged,  in  a total  elapsed  time  of  300  hours  (12.5  days).  Any  additional  available 
charging  time  will  be  used  to  sequentially  sc^i  and  trickle  charge  the  batteries  to  replace  any 
energy  lost  due  to  self-discharge  and  insure  full  battery  capacity  for  the  ascent  phase. 

4.4 .4.3  Fuel  Cell  System 

The  fuel  cell  system  to  perform  the  battery  charging  function  and  to  supply  the  power 
to  astnomc  loads  which  are  active  during  the  lunar  storage  phase  consists  of  a single 
^00-watt  unit  similar  to  the  Allis-Chalmers  radiation  cooled  unit  developed  for  Air  Force 
orbital  operations,  with  its  associated  reactant  tanks  and  electrical  supervisory  subsystem 
Due  to  its  radiation  cooling  concept  which  utilizes  louvered  shutters  over  a variable 
emissivity  heat  rejection  surface,  its  light  weight  (31  lbs.)  and  small  size,  this  type  unit  is 
greatly  simplified  compared  to  the  liquid  cooled  units  flown  on  past  missions.  The  fuel  cell 
approaches  a battery  in  installation  simplicity  since  the  only  peripheral  equipments  required 
are  the  hydrogen  and  oxygen  reactant  tanks  and  ports  for  exhaust  of  product  water.  The 
physical  configuration  of  the  proposed  fuel  cell  is  shown  in  Figure  4-11. 

44.4.4  Schematic 


T?e  power  distr»bution  scheme  for  the  lunar  landing  mission  is  illustrated  in  Figure 
4-12.  A segmented  distribution  bus  is  shown  with  provisions  for  100%  redundancy  of  the 
battery  charging  system  shown  by  dashed  lines.  In  this  concept  the  astrionic  loads  needed 
tor  the  storage  phases  of  the  mission  would  be  switched  to  the  “storage  bus,”  removing  load 
trom  the  A and  B battery  buses  during  battery  charging.  The  bus  tie  switches  between  the 
storage  bus  and  the  A and  B battery  buses  would  be  closed,  during  emergency  modes  only 
to  allow  powering  critical  astrionic  loads  from  the  fuel  celi(s)  in  the  event  of  battery  system 
failure. 


4.44.5  Weight  Summary 

Table  4-5  is  a weight  summary  of  the  baseline  and  redundant  versions  of  the 
battery/fuel  cell  system.  Included  in  the  table  is  a summary  of  the  alternate  system  using 
two  kilowatt  fuel  cells  as  the  primary  source,  with  peaking  batteries  provided  for  loads  in 
excess  of  fuel  cell  capacity  and  for  emergency  power.  As  shown  in  this  summary,  a weight 
saving  of  648  pounds  is  obtainable  with  the  primary  fuel  cell  system,  without  redundancy. 
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Figure  4-12.  Power  Distribution  - Lunar  Landing  Mission  Alternate  Option 
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Table  4-5.  Weight  Summary 


Component 


Battery 
Fuel  Ceil 

Reactants  (H2, C>2) 
Reactant  Tanks 
Battery  Charger 
DC  Regulators 
Wire  ft  Cable  * 
Distributors 
Relays  ft  Switches 
Mounting  Hardwire 


Total  EPS  Weight 


Weight 
Each  (Lbs) 


Secondary  Battery /Fuel  Cali 


Non -Redundant 


Weight 
Total  (Lbs) 


Redundant 


Cable  weight  extrapolated  from  IU  cable  weight  of  482  lbs.  assumes  use  of  flat  cable 
techniques  for  all  wires  AWG  No.  16  and  smaller  150%  weight  reduction)  and 
reduction  in  sqpal  wiring  by  virtue  of  Data  Bus  (50%  quantity  reduction). 


4.5  APPLICATION  OF  POWER  MANAGEMENT  CONCEPTS 

1Ugh..this  S,udy  did  no»  <-o"siaer  the  application  of  computerized  power  system 

on-ooaro  computer  and  data  management  subsystems  include:  7 

• Relieving  the  crew  of  routine  supervision  of  the  -«ower  system 
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4.6  FUTURE  POWER  SYSTEM  TECHNOLOGY 
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1.0  INTRODUCTION 
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The  purpose  of  this  appendix  is  to  present  guidelines,  assumptions,  considerations,  and 
a preliminary  design  for  space  tug  communications.  The  objectives  of  this  study  were  to: 

• Identify  the  parameters  which  affect  the  design  of  the  tug  communications 

• Configure  composite  tug  communications  which  would  cover  the  spectrum  of  tug 
operations 

• Identify  the  functional  components  required  for  each  tug  mission 

• Estimate  the  power,  size,  and  weight  of  the  communications  components  to 
support  the  overall  astrionic  module  design 

Of  the  basic  tug  design  missions  for  astrionics  as  described  in  a previous  appendix  of 
this  report,  the  unmanned  synchronous  mission  received  the  most  emphasis.  However,  all  of 
the  missions  were  considered  sufficiently  to  permit  a composite  design  to  satisfy  the 
requirements  of  all  known  missions. 

The  level  to  which  the  communications  could  be  conceptually  designed  was  limited  by 
the  lack  of  definite  communications  requirements  in  the  form  of  bandwidth,  data  rates, 
redundancy  required,  etc.  However,  sufficient  groundrules  and  guidelines  did  exist  to  make 
the  conceptual  design  meaningful  for  planning  purposes. 

2.0  GUIDELINES.  ASSUMPTIONS.  AND  CONSTRAINTS 

2.1  GENERAL 

Tile  overall  requirement  for  tug  communications  in  simply  to  provide  the 
communication  services  required  for  successful  lug  operations  These  services  will  include 
uplink  command  and  voice  channels,  provision  for  tracking  and  ranging,  and  downlink  data, 
voice,  and  TV  on  Unified  S*Band  (USB).  VHF  ranging  and  EVA  communications  will  be 
provided  os  required 

2 2 GUIDELINES 

Hie  genera!  guidelines  for  the  space  tug  asfttomc  system  study  are  presented  in  a 
previous  appendix  Those  which  mass  directly  affect  the  communications  by  cut  »rc 
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• Capable  of  maintaining  a quiescent  status  for  up  to  180  days. 

• Minimize  power  and  weight. 

2.3  ASSUMPTIONS 

The  following  assumptions  have  been  made  in  conjunction  with  this  study: 

• The  prime  communications  link  with  the  tug  will  be  in  the  S-band  frequency 
range  of  2.1  to  2.3  GHz. 

• The  manned  missions  will  require  VHF  voice  i'or  communications  with  other 
elements  such  as  shuttle,  space  stations,  and  RNS.  The  VHF  system  can  also 
provide  ranging  data.  EVA  communications  will  be  via  VHF.  The  storage  mode 
command  receiver  will  also  operate  in  the  VHF  band.  Two  VHF  bands  (136  - 150 
MHz  and  260  - 297  MHz)  are  available  for  the  above. 

• DRSS  and/or  Tactical  Communications  Satellite  (TACSAT)  will  be  operating  in 
1977  when  the  space  tug  is  scheduled  to  begin  operating. 

• Any  support  for  die  tug  payload  (other  than  intercom  service  or  TV) -required  of 
the  communications  subsystem  will  be  through  the  data  bus  standard  interface 
units  (S1U). 

• The  DSN  ground  stations  (85-feet  and  210-feet  diameter  antennas)  will  be 
available  for  lunar  and  planetary  missions.  The  85-foot  antenna  will  be  available 
when  TV  is  required  from  the  tug  at  synchronous  orbit  altitude. 

2.4  CONSTRAINTS 

The  following  are  considered  constraints  which  will  affect  the  communications  design : 

• vehicle  diameter  of  14  feet  will  require  omm  antennas  to  be  placed  on 
opposite  sides  to  obtain  near  omul  directional  coverage. 

«>  Astritmic  module*  height  of  4 feci  places  a constraint  on  the  mounting  of  the  4 
feet  diameter  hi-gain  antenna  if  it  is  located  ia  ihe  assrionic  module.  The 
maximum  dlawuble  module  diameter  also  means  the  hi-gaitt  nu^t  Sc 

stored  within  the  vehicle  and  erected  for  use. 

• Compatibility  with  MSFN'  and  AP  SGLS  may  require  two  s?U  of  equipment 
depending  on  die  mission,  since  MSPN  and  SGLS  United  S-ftst*!  equipment  j$ 
not  presently  v ompalifcle  m all  aspects. 

• Space  matmeamee  by  replacement  of  replaceable  cants  will  place  some 
constraints  on  tSte  elect  zmH  ami  cnecfcantcal  dcst&t  of  the®  units. 

• The  Gq&xzxci  to  tTCJumii  noaldy  W from  11k  tag  *>  the  nml 

wvxkj  cyrnum^atKms  Tbi*  mjtiim  the  of  at  ssecr4htoa$itetm» 

*3*2  a*  ef  the  jbbi xxa  og  the  fm  tfe 

ttMswo 
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2.5  MISSIONS 


The  detailed  mission  descriptions  are  given  in  a previous  appendix  of  this  report.  The 
unmanned  synchronous  orbit  (reusable  or  expendable)  mission  was  used  as  the  baseline  for 
this  study.  This  communications  study  considered  the  following  tug  missions: 

• Synchronous  orbit;  unmanned,  reusable  or  expendable 

• Lunar  landing;  manned  with  unmanned  capability 

• Low  earth  orbit;  manned  with  unmanned  capability 

• Lunar  orbit;  manned  with  unmanned  capability 

• Planetary;  unmanned.  This  is  a boost  mission  only  and  maximum  range  was  given 
as  30,000  NM. 

• Reusable  nuclear  shuttle;  manned  or  unmanned.  This  mission  involves  the  use  of 
the  tug  astrionic  module  equipment  for  the  RNS. 

• Four  Stage  Saturn  V;  manned  or  unmanned.  The  tug  is  the  4th  stage  of  a Saturn 
V launch  vehicle  and,  in  addition  to  providing  the  launch  functions,  the  astrionic 
module  may  operate  on  any  mission  up  to  lunar  distances. 

3.0  SUMMARY  OF  RESULTS 

The  results  of  this  study  are: 

• An  estimation  of  the  tug  communication  requirements 
A preliminary  design  for  space  tug  communications 

®,  The  ^ identification  of  the  equipment  required  to  meet  communications 
requirements,  estimation  of  equipment  characteristics  and  mission  usage 

•<  Identification  of  the  design  parameters  and  considerations 

A,  summary  of  tug  conmmnkattons  interface  requirements  is  given  in  Tabh*  3-1  and 
illustrated  In  Figure  3-1.  The  most  severe  requirement  is  that  for  TV  transmission  from  the 
iug.  This  requirement  will  dictate  a high-gamantsnna  on  the  tug  and  the  use  of  a large  85  ft. 
diameter  ground  antenna  for  synchronous  orbit  mwsions. 

Only  four  different  equipment  configurations  mulled,  with  the  differences  caused  by 
whether  the  vehicle  was  manned  or  unmanned  or  whether  long  free  drift  storage  in  earth 
Ofhil  was  required. 
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Table  3-1.  Space  Tug  Communications  Requirements  Summary 


RF  Link 

MWon 

Nominal 

Carrier 

Frequency 

Channel/ Function 

Channel 

Bandwidth 

Required 
Signal  to  Nek* 
Ratio 

Range 

Mofninel 

Maximum 

TugtoMSFN 

All 

1 MHz 

12  db 

-1,000  NM 

or  DSN 

3 KHz 

12  db 

24,000  NM 

1 —Tracking 

30  KHz 

12  db 

210,000  NM 

1 -TV 

2.SMHz 

30  db 

MSFNor  DSN 

All 

2.V-2.2  GHz 

1 — Data/Command 

30  KHz 

12  db 

Seme  a*  atom 

loTug 

1 — Voica 

3 KHz 

12  db 

1 — Track  inf 

SO  KHz 

12  db 

TugtoSiotde 

Earih  Or}wi 

136  MHz 

SO  KHz 

12  db 

— 100  NM 

Sewion  NNi  Low 

RmtuMM 

3 KHz 

12  ct> 

Shuttle  ta  Tug 

Earth  Orb*. 

136  MHz 

1 — Digital 

50  KHz 

12  db 

Station  HNS  Com 

Rmiinoge 

1 - Voica 

3 KHz 

12  db 

TujtoOWK 

Eirtt  Orbit 

2a-2J  GHz 

1 -Dipt* 

30  KHz 

12  db 

24,000  NM 

1 - Voica 

3 KHz 

12  db 

1 — Tracking 

10  KHz 

12  db 

. 

DRSStoTug 

j Earth  Obit 

2.1 -2.2  GHz 

1 — Digital; 

30  KHz 

120b 

IW1 

1 - Voica 

3 KHz 

12db 

l -Tracking 

10  KHz 

12db 

■I 

AtiMarutad. 

136  MHz  or 

1 -VoiCM 

3 KHz 

12db 

-300  ft. 

-260  MHz 

....  : 

EVAteT*, 

Allhtennad 

Same  atafrewe 

1- Voica 

3 KHz 

' 12  da 

1-Oigjcei 

1 KHz 

— 

12db 

H 

A composite  communications  functional  block  diagram  is  illustrated  in  Figure  3-2.  It 
shows  all  of  the  equipment  needed,  for  the  total  tug  missions  in  simplex  form. 

A UAdJled  S-bami  system  was  chosen  for  the  tug-to-ground  link  because  t*f  its 
availability  (space  and  ground  systems),  its  ability  to  handle  the  requirements  of 
simultaneous  PCM  data,  voice,  and  TV  on  the  downlink,  and  its  ability  to  provide 
commands  and  voice  on  the  uplink.  It  also  provides  tracking  and  ranging  data.  A high-gain 
C4  ft  diameter}  steerable  antenna  on  the  tug  appears  necessary  to  maintain  the  required 
signal  to  noise  ratio  for  commercial  quality  TV  on  the  downlink.  A simplex  system  has 
tentatively  been  chosen  because  of  relatively  short  duration  missions  (42  day  maximum) 
ami  the  ability  to  maintain  the  system  by  replacement  in  spate. 

A VHP  voice  link  ts  recommended  for  the  manned  missions.  The  redundancy  (IFHF 
and  VHF)  is  desirable  from  a mission  point  of  view  and  the  current  planning  for  the  shuttle 
and  space  station  make  use  of  VHF  for  the  prime  vehicle-io-schiclc  communications  link 
(Ref  HTv).  Thus  VIII*  is  required  on  the  tug  for  compatibility . VHF  ts  attractive  for  the 
vchick-IO’vdncIe  link  because  it  n less  susceptible  to  signal  dropouts  due  to  irregularities  in 
fe  antenna  pattern  Th&  ved 1 permit  reliable  raise  communications  and  commands 
reyanhess  of  vehicle  attitmb  Ftaro  Figure  4-2.  ti  c xs  be  seen  that  less  power  & requited  a*  a 
k5W2f  frequency  iVIIFl  usin»  omsr  oni  acca*  for  a given  & /assoc 
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The  incorporation  of  a ranging  capability  within  the  VHP  system  may  be  required  to 
be  compatible  with  the  shuttle  and  space  station. 

A Command  Decoder  Electronic  unit  is  required  to  perform  sub-bit  decoding  and  to 
provide  the  interface  between  communications  equipment  and  the  standard  interface  unit  of 
the  data  bus.  It  also  performs  as  the  active  decoder  in  the  storage  mode  of  operation. 
Redundancy  is  planned. 

A VHF  command  receiver  is  required  to  receive  commands  when  the  tug  is  m the 
storage  mode.  Redundant  receivers  are  planned. 

The  equipment  required  for  tug  communications  is  listed  in  Table  3-2.  The  table  gives 
estimates  of  the  characteristics  of  size,  weight,  power,  and  heat  dissipation.  The  equipment 
usage  on  a mission  basis  is  listed  along  with  the  total  system  requirements  of  weight,  power, 
and  heat  dissipation. 

The  communications  design  should  exploit  the  concept  of  modular  design  to  make 
reconfiguration  and  maintenance  in  space  relatively  easy.  Most  of  the  communications 
equipment  is  small  and  has  a natural  interface  for  removal.  Other  larger  equipment,  such  as 
the  USB  equipment,  will  be  divided  into  functional  units  as  lowest  replaceable  units. 

The  communication  sub  •ystem  design  parameters  are  discussed  in  a later  section  of  this 
appendix.  Aside  from  user  requirements,  the  important  design  considerations  are: 

© Bandwidth 

© Onboard  transmitter  power 

® Frequency 

® Antenna  gain  (size)  at  transmitter  and  receiver 

© Factors  of  power,  size,  weight 

® Cost 

0 Reliability  and  maintainability 

This  study  has  brought  out  the  fact  that  better  definition  of  the  user  requirements  for 
communications  is  required  in  order  to  permit  a more  detailed  design  analysis.  A number  of 
assumptions  were  necessary  to  arrive  at  the  preliminary  design  proposed  in  this  report. 
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Equipment  Required 

Characte 

is  tics 

Missions 

Component  Name 

Quantity 

Size  {in 

.1 

Weight 

Power 

sync,  Orb, 

Sync.  Ofb. 

Lunar 

Low  Earth 

Lunar 

Planetary 

Reusable 

(each) 

■tea  chi 

(watts) 

Reiise. 

Expend. 

• Landing 

Orbit 

Orbit 

Unmanned 

Nuclear 

Saturn  v 

Unmanned 

Unmanned 

Manned 

Manned 

Manned 

Shuttle 

Unmanned 

W 

H 

D 

libs) 

Act, 

Stby, 

Unmanned 

Unified  S-Band  Equipment 

1 

21 

0 

7 

42 

107 

X 

X 

X 

X 

USB  piplejter 

1 

4 

3 

1 

.0,5 

X 

X 

X 

USB  Antenna  Switch 

1 

2 

2 

i 1 

0.3 

' _ 

X 

x 

USB  Power  Divider 

1 

3 

2 

1 

0.5 

— 

x. 

X 

X 

x 

USB  Omni  Antennat 

4 

6 

3 

3 

0,5 

X 

X 

X 

USB  Hi  Gain  Antenna  Control 

1 

10 

8 

5 

8 

10 

X 

x 

x 

A 

USB  Hi  Gain  Antenna 

1 

48 

12 

12 

X 

X 

X 

X 

X 

x 

VHP  Transceiver  Equipment 

1 

15 

7 

5 

15 

25 

X 

x 

VHP  plptexer 

1 

4 

3 

4 

1 

- 

X 

— 

X 

X 

x 

VHP  Power  Divider 

1 

3 

2 

1 

0.5 

. _ 

X 

_ 

X 

x 

VHP  Omni  Antennas 

2 

2 

11 

5 

1.2 

_ 

X 

. X 

VHF  Command  Receiver 

2 

4 

6 

2.5 

2 

1 

0.5 

X 

Command  Decoder  Electronics 

2 

8 

5 

4 

10 

5 

3 

X 

X 

X 

X 

x 

TV  Camera 

1 

2 

G 

10 

5 

6 

X 

X 

X 

X 

X 

TV  Camera  Control 

1 

3 

3 

2 

2 

3 

X 

X 

X 

X 

X 

Audio  Equipment 

1 

4 

2 

1 

2 

3 

- 

X 

X 

X 

3 CZ 1 □ □ 


a 


**'*■  i 
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Table  3-2.  Composite  Tug  Command  and  Control  Subsystem  Preliminary 
Functional  Block  Diagram 


4.0  DETAILED  ANALYSIS 


4.1  SYSTEM  DESIGN  ANALYSIS 

4.1.1  General 


The  design  of  communications  equipment  for  a vehicle  such  as  the  space  tug  involves 
the  consideration  of  a number  of  factors.  Of  these,  user  requirements  are  foremost 
However,  only^general  requirements  existed:  a command  uplink,  a downlink  consisting  of 
digital  data,  voice,  and  TV,  provision  for  tracking  and  ranging,  and  vehicle-to-vehicle  voice 
communications.  To  fill  the  gap  in  specific  requirements,  estimates  of  bandwidth 
requirements  ranging  from  50  K Hz  for  VHF  to  10  MHz  for  Unified  S-band  were  made  to 
use  m calculating  the  communication  link  parameters. 

4. 1 .2  Design  Considerations 

The  communications  design  is  an  iterative  process  with  many  implicit  trades.  Some  of 
these  normal  system  trades  are  an  interaction  of: 

• Onboard  transmitter  power 

• Bandwidth;  determined  by  data/command  bit  rates,  TV  requirements,  and 
number  of  simultaneous  channels 

• Frequency 

• Onboard  antenna  size  (gain) 

• Receiving  antenna  size  (gain) 

• Factors  of  power,  weight,  and  cost  are  also  involved  in  configuring  a satisfactory 

system  J 

The  elements  for  space  tug  communications  design  are  summarized  in  chart  form  in 
Figure  4-1  The  chart  also  includes  typical  ranges  of  values  involved  in  the  communications 
link  calculations.  The  direction  in  which  some  dependent  factors  will  vary  with  the 
independent  factors  are  illustrated.  For  example  as  the  frequency  is  increased  ( f ),  the  path 
losses  will  increase  ( t ),  and  the  antenna  size  for  a given  gain  will  decrease  ( | ). 

4. 1 .3  Operational  Considerations 

An  understanding  of  all  the  operational  considerations  for  the  tug  is  important  since 
these  will  greatly  impact  the  communication  requirements  and  thus  the  design.  At  some 
later  time  in  the  communications  design  cycle,  the  initial  operational  requirements  should 
be  examined  to  see  whether  too  great  a penalty  is  being  paid  in  communications 
complexity,  cost,  weight,  and  power  to  meet  a given  operational  requirement. 
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Figure  4-1 . Elements  of  Space  Tug  Communications  Design 
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A summary  of  the  tug  communications  usage  is  given  in  Table  4-1  for  the  synchronous 

orbit  mission.  Table  3-1  summarized  the  tug  communications  requirements  for  the  RF  links 
involved. 


. The  factor  of  whether  the  tug  is  manned  or  unmanned  for  a given  mission  greatly 
impacts  communications.  For  the  manned  versions  VHF  voice  communications  (transceiver 
and  intercom)  must  be  provided.  Also,  some  of  the  functions  which  could  be  handled  by 
manual  control  (antenna  control,  baseband  make-up  selection,  switching,  etc.)  in  the 
manned  version  must  be  handled  by  stored  onboard  programs  or  remote  commands. 

Another  mission  factor  which  impacts  design  is  whether  the  tug  must  be  placed  in  a 
tree  drift  earth  orbit  storage  mode  for  180  days.  For  this  case  redundant  command  receivers 
ana  command  decoders  must  be  added  to  process  commands  to  power  up  the  vehicle  and 
bring  it  out  of  the  storage  mode. 

4.1.4  Detailed  Link  Analysis 

4. 1.4.1  General 

Using  the  concepts  outlined  by  Figure  4-1 , the  general  range  equation  parameters  were 
calculated  or  estimated  for  the  range  of  variables  encountered  in  the  tug  missions.  This  was 
done  to  establish  transmitter  power,  transmitter  antenna  gain  (size),  and  receiver  antenna 
gam  for  a given  link  distance,  frequency,  bandwidth,  and  signal  to  noise  (S/N)  ratio. 

4. 1 .4.2  Calculations 

The  following  equations  were  used  in  calculating  the  characteristics  of  the  tug 
communications  system. 


Power  Budget 

Pt  = Pn  + Ap  + NF  + Lt  + Lr  - Gt  - Gr  - NIF  + S/N 


where:  Pt 

Pn 


An  = 


Nf 

lt 

lr 

gt 

gr 

NIF 

S/N 


transmitter  power  output  in  dbw 
receiver  noise  power  (sensitivity  in  dbw) 

Pn  - kTB,  k = Boltzmann’s  constant  = 1.38  x 10-23  Watt-sec. 
T = antenna  noise  temperature  in  °K 
B = receiver  bandwidth  in  Hz 
transmission  path  loss  in  db 
Ap  = 37.8  + 20  log  f + 20  log  d 
f = frequency  in  MHz 
d - distance  in  nautical  miles 
receiver  noise  figure  (db) 
transmit  losses  (db) 

receiver  line  losses  plus  polarization  losses 
transmitter  antenna  gain  (db) 
receiver  antenna  gain  (db) 

noise  improvement  factor  due  to  modulation  techniques  (db) 
required  signal-to-noise  ratio  (db) 


Table  4-1.  Tug  Communication  Usage  - Unmanned  Synchronous  Orbit  Mission 


Mission  Phase 

Communication  Requirements 

Communication 
Channels  Used 

Channel  Description 

Prelaunch 
Checkout  — 
(external  to 
Shuttle) 

• Load  computer  memory 

• Checkout  command,  ranging, 
and  data  channels 

• Provide  link  with  GSE  for 
checkout  of  subsystems, 
(links  with  GSE  transmitters 
and  receivers  may  be  via 
hardwire  thru  umbilical 

or  antenna  hats) 

All  equipment  exercised. 
1 — Unified  S-Band 
S-Band  Xmit. 

2.2-2.3  GHz, 

S-Band  receiver 
2.1 -2.2  GHz 
1-VHF  136-138  MHz 
Command  Receiver 

USB -1.5,  5,  or  10  MHz 
bandwidth.  Provision  for  ranging, 
PCM  data,  video  on 
downlink.  Command/data  up. 

VHF  — 50  KHz  bandwidth; 

200  Hz  to  20  kbps. 

Provision  -far  command  up. 

Launch- 

Onboard 

Shuttle 

TBD 

Depends  on  whether  Shuttle 
will  interface  electrically 
with  Tug  communication 
system  placed  in  standby 
mode. 

TBD 

Earth  Orbit 
Checkout 

■ - 

a Command  subsystem  ON 
a Verify  command  links 
and  data  links 
® Transmit  onboard 
checkout  data 

All  equipment  exercised. 
Hi-gain  antennas  extended. 
USB  for  direct  ground  comm., 
USB  comm,  via  DRSS  (bent 
pipe  concept  possible  using 
hi-gain  antenna) 

Same  as  above 

Trans- 

Synchronous 

a Commands  up.  data  down 
« Tracking 

USB  prime.  Ground  station 
tracks  USB  signal. 

- 

Same  as  above 

Synchronous 

Orbit 

a Commands  up,  data  down 
o Tracking 

USB  prime.  S-Band  if  video 
or  hi  data  rates  rqd. 

Same  as  prelaunch 

Trans-earth 

Same  as  trans- 
synchronous 

— 

— 

Earth  Orbit 
Rendezvous 
and  Docking 
with  Shuttle 
or  Station 

Command  up,  data  down 

VHF  from  ground  and/or 
S-Band  to/from  ground 

Same  as  prelaunch 

Earth  Orbit 
Storage 

Command  the  subsystems 
to  quiescent  mode. 

S-Band  powered  down. 

Same  as  prelaunch 

Tracking  requirements  for 
free  flying  Tug  TBD.  If 
Tug  docked  to  Station, 
communications  can  be 
completely  powered  down. 

VHF  receiver  and  command 
subsystem  in  keep-alive  mode 
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Parabolic  Antenna  Gain 


G = 

20  log  f + 20  log  D - 52.6 

where:  f 

= frequency  in  MHz 

D 

= diameter  in  feet 

G 

= gain  in  db 

4. 1.4 .3  Tabulation  of  Parameters 

The  following  tabulations  of  paramo**. s are  useful  in  understanding  the  effect  or 
contribution  of  each  parameter  in  tug  communication  link  considerations.  It  should  be 
understood  that  the  values  used  in  this  study  are  theoretical  or  estimates  in  some  cases  but 
should  serve  as  a good  starting  point  for  future  tug  studies. 

Figure  4-2  illustrates  in  generalized  terms  the  effect  antenna  type,  size,  and  frequency 
have  in  reducing  transmitter  power  required. 

Table  4-3  lists  typical  tug  antenna  configurations  and  the  net  gain  resulting  from  the 
combinations  with  various  ground  receiving  antennas. 

Table  4-4  lists  the  free  space  path  loss  for  the  several  anticipated  tug  communication 

links. 

Table  4-5  lists  typical  receiver  noise  figures  for  the  receivers  involved  in  the  tug 
communication  links. 

Table  4-6  lists  theoretical  receiver  noise  power  for  various  bandwidths.  A noise 
temperature  of  300°K  was  used  but  the  temperature  can  vary  from  30°K  to  3000°  K 
depending  on  the  direction  the  antenna  is  pointing.  The  temperature  used  for  antennas 
looking  at  the  earth  is  usually  290°K.  Together  the  receiver  noise  power  (sensitivity)  and 
the  receiver  noise  figure  determine  the  receiver  input  power  required. 

4. 1.4 .4  Results 

A unified  S-band  communications  link  was  chosen  as  the  prime  link  for  tug 
communications.  It  can  provide  the  required  bandwidth  and  signal-to-noise  ratios  and  is 
already  is  use  in  many  space  programs.  Its  current  use  means  usable  equipment  already 
exists,  and  second  generation  improvements  are  realizable  within  the  tug  development  cycle 
time. 

The  advantage  of  the  UHF  Unified  S-band  frequencies  (2. 1-2.3  GHz)  over  VHF  is  the 
increased  gain  attainable  with  reasonable-size  antennas  (2  to  4 feet  diameter)  and  the 
existence  of  ground  facilities  operating  at  S-band.  The  advantage  of  S-band  over  SHF 
Ku-band  (13-15  GHz)  is  the  considerably  lower  atmospheric  attenuation  at  S-band.  The 
requirements  for  and  the  implementation  of  a Ku-band  link  for  tug  to  DRSS  needs  further 
investigation. 
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FOR  GIVEN  LINK  DISTANCE 


Nominal  Link 
Frequency 

Tug  Antenna 

Communicating  Station  Antenna 

Net  Antenna 
Gain  or  Loss  (db) 

Type 

Size 

Gain 

(db) 

Name 

Type 

Size 

Gain 

(db) 

VHF  (136  MHz) 

Omni 

1 ft. 

-3 

Shuttle  or  Station 

Omni 

mm 

-3 

(-6) 

Omni 

1 ft. 

-3 

MSFN 

Multi- 

+15 

+12 

helix 

dia. 

Omni 

1 ft. 

-3 

DRSS 

Yagi 

5 ft. 

+16 

+13 

UHF  {2.2  MHz) 

Omni 

-3 

MSFN 

Parabola 

30  ft.  dia. 

+43 

+40 

Omni 

•3 

DSN 

Parabola 

85  ft. 

+53 

+50 

Omni 

-3 

DSN 

Parabola 

210  ft. 

+61 

+58 

Omni 

-3 

DRSS 

Parabola 

8 ft. 

+32.3 

+29.3 

Parabola 

2 ft.  dia. 

+20.3 

MSFN/DSN 

Parabola 

39785' 

43753' 

+B3.3/+73.3 

Parabola 

4 ft.  dia. 

+26.3 

MSFN/DSN 

Parabola 

30785' 

43753' 

+S9.3/+79.3 

Parabola 

8 ft.  dia. 

+32.3 

MSFN/DSN 

Parabola 

30785' 

43753' 

+75.3/+85.3 
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Table  4-4.  Path  Loss  for  Tug  Communication  Links 


Nominal  Link 

Link  Distance 

Path  Loss 

Mission  Use 

Frequency 

(NM-Max.) 

tdb) 

(Tug  Location  and  Contact) 

VHF  (136  MHz) 

100 

120.5 

Separation  and  Rendezvous  Communications 

with  Shuttle,  Station,  Tug,  or  EVA 

1,000 

140.5 

LEO  Communications  with  MSFN  or  AF  SGLS 

24,000 

163.1 

LEO  Communications  with  DRSS  or  TACSAT 

UHF  (2.2  GHz- 

100 

144.6 

Vehicle  to  Vehicle;  Tug  to  T ug.  Shuttle,  or  Station 

Unified  S-Band) 

1,000 

164.6 

LEO  Communications  with  MSFN  or  AF  SGLS 

24,000 

191.2 

LEO  Communications  with  DRSS  or  TACSAT 

Sync  Orbit  Communications  with  MSFN  or  AF  SGLS 

30,000 

194.1 

Planetary  Mission  Communications  with  MSFN 

210,000 

211.0 

Lunar  Missions  with  DSN  (Earth) 

SHF  (14  GHz) 

24,000 

210.2 

LEO  Communications  with  DRSS 

Table  4-5.  Typical  Receiver  Noise  Figures 


Link 

Receiver 

Noise  Figure 

VHF  (136  MHz) 

Tug/Shuttle,  Station 

10-12  db 

DRSS/TACSAT 

10-12  db 

MSFN/AF  SGLS 

8-10  db 

UHF  (2.2  GHz) 

Tug/Shuttle,  Station 

4-6  db 

DRSS/TACSAT 

4-6  db 

MSFN/AF  SGLS 

2-4  db 

SHF  (14.  GHz) 

Tug 

6-8  db 

TORS 

4-6  db 
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Table  4-6.  Receiver  Noise  Power 




Bandwidth 

Receiver 
Noise  Power 
(kTB);T  = 300°K 

50  KHz 
1.5  MHz 
5 MHz 
10  MHz 

-156.8  dbw 
-142.1  dbw 
-136.8  dbw 
-133.8  dbw 

The  example  power  budget  of  Table  4-7  shows  that  a 20  watt  onboard  tu»  transmits 

an -gTSSS  3 4 ft‘  dlan,eterantenna  on  the  tu§  (pointing  at  the ground'station)  am 

3ntenna  (tr3CkinS  ^ tUg)  ^ SUff'Cient  f°r  th' 

Twenty  watts  of  transmitted  power  is  easily  realizable  and  equipment  size  and  weiahi 

powefanH^  " ^ n°ted.that  only  a 3 db  ®ain  is  obtained  by  doubl^g  the  outpt 
LS  V metJ.0d.  of.lncreasing  performance  is  costly  in  terms  of  dollar  cost  onboard 

Pt°Wei! fdlssipatl0n-  ^ manipulation  of  antenna  size  and  frequency  is  a more 
practical  way  to  obtain  required  signal-to-noise  ratios. 

sS  sss  s as 

budget  for  the  VHF  tug-to-shuttle/space  station  100  nmi  link  was 

fnrCS?ted  3^e  Table^'8);  11  shows  that  a 2 watt  transmitter  on  the  tug  would  be  adequate 
for  this  application.  Omni  antennas  were  assumed  for  both  vehicles  The  role  that  VHF  is  tn 

analysis. ° baCk'UP  ^ thE  USB  and  C°™a"d  links  needsTurther  defLTtfon  Ld 


This  study  has  revealed  the  requirement  for  a low  power  VHF  command  receiver  fnr 
2°n  of  commands  during  the  storage  phase.  This  receiver  could  share  the  VHF  antenna 
system  used  by  the  /HF  transceiver  for  the  manned  missions. 

Other  link  margins  or  power  budgets  were  calculated  in  conjunction  with  this  studv 
but  are  not  included  here  for  brevity.  It  is  recognized  that  this  study  is  not  complete  but 

communTcatTonT5  * * ilIUStnite  the  faCt°rS  involved  in  the  c™=eptual  design  of  tag 

. . study  objective  was  to  configure  a tug  communications  layout  to  permit  engineering 

WSI8  , and  P0Wer  reqUiremFnts'  The  resuIts  are  summarized  in  F^ure  3-2 


H-16 


Table  4-7.  Unified  S-Band  Tug-to-Ground  Link  Calculations  (Sync  Orbit  Mission) 


Parameter 

Nominal  Value 

Tug  Transmitter  Power  (20w) 
Transmit  Line  Losses 
Tug  Antenna  Gain  (4'  Dish) 

Free  Space  Path  Loss 
Ground  Antenna  Gain  {85'  Dish) 
Receiver  Line  Losses 

+ 13.0  dbw 
- 2,5  db 

+ 26.3  db 
-191,2  db 
+ 53.0  db 
• 2.5  db 

Received  Carrier  Power 

- 103.9  dbw 

Receiver  Noise  Power  {t;TB) 
Receiver  Noise  Figure 

-136.8  dbw 
+ 2.0  db 

Required  Power  to  Receiver 

-134.8  dbw 

Signal-to-Noise  Ratio  (S/N) 
Required  S/N  for  TV  Transmission 

30,9  db 
30,0  db 

Signal  Margin 

+ 0.9  db 

Notes: 

Distance;  24,000  NM  (Sync  Orbit  Max  Distance) 
Frequency:  2.2  GHz  {Nominal  USB) 

Bandwidth:  5 MHz  (2.9  MHz  TV  plus  Down  Data) 

Table  4-8.  VHF  Tug-to-Shuttle*  Link  Calculations 


Parameter 


Nominal  Value 


-T-  — - r-  , „ 

3.0  dbw 

Transmit  Line  Lasses 

- 2.5  db 

Tug  Antenna  Gain  (Omni) 

- 3.0  db 

Free  Space  Path  Loss 

-120.5  db 

Shuttle  Antenna  Gain 

- 3.0  db 

Receiver  Line  Losses 

- 2.5  db 

Received  Carrier  Power 

-128.5  dbw 

Receiver  Noise  Power  (kTB) 

- 156.8  dbw 

Receiver  Noise  Figure 

12.0  db 
- 144.8  dbw 

Signal-to-Noise  Ratio  (S/N) 

16.3  db 

Required  S/N 

12.0  db 

Signs!  Margin 

+ 4.3  db 

Notes: 

•Shuttle,  Station,  or  Tug 
D stance:  100  NM 
Frequency:  136  MHz 
Bandwidth:  50  KHz 


4.2  SYSTEMS  DESCRIPTION 
4.2.1  General 


The  communication  elements  for  tug  have  been  configured  as  a result  of  this  study  to 
meet  the  anticipated  requirements  for  several  tug  missions.  This  K a conceptual  design  based 
for  the  most  part  on  existing  equipment  capabilities.  In  some  instances,  existing  equipment 
(such  as  Apollo  CSM  and  LM)  characteristics  were  used  as  guidelines  for  estimating  the  size, 
weight,  and  power  of  the  equipment  outlined  here.  As  mentioned  earlier,  this  preliminary 
system  configuration  was  necessary  in  order  that  the  overall  tug  astrionic  module  design 
could  take  place  and  be  meaningful. 

4.2.2  System  Configuration 

A composite  communications  functional  block  diagram  is  illustrated  in  Figure  3-2.  This 
block  diagram  shows  t!  *3  total  system  equipment  needed  for  communications.  The 
equipment  as  shown  is  actually  needed  for  only  the  low  earth  orbit  (LEO)  manned  mission 
which  is  followed  by  the  180  day  free  drift  storage.  The  other  missions  require  a lesser 
amount  of  equipment  as  shown  by  Table  3-2. 

The  functional  block  diagram  illustrates  the  flow  of  the  information  signals  and  the 
control  signals.  The  interface  between  the  communications  equipment  and  the  other 
subsystems  for  digital  signals  is  via  the  standard  interface  unit  (SIU)  and  data  bus.  Power  for 
communications  is  28  vdc  supplied  by  the  astrionic  module. 

The  equipment  shown  as  dotted  boxes  represents  equipment  which  would  not 
normally  be  located  in  the  astrionic  module.  It  is  also  conceivable  that  the  equipment  used 
only  for  manned  missions  could  be  located  in  the  crew  module. 

4.2.3  Equipment  Description 
4.2.3. 1 General 

A listing  of  tug  communications  equipment  characteristics  (size,  weight,  power,  heat 
dissipation)  together  with  equipment  usage  is  given  in  Table  3-2.  The  totals  are  given  for 
each  mission  for  each  characteristic  itemized. 

It  should  be  noted  that  only  four  different  equipment  configurations  resulted  from  this 
study.  These  differences  resulted  from  the  different  requirements  between  manned  and 
unmanned  vehicles  and  from  the  requirement  for  free  drift  orbital  storage  at  the  end  of 
some  missions.  The  manned  versions  require  extra  equipment  in  the  form  of  a VHF 
transceiver  for  backup  voice  communications  and  an  audio  subsystem.  The  storage  mode 
missions  require  additional  redundant  command  receivers  and  command  decoders. 


It  is  conceivable  that  a tug  may  be  reconfigured  for  a new  mission  while  docked  to  a 
shuttle  or  space  station.  The  “modular”  design  concept  for  tug  astrionics  would  preclude 
the  necessity  of  flying  excessive  capability  on  any  one  mission. 


4.2. 3. 2  Unified  S-Band  Equipment 


The  Unified  S-Band  (USB)  equipment  is  the  heart  of  the  communications  layout  since 
it  is  the  prime  link  between  the  tug  and  the  ground  stations. 

The  USB  link  was  chosen  because  of  the  anticipated  requirement  for  simultaneous 
downlink  TV,  PCM,  and  voice  (for  manned  missions).  The  USB  also  provides  the  uplink 
command  channel  and  transponder  for  tracking  and  ranging. 

The  equipment  consists  of  a transmitter,  a power  amplifier  (tentatively  identified  at  20 
W),  a receiver  with  preamplifier,  a transponder  for  turn-around  of  the  ranging  signal,  a 
premodulation  processor  providing  subcarriers  and  baseband  make-up,  and  the 
demodulators  for  the  uplink  signals.  The  power  amplifier  could  be  modular  with  high  and 
low  power  outputs  selectable  as  required. 

The  input  signals,  in  addition  to  controls  and  power,  are:  RF  input  to  receiver,  PCM 
down  data,  video,  and  audio  to  the  premodulation  processor. 

The  output  signals,  in  addition  to  the  mode  and  status  signals,  are:  RF  to  the  antenna 
system,  updata  (PCM)  to  the  command  decoder,  and  audio  to  the  audio  subsystem. 

The  estimated  characteristics  of  the  USB  equipment  are  listed  in  Table  3-2. 

4.2.3 .3  Unified  S-Band  Antenna  System 

The  S-Band  RF  signal  flow  (out)  is  from  the  transmitter  through  the  diplexer  to  an 
antenna  switch  which  permits  selection  of  the  omni  coverage  lo-gain  antennas  or  the 
directional  hi-gain  antenna.  The  omni  antennas  (4)  are  conventional  flush  mounted  types 
connected  through  a power  divider. 

The  hi-gain  antenna  has  tentatively  been  identified  as  a four-foot  diameter  parabola 
providing  a gain  of  approximately  26  db.  It  may  be  necessary  to  have  a gain  switching 
feature  (beam  width  changing)  for  this  antenna.  The  antenna  is  to  be  articulated  with 
provision  for  using  pointing  signals  developed  by  the  tug  data  processor  to  point  the  antenna 
toward  the  station  communicating  with  the  tug.  This  steerable  type  antenna  is  necessary  in 
order  not  to  place  attitude  constraints  on  the  tug  while  communicating  on  links  requiring 
the  use  of  the  hi-gain  antenna. 

4.2.3.4  VHF  Transceiver  Equipment 

A VHF  transceiver  will  be  required  as  a back-up  for  voice  and  low  data  rate 
transmissions  for  manned  missions.  The  VHF  link  will  be  the  prime  voice  link  between  the 
tug  and  the  shuttle,  station,  or  other  vehicles.  Its  omni  antennas  relieve  the  tug  of  any 
attitude  restrictions  while  docking,  maneuvering,  and  communicating  with  space  vehicles. 
The  omni  antennas  (2)  are  a blade  type  and  will  extend  a few  inches  out  from  the  skin 
surface  They  are  coupled  to  the  RF  cable  and  diplexer  through  a power  divider. 
Calculations  show  that  a 2 watt  transmitter  would  be  sufficient  for  100  nmi. 
vehide-to-v~hicle  communications. 


In  addition  to  the  voice  link,  the  VHF  transceiver  could  provide  a low  data  rate 

S?  a bandw^th  of  approximately  30  to  50  KHz.  Possible  carriers  are  in  the 
136-148  MHz  range. 

For  some  missions  there  may  be  a requiement  for  a VHF  range  and  range  rate 
transponder  to  be  compatible  with  shuttle  -and  space  station.  This  feature  can  be  provided 
by  the  VHF  equipment. 

The  EVA  communications  are  also  in  the  VHF  band  with  possible  frequency 
assignments  in  the  259  to  297  MHz  range. 

4.2.3. 5 Audio  Subsystem 


The  audio  subsystem  is  required  for  manned  missions  and  provides  the  line  drivers  and 
interface  conditioning  between  the  intercoms  (head  sets)  and  the  modulators/demodulators 
of  the  transmitter/receiver. 

. For  the  docked  mode,  a hardwire  interconnection  between  the  tug  and  the  other 
vehicle  has  been  anticipated. 

The  number  of  intercom  units  has  been  estimated  at  five:  3-crew  module,  1 -astrionic 
module,  and  1 - cargo  module. 

4.23.6  VHF  Command  Receiver 

The  VHF  command  receiver  is  required  as  a low  power  drain  device  to  receive 
commands  to  power-up  the  astrionic  module  and  bring  other  subsystems  on.  This 
requirement  results  from  the  1 80  day  free  drift  storage  mode. 

The  receiver  will  operate  in  the  136-148  MHz  band  and  is  a relatively  small,  light 
weight,  and  low  power  package  (see  characteristics.  Table  3-2).  It  utilizes  the  VHF  omni 
antennas  mentioned  in  Section  4.23.4. 


To  meet  reliability  requirements  it  is  anticipated  that  two  of  these  units  will  be 
provided  which  will  operate  at  separate  frequencies. 

4.23.7  Command  Decoder  Electronics 

The  purpose  of  the  command  decoder  electronics  is  to  perform  the  function  of  a 
sub-bit  decoder  and  to  interface  with  the  standard  interface  unit  (SIU)  to  put  the  uplink 
command  words  on  the  data  bus.  Whether  the  functions  of  message  validation,  parity 
checks,  etc.  are  performed  in  this  unit  will  depend  on  the  philosophy  of  the  total  data  bus 
design,  the  quantity  of  commands  to  be  processed,  and  the  data  rates. 

For  certain  commands  relating  exclusively  to  communications,  it  is  considered  that  the 
unit  will  perform  the  decoding,  verification,  and  command  driver  functions.  The  commands 
to  bring  the  astrionic  module  out  of  the  storage  mode  will  also  be  processed  by  the 
command  decoder  electronics.  Reliability  requirements  will  be  met  by  providing  redundant 
circuits  or  units  as  required. 


4.2.3 .8  TV  Equipment 


The  TV  equipment  is  treated  as  part  of  communications  even  though  it  will  probably 
be  located  in  the  crew  module,  carge  module,  or  both.  Commercial  grade  black  and  white 
TV  requiring  2.9  MHz  bandwidth  has  been  postulated.  (Color  will  require  a 4.2  MHz 
bandwidth.) 

The  camera  and  its  control  unit  will  be  space  qualified  items  capable  of  remote  control 
through  the  command  link.  The  control  unit  will  incorporate  all  the  normally  desired 
features  of  lens  and  filter  changes,  zoom,  and  complete  articulation.  : 

The  monitor  unit  is  provided  for  monitoring  the  onboard  camera  output.  It  is  treated 
as  part  of  the  display  and  monitor  equipment. 

4.2.3 .9  Communications  Controls 

The  controls  for  the  communications  equipment  for  the  manned  missions  will  be 
located  in  the  crew  module.  They  are  therefore  considered  as  part  of  the  display  and  control 
equipment.  The  exact  functions  which  will  require  crew  control  and  the  exact  method  of 
implementing  the  controls  have  not  yet  been  established. 

4.3  SYSTEM  CONSIDERATIONS 

4.3.1  Environment 

In  a study  of  this  nature  some  consideration  must  be  given  to  environmental  factors. 
With  the  exception  of  the  reusable  nuclear  shuttle  (RNS)  no  new  environmental  conditions 
have  been  identified  in  which  space  communications  equipment  has  not  already  been  proven 
reliable.  Meeting  the  RNS  environmental  conditions,  when  they  become  known,  is  not 
expected  to  be  a major  problem  for  the  communication  equipment. 

The  communications  equipment  outlined  in  this  study  will  operate  within  the 
temperature  range  of  -20°C  (-4°F)  to  +75°C  (+168°F)  and  this  could  be  extended  if 
required  by  additional  development  and  qualification  effort.  In  a storage  mode  a typical 
range  is  -40°C  to  +85°C. 

4.3.2  Reliability 

The  reliability  of  all  the  tug  communications  equipment  is  estimated  at  0.996  for  a 14 
day  mission.  This  figure  has  been  associated  with  the  Apollo  USB  equipment.  Considering 
possible  improvements  within  the  tug  development  time  frame,  it  is  expected  that  this  figure 
could  be  improved  even  for  longer  missions. 

A simplex  configuration  is  recommended  for  the  communications  equipment  with  the 
exception  of  the  command  receiver  and  command  decoder  primarily  required  for  the  180 
day  free  drift  storage  mode. 
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4.3.3  Onboard  Checkout 


The  communications  equipment  must  have  sufficient  test  and  monitor  points  built-in 
to  permit  automated  checkout  and  test  in  conjunction  with  an  onboard  checkout  function. 
The  function  should  isolate  faults  to  a replaceable  unit  for  ease  of  maintenance  and  quick 
tum-around  repair  by  replacement. 

4.3.4  New  Technology  Considerations 

Techniques  and  hardware  now  exist  for  meeting  the  anticipated  tug  communications 
requirements  as  evidenced  by  Apollo  CSM  and  LM,  Lunar  Orbiter,  Mariner  vehicle,  and 
synchronous  satellite  operation.  The  tug,  however,  should  employ  second  generation  USB 
equipment  to  take  advantage  of  expected  technology  advancements.  These  improvements 
will  be  evolutionary  in  nature.  Small  but  significant  improvements  in  transmitter  efficiency 
to  reduce  onboard  power  requirements,  in  electronic  circuit  packaging  to  reduce  size  and 
weight,  and  in  reliability  to  improve  operations  can  be  anticipated  in  the  1971  to  1974  time 
frame. 
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1.0  INTRODUCTION 


This  section  deals  with  packaging  schemes  for  housing,  supporting,  and  protecting  the 
equipment  in  the  astrionic  module  (AM).  Packaging  constraints  at  the  “blackbox”  level  are 
presented  as  well  as  the  mounting  of  boxes  to  panels,  mounting  of  panels  to  the  structure, 
structural  options,  and  interfacing  of  the  astrionic  module  with  other  tug  elements. 

Primary  emphasis  has  been  placed  on  determining  the  feasibility  of  locating  the 
necessary  complement  of  astrionic  equipment  in  the  physical  space  allotted.  Equipment 
panel  layouts  were  derived  and  methods  of  integration  of  panels  to  the  various  potential 
structural  concepts  were  investigated.  Prime  consideration  was  given  to  accessibility,  weight, 
and  modularity  of  design. 

Potential  astrionic  module  structural  options  were  investigated  relative  to  interface  and 
structural  loading  requirements.  Two  potential  schemes,  the  open  frame  and  shell  structural 
concepts,  are  presented  and  discussed  in  the  study. 

2.0  STUDY  GUIDELINES  AND  GROUNDRULES 

The  basic  concepts  developed  for  the  astrionic  module  structure  and  equipment 
packaging  and  layout  were  based  on  the  following  guidelines  and  groundrules: 

• The  astrionic  module  shall  be  of  modular  design  to  optimize  the  use  of  common 
equipment  and  concepts  across  the  spectrum  of  space  vehicle  element 
requirements. 

® The  astrionic  module  will  be  constructed  in  a basic  ring  configuration  which  is 
nominally  14  feet  in  diameter  with  height  to  be  optimized. 

• The  astrionic  module  will  be  configured  to  allow  maximum  accessibility  for 
remove-and-replace  maintenance  and  reconfiguration  operations  in  space. 

© A standard  physical  interface  for  astrionic  equipment  will  be  provided  to  simplify 
interchange  of  components. 

• The  space  tug  shall  be  compatible  with  the  earth  and  lunar  orbiting  space  stations, 
the  space  shuttle  and  the  reusable  nuclear  shuttle. 

• The  space  tug  shall  have  docking  devices  compatible  with  all  space  vehicle 
hardware  elements. 

• Personnel  safety  shall  be  maximized  during  maintenance  and  reconfiguration 
operations. 

9 The  tug  may  be  launched  either  in  a four  stage  Saturn  V configuration  or  in  the 
cargo  bay  of  the  space  shuttle.  In  either  case,  the  tug  will  be  subjected  only  to 
acceleration  loads  from  powered  flight  (i.e.,  no  aerodynamic  loading). 
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3.0  SUMMARY  OF  RESULTS 


® Using  present  “state-of-the-art”  biack  box  level  packaging,  all  of  the  astrionic 
SQhipineht,  including  expendables,  required  for  the  most  complex  tug  mission  can 
be  mounted  within  13.5-feet  diameter  by  4-feet  high  astrionic  module  envelope. 

• If  reliability  enhancement  techniques  dictate  extensive  black  box  level 
redundancy,  component  installation  design  is  impacted,  and  the  above  conclusion 
would  require  further  study. 

• In  most  cases,  mission  peculiar  (unique)  subsystems  or  equipment  can  be  located 
on  a single  panel  allowing  total  panel  modularity  of  installation  and  removal. 

@ Reconfiguration  of  tug  equipment  complement  via  extra-vehicular  activity  (EVA) 
in  space  is  feasible. 

® Two  structural  concepts,  shell  and  open  frame,  are  feasible  and  should  be 
evaluated  further  as  loads  become  better  defined  and  impact  on  interfacing 
structures  can  be  evaluated.  Several  variations  of  providing  adequate  accessibility 
are  available  with  each  concept. 

• AM  structural  weight  is  relatively  insensitive  to  tug  payload  weight,  indicating 
that  one  structural  design  for  all  tug  missions  appears  attractive. 

9 Micrometeoroid  protection  requirements  appear  to  be  the  most  significant 
environmental  factor  in  the  design  of  the  AM  structure. 

4.0  DETAILED  ANALYSIS 

4.1  COMPONENT  HOUSING  CONCEPT 

The^majority  of  the  astrionic  equipment  to  be  used  in  the  astrionic  module  will  be 
present  state-of-the-art”  in  function;  however,  the  application  of  the  equipment  to  the 
space  tug  mission  requirements  will  call  for  special  or  modified  packaging.  This  is  standard 
procedure  for  space  oriented  hardware  and  can  be  assumed  to  add  little  cost  over  other 
space  oriented  hardware  of  simiiar  functional  capabilities. 

To  satisfy  the  space  tug  mission  requirements,  the  components  (black  boxes)  will  have 
some  unique  characteristics.  The  prime  factors  used  for  guidelines  for  the  component 
housing  concept  are  - crew  safety,  EVA  time,  equipment  function,  and  cost.  The  concept 
recommended  is  one  of  packaging  the  required  equipment  in  the  optimum  number  of 
housings  possible  within  a maximum  size  which  is  constrained  by  physical  space,  handling 
and  maintenance  requirements.  This  concept  of  packaging  entire  functional  elements,  or 
subsystems,  in  as  few  housings  as  possible  enhances  the  ability  to  customize  the  astrionic 
module  for  each  particular  mission.  In  addition,  interconnections  and  system  weight  are 
reduced  to  a minimum. 

4.1.1  Shape 


The  shape  of  the  black  boxes  will  be  such  that  they  will  have  sufficiently  rounded 
corners  and  edges  to  prevent  puncture  or  tear  to  personnel  pressure  suits.  Boxes  will  have  a 
hinged  cover,  as  required,  capable  of  latching/unlatching  by  a gloved  hand.  Hinges  and 
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latches  will  be  capable  of  maintaining  a pressure  sealed  condition  when  the  covers  are 
closed.  These  hinged  covers  will  allow  access  to  the  lowest  replaceable  units  (LRU)  which 
can  be  at  a level  internal  to  the  boxes. 

Hardware  used  for  mounting  the  units  on  the  panels/structure  will  be  operable  by  the 
gloved  hand  with  minimum  tooling.  The  panel  contact  area  (back)  of  the  boxes  is  flat  and  of 
such  an  area  that  maximum  heat  transfer  exists  consistent  with  physical  layout  constraints. 

4.1.2  Size 

All  black  boxes  will  be  of  a formulated  width  and  height  and  will  have  mounting 
hardware  located  to  match  two  or  more  holes  in  the  component  mounting  panel.  This  will 
allow  installation  of  any  box  in  any  area  containing  sufficient  holes  for  mounting  without 
interference  with  adjacent  equipment  (see  Figure  4-1).  The  size  of  any  component  to  be 
handled  shall  not  exceed  20  x 25  x 40  inches  and  shall  have  a mass  moment  of  inertia  less 
than  or  equal  to  250  lb-in-secz. 

4. 1 .3  Handholds  and  Tether  Attach  Points 

Each  black  box  shall  have  at  least  one  handle,  compatible  with  the  gloved  hand, 
located  on  the  face  of  the  cover  so  as  to  enable  the  correct  positioning  of  the  unit  on  the 
mounting  panel.  In  addition  to  the  handle(s),  the  boxes  shall  have  a tether  attach  ring  or  eye 
recessed  in  the  cover. 

4.1.4  Electrical  Interface 

Each  component  unit  will  have  all  electrical  connectors  on  the  cover  recessed  below 
the  mean  surface  plane.  These  connectors  will  provide  interface  to  other  components,  the 
data  bus,  and  the  power  system,  as  required.  The  electrical  connectors  shall  be  a 
quick-disconnect  type  capable  of  operation  by  the  gloved  hand  without  the  use  of  tools. 
Connectors  will  be  keyed  to  avoid  potential  cross-connection  during  removal  and/or 
replacement  operations. 

4. 1 .5  Mechanical  Interface 

All  mechanical  pressure  and  fluid  connections  will  be  located  on  the  component  cover 
and  recessed  below  the  mean  surface  plane.  The  connectors  will  be  a quick-disconnect  type 
capable  of  operation  with  the  gloved  hand  without  the  use  of  tools.  Pressurized  components 
will  be  fitted  with  automatic  pressure  release  devices  actuated  by  disconnecting  the  pressure 
line. 

4.1 .6  Component  Marking 

All  component  units  shall  be  clearly  marked  for: 

* Component  identification  with  part  number,  part  name  and  weight 

• Location  in  astrionic  module  (panel  no./panel  location) 
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Figure  4-1 . Component  Mounting  Panel  (Conditioned) 
« Cable  connection  identification 
• Pressure  requirements 
® Warning  labels,  if  required 
9 Orientation 


4.2  COMPONENT  MOUNTING  PANELS 
4.2.1  Panel  Description 

To  fulfill  the  requirement  for  maximum  modularity,  the  component  mounting  panels 
shall  be  one  size  and  shall  be  interchangeable.  A preliminary  size  of  approximately  36  by  48 
inches  has  been ’chosen.  The  size  of  the  panels  may  be  reduced  with  the  reduction  in  size  of 
the  final  component  design  with  coincident  reduction  in  module  weight. 

The  panels  will  be  rectangular  in  shape  and  will  have  all  comers,  edges  and  protrusions 
rounded  sufficiently  to  allow  handling  in  space  without  puncturing  or  tearing  personnel 
pressure  suits. 

Two  types  of  panels  will  be  used:  conditioned  panels  for  components  requiring  thermal 
control  and  unconditioned  panels  for  equipment  containing  an  integral  thermal  control  or 
requiring  no  thermal  control.  Both  types  will  be  physically  interchangeable,  having  the  same 
mounting  holes  for  installation  to  the  structure  and  the  same  hole  patterns  for  attaching 
components. 

For  the  components  requiring  thermal  conditioning,  panels  with  fluid  passages  will  be 
used.  These  panels  will  have  a quick-disconnect  fitting  for  a plug-in  type  connection  with 
the  thermal  control  manifold.  The  coolant  fluid  will  be  contained  in  the  panels  at  all  times 
whether  in  use  or  in  storage  to  minimize  the  entry  of  air  or  voids  into  the  system  when 
changeout  occurs.  This  concept  also  reduces  the  requirement  to  refill  the  coolant  reservoirs. 

Components  having  no  need  for  thermal  control  or  having  internal  conditioning  will  be 
mounted  on  unconditioned  panels.  These  panels  will  be  lighter  in  weight  than  the  panels 
with  coolant  passages.  The  prime  advantage  offered  by  the  unconditioned  panels  is  cost 
saving  over  the  conditioned  panels. 

Each  panel  will  be  fitted  with  captive  quick-release  type  fasteners  used  to  mount  the 
panels  to  the  structure.  The  fasteners  shall  be  operable  by  the  gloved  hand  with  minimum 
tooling. 

All  panels  shall  have  identical  hole  patterns  for  the  mounting  of  components  (see 
Figure  4-1).  A hole  pattern  of  4 by  4 inches  over  the  panel  surfaces  is  a feasible  pattern  for 
attaching  the  components  by  means  of  latch  type  fasteners.  This  will  allow  a random 
placement/non-interference  installation  of  components.  The  optimum  hole  pattern  may  be 
determined  by  heat  transfer  capabilities  of  contact  areas  between  components  and  panels. 

Each  panel  will  have  the  capability  of  accepting  a detachable  handhold  to  be  used 
during  changeout  operations.  The  handhold  shall  attach  and  detach  with  the  gloved  hand 
and  with  minimum  tooling. 

All  panels  shall  be  clearly  marked  for: 

» Identification  by  part  number,  name  and  weight 

• Location  in  astrionic  module  (Panel  No.) 
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® Coolant  connection  inlet  and  outlet 
9 Warning  labels,  if  required 
« Orientation  (top) 

on  a mnniPioS  *he  T°duiar  concept’ is  usuaIly  feasifaIe  t0  related  components 
on  a panel  to  minimize  the  changeout  time  and  effort  for  reconfiguration.  For  example 

some  missions  will  not  require  complete  navigation  systems;  others  may  not  require 

SCheme'  or 

As  ^an  A‘I  t-h6r  mtTi0nS  W0U’d  reS“!t  ^SSo^of  eqidpmern&omthfa  Ly^ 
As  can  be  seen,  entire  subsystems  can  be  grouped  on  individual  panels.  All  necessary 
equipment  can  be  housed  m the  required  space  with  an  8-panel  configuration.  ^ 

4-2.2  Mounting  Pads,  Brackets  and  Hinges 

The  component  mounting  panels  will  be  attached  to  the  structure  by  means  of  pads 
pads  ^“  Permanently  fixed  on  the  skin  or  structural  frames.  In  addition  to  the 

J fS 5 °r*"n8fs  ra<JUIred  t0  mount  component  pa  ’is,  other  pads  and  brackets 
shall  be  fixed  to  the  structure  to  accommodate  the  mounting  of  components  directly  to  the 
skm  or  structural  frames  between  the  panels  or  on  the  external  surfaces.  All  pads  brackets 

ZimTcoZoS  the  Same  °aPtiVe-  fasteners  used  onfflSSS 

4.3  STRUCTURE 

4.3.1  Design  Requirements 

Tim  astrionic  module  structure  is  defined  totally  in  terms  of  the  satisfaction  of  system 
requirements,  rhese  requirements  define  the  functions  which  the  structure  must  perform 

condifinon:rindude:CO  nS  tldS  Perf0rmanCe  h £°  be  ««»'"^d.  Funcl^a™ 

® Loads  Environment 
* Equipment  Mounting 
® Accessibility 
® Environmental  Protection 
© Weight 
9 System  Growth 
9 Modular  Interface 
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4.3. 1.1  Loads  Environment 

Several  ground  rules  for  determining  preliminary  loads  for  the  astrionic  module  were 
formulated. 

® For  four  stage  Saturn  V applications,  the  astrionic  module  will  not  transmit  boost 
flight  loads  to  any  "payload”  except  for  space  tug  elements  above  the  module.  To 
ensure  investigating  the  worst  loading  case,  it  is  considered  possible  that  the  space 
tug  will  be  launched  either  nose-*sp  or  nose-down. 

® A series  of  launch  stack  loads  ranging  from  40,000  to  1 20,000  pounds  was  used 
to  develop  curves  for  structural  weight. 

« The  dynamic  load  factors  are  similar  to  those  of  the  Saturn  V.  The  peak  load 
factor  considered  is  5.9  g;  Saturn  V steady-state  load  factors  are  in  the  4.0  to  4.5 
g range.  In  this  preliminary  structural  investigation,  no  effort  has  been  directed  to 
a better  definition  of  the  peak  load  factor. 

9 The  ultimate  load  factor  used  for  this  study  was  set  at  8,  derived  from  1.4 
manned  rating  and  5.9  peak  dynamic  loads.  The  actual  factor  is  8.26  but  has  been 
rounded  off  for  the  study. 

© It  is  not  necessary  for  the  loads  into  and  out  of  the  astrionic  module  to  be 
uniformly  distributed.  The  module  has  a limited  depth,  and  in  most  cases  the 
adjacent  structure  has  more  depth  and  therefore  a more  efficient  means  of 
redistributing  concentrated  loads. 

© The  four  configurations  of  launch  attitude  and  support  methods  as  a four  stage 
Saturn  V configuration,  shown  in  Figure  4-4,  represent  "worst-case”  support 
conditions  for  the  tug.  Neglecting  the  weight  of  the  tug  and  using  propulsion 
module  and  payload  weights  as  shown  in  the  figure,  a "stack  load”  of  100,000 
pounds  is  defined. 

4.3. 1.2  Equipment  Mounting 

The  equipim.  * loads  on  the  astrionic  module  are  planned  to  be  transferred  to  fittings 
provided  on  the  structure.  These  fittings  are  attach  points  for  the  eight  equipment  panels. 
The  magnitude  of  the  loads  introduced  is  usually  small  enough  that  only  local  effects  need 
be  considered.  Dynamic  effects  will  require  a more  detailed  study  and  can  best  be 
accomplished  using  an  actual  configuration  with  actual  equipments. 

4.3. 1.3  Accessibility 

Accessibility  requirements  frequently  have  significant  impact  on  structural  design.  For 
example,  the  provision  for  a door  in  a structure  requires  considerable  reinforcement  around 
that  door  to  be  structurally  adequate  for  the  defined  load  environment.  Furthermore,  the 
creation  of  stress  concentrations  causes  problems  in  structural  fatigue  which  must  be 
addressed.  A diagram  of  the  astrionic  module  structure  with  large  cutouts  as  compared  to  a 
"baseline”  honeycomb  structure  is  shown  in  Figure  4-5. 


P.L.  = PAYLOAD  100,000  LBS 

A.M.  = ASTRIONIC  MODULE  (NEGLIGIBLE)  LBS 

P.M. « PROPULSION  MODULE  50,000  LBS 
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Figure  4-4.  Tug  Support  Methods 
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4.3. 1.4  Environmental  Protection 


ror1.  ®"™°nf:enta‘  considered  in  the  definition  of  the  structure  include:  (1)  natural 

radiation,  (2)  boost  flight  acceleration  loads  and  (3)  micrometeoroid  protection.  Since  the 
astnomc  module  will  not  carry  primary  flight  boost  vehicle  loads  (reference  1-1),  but  will  be 
earned  inside  a shroud  during  boost,  the  effect  of  item  (2)  above  is  minimized. 

Metamc  materials  are  not  adversely  affected  by  natural  radiation  expected  to  be 
encountered  in  space  operations  (references  1-2,  1-3,  1-4).  The  leading  candidates  for 
structural  materials  for  the  astnonic  module  are  metallic  and  are  considered  adequate  for 

this  environment.  A more  thorough  discussion  of  radiation  impact  on  the  astrionic  module 
is  round  m Appendix  P. 

^^™Cr°Tttt0r?id  • pi?te°tion  requirements  appear  to  be  the  most  significant 
nf  n n7?6'ntf  ftCt0^  m th.e  deSIg.n  of  the  astnonic  module  structure.  A total  skin  thickness 
ot  ^-^1.+inch.aluminum  m a 1_mch  sandwich  construction  is  required  to  provide  a 0.99 
probability  of  no  puncture  for  the  180-day  quiescent  mode  (reference  1-1  1-5).  This 
requirement  has  a profound  effect  on  structural  weight  as  shown  in  Figure  4-6. 

4.3. 1. 5 Weight 

HPQimf°wh  SVen*w  °f  s.tructurai.requirements  there  exists  a potential  minimum  weight 
thp  2 r^Fiha  weight  1S  realIy  required  is  a decision  that  must  be  made  as 

f ^ trad®  stu„dies-  0 'ne  of  the  prime  elements  is  cost-and  this  cost  must  include  a 

thin  JT  W°!^h  °I a payl°ad  mcrease*  ^ weight  budget  adopted  for  the  structure  will 
then  determine  the  degree  of  sophistication  of  the  resulting  structure.  In  general,  severe 
weight  limitations  on  the  structure  will  result  in  more  costly  designs. 

4.3. 1.6  System  Growth 

4,  oneofihe  Ieast  obvious  ^‘ors  affecting  the  structural  design.  Figure 

4-6  mdicates  that  the  required  structural  weight  is  relatively  insensitive  to  payload  weight 

thus  enhancing  the  view  toward  designing-in  system  growth  by  designing  for  the  most 
stringent  mission  requirement.  h 1 

4.3. 1.7  Modular  Interfact 


i*11®  jug,  structural  design,  wiI1  .be  made  compatible  with  the  design  of  a standard 
interface  docking  mechanism  that  will  be  common  to  all  space  elements.  Possible  docking 
mechanism  concepts  include:  b 


© Pressure  cooker”  locking  action-modules  are  mated  and  then  rotated  5 to  10 
degrees  to  insure  positive  locking 

© Magnetic  locking  action 


« Linear  actuators  with  locking  hooks 

« Apollo  type  probe-drogue  locking 

® Pip-pin  type  locking  (ball-in-groove) 


4.3.2  Design  Concepts 


4.3.2. 1 Shell  Structure 

Research  into  the  current  literature  on  aerospace  structures  (references  1-5  thru  1-9) 
indicates  that  honeycomb  sandwich  structures  offer  the  lightest  possible  structure  available 
using  cuiTent  technology.  The  basic  reason  for  this  is  that  panels  and  cylinders  loaded  in 
compression  may  approach  the  material  compressive  yield  stress-a  feat  not  possible  with 
any  other  design  teclmique. 

The  material  used  for  the  study  was  7178-T6  aluminum  alloy  face  sheets  and  5052 
aluminum  alloy  core.  These  alloys  were  chosen  as  representative  of  similar  alloys  of  ready 
availability.  * ^ 


Materials  technology  in  the  development  of  other  materials  for  use  in  honeycomb 
sandwich  construction  has  advanced  significantly  in  recent  years.  As  a result,  it  is  now 
technically  feasible,  and  in  many  cases  cost-effective,  to  use  as  basic  materials  various 


© Titanium 
® Beryllium 
ffl  Boron  Epoxy 
® Carbon  Epoxy 
« Nylon 
© Fiberglass 


The  baseline  shell  structure  chosen  for  this  study  is  considered  to  consist  of: 
® A basic  shell  of  aluminum  honeycomb  sandwich 
ffl  Upper  and  lower  interface  rings 

© Necessary  brackets  and  fittings  for  equipment  panel  mounting 

® Mating  mechanism  at  the  upper  and  lower  interface  rings 


No  allowance  is  made  in  the  baseline  structure  for  micrometeoroid  protection  The 
following  table  is  the  weight  breakdown  for  a “stack  load”  of  80,000  pounds: 


Element 

Weight  (lbs) 

Face  Sheets  (0.010”) 

48.8 

Core  (3.1#) 

43.9 

Upper  Ring 

19.7 

Lower  Ring 

19.7 

Brackets,  Attachments 

40.0 

Mating  Mechanism 

40.0 

212.1 
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To  provide  adequate  micrometeoroid  protection,  a face  sheet  thickness  of  0.039  inches 
is  required  (reference  1-1),  and  the  total  weight  increases  from  212  pounds  to  355  pounds 
(see  Figure  4-6). 

I 

The  baseline  structure  weight  was  calculated  for  40,000,  80,000  and  120,000  pound 
stack  weights.  These  values  define  a curve  of  structural  weight  versus  “stack  load.” 

4.3. 2. 2 Open  Frame  Structure 

This  structure,  shown  in  Figure  4-5,  consists  of  eight  columns  configured  to  allow 
48-inch  wide  panels  to  fit  between  adjacent  columns.  The  configuration  features  upper  and 
lower  interface  rings  and  a 6-inch  deep  band  of  honeycomb  sandwich  at  the  upper  and  lower 
interfaces  to  connect  the  eight  columns  together  and  provide  a nominal  torsional  rigidity  to 
the  structure. 

The  main  load-carrying  element  of  the  column  is  about  13  inches  wide  and  runs  the 
full  depth  of  the  module  (48  inches).  This  element  was  designed  as  a stiffened-skin 
structure,  an  integrally  machined  panel  structure,  and  as  a honeycomb  sandwich  structure. 

The  side  panels  of  each  column  are  used  as  structure  for  the  attachment  of  the 
mounting  panels.  The  open  design  feature  in  this  concept  allows  the  options  of  either  or 
both  side  component  mounting  or  even  hinging  a panel  for  swing-out  access. 

The  basic  structure  weights  for  these  configurations  are  shown  in  Figure  4-6. 

A brief  discussion  of  the  characteristics  of  the  main  load-carrying  element  (column) 
follows: 

4.3. 2.2.1  Stiffened  Skin  Construction.  This  configuration,  View  A in  Figure  4-5,  was 
designed  as  an  element  of  a skin:  one  tee  and  two  corner  angles  to  join  the  side  panels  to  the 
column.  A total  of  70  cross  sections  were  investigated,  and  the  least  weight  cross  sections 
for  40,000,  80,000,  and  120,000  pound  stack  weights  were  chosen.  The  cross  section  for 
80,000  pound  stack  weight  is  presented  below: 


4.3 .2.2.2  Integrally-Machined  Stiffened  Skin.  This  configuration,  View  B in  Figure  4-5,  is 
fabricated  by  machining  a solid  piece  of  material  or  an  extruded  shape  to  the  required  cross 
section.  The  following  cross  section  is  designed  for  a stack  load  of  80,000  pounds  and 
represents  a minimum  weight  cross  sectioVi. 


n 
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43.2.2.3  Honeycomb  Sandwich.  This  configuration.  View  C in  Figure  4-5,  is  of  standard 
construction.  Edge  members  are  not  shown.  The  weight  breakdown  for  this  configuration  is 
that  shown  in  Section  4.3. 2.1. 

43.2.3  Comparison  of  Shell  and  Open  Frame  Configurations 

4.3.23.1  Shell. 

Advantages: 

© Least  weight  configuration 
© Best  stress  distribution 

© Micrometeoriod  protection  inherent  in  basic  structure 
© Thermal  and  environmental  protection  in  basic  structure 

Disadvantages: 

© Accessibility  limited  by  basic  configuration 
© Local  reinforcement  required  for  every  load  concentration  point 

4.3.23.2  Open  Frame. 

Advantages: 

® Maximum  accessibility  to  components 
© Maximum  flexibility  of  panel  mounting  schemes 

Disadvantages: 

® Less  efficient  structurally 
® Heavier  weight  than  shell 

© Requires  additional  means  of  micrometeoroid  protection 

• Requires  additional  means  of  thermal  and  environmental  protection 


4.4  MODULE  ASSEMBLY 
4.4.1  Access 


Figures  4-7  and  4-8  show  the  general  layout  of  the  assembled  module  for  the  shell 
structure  and  open  frame  structure,  respectively. 

As  can  be  seen  in  Figure  4-7,  access  to  the  components  for  maintenance  operations  for 
the  shell  structure  would  be  through  a hinged  access  opening  which  also  serves  as  a part  of 
the  extract/retract  mechanism  for  the  high-gain  antenna  and  landing  radar.  Equipment  and 
the  radiators  are  mounted  to  the  interior  and  exterior  of  the  shell,  respectively,  by  mounting 
pads.  Fluid  lings  and  cabling  are  routed  through  brackets  attached  to  the  structure  above 
and  below  the  panels.  For  these  operations,  internal  lighting  would  be  required.  In  the  event 
of  major  AM  reconfiguration,  the  AM  could  be  destaged  from  the  forward  module  to 
provide  increased  accessibility. 

The  radiator  and  louvers  are  not  shown  in  the  overall  view  of  Figure  4-7  for  clarity; 
however,  they  are  depicted  in  the  sectional  view. 

Figure  4-8  shows  the  accessibility  advantage  of  the  open  frame  structural  concept. 
Access  to  the  components  is  from  the  outside  through  individual  radiator  doors  hinged  from 
the  vertical  columns.  The  component  mounting  panels  are  mounted  to  clips  located  on  the 
inboard  edge  of  the  triangular  vertical  columns.  Figures  4-9  thru  4-13  show  several  alternate 
component  mounting  and  access  methods. 

Figure  4-9  shows  the  expansion  capability  of  the  open  frame  structural  concept  to 
accept  additional  equipment.  By  omitting  one  panel,  the  unit  may  be  entered  through  the 
radiator/door,  and  components  may  be  mounted  on  the  internal  surfaces  of  the  seven 
remaining  panels.  Inside  access  could  also  be  obtained  by  removing  the  module  immediately 
forward  of  the  astrionic  module  (i.e.,  crew  or  cargo  module). 

Figure  4-10  shows  the  capability  of  using  both  sides  of  the  mounting  panels  by  hinging 
the  panel  in  two  places.  This  provides  external  or  internal  access  to  both  sides  of  the  panels 
as  well  as  doubling  the  available  surface  area  for  mounting  equipment. 

Figure  4-1 1 . shows  the  cover  plate/radiators  and  the  component  mounting  panels 
mounted  in  a sliding  bracket.  Access  is  attained  by  pulling  the  cover  plate/radiators 
outboard  and  exposing  both  sides  of  the  component  panels.  A folding  seat/platform  may  be 
used  to  hold  the  crew  member  in  position  while  working. 

Figure  4-1 2 shows  the  expansion  capability  of  the  shell  structure  to  accept  additional 
equipment.  Hinged  brackets  holding  the  panels  inboard  will  allow  component  mounting  on 
both  sides. 

Figure  4-13  shows  the  possibility  of  access  to  ail  components  by  opening  two  clamshell 
doors.  This  concept  requires  a smaller  structural  ring.  Expansion  is  limited  to  added  height. 
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Figure  4-9.  Open  Frame  Structural  Option  Alternate  Access 


965-124 


In  summary,  there  are  raai0  icasible  concepts  of  mounting  the  component  panels  to 
the  basic  open  frame  structure.  Selection  of  the  optimum  design  should  be  made  in 
follow-on  studies  when  accessibility  needs  are  better  defined.  It  was  shown  that  a single 
concept  can  be  devised  which  would  allow  either  internal  or  external  access,  if  necessary. 

4.4.2  Antennas 

Antennas  for  the  USB  and  VHF  systems  shall  be  hard-mounted  to  the  external  skin  or 
trame . 

The  high-gain  antenna  and  the  landing  radar  antenna,  when  required,  shall  be  mounted 
on  swing  ann  type  frames  and  will  be  stored  inboard  during  the  powered  down  phases. 
Upon  the  signal  to  activate,  these  antennas  will  swing  out  to  operating  position  and  gimbal, 
3S  rcoiiiied. 

4.4.3  Viewports 

...  trackij?g  devices  require  viewports  to  the  outside  of  the  structure.  These  ports 

wUi  be  held  to  a minimum  size  to  maintain  structural  adequacy.  Micrometeoroid  protection 

rovidecT  dSVICeS  mUSt  either  be  self'contained  or  a retractable  micrometeoroid  cover 
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Figure  4-10.  Maximum  Accessibility  Open  Frame  Structure 
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1.0  INTRODUCTION 


This  study  is  directed  toward  defining  the  thermal  control  problem  and  identifying 
candidate  therms  control  concepts  for  the  space  tug  astrionic  module  application.  The 
investigation  first  discusses  the  projected  space  tug  missions  and  categorizes  them  according 
to  common  phases  of  thermal  environment.  Passive  thermal  control  techniques  are  then 
considered  in  an  attempt  to  define  a passive  system  for  maintaining  temperature  control  in 
these  environments  during  the  extended  dormant  (storage)  mission  phases.  Active 

conditioning  techniques  are  investigated  for  those  phases  of  the  mission  requiring  additional 
thermal  control  capability. 


The  system  recommended  as  a result  of  this  brief  investigation  combines  passive  and 
active  conditioning  methods  and  is  flexible  toward  the  multi-mission,  reusable  system  role 
or  the  space  tug  vehicle. 


2-°  STUDY  GUIDELINES  AND  GROUNDRULES 


Overall  guidelines,  groundrules  and  assumptions  for  the  space  tug  study  are  discussed  in 
previous  appendices  of  this  report.  Details  and/or  additions  which  particularly  influence  the 
thermal  control  study  are  presented  in  this  section: 


© Thermal  control  will  be  provided  for  only  the  astrionic  module 

o The  astrionic  module  will  be  nominally  13!/2  feet  in  diameter  and  height  will  be 
optimized 

9 The  astrionic  module  will  be  packaged  to  allow  a remave-and-replace  maintenance 
and  reconfiguration  concept  in  space 

• Tlle  !u8  shaI1  fae  ^usable  by  refueling,  replacement  of  consumables  and  minimum 
refurbishment 

e External  power  and  environmental  conditioning  may  be  provided  to  the  space  tug 
astrionic  module  by  a space  element  when  the  tug  is  docked  with  the  element 

® The  space  tug  shall  be  compatible  with  the  earth  and  lunar  orbit  space  stations 
tlie  space  shuttle  and  the  reusable  nuclear  shuttle 

® Tlj?.  *Pace  tu8  will  be  delivered  to  orbit  by  a space  shuttle  or  Saturn  derivative 

vphii’lp 


pie  space  tug  shall  be  capable  of  maintaining  a quiescent  status  for  up  to  180 
days  in  earth  or  lunar  orbit  when  docked  to  other  vehicles  or  free  flying. 

The  low  earth  orbit  is  defined  as  between  100  and  280  nautical  miles  altitude 
with  a range  of  inclination  of  28.5°  to  55°. 


f„r  • c?ndltl0flmS  ,s  required  to  maintain  an  acceptable  temperature  environment 

* e astnomc  equipment.  Primary  factors  in  achieving  this  end  are  the  allowable 
temperature  range  of  the  equipment,  the  electronic  heat  to  be  dissipated  and  the  thermal 
“ whlch  the  equipment  must  operate.  The  former  two  are  dependent  upon  the 
asfriont' .c°“po"ents  comprising  the  astrionic  system.  Based  on  the  identified 
d^nop  ^ a.n(*  component  type  characteristics,  allowable  temperature  limits  of 

*****  inactive  penods  and  45-1 00°F  for  active  periods  appears  reasonable.  Maximum 
component  power  dissipation  was  determined  to  be  on  the  order  of  1000  watts  for  all 

Sowatt* fonpia^ntl0f\3°°, "5?  T°Ung  CapabiHty  bs  re£luired  for  conditioning  the  two 

jolowatt  fuel  ceU  of  the  electrical  power  system.  Preliminary  duty  cycle  estimates  indicate 

that  the  continuous  (average)  level  of  power  dissipation  is  sufficiently  close  to  the  maximum 
level  that  the  latter  may  be  used  in  determining  total  requirements  for  the  active  mission 
duration.  Thus,  the  thermal  control  system  will  be  sized  to  accommodate  1.3  kilowatts  of 
electronic  power  dissipation. 

The  thermal  environment  is  unique  for  each  vehicle  mission,  as  it  is  dependent  on  flight 
path  and  vehicle  attitude,  and  aiso  varies  with  time  of  year  and  day  of  vehicle  launch.  Shme 
ZLi1  conditions  are  not  known  at  this  phase  of  the  investigation,  worst  case 
thermal  environments  were  assumed  in  thermal  control  considerations. 

® Cold  Case  - Minimum  heating  conditions  occur  for  module  with  no  exposure  to 
solar  radiation  or  for  vehicle  in  maximum  shadow  orbit 

® Hot  Case  - Maximum  heating  conditions  occur  for  module  continuously  exposed 
to  solar  radiation  or  for  vehicle  in  minimum  shadow  orbit. 

from  th£  aS“  m°dU,e  iS  C°mpletely  iS0lated’  thermalIy> 

T1?e  m!ssion  description  for  the  space  tug  vehicle  reveals,  as  regards  the  external 
thermal  environment,  that  the  broad  spectrum  of  missions  can  be  categorized  (with  only 
one  exception)  to  include  essentially  three  common  mission  phases: 

* L?Jf  Earth  0rbit  <LE?>  ~ Each  mission  begins  v/ith  the  space  tug  vehicle  linked 
with  a space  element  in  low  earth  orbit.  Orbit  parameters  are  variable  and  include 
inclinations  between  28.5  and  55°  and  altitudes  from  100  to  280  nautical  miles. 
Astnomc  systems  are  powered  up  to  begin  the  vehicle  mission.  This  initial  phase 
langes  up  to  5 hours  in  duration  (with  systems  powered  up). 

• ^nsfer  Phase  - The  vehicle  initiates  a transfer  trajectory  toward  a specific 
objective  including  synchronous  orbit,  translunar  and  deep  space  coast.  This 
mission  phase  ranges  up  to  57  hours  active  system  duration. 


Low  Earth  Orbit  - The  vehicle  returns  to  low  earth  orbit  and  goes  into  a storage 
mode  prior  to  refurbishment  for  the  next  mission.  This  storage  mode  may  be 
either  docked  with  another  space  element  or  free-flying  and  last  up  to  180  days, 
the  orbit  parameters  may  or  may  not  be  identical  to  its  initial  orbit  phase. 


The  only  exception  to  the  above  generalization  occurs  in  the  case  of  the  lunar  mission. 
Missions  which  include  a lun£r  orbit  or  lunar  surface  operation  are  distinctly  different  from 
all  other  missions  and  present  unique  thermal  environment  problems,  the  technical  depth  of 
which  put  them  beyond  the  time  scope  of  this  study.  (A  brief  discussion  of  some  of  the 
thermal  aspects  of  the  lunar  missions  is  given  in  Section  4.4.) 

r- 

All  remaining  thermal  control  considerations  will  be  directed  toward  satisfying  the 
thermal  environment  described  by  the  above  paragraphs. 

3.0  SUMMARY  OF  RESULTS 

The  preliminary  analyses  of  this  investigation  indicate  that  thermal  conditioning  of  the 
space  tug  astrionic  module  can  be  achieved  with  present  state-of-the-art  techniques  while 
maintaining  flexibility  toward  the  multi-mission  role. 

The  extended  duration  of  the  dormant  (storage)  mission  phase  suggests  that  passive 
type  thermal  control  methods  be  utilized.  The  additional  capability  required  during  the 
active  mission  phases  demands  an  active  thermal  control  system. 

e Passive  control  is  possible  through  a high  degree  of  thermal  isolation  between  the 
vehicle  internal  compartment  and  the  external  environment.  This  is  achieved  in 
the  recommended  system  by  locating  all  major  astrionic  components  on  an  inner 
structure  which  is  surrounded  on  the  outboard  side  by  an  outer  shell.  Highly 
effective  multi-foil  insulation  and  the  use  of  low  conductive  structural  materials 
between  the  two  elements  provide  the  necessary  isolation.  Thermal  control 
coatings  on  the  outer  shell  provide  the  necessary  interface  with  the  external 
radiation  environment. 

o Active  control  is  achieved  through  a circulating  fluid,  closed  loop  system.  The 
electronic  packages  which  require  cooling  are  mounted  on  coldplates  which  are 
located  on  the  inner  structural  element.  The  primary  trade  item  was  the  type  of 
heat  sink  device  to  be  employed.  The  prime  candidates  were  expendable  fluid 
heat  rejection  systems  and  space  radiators,  which  require  no  expendables.  The 
radiator  proved  to  be  the  optimum  choice  for  the  spectrum  of  space  tug  missions. 
Radiator  size  requirements  suggest  that  the  radiators  form  the  outer  shell  of  the 
astrionic  module.  To  integrate  the  active  and  passive  systems  through  this 
common  link,  the  use  of  temperature  driven  mechanical  louvers  is  necessary  to 
cover  the  radiator  surface  and  provide  the  proper  surface  area/optical  property 
control.  Thus  the  “passive  system”  described  in  the  above  paragraph  is  more 
accurately  termed  semi-passive. 

The  thermal  control  concept  recommended  as  a result  of  this  study  is  the  same  for  all 
projected  missions,  with  the  exception  of  the  lunar  missions,  and  is  depicted  in  Figures  4-1 
and  4-2.  As  described  in  previous  paragraphs  (Section  2.0  above),  the  requirements  of  the 
lunar  missions  were  not  considered  in  the  selection  of  the  recommended  system. 
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4.0  DETAILED  ANALYSIS 

The  space  tug  mission  description  reveals  that  the  greatest  portion  of  the  space  tue 
miss, on  ,s  spent  m the  quiescent  or  dormant  phase  in  which  a preL^nant  potion  of 

exS4(Sp  1^180  da v*?erhP0Wered  d°Jn-°r  US6d  °nIy  infrequently.  As  this  period  is 
hnnr^  p ‘ 8?  d.af } when  compared  ™th  the  active  portion  of  the  mission  (up  to  60 

hours)  the  approach  taken  in  the  analysis  was  to  first  consider  the  dormant  period then 
expanding  and/or  refining  the  concepts  to  include  the  entire  mission  spectrum^  The  lunar 
missions  are  distinctly  different  from  the  other  tug  missions  and  will  bSdS  in  Section 
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Figure  4-1 . Passive  Thermal  Control  Structure 
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4.1  DORMANT/QUIESCENT  MISSION  PHASE  (EARTH  ORBIT) 

f the  tdTant  miSsWn  Phase  diCtates  that  prime  emphasis  be  placed  on 
S’6  type  the™al  °°ntro1  concepts.  Assuming  a general  astrionic  module  structural 
thelnne  4 t"  as  shov™  ,m  FlS”e  4-1  with  the  electronic  components  located  on  or  within 
stfrapture>  tlus,  becomes  largely  a problem  of  determining  the  required  optiS 
fwnP  v h°f- if®  Skm  and  defininS  the  thermal  link  between  components  and  outer 
Smhfor  th1 th-  Compo.nents  wiI!  remain  allowable  temperature  limits. 

veS  attitudrn‘^,ir°  US1?g  passlve  techniques  such  as  this  require  exact  knowledge  of 
„n.  ®“  attitude.pc.rticulariy  relative  to  solar  radiation.  Presently  this  is  not  defined  and  it  is 

f°  dete™ne  exact  surface  requirements.  However,  it  is  beneficial  to  consider 
"approach™1  Wt  C3Se”  C°nditi0nS  3nd  355658  the  °veiaJi  feasibmty  of  * "pale 

as  fol^smaXlmUm  1Uld  minimum  low  earth  orhit  heating  conditions  for  the  vehicle  occur 

* ,Vehicie  Heating  - 280  n.m„  55°  inclination  orbit  with  the  vehicle 

continuously  exposed  to  the  sun 

® “s^haJowf6  ' 1 00  n’m-  28  50  inclination  orbit  (maximum  time  in 

With  the  aid  of  a computer  program  developed  to  study  the  thermal  environment  and 
S"e.°f  “f  apa“  vehicles  (Reference  J-l)  the  incid™t ^ h“ds  were 

44  to  thf  IhovTm  h/  a 0rlented  VehiCle-  11115  results  are  shown  in  4-3  and 
*bc™e  ma!Jimufm  and  minimum  heating  cases,  respectively.  Total  incident  heat 

solar  + albedo  + earth  infrared,  is  shown  as  a function  of  time  (position  in  orbit)  for  the 

17Sd' bS/Wf»2e  °CHtl0onS'  ^VTag,e  2a‘UeS  0V6r  the  t0tai  Vehicle  surtace  are  approximately 
175  btu/hr/it2  and  90  btu/hr/ft2  for  the  maximum  and  minimum  heating  cases 

respectively.  Using  the  average  incident  heat  with  the  simplification  that  the  outer  shell’ 

components  ’rot Toon “the"*  :the-S^“  and  al!owable  range  equivalent  to  that  of  the 

components  (0-130°F),  the  required  optical  property  ratio(crs/e)  was  determined  bv  an 

energy  balance.  Tbe  results  presented  in  Figure  4-5,  show  that  to  satis" Maximum 

heating  case  as/e  <1.2;  similarly  the  cold  case  demands  as/e  >0.8.  Thus  a thermal  control 

coating  with  a solar  absorptivity/emissivity  ratio  between  0.8  and  1.2  would  be  sufficient  to 

pa.f've  .t^nperature  control.  Tliese  values  are  well  within  the  range  of  tha° 
attainable  with  existing  coatings.  B 

The  assumption  of  constant  temperature  and  incident  heat  around  the  vehicle  is 
f0-af(SU?lng  " rotation  such  that  a”  even  temperature  is  maintained.  While 
incnibf  S uTtly  trve’  th,s  ls  sufficient  for  a first  approximation.  The  utilization  of  super 

th^effprt  °“ter.sheU  and  the  internal  compartment,  in  addition  to  dampening 

the  effect  of  the  highly  transient  orbital  thermal  environment,  significantly  increases  lateral 
conduction  around  the  vehicle  outer  shell.  It  should  be  noted  that  the  above 
independent  of  the  total  mission  time  in  the  dormant  (orbit)  phase. 
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Some  orbital  heating  conditions  are  possible  in  which  the  range  of  the  thermal 
environment  is  such  that  no  one  set  of  optical  properties  on  the  outer  skin  will  suffice  for 
both  maximum  and  minimum  extremes.  (This  is  not  the  case  for  missions  considered  in  this 
study;  however,  it  probably  will  exist  for  the  lunar  missions  to  be  studied  later.)  In  the  hot 
case,  a low  as/e  ratio  is  desired;  in  the  cold  case,  the  opposite  is  true.  Under  such  conditions 
the  only  way  to  maintain  completely  passive  thermal  control  is  to  impose  a constraint  on 
vehicle  attitude.  In  this  manner,  the  thermal  environment  range  to  which  the  vehicle  is 
exposed  k essentially  narrowed  (controlled)  such  that  one  set  of  optical  properties  will 
suffice  This  however,  may  not  be  a feasible  approach  for  the  space  tug  mission,  particularly 
m light  of  the  long  duration  of  the  dormant  mission  phase.  In  this  case,  an  alternate  method 
ot  maintaining  dormant  phase  temperature  control  with  other  than  an  active  system  is  t0 
employ  a technique  such  as  that  shown  in  Figure  4-6.  This  system,  referred  to  as 
seim-passwe,  controls  the  radiation  heat  exchange  by  providing  two  surfaces  with  different 
optical  properties  and  varying  the  percent  area  of  exposure  of  the  two  surfaces  via  a system 
of  louvers  The  position  of  the  louvers  is  controlled  by  means  of  temperature  sensitive 
bi-metaHic  thermal  actuators.  In  this  manner,  the  optical  properties  are  effectively  changed 
with  the  varying  thermal  environment.  Systems  of  this  type  have  been  used  or  proposed  on 
a number  of  space  vehicles  including  Mariner,  OGO,  Pioneer,  Pegasus  and  Voyager. 

Figure  4-7  illustrates  a typical  case  of  the  effect  that  louvers  would  have  on  surface 
temperatures.  The  temperature  profiles  shown  are  for  measurement  point  “A”  in  Figure  44. 
Ihe  solid  line  represents  the  temperature  of  a surface  with  fixed  optical  properties,  and  the 
dashed  line  represents  the  temperature  of  this  surface  with  two  sets  of  optical  properties 
louver  system).  As  shown,  peak  temperatures  are  significantly  less  with  the  louvers.  The 
dampening  effect  could  also  be  achieved  on  the  minimum  temperatures  by  using  a higher 
ors/e  value  ror  the  louver  system  (e. g.,as/e=  0.9/0.75  = 1 .2  instead  of  0.9/0.9  = 1 .0). 

exrhan  Jh1 LS*  T para,graphs  that  0116  of  the  Prime  candidates  for  the  heat 

exchange  device  for  active  thermal  control  is  a space  radiator.  The  effectiveness  of  such  a 

device  is  strongly  dependent  upon  the  absorptivity/emissivity  ratio  of  its  radiating  surface  A 
low  a high  e combination  is  naturally  desired  to  minimize  the  effect  of  incident  thermal 
“2  nfxlmize  the  ?mmed  energy.  That  such  a device  (low  asfe ) is  incompatible 
pr°Pfrty  va,u?s  determined  ^ove  (0.8<  oLs/e  <1.2)  for  the  passive  system 
can  be  offset  by  employing  a louver  system  such  as  that  shown  in  Figure  4-6.  In  this  figure 
the  low  ccs/e  surface  would  constitute  the  externa!  surface  of  the  space  radiator. 

The  conclusions  to  be  drawn  at  this  point  are  that  while  exact  vehicle  attitudes  are  not 
nxed  a first  approximation  using  existing  mission  parameters  and  known  worst  case 
conditions  of  inclination  and  attitude  indicates  that  passive  thermal  control  is  feasible  for 
e dormant/quiescent  mission  phases.  However,  to  properly  integrate  with  the  active 
tnermal  control  concept  will  require  the  use  of  semi-passive  techniques  (louvers). 

4.2  ACTIVE  MISSION  PHASE 

sn  the  active  phases  of  the  mission,  two  additional  parameters  enter  into  the  thermal 
control  problem: 

® Component  temperature  requirements  are  generally  more  stringent  in  the  active 
phase. 


© The  components  dissipate  electrical  power  in  the  form  of  waste  heat. 
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Tn  J!!CSU  PmT''l!lL’rSl  ;,rc  pllysic;llly  0l’l’osul1  ;ll,d  tlietatc  a firm  requirement  for  cooling 
To  cool  passively  would  require,  at  a minimum,  an  intimate  thermal  link  with  the  external 
environment.  However.  order  to  maintain  a passive  type  svstem  for  the  long  tern 
dormant  mission  phase,  the  design  evolved  thus  far  in  this  study  has  resulted  in  a tystem 

X'r  fhurn,!llly  !solati;d  tronl  thtf  external  environment.  Thus  while  passive  techniques 
are  sufficient  to  mamhitn  the  astriomc  eomponents  within  allowable  temperature  leve?s  in 

m Fr,h  & f 1 10  ™;fun\sud'  is  not  tlle  wl>cn  the  eomponents  are  powered 
up.  For  tile  active  phases  ot  the  mission,  active  thermal  control  is  required  to  supplement 

d 7A  hX’  r'™  !• 1 m'f.prrd“  tl,C  addilioaaI  capability  required  for  these  periods.  Figure 
4-7  A null  cutes  tins  graphically  { Reference  J -3  >.  ^ 


Teel  of  Louvers  on  Temperature  ol  Typical  Surface 
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The  opiinmm  thermal  design  for  the  astrionie  module  application  is  to  employ  a closed 
loop  fluid  circulation  system  such  as  that  shown  schematically  in  Figure  4-8.  The  electronic 
packages  are  mounted  on  thermal  conditioning  panels  (coldplates)  through  which  the 
coolant  fluid  circulates.  Heat  is  transferred  to  the  fluid  by  conduction  and  convection  The 
fluid  then  rejects  the  heat  from  the  system  at  a central  heat  sink.  Closed  loop  systems  such 
as  this  are  highly  flexible  with  varying  mission  requirements  and  provide  control  with 
relatively  narrow  temperature  control  bands.  The  heat  sink  selected  for  use  on  a particular 
system  is  dependent  on  a number  of  factors  including  the  amount  of  heat  to  be  dissipated, 
degree  of  temperature  control  required  and  operating  life  as  well  as  weight,  cost  and 
reliability.  For  the  realm  of  operation  of  the  space  tug  astrionie  module,  the  optimum 

systems  are  those  employing  either  expendable  fluid  heat  rejection  systems  or  space 
radiators. 


Expendable  fluid  systems  are  those  which  utilize  the  latent  heat  associated  with  a 
change  of  phase  of  a secondary  fluid.  Two  prominent  types  which  have  been  used  to  varying 
degrees  in  a number  of  spacecraft  applications  are  water  boilers  and  sublimators.  General 
performance  of  water  boilers  is  less  satisfactory  than  sublimators.  particularly  with 
fluctuating  heat  loads.  Control  problems  are  inherent  in  the  water  boiler  system  'and  in 
addition,  weight  requirements  are  generally  in  excess  of  those  for  the  subiimator  system, 
hor  these  reasons,  water  boilers  were  eliminated  from  further  consideration. 

Tlius.  the  active  system  heat  exchanger  options  have  been  reduced  to  two:  a subiimator 
or  space  radiator.  The  following  paragraphs  will  discus ; how  each  option  would  relate  to 
thermal  control  ot  the  astrionie  module  and  identify  pertinent  trade  items  to  be  considered 
in  selecting  the  optimum  configuration. 

4.2.1  Space  Radiator 

Simply  stated,  a space  radiator  rejects  heat  directly  to  deep  space  by  virtue  of  the 
temperature  and  optical  properties  of  its  radiating  area.  In  the  space  tug  astrionie  module 
application,  the  radiatoris)  would  be  integrated  into  the  outer  shell  of  the  vehicle  as  shown 
m Figure  4-9  and  would  receive  heated  coolant  fluid  from  the  coldplatc  loop.  As  the  fluid 
passes  through  the  radiator,  the  heat  emitted  by  the  radiator  surfaces  is  extracted  from  the 

coolant.  The  fluid  then  completes  the  loop  by  being  resupplied  to  the  coldplates  at  a lower 
temperature. 

The  performance  characteristics  of  radiators  are  complex  in  that  they  are  highly 
dependent  on  a number  of  specific  thermal  design  and  geometric  parameters.  Detailed 
design  is  not  within  the  scope  of  this  study;  however,  a conceptual  analysis  based  on  a 
typical  design  was  undertaken  to  demonstrate  the  feasibility  of  radiators  for  this 
application.  The  results  indicated  that  for  the  range  ol  operation  of  the  space  tug  astrionics 
the  required  emitting  surface  area  was  ‘JO  to  125  square  feet.  This  is  consistent  with  values 
of  5 to  50  btu/hr./ft.-  ol  surface  area  quoted  in  References  J-2  and  J-4  for  similar 
applications  and  reveals  that  a major  portion  of  the  external  surface  of  the  astrionie  module 
would  be  radiator  surface  area.  As  was  treated  in  Section  4. 1 . the  external  skin  surface  was  a 
primary  design  item  ol  the  passive  thermal  control  concept.  Tims,  since  the  radiator  now 
torim  this  surface,  it  must  have  optical  properties  compatible  with  both  active  and  passive 
systems.  The  radiator  demands  a high  emissivity  and  low  «s/e  ratio  for  effective  operation 
Initial  estimates  place  the  value  of  as/c  <0.4/0.9  for  the  allowable  surface  area.  This  does 


not  appear  consistent  with  the  0.8<  as/e  < L2  determined  previously.  Hence,  use  of  a 
space  radiator  in  this  application  would  also  require  the  use  of  louvers  as  discussed  in 
Section  4.1.  An  additional  benefit  can  be  derived  from  the  use  .of  louvers  if  the  range  of 
Tade  counslstent  ,with  the  desired  temperature  range  of  the  active  system 
flnif  become  the  control  mechanism  for  the  active  system  and  additional 

iluid  control  techniques  would  not  be  required. 
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Figure  4-9.  Radiator/Outer  Shell  Integration 
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Estimated  weights  for  radiators  are  in  the  range  of  0.5  to  1 .25  pounds  per  square  foot 
(References  J-2,  J-3  and  J-4)  depending  on  the  particular  design.  The  top  end  of  the  range 
includes  an  allowance  for  coolant  fluid  within  the  radiator  and  a double  wall  thickness  on 
the  external  side  of  the  fluid  passage.  The  double  wall  thickness  is  an  added  factor  for 
protection  against  meteoroid  penetration  and  contributes  only  some  5-10%  of  the  cited 
weight.  Louvers  would  contribute  an  additional  0.5  to  1.0  pounds  per  square  foot 
(Reference  J-5).  Based  on  a maximum  surface  area  of  125  square  feet,  using  a weight  factor 
of  1.25  and  0.75  pounds  per  square  foot  for  the  radiators  and  louvers,  respectively,  total 
weight  for  the  radiator/louver  heat  sink  concept  would  approximate  250  pounds. 

The  principal  advantages  of  the  radiator  approach  is  that  the*e  exchange  devices  are 
not  mission  duration  limited.  Since  no  expendables  are  required,  the  device  will  function 
continuously  with  virtually  no  requirement  to  be  refurbished  or  recharged  between  missions 
or  mission  phases.  This  is  an  almost  overwhelming  plus  factor  when  considering  the 
multi-mission  reusable  role  of  the  space  tug  vehicle.  The  usual  disadvantages  of  radiators 
such  as  1 ) reduced  performance  due  to  possible  degradation  of  the  surface  optical  properties 
and  2)  reduced  reliability  due  to  possible  meteoroid  penetration  can  be  overcome  by  proper 
engineering  design  and  maintenance  philosophy.  For  example,  a large  amount  of  data  is 
available  on  the  degradation  of  optical  properties  in  the  space  environment.  The  band  of 
louver  control  can  be  selected  to  compensate  for  the  predicted  degradation.  This  will  be 
simplified  further  by  maintainability  provisions  that  are  required  by  space  tug  design 
groundrules. 


n 


4.2.2  Sublimator 


A sublimator  is  a two  fluid  heat  exchanger  in  which  an  expendable  fluid,  on  being 
exposed  to  the  space  vacuum,  freezes  and  then  sublimes  to  vapor.  The  heat  of  vaporization 
is  removed  from  the  primary  coolant  fluid  flowing  in  adjacent  passages.  The  integration  of 
the  sublimator  into  a typical  system  is  shown  in  Figure  4-10.  Temperature  control  is 
generally  obtained  by  modulating  the  amount  of  coolant  fluid  through  or  around  the 
sublimator  or.  alternately,  by  controlling  expendable  fluid  to  the  sublimator.  The 
expendable  fluid  is  supplied  from  a pressurized  reservoir.  The  amount  of  fluid  required  is 
dependent  on  the  total  quantity  of  energy  to  be  dissipated  (over  the  duration  of  the  specific 
mission)  and  the  latent  heat  of  vaporization  of  the  secondary  fluid  itself.  The  relationship  is: 

m = -2-  x 0 
h 

where  Q is  the  continuous  (average)  heat  dissipated,  btu/hr 
h is  the  latent  heat  of  vaporization,  btu/lbm 
0 is  the  active  mission  duration,  hrs. 

Of  the  candidate  fluids,  water  offers  the  greatest  heat  dissipation  per  unit  weight  (1050 
btu/lbm)  and  will  therefore  be  used  in  determining  mass  requirements.  As  stated  in  Section 
2.0,  the  electronic  cooling  requirement  is  for  1.3  kilowatts.  In  addition  to  this,  it  will  be 
conservatively  assumed  that  the  maximum  external  environment  net  heat  input  to  the 
system  will  be  less  than  0.75  kw  in  each  case.  Using  the  above  relationship,  the  expendable 
water  mass  requirement  was  determined  for  each  mission  and  compiled  in  Table  4-1  along 
with  the  weight  of  the  supporting  hardware  peculiar  to  the  sublimator  system-storage  tanks, 
pressure  regulation  system,  control  hardware,  etc. 
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The  fuel  cells  of  the  electrical  power  system  produce  water  as  a by-product  of  the 
power  conversion  process.  This  fluid  could  be  recovered  and  used  as  a part  of  he 

cooHnf h elfTef1  SUPpiy;.,h°wever;  k is  a£  ™ elevated  temperature  and  would  requhe 

U sufaIimation  Process*  The  additional  water  which 
t0  be  stored  to  0001  thls  by-product  water  plus  the  necessity  of  addins  a 
mechanical  recovery  system  would  greatly  offset  any  benefits  gained  by  recoverins  and 
using  the  waste  water  in  the  heat  exchanger  subsystem. 

4-2.3  Sublimator/Radiator  Trade 

The  degree  of  thermal  control  obtained  from  each  of  these  candidate  heat  exchanser 
ls  sat,sfactory  for  the  astrionic  module  application.  Hence,  the  trade  to  determine 
the  optimum  system  must  be  made  on  the  basis  of  weight,  cost,  reliability  and  applicability 
°*n“  weight  of  the  radiator  system  was  determined  to  be a ^ maximum  ‘f 

250  pounds,  while  that  of  the  subhmator  system  varied  from  107  to  530  pounds  Neither 
system  appears  to  offer  commanding  advantage  from  a relative  weight  standpoint  Initial 
hardware  costs  would  likely  favor  the  sublimator  system.  In  tenD^XuS^  dSd 
design  evaluation  would  be  necessary  to  obtain  explicit  values,  but  in  general  terms  it  would 
,fe"‘‘d  y ,be  the  Possibility  oi  meteoroid  puncture  of  the  radiator  coolant  passages  versus 
the  reduced  reliability  of  additional  sublimator  components  (valves,  pressure  regulator)  The 
overwhelming  trade  item  to  determine  the  ultimate  choice  is  cTnXed  to  be  fte 

used^nbhntlht0  ^ mt?nded  missIons-  The  space  tug  concept  is  that  of  a utility  vehicle  to  be 
snectnim  Of  -SU.Pp0rt  sJs‘em  and  PnmarV  vehicle  role.  It  must  be  capable  of  performing  a 
spectrum  of  missions  and  be  reusable  with  a minimum  of  refurbishment  over  an  extended 
lifetime.  The  space  radiator  offers  distinct  advantages  over  the  sublimator  incept  te  that  h 
requires  no  consumables  and  is  therefore  not  limited  by  the  duiatto 
and  requires  no  refurbishment  between  missions.  The  sublimator  system  Sres 
replacement  of  consumed  fluids  and  must  be  serviced  between  (before)  each  new  mission 

Thusa?heUrPP  flu‘a  !}e,eded  be‘ng  dcPendent  uPon  ‘he  particular  mission  requirements’ 

Sctinn  l r,  ° r,me"dCd  he.a.t  excha"fr  device  for  further  thermal  control  system  stud™  (see 
tion  4.4)  is  the  space  radiator.  Table  4-1 A summarizes  the  heat  rejection  trade. 


Table  4-1. 


Mission 


I Synchronous  Orbit 

J>  Expendable  Mission 
<1  Tug) 

2)  Reusable  Mission 
(2  Tugs) 

No  2 Tug 
No  1 Tug 

H Orbital  Operations 

«t  Planetary  (2  Tugsl 

No  1 Tug  (return) 
No  2 Tug  (disrate) 

•V  Fourth  Stage 


Duration, 
Active  Component 
Operation 
(Hours) 


19 


f>0 

18 


24 


24 

7 


IG 


Minimum 

Cooling 

Capability 

(Kilowatts) 

Stored 

Water 

(Lbsl 

Tankage 
at  20"-  ot 
Stored  Water 
(Lbs) 

Sublimator 

(Lbs) 

Pressure 
Regulation 
and  Control 
Hardware  (Lbs) 

Total 

Weight 

(Lbs) 

2 OS 

135 

27 

25 

25 

212 

2 05 

400 

80 

25 

25 

530 

2 05 

120 

24 

25 

25 

ib« 

2 05 

teo 

32 

25 

25 

242 

2 05 

1G0 

32 

25 

25 

242 

2 05 

47 

10 

25 

25 

107 

2 05 

107 

22 

25 

25 

179 
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Table  4-1  A.  Active  Heat  Rejection  Options 


e WATER  BOILER 


ADVANTAGES 

o NO  MICROMETEOROID 
EXPOSURE 

® NO  ORIENTATION  CON- 
STRAINT 

• COMPACT 


DISADVANTAGES 

e REQUIRES  EXPENDABLES 
• CONTROL  MORE  DIFFICULT 
® RELATIVELY  HEAVY 


• SUBLIMATORS 


■ NO  MICROMETEOROID 
EXPOSURE 

s NO  ORIENTATION  CON- 
STRAINT 

® COMPACT 


RADIATORS 


® NO  EXPENDABLES 
REQUIRED 


• REQUIRES  EXPENDABLES 

® REQUIRES  ADDED  SUPPORT 
EQUIPMENT 


© MICROMETEOROID  EXPOSURE 


4.3  THERMAL  CONTROL  CONCEPT  DESCRIPTION  “ ~ 

The  thermal  control  concept  that  has  evolved  to  this  point  consists  of  a native 

tss&ssr* " 

Fiffures'Vr  wlT-,de4th^mf  C<?ntro1  eoncept  for  the  astfionic  module  is  shown  in 
4 eleclromc  ‘••omponents  are  mounted  to  coldplates  which  are 

fastened  to  the  pnmary  (load  bearing)  structure.  When  the  components  are  powered  ud  a 
pump  circulates  the  coolant  fluid  to  space  radiators  which  reiect  hent  tn  thf»  rw™  crP* 

enchdelTth radiator  conf  sts  of  coolant  passages  implanted  in  a thin  metal  sheU  whfch 
circles  the  primary  structural  nng  as  shown  in  Figures  4-1  and  4-9.  This  outer  shell  form* 

LlrnT-  rad,U10n  barriT  to  the  environment.  Further isS 

Til  LO™?'f™nl  und  thc  external  environment  is  afforded  by  low  conductivity 
s andoffs  which  fasten  the  outer  shell  to  the  inner  ring  and  through  the  use  of  multifoH 
insulation  between  the  two  elements.  It  should  be  noted  that  tlfe  ontr  chMi  T ? 
structural  member,  its  only  purpose  being  to  present  a controlled  surface  to  the  external 
environment  for  thermal  and  for  micromctcoroid  protection. 

tn  s^stem  ?f,Iouv?.r  panels  cover  the  radiator  surface  area  and  will  be  fastened  dircctlv 
to  the  segmented  radiator  panels.  These  individual  modules  are  commit  b e wf  H 

accessibility  options  discussed  in  Appendix  I.  Tlic  louvers  are  driven  by  bimetallic  tliermd 

?ndentPn^Sti1Sin8‘  ?emp<\raturc  of  thc  underlying  surface.  The  segmented  louvers  function 
independently,  giving  a degree  of  local  control  around  the  vehicle.  Individual  iouver/radiator 
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4.3.1  Pressurization 


Liquid  pressurization  of  the  coolant  loop  can  be  provided  by  two  methods: 

© GN2  pressurization  through  a bladder/liquid  interface 

9 Mechanical  pressurization  using  a spring  loaded  bellows  type  accumulator. 

The  latter  requires  no  consumables  and  is  therefore  preferred  in  this  application.  Some 
capacity  though  limited,  is  available  within  the  bellows  accumulator  for  providing  makeup 
fluid  m the  event  of  small  leaks.  & p 

4.3.2  Temperature  Regulation 


Coolant  temperature  control  can  be  achieved  through  a number  of  schemes.  The 
optimum  approach  appears  to  be  the  utilization  of  the  louvers  to  regulate  the  amount  of 
radiating  area.  The  actuators  would  have  an  operating  range  consistent  with  the  required 
radiating  temperature  of  the  emitting  surface.  An  alternate  method  of  control  is  to  use  a 
uid  by-pass  around  the  heat  exchanger  when  cooling  is  not  required,  identical  to  the 

approach  previously  illustrated  in  Figure  4-1 0 for  the  sublimator  system. 

— 

43.3  Service  Heat  Exchanger 

An  auxiliary  heat  exchanger  is  included  to  allow  conditioning  of  ihe  onboard  system 
by  a space  element  when  the  tug  is  docked  with  the  element  and  for  ground  conditioning 
during  system  checkout. 


4.3.4  Coolant  Fluid 


The  coolant  fluid  selected  must  have  a low  freezing  (pour)  point  as  well  as  the  othei 
desirable  properties  of  low  viscosity,  high  specific  heat  and  compatibility  with  othei 
materials. 


4.3.5  Reliability 


Principal  reliability  aspects  generally  common  to  liquid  loop  systems  are  the  provision 
for  assured  containment  and  pressurization  of  the  liquid  volume  and  maintenance  of 
circulation.  The  degree  of  reliability  necessary  or  desirable  and  the  resulting  penalties  for 
achieving  this  reliability  is  a study  in  itself  and  will  not  be  considered  here  beyond  the  point 
of  mentioning  that  because  of  its  critical  nature  and  reliability,  the  recommended  system 
includes  a redundant  coolant  pump. 

4.3.6  Weight,  Size 

Rough  estimates  of  weight  and  dimensional  properties  for  the  major  system 
components  are  compiled  in  Table  4-2. 
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TabIe  4-2.  Estimated  Weight  and  Dimensional  Properties  of  Thermal  Control  Components 


Component 

No. 

Weight 

(Combined) 

Size 

Pump  (150  watts) 

2 

50  Lbs 

8"  x 6"  x 6" 

Coldplate 

8 (Max) 

200  Lbs 

48"  x 36“  x 1" 

Accumulator 

1 

30  Lbs 

10"  x 12” 

Radiator 

8 

147  Lbs 

Louvers 

8 

88  Lbs 

Service  Heat  Exchanger 

1 

10  Lbs 

Fluid 

50  Lbs 

Multilayer  Insulation 

25  Lbs 

Plumbing,  Wise.  Hardware 

60  Lbs 

Total 

660  Lbs 

Values  in  this  table  are  rough  estimates  for  general  planning  purposes 
only.  Reference  Figure  4-2  for  a schematic  of  this  concept. 


4.4  LUNAR  MISSIONS 


In  previous  paragraphs  (Section  2.0)  the  space  tug  missions  were  categorized  to  include 
a number  of  common  phases  of  thermal  environment.  It  was  stated  that  the  lunar  missions 
could  not  be  included  in  this  generalization  because  of  their  unique  environment  and  would, 
because  of  time  limitations,  not  be  considered  in  the  conceptual  studies.  Tills  section 
presents  a brief  discussion  of  the  lunar  missions  attempting  to  point  out  some  of  the  aspects 
which  must  be  considered  in  order  to  provide  satisfactory  thermal  control. 

The  two  prime  factors  in  determining  thermal  control  requirements  are  the  electronic 
component  thermal  characteristics  (power  dissipation,  allowable  temperature,  etc.)  and  the 
thermal  environment  to  which  the  vehicle  will  be  exposed.  The  former  has  been  defined  for 
the  lunar  landing  mission  and  from  a thermal  standpoint  is  no  more  severe  than  for  the 
other  space  tug  missions.  The  external  thermal  environment  however  is  both  more  severe 
and  more  difficult  to  define. 

The  lunar  mission  as  currently  defined  includes  both  a lunar  orbit  and  a surface 
operation.  In  each  phase,  there  is  an  active  period  in  which  the  ustrionic  components  are 

powered  up  and  an  inactive  period  in  which  the  entire  vehicle  is  in  a quiescent  or  storage 
mndt*  ° 


Lunar  Orbit  The  determination  ot  the  orbital  heating  environment  for  a vehicle 
orbiting  the  moon  is  carried  out  in  much  the  same  manner  as  for  the  earth  orbit 
cases.  The  orbit  parameters  defining  the  worst  possible  thermal  environments  are 
first  determined,  this  information  then  being  input  te  : digital  computer  program 
to  define  the  exact  heating  values.  Perhaps  the  most  significant  difference 
between  the  lunar  and  earth  orbit  cases  is  that,  because  of  its  relatively  uniform 
atmosphere  and  short  period  ol  revolution,  the  effective  emitting  temperature  of 
the  planet  earth  is  generally  uniform.  The  moon,  on  the  other  hand,  is  for  all 
practical  purposes  void  ol  an  atmosphere  and  experiences  a relatively  long  day 
(approximately  two  earth  weeks).  This  results  in  large  variations  in  temperature 
0500  F degrees)  over  the  surface,  causing  large  variations  of  lunar  thermal  heat 
llux  with  latitude  and  longitude  which  must  be  taken  into  consideration.  The 
orbit  parameters  must  be  carefully  selected  in  order  to  avoid  significant  errors  in 
the  thermal  analysis. 
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Lunar  Surface  Operation  — Determination  of  the  thermal  environment  for  a 
vehicle  on  the  lunar  surface  is  also  complex.  The  two  week  periods  of  sunlight  and 
darkness  present  exactly  opposite  environmental  extremes.  During  the  lunar  day 
the  high  temperatures  of  the  surface  (up  to  250°F)  and  large  “view  factor”  result 
m values  of  lunar  emission  striking  a surface  vehicle  in  excess  of  the  normally 
predominant  solar  incidence.  Areas  with  irregular  surface  conditions  (mountains 
craters,  etc.)  may  intensify  the  heating  conditions.  In  the  lunar  night,  surface 
temperatures  approach  -250°F. 


As  with  the  other  space  tug  missions,  the  lunar  missions  include  extensive  periods  in 
wh!c“.th^  vehlcle  astnonics  is  in  a quiescent  or  storage  mode  (up  to  180  days  in  lunar  orbit 
and  42  days  on  the  lunar  surface).  Thus,  prime  emphasis  should  be  placed  on  passive 
thermal  control  techniques.  The  ultimate  design  of  a vehicle  which  must  withstand  both  the 
extremes  of  the  lunar  surface  environment  as  well  as  lunar  orbital  heating  will  necessarily 
include  extensive  thermal  protection  and  conditioning  schemes  in  excess  of  those  required 
tor  the  other  space  tug  missions.  This  could  be  accomplished  with  the  baseline  concept  as 
denned  herein  with  additional  conditioning  techniques  (e.g.,  sublimator  system)  added  in 

kit  or  modular  form  to  provide  capability  for  meeting  the  additional  requirements  of  the 
lunar  mission. 

4.5  FUTURE  TECHNOLOGY 

The  thermal  control  system/concepts  recommended  in  this  study  are  present 
state-of-the-art.  It  is  not  anticipated  that  advancements  in  technology  within  the  time  frame 
of  the  space  tug  evaluation  will  significantly  affect  these  techniques.  Potential  refinement 
and  demonstration  of  practicality  of  known  concepts,  plus  the  possibility  that  new 
information  gained  in  the  evaluation  of  the  space  tug  will  allow  consideration  of  different 
techniques,  make  it  advisable  to  mention  some  “future  technology.” 

The  heat  dissipation  function  in  the  space  environment  is  essentially  limited  to  two 
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Thermal  radiation  to  deep  space 

Utilization  of  phase  change  energy,  or  sensible  heat  capacity,  of  a stored 
expendable  fluid.  ’ 


All  cooling  systems  must  eventually  come  to  one  or  both  of  these  two  processes; 
Hence,  most  new  techniques”  are  either  refinements  of  old  methods  utilizing  these 
processes  or  new  ways  to  utilize  them.  Some  of  these  techniques  which  could  become 
applicable  to  the  astnonic  module  are: 

• Thermodynamic  Cycles  - Active  conditioning  systems  are  possible  which  use 
methods  of  removing  heat  from  a source  to  a sink  at  a higher  temperature. 
Systems  employing  gas  and  vapor  cycles  may  be  used  in  conjunction  with  space 
radiators  to  decrease  the  required  emitting  area  of  the  radiator  surface.  In  general, 
these  systems  require  more  complex  equipment  than  other  active  conditioning 
systems  and  none  have  been  demonstrated  in  an  actual  space  vehicle. 
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Thermoelectric  Cooling  - Similar  to  the  thermodynamic  cycle,  systems 
employing  the  thermoelectric  effect  remove  heat  from  a source  to  a sink  at  a 
higher  temperature.  Both  of  these  techniques  are  perhaps  more  correctly  called 
heat  pumps”  in  that  they  do  not  in  themselves  dissipate  beat  but  effectively 
improve  the  thermal  link  between  source  and  sink.  These  systems  have  a common 
undesirable  element,  a very  high  ratio  of  power  input  to  heat  pumping  rate. 
Improvements  in  this  condition  depend  on  the  development  of  new  and  better 
materials. 


a Heat  Pipe  The  heat  pipe  is  a highly  effective  fluid  heat  transfer  device  which  is 
self-contained,  has  no  moving  parts,  and  can  transport  many  times  as  much  heat 
as  a solid  conductor  of  the  same  cross-section.  Essentially,  the  heat  pipe  may  be 
thought  of  as  a very  low  resistance  heat  conductor.  Potential  use  appears  best  on 
the  electronic  component  level  in  improving  heat  rejection  to  a primary  thermal 
conditioning  system. 

* Utilization  ol  Hydrogen  Boil-Off  - A propulsion  stage  iu  space  which  contains 
residual  liquid  hydrogen  receives  thermal  energy  from  solar  and  other  sources 
causing  the  hydrogen  to  evaporate.  This  boii-off  could  conceivably  be  used  to 
supplement  existing  heat  rejection  systems  or  in  some  eases  provide  the  sole  heat 
dissipation  process. 


Thermal  Control  Coatings  with  Variable  Optical  Properties  - An  advanced 
concept  which  has  received  considerable  attention  in  recent  years  and  which  may 
become  a candidate  lor  replacing  the  louvers,  on  the  recommended  system,  is  the 
use  of  thermal  control  coatings  with  variable  optical  properties.  The  a/e  ratio  of 
these  materials  changes  reversibly  to  present  a “controlled”  value  consistent  with 
the  desired  temperature.  Some  of  the  mechanisms  involved  include  polarization, 
change  in  transparency,  chemical  elleets  and  electroluminescence. 
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1.0  INTRODUCTION 


The  purpose  of  this  appendix  is  to  present  the  results  of  the  initial  study  of  the  space 
tug  checkout  function.  The  first  step  of  the  study  was  to  determine  the  checkout 
requirements  for  the  system.  Based  on  the  checkout  requirements,  various  types  of  tests  to 
be  provided  were  defined.  Then  a preiiminaiy  analysis  of  checkout  methods  was  performed 
to  establish  system  configurations  which  fulfill  the  space  tug  requirements. 

2.0  GUIDELINES  AND  CONSTRAINTS 

The  checkout  system  study  was  performed  based  on  the  following  guidelines  and 
constraints: 

1 . The  tug  is  based  and  maintained  in  space  and  on  the  ground. 

2.  The  tug  may  be  configured  for  manned  or  unmanned  missions.  In  the  unmanned 

configuration,  the  tug  will  be  operated  automatically  or  by  remote  operation 
from  the  earth  or  other  space  element. 

3.  The  tug  astrionic  module  design  shall  minimize  the  need  for  ground  support. 

4.  The  tug  shall  be  capable  of  going  from  the  quiescent  state  to  a fully  operational 

state  within  two  hours. 

5.  The  astiionic  module  will  be  packaged  to  allow  a remove  and  replace  maintenance 
and  reconfiguration  concept  in  space. 

6.  The  design  goal  of  the  checkout  function  will  be  to  locate  failures  to  a lowest 
replaceable  unit  (LRU)  consistent  with  the  philosophy  of  modular  astrionics. 

7.  The  astrionic  system  will  be  capable  of  checkout  and  monitoring  for  the  total  tug 
consistent  with  the  tug  maintenance  concepts. 

8.  Between  missions,  maintenance  will  be  performed  as  required  to  upgrade  the 
reliability  to  the  required  level.  During  the  mission,  maintenance  will  be  limited  to 
switching  to  redundant  paths. 

9.  The  following  definitions  of  failure  criticalities  establish  a baseline  for  checkout 
requirements: 

© Criticality  I failure  is  one  that  j\  ;dizes  the  safety  of  the  crew. 

® Criticality  II  failure  is  one  that  causes  a primary  mission  abort. 

© Criticality  III  failure  is  one  that  neither  jeopardizes  crew  safety  nor  results  in 
primary  mission  abort  but  causes  other  mission  impact.  (For  example,  a 
failure  which  causes  loss  of  vehicle  autonomy.) 


3.0  SUMMARY  OF  RESULTS 


Test  requirements  and  test  definitions  for  the  space  tug  were  examined.  Two 
approaches  to  providing  an  onboard  checkout  capability  for  the  tug  are  presented:  !) 
centralized  checkout  and  2)  built-in  test  equipment.  The  advantages  and  disadvantages  of 
each  approach  were  appraised  based  on  the  overall  tug  requirements  and  the  projected 
astnonic  systems.  It  was  concluded  that  the  centralized  checkout  approach  provides  major 
advantages  and  should  be  considered  the  prime  checkout  tool.  However,  it  was  pointed  out 
that  built-in  test  equipment  would  be  more  advantageous  in  some  areas.  Therefore,  the  tug 

checkout  tunction  should  be  a combination  of  centralized  checkout  and  built-in  test 
equipment. 

4.0  DETAILED  ANALYSIS 


4.)  CHECKOUT  REQUIREMENTS 


Checkout  lor  the  tug  includes  the  process  of  determining  the  operational  capability  of 
the  various  tug  systems,  detecting  and  isolating  malfunctions,  and  reverification  of 
operational  status  after  a maintenance  sequence.  Checkout  will  include  pre-flight 
pre-mission,  and  operational  checkout,  as  required  in  the  various  mission  phases. 


Tht  tug  checkout  tunction  will  be  accomplished  by  onboard  equipment  and  will 
provide  the  means  tor  automatic  and  manual  operation.  The  status  of  tug  systems,  as 
determinec  by  the  checkout  function,  will  be  provided  to  the  crew  and  "through  the 
telemetry  system  to  the  ground  or  other  space  elements. 


4.1.1  Test  Requirements 


The  following  requirements  provide  the  basis  for  definition  of  checkout  capabilities: 

® Detection  ot  a critical  malt  unction  shall  result  in  switching  to  an  alternate  unit, 
module,  path,  or  method,  in  order  to  complete  the  mission  or  save  the  vehicle. 

• The  system  will  monitor  various  parameters  for  trends  and  determine  a prediction 
ol  the  time  that  an  unsatisfactory  condition  will  exist.  The  capability  shall  exist 
to  alert  the  crew  and  mission  control  of  equipment  degradation  or  potential 
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® A preset  testing  sequence  utilizing  test  stimuli  lo  a unit,  either  generated 
internally  or  externally  to  the  unit,  shall  be  provided.  The  testing  sequence  will 
include  analysis  ol  the  unit  outputs. 

• Diagnostic  testing  using  data  from  a number  of  sources  shall  be  provided 
Diagnostic  testing  will  be  required  when  the  cause  of  an  anomaly  is  not  readily 
apparent  from  individual  monitoring  points. 

® The  design  goal  for  the  checkout  function  will  be  to  isolate  malfunctions  to  a 
lowest  replaceable  unit  lor  any  subsystem. 

® Capability  to  test  the  entire  vehicle  shall  be  provided. 


® The  checkout  function  shall  be  capable  of  remote  activation  and  monitoring. 

© The  checkout  function  will  be  designed  so  “as  to  not  adversely  affect  the 
component  or  subsystem  under  test. 


® Onboard  vehicle  checkout  equipment  and  test  techniques  shall  be  compatible 
with  launch  and  support  facilities,  insofar  as  possible. 

4.1 .2  Test  Definitions 

There  will  be  several  general  types  of  tests  required  to  fulfill  the  checkout  objectives 
for  the  tug  systems.  Definition  of  these  tests  will  further  aid  in  decision-making  regarding 
the  checkout  Junction  configuration.  These  tests  are  discussed  in  the  following  paragraphs. 

4. 1.2.1  Overall  Systems  Test 

The  overall  systems  test  will  provide  a complete  vehicle  systems  test  with  a maximum 
capability  to  determine  readiness  of  the  equipment  to  successfully  complete  its  assigned 
mission.  This  test  will  be  performed  at  system  activation,  whether  on  the  ground  or  in  space 
at  the  end  of  a quiescent  mission  phase.  It  shall  also  be  available  for  system  checkout  after 
maintenance  and/or  refurbishment.  The  test  will  be  designed  for  flexibility  to  allow 
checkout  for  various  vehicle,  payload,  and  mission  equipment  configurations. 

This  test  will  be  stored  in  the  mass  storage  device  and  will  be  called  into  the  computer 
mam  memory  when  needed.  This  test  will  perform  a complete  end-to-end  checkout  of  all 
systems  and  subsystems.  All  redundant  paths  will  be  tested  when  practicable,  along  with  the 
switching  circuit  for  the  redundant  paths.  The  checkout  system  itself  will  be  tested  by 
diagnostic  self-test  programs  or  built-in  self-test  equipment. 

The  test  will  provide  for  trend  analysis  as  well  as  detection  of  failures.  Trend  analysis 
will  be  performed  by  comparing  data  with  preset  limits  and/or  previously  stored  system  test 
data.  Data  compression  techniques  of  time  and/or  magnitude  compression  will  be  used  for 
analysis  of  data.  Data  obtained  will  be  retained  in  mass  or  main  storage  for  engineering 
evaluation  purposes  and  u*,e  in  later  checkout  sequences. 

In  the  event  ol  the  detection  ol  an  anomaly,  the  system  will  notify  the  crew  (if 
manned)  and  mission  control  (ground  or  space  elements)  through  the  telemetry  system 
Maximum  data  concerning  the  problem  will  be  transmitted.  The  same  data  will  be  stored  in 
computer  storage.  After  all  pertinent  data  is  saved,  diagnostic  routines  will  be  performed  to 
isolate  the  cause  ol  the  problem.  The  decision  to  continue  or  abort  the  mission  will  be  made 
based  on  factors  such  as  mission  and  payload  criticality,  backup  capabilities  available,  and 
availability  of  manpower  and  spare  equipments  to  perform  maintenance. 

4. 1. 2. 2 System  Functional  Tests 

System  lunette..  ) tests  will  provide  the  checkout  capabilities  required  during  active 
mission  phases,  fhesc  tests  will  be  performed  continuously  on  an  interleaved  basis  with 
system  functional  operations.  The  tests  will  be  co-resident  with  operational  programs  in  the 
central  processor  main  memory.  The  frequency  of  the  various  tests  will  be  dependent  on 
such  factors  as  subsystem  criticality,  mission  phase,  and  previous  indications  of  equipment 
condition.  n ^ 


This  test  will  establish  the  necessary  confidence  in  tug  systems  to  continue  into 
following  mission  phases.  It  wj?J  analyze  operational  data  to  the  maximum  extent  passible 
with  minimal  possible  use  of  special  tests  or  routines.  Subsystem  outputs  will  be  tested  - 
generally,  with  points  internal  to  subsystems  tested  less  often.  Internal  points  may  be 
examined  when  outputs  ind irate  a possible  problem.  Reasonableness  tests  will  be 
performed.  Data  will  be  compamd  with  data  stored  from  previous  missions  or  tes  t runs  in 
order  to  detect  deteriorating  conditions.  Approximately  10%  of  all  system  test  points  will 
be  monitored  by  this  test.  Approximately  2%  of  available  tests  will  be  utilized  for  trend 
analysis. 

In  the  event  of  a malfunction,  automatic  switching  (software  or  hardware  controlled) 
to  alternate  methods  or  equipment  will  take  place.  Mission  control  and  the  crew  (if  manned) 
will  be  notified  of  the  problem.  The  onboard  data  management  function  will  have  a 
capability  of  deciding  whether  to  abort  the  mission  or  continue.  This  capability  may  be 
overridden  from  mission  control  or  the  crew  module  on  manned  missions. 

4.1 .2.3  Diagnostic  Tests 

Diagnostic  tests  will  normally  be  stored  in  the  mass  storage  of  the  data  management 
subsystem.  There  will  be  overall  system  diagnostic  tests,  as  well  as  subsystem  dedicated 
tests.  The  diagnostics  may  be  called  into  operation  automatically  by  other  tests  of  the 
checkout  system,  or  they  may  be  operated  on  command  from  mission  control  or  the  crew 
module. 

The  goal  of  the  diagnostic  tests  will  be  to  isolate  any  malfunction  to  an  LRU.  LRUs 
will  be  defined  by  the  following  characteristics: 

© Isolation  capability  of  the  checkout  system 

• Physical  size  of  the  unit 

® Ease  of  replacement  of  the  unit 

Isolation  of  a malfunction  to  a particular  LRU  will  result  in  one  or  more  of  the 
following  actions.  Information  concerning  the  malfunctioning  LRU  will  be  stored  in 
memory,  telemetered  to  mission  control,  and  communicated  to  the  crew  module,  if  the 
particular  mission  is  manned.  If  a malfunction  occurs  in  a quiescent  mission  phase  and 
maintenance  facilities  and  manpower  are  available,  the  equipment  may  be  repaired  and  the 
system  reverified.  If  a malfunction  occurs  during  a mission,  then  decisions  will  be  made  as  to 
whether  to  abort  or  attempt  to  complete  the  mission  with  limited  capability. 

4.2  CHECKOUT  FUNCTION  CONFIGURATION 

A primary  consideration  in  the  process  of  establishing  the  tug  checkout  configuration 
is  the  requirement  for  autonomous  onboard  checkout  for  the  various  tug  modules  and 
systems.  The  system  must  be  versatile  and  effective  in  ir  ceting  test  requirements  for  the 
multitude  of  vehicle  configurations,  missions,  and  payloads 
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iJr^6  rfre  tW°  genfcraIIy  accePted  methods  of  providing  an  onboard  checkout 
capability.  One  approach  is  to  use  a central  computer  for  test  control  and  data  analysis  The 
approwh  provides  built-in-test  equipment  (BITE)  in  each  subsystem.  Each  of  ihese 
methods  has  advantages  and  disadvantages.  A compromise  approach  should  attempt  to  use 

the  best  points  of  both  methods  to  provide  the  most  effective  system  at  the  lowest  cost 
possible. 

4.2.1  Central  Computer  Checkout 

The  central  computer  approach  to  onboard  checkout  offers  the  immediately  obvious 
advantage  of  utilizing  the  operational  equipment  and  functional  data  paths  of  the  tug  data 
management  function  described  in  Appendix  C.  Subsystem  data  already  available  in  the 
computer  for  operational  purposes  may  be  analyzed  for  checkout  purposes  with  a minimum 
hardware  penalty.  The  data  bus  and  interface  units  provide  the  means  of  contSg, 
interrogating,  and  analyzing  data  from  the  various  tug  subsystems. 

than  V?  CoT^teIrpf°vMes  the  ?P®bffity  of  ■ more  detailed  control  and  analysis  of  test  data 
man  does  BITE.  In  the  event  of  an  apparent  malfunction,  the  computer  may  interrogate 
different  da^  sources  to  isolate  the  cause  of  the  problem.  A computer  controlled  checkout 
system  may  be  programmed  to  work  around  transient  indications  of  failures,  whereas  a pure 
hardware  system  might  cause  switchout  of  equipment  on  a transient. 

tahrotm  the  computer  controlled  checkout  is  the  capability  of  working  around 

^!fnrn^niffpyp  a .ut,omatlcaIIy  utilizing  alternate  paths.  Also,  the  computer  system  provides 
t sting  of  different  hardware  configurations  by  changing  the  checkout  programs.  In  the  case 
of  manned  missions,  the  computer  allows  manual  operation  of  the  checkout  system. 

In  fiACemraiIy  C°fTOiled  ci!f,ctkout  sysiem  Provides  the  advantage  of  preserving  test  data. 
In  the  tug  system,  this  data  will  be  stored  in  the  mass  or  main  storage  device.  Storage  of  test 

fata  f|!i0¥?*Ion®  temi  evaIu?tlon  of  equipment  performance.  The  stored  data  may  be 
telemetered  to  mission  control  at  convenient  periods  for  flight  evaluation. 

There  are  penalties  associated  with  use  of  computer  for  checkout.  One  of  these  is  the 
et  ort  required  to  develop  the  checkout  programs.  All  equipment  must  be  analyzed  in  detail 

Lpw/^C5,,i»!eSt  requirements  from  which  detailed  programming  flow  charts  must  be 
developed.  Then  the  programs  must  be  written  and  checked  out. 

,nnJJf  ™,pact  on,  ‘he  processing  system  must  be  considered.  Additional  main  storage 

checkout  f Ck°f  pr°Srams-  1112  amputee  speed  must  be  such  that 

n-nnirrmlnfc  !, be  , handled  alone  With  the  operational  programs.  An  examination  of 
requirements  based  on  past  experience,  however,  indicates  that  the  proposed  tug  data 

™Zrnt-ii‘nCt'0ntW0tlltl  bC  “ble  t0  handlc  the  tug  Checkout  requirements.  The  storage 
capability  will  range  from  5 percent  to  30  percent  of  the  total  main  storage  requirement 

depending  on  the  mission.  More  comprehensive  checkout  programs  may  be  stored  in  mass 
storage  for  extensive  checkout  during  maintenance. 
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4.2.2  Built-In  Test  Equipment 


BITE  is  test  equipment  designed  and  built  as  an  integral  part  of  the  prime  equipment. 
BITE  may  be  designed  to  provide  checkout  and  malfunction  isolation  capability  to  almost 
any  desired  level,  though  there  is  obviously  a practical  limit  to  how  much  BITE  should  be 
added.  BITE  offers  the  advantage,  in  addition  to  utilization  in  a system  configuration,  of 
being  available  for  use  at  any  maintenance  location. 

Use  of  BITE  provides  test  decisions  at  the  subsystem  or  sometimes  a lower  level. 
Contrasted  to  the  centralized  checkout  approach,  BITE  would  impose  minimum  burden  on 
the  tug  data  management  function.  Only  status  indications  for  various  pieces  of  equipment 
would  be  forwarded  to  the  computer  via  the  data  bus.  Raw  parameter  data  would  not  be 
forwarded.  It  follows  that  the  previously  discussed  advantages  in  the  centralized  approach  of 
storage  of  test  data  would  not  exist  with  this  approach. 

niTL-RedUnda"C^  /or  reliability  PurPoses  is  a prime  consideration  in  tug  astrionics  design. 
BITE  and  reliability  redundancy  may  be  designed  as  a joint  function  to  provide  both 
malfunction  isolation  and  switching  capabilities.  Stimuli  generation  for  test  purposes  will  be 
more  effectively  provided  by  BITE  circuitry  as  opposed  to  imposing  the  burden  of  stimuli 
generation  on  the  central  processor. 

A checkout  system  utilizing  BITE  involves  several  major  penalties.  Use  of  BITE  adds 
wuMght  and  size  to  the  prime  equipment.  The  additional  circuitry  involved  in  BITE  increases 
the  probability  of  failures.  BITE  must  be  designed  to  minimize  the  likelihood  of  BITE 
failures  impairing  total  tug  capability. 

4.2.3  Recommended  Checkout  Configuration 


it  is  recommended  that,  as  definition  of  the  tug  continues,  the  design  of  the  checkout 
system  be  pursued  to  determine  the  most  cost  effective  combination  of  centralized  versus 
BITE  checkout.  Based  on  the  preceding  discussions  of  requirements  and  checkout  methods, 
it  is  recommended  that  centralized  checkout  should  be  provided  as  the  prime  checkout  tool. 
However,  all  uig  systems  must  be  analysed  for  test  purposes  since  there  will  be  areas  where 
BITE  will  provide  the  most  effective  test  capability.  Also,  there  may  be  subsystem  tes, 
requirements  which  impose  an  extreme  penalty  on  the  data  management  function.  In  these 
eases,  BITE  will  be  required  at  the  subsystem  level.  However,  the  data  management  function 
should  provide  the  overall  test  control. 


A fairly  recent  advance  in  checkout  capability  is  inherent  in  use  of  the  data  bus  and  its 
associated  interface  units.  The  interlace  units  for  the  various  subsystems  may  be  designed  to 
perform  certain  checkout  functions,  such  as  stimuli  generation  and  limit  checking.  This 
would  lessen  the  burden  ot  checkout  on  the  centra!  processing  system.  The  development  of 
interlace  units  with  a checkout  capability  is  a future  consideration  for  use  in  the  tug,  along 
with  the  centralized  and  built-in  test  equipment  methods. 


The  preceding  discussion  was  based  on  the  use  of  the  data  bus  and  interface  units  to 

dat^bus^fs  eioTn,CalriinthrfaC< ;iConi?ect.ioils  for  the  tuS  data  management  function.  If  the 
data  bus  is  not  used,  then  the  checkout  configuration  would  be  modified  Use  of  a 

fu.nction  wouId  imP°se  a greater  burden  on  data  management  in 
,°g  fj  *!}e  test  pomts  that  would  be  brought  to  a centralized  point.  Checkout 

towards WB°ITE  2 the  H°wever’ the  checkout  burden  would  be  father 

interred ^ m " t0  mit  ^ qU3ntity  °f  t6St  P°intS  t0  be 


The  centralized  checkout 
design  missions.  This  scheme 
central  computing  capability. 


aided  by  BITE  will  be  used  across  the  spectrum  of  space  tug 
can  be  used  generally  for  any  space  element  possessing  a 


APPENDIX  L 


SPACE  TUG  MAINTAINABILITY  CONSIDERATIONS 


IBM  No.  69-K44-0006H 
MSFC-DRL-008 
LINE  ITEM  No.  268 


TABLE  OF  CONTENTS 


Section  Title  page 

1.0  INTRODUCTION L-1 

2.0  GUIDELINES  AND  CONSTRAINTS L-l 

3.0  SUMMARY  OF  RESULTS L-l 

4.0  DETAILED  ANALYSIS  L-2 

4.1  Maintenance  Philosophy L-2 

4.2  Maintenance  Concepts L-3 

4.3  Test  Requirements L-4 

4.4  Maintainability  Design L-5 


D 

D 

D 

0 

0 

D 


L-i/L-ii 


1.0  INTRODUCTION 


Maintainability  should  be  one  of  the  primary  considerations  in  any  development 
program.  It  is  extremely  important  that  no  design  decisions  are  made  which  would 
compromise  the  basic  capabilities  for  testing  and  repair  of  the  tug  astrionics.  Therefore,  the 
effort  in  this  program  has  been  to  review  preliminary  designs  and  provide  necessary  inputs 
to  system  designers  to  ensure  that  the  system  design  includes  consideration  of  basic 
maintainability  criteria. 

The  maintainability  philosophy  and  concepts  have  been  developed  to  establish 
checkout  and  maintenance  requirements.  These  requirements  provide  a baseline  for 
maintainability  design.  The  following  areas  received  primary  emphasis  during  the 
preliminary  maintainability  analysis: 

* Test  requirements 

® Checkout  function  configurations 

$ Definition  of  lowest  replaceable  units  (LRUs) 

© Ease  of  access  for  maintenance 

2.0  GUIDELINES  AND  CONSTRAINTS 


The  following  guidelines  and  constraints  provide  the  background  for  this  study: 

e The  tug  is  based  and  maintained  in  space  or  on  the  ground. 

9 The  tug  astrionic  module  design  shall  minimize  the  need  for  ground  support. 

® The  tug  shall  be  capable  of  going  from  the  quiescent  state  to  a fully  operational 

state  within  two  hours. 

« The  astrionic  module  will  be  packaged  to  allow  a remove  and  replace  maintenance 
and  reconfiguration  concept  in  space. 

® Remove  and  replace  maintenance  will  be  performed  between  missions.  During 
missions,  maintenance  will  be  limited  to  switching  to  redundant  paths. 

o A standard  physical  interface  for  astrionic  equipment  and  a standard  electrical 
interface  for  al!  electrical  equipment  will  be  provided  to  simplify  interchange  of 
components  and  data  transfer. 

3.0  SUMMARY  OF  RESULTS 

The  preliminary  maintainability  design  effort  for  the  tug  astrionics  has  been  concerned 
with  insuring  that  due  consideration  be  given  to  the  basic  checkout  and  maintenance 
concepts  for  the  astrionic  equipment. 
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Basic  maintainability  philosophy  requires  an  onboard  checkout  function  with  the 
following  test  capabilities: 

® Assurance  of  equipment  performance  prior  to  missions. 

® Providing  continued  confidence  in  equipment  performance  during  active  mission 
phases  on  a non-interference  basis  with  system  operation. 

© Positive  and  rapid  detection  of  malfunctions  with  isolation  to  a lowest  replaceable 
unit  (LRU). 

The  checkout  configuration  concept  defined  to  provide  these  capabilities  consists  of 
utilizing  the  central  processing  capabilities  of  the  data  management  function  to  the 
maximum  extent  possible.  The  checkout  concept  also  includes  the  use  of  special  built-in  test 
equipment  in  some  functional  areas. 

Primary  maintainability  design  ci  laracteristics  of  accessibility  and  replaceability  have 
received  special  attention  during  the  preliminary  packaging  and  layout  studies.  All  candidate 
structural  configurations  provide  the  desired  capability  of  facilitating  ease  of  removal  and 
replacement  of  equipment.  The  replacement  capability  is  at  two  levels:  the  LRU  level  and 
the  component  panel  level.  The  panels  contain  groups  of  related  components. 

A list  of  candidate  LRUs  has  been  generated.  This  list  is  based  on  the  presently  known 
functional  and  mechanical  characteristics  of  the  various  equipment.  The  list  will  change  as 
tug  development  progresses:  however,  the  present  list  provides  guidelines  for  future  activities 
in  development  of  the  checkout  function. 

4.0  DETAILED  ANALYSIS 

4.1  MAINTAINABILITY  PHILOSOPHY 

For  the  purposes  of  this  study,  maintainability  is  defined  to  include  those  functions 
and/or  capabilities  which  allow: 

® Assessment  of  vehicle  operational  status 

© Assessment  of  the  "health"  of  the  astrionic  system 

® Ability  to  detect  and  isolate  incipient  and  actual  failure  conditions 

© Ability  to  “work-around”  failed  equipments  and  resume  normal  operation 

© Ease  in  the  replacement  of  failed  equipments 


Obviously  maintainability  considerations  for  the  space  tug  must  embrace  earth  as  well 
as  space-resident  operations.  For  this  study,  however,  only  space  resident  operations  have 
been  evaluated.  The  reason  is  twofold:  (1)  earth  based  operations  have  not  been  defined, 
and  (2)  space  resident  operations  impose  more  stringent  maintainability  requirements. 


stanrinniL7°fW=US„°Perati0IV!.  a baS‘C  ueS'Sn  S°al  IOr  space  tug'  From  a maintainability 

chectout ' The  ‘ S'T  , ateS  n“d  f°r  315  °nb0ard  “Pability  ^idi  al'°ws 
LheLkout  of  the  vehicle  astnomcs  and  system  and,  depending  on  the  results  causes 

SS  :TV°  be  taken,  *°  ?inp0int  the  — of  failure  and  sS  in  spare 
°Parat'°fnal  unIts‘  For  unmanned  missions,  this  capability  must  be  automatic  since  human 

, -nmhi  ,‘°t"  ,S  "r  P°5Slb  e‘  F°^  manned  missions,  the  capability  may  be  fully  automatic  or 
a LOmbinution  of  automatic  and  manual  features.  With  the  automatic  capability  on  manned 

^bdi  V n'cHerf  r terVent.Ion  ls  obv!°usly  not  required.  However,  the  information  and  the 
ability  needed  for  crew  intervention  should  be  provided.  A totally  manual  capability  would 

SSSr1™  tim“  are  n0t  ^ en°USh  “ detaP‘  a"d  — failures  in 

The  guidelines  presented  ill  Section  2.0  concerning  removing  and  replacing  failed  units 
di  ring  and  between  missions  dictates  the  need  for  two  types  of  repair  capability.  During  die 
mission  repair  ot  a malfunctioning  unit  is  not  accomplished.  Instead,  once  the  failure  is 
detected,  automatic  switching  from  the  tailed  to  an  operational  unit  is  accomplished 
Between  missions,  repair  o!  a failed  unit  is  accomplished  on  a physical  "remove  and  replace" 
basis.  Therefore,  packaging  and  installation  concepts  for  astrionic  hardware  must  facilitate 
ease  replacement  with  due  consideration  oi  EVA  operations. 

4.2  MAINTAINABILITY  CONCEPTS 

The  above  maintainability  philosophy  for  the  tug  establishes  the  basic  requirements  for 

y a t C °l  ,nrpair  for  tllc  Va™us  echelons  of  maintenance  Tiiese 
i i ic nance  requirements  provide  guidelines  ior  the  maintainability  dcsien  of  the  tue 
astrionic  module.  Two  maintenance  echelons  for  the  tug  have  been  considered.  The  first  h, 
Maintenance  to  be  perlonned  prior  to  missions  or  in  quiescent  mission  phases.  The  second 
echelon  involves  the  maintenance  actions  dunng  active  mission  phases. 

4.2.1  Quiescent  Mission  Phase* 

Maintenance  dunng  quiescent  mission  phases  basically  imoJves  ensiirhm  that  the 
lartous  systems  an*  at  the  performance  level  required  tor  the  next  mission  or  minion  phase 
Ihc  onboard  checkoul  (uiiuion  sfimild  provide  tile  capability  of  fully  tesuns  all  systems  for 
pom  Pd  d A d,t,g,,OSl,L  ut  niallunclioits  to  a replaceable' item  should  be 


. ThL  ‘‘f  n?m\  allow  two  levels  ol  replacement  One  level  of 

% ,UU  d . >V  ll,c  hljtk  bvs  m ,rvvc>!  replaceable  unit  tLROl  level  LRt’ 
identification  nm*r  take  into  account  the  follow  me 


• Isolation  capahahH  of  the  checkout  unction 


Physical  clMiractc8j'*3*4'v  of  tire  units 
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4.2.2  Active-Mission  Phases 


Maintenance  m the  normally  accepted  sense  of  the  word  will  not  be  performed  during 
active  mission  phases.  The  checkout  function  should  provide  automatic  testing  of  all 
systems  on  a continuous  basis  interleaved  with  normal  Oanetional  operation.  If  a 
malfunction  occur,  the  repair  action  will  consist  of  automatically  switching  to  alternate 
methods  or  redundant  equipment. 

Detection  of  a malfunction  must  be  followed  by  a decision  process  to  determine 
whether  or  not  to  continue  the  mission.  Hie  decision  will  be  based  on  several  factors  The 
major  factors  are  mission  and  payload  criticality,  backup  capabilities  available,  and 
availability  of  manpower  and  spare  equipments  to  perform  maintenance. 

4.3  TEST  REQUIREMENTS 


Test  requirements  have  been  developed  to  implement  the  maintainability  concepts 
discussed  in  the  preceding  section.  The  requirements  are  used  to  aid  in  maintainabilitv 
design  of  the  equipment.  In  particular,  decisions  regarding  the  checkout  function  design  are 
based  on  the  test  requirements  The  test  requirements  ate  grouped  in  three  categories 
Overall  systems  test  requirements  are  those  necessitated  by  quiescent  mission  phase 
maintenance  concepts  System  functional  test  requirements  are  those  imposed  bv  active 
mission  phase  maintenance  concepts  Tile  third  category  of  requirements  is  for  diagnostic 
tests  to  be  utilized  when  a malfunction  has  been  detected  by  overall  or  functional  tests 

4 3 I Overall  Systems  Test  Requirements 


The  overall  systems  tests  should  perform  a complete  lest  of  the  various  tuc  systems 
l ac  test  should  be  designed  to  provide  nuumun  confidence  that  the  tug  equipment  will 
successfully  complete  the  planned  mission  Ilie  lest  operation  should  hr  flexible  enough  to 
facilitate  ciuckoul  of  varying  vehicle  payload,  and  mission  equipment  configurations 

! AI1  paths.  * well  as  the  associated  sivitciiing  circuitry  lor  the  redundant 

pj  , will  be  tested  A cqul-ilin  o!  vjhdatmg  Ilie  checkout  equipment  itself  must  be 
pimidcd  End-to-emJ  testing  should  be  performed  uuh/mg  normal  tuncliuaii  input  signals 
or  *est  generated  stimuli  ** 


. . lhl’ * ‘sl  ^aJ,w  Pr<suk  u,!  Ult  detevtton  of  detenoralmg  comliSmns  as  well  as  discrete 
failure'  Several  data  analysis  techniques  may  be  used  to  detect  equipment  deterioration 
uata  ncjy  be  compared  with  preset  limits  or  prcmm&h  stored  system  test  data  Data 
ciarcprrafcta  hiuqacs  o'  lure,-  and  ;&sgwtu&.  coenr-rs>at«m  o-say  It;-  t reed  U'S  ai:aiv  of 
c ungicg  parameters  t>a3a  ubtaond  must  be  retained  to?  cRgaueenc?  evaluation  and  one  m 
Parer  ct2cekt»aj  vajEj».KUc 

4 » . System  Eukc'Iuk-jS  lest  Rcquiscsnecgts 

Scstcrg  dun^g  eitew  cnis^m  pfiaio  must  :>e  a «.« anssrauna  prsnev.  «sjh  test  cmcfatuir» 
rate&wfteel  tsutli  ratsKtrf  irotttnskd  ofKuano  mUas&  t&stzs  » a scoasenca  vpemataa 
f ****-**  retire  teste;?  as  ice  seen*  res*  Ife  *5  «rfl  fcc 

h^pstrsect  on  stsifi  tutors  as  citfeystco  *ftl&  day  ozScssa:  «?  tfer  fcrsssd  psssrKtjf 
acd  ,rrevr?.«ss  Beds.  j tcitrs  *« J cquiprstexil 


The  test  operation  should  analyze  operational  data  to  the  maximum  extent  possible  in 
order  to  minimize  the  impact  of  checkout  requirements  on  tug  operations.  Subsystem 
outputs  will  generally  be  used  as  test  points,  with  points  internal  to  subsystems  examined 
less  often.  Reasonableness  tests  should  be  performed  on  various  operational  parameters. 

In  general,  the  same  data  analysis  techniques  used  in  overall  tests  should  be  utilized  to 
detect  deteriorating  conditions  during  operational  phases.  Data  comparison  techniques  and 
comparison  with  preset  limits  would  be  utilized.  Data  may  be  compared  with  previously 
stored  data  from  both  functional  and  overall  tests. 

The  detection  of  a malfunction  will  require  automatic  switching  to  backup  capabilities 
oi  either  alternate  modes  or  redundant  equipments.  Data  concerning  the  problem  would  be 
provided  to  the  crew  (if  maimed)  and  to  mission  control. 


4.3.3  Diagnostic  Test  Requirements 

Diagnostic  tests  shall  be  developed  to  take  maximum  possible  advantage  of  equipment 
and  methods  existing  for  operational  purposes.  Operational  inputs  and  outputs  of 
equipment  should  be  used  for  diagnostic  analyses  where  possible.  Tills  capability  will  be 
supplemented  in  some  areas  by  the  generation  of  test  stimuli.  In  equipments  where 
redundancy  is  available,  the  redundancy  switching  circuitry’  should  provide  indication*  of 
malfunctioning  equipment 

Hie  diagnostic  tests  may  be  operated  automatical  in  the  event  of  a malfunction,  or 
they  may  be  operated  under  control  of  mission  control  or  the  crew  (if  manned).  The  design 
goal  of  the  diagnostic  capability  will  be  malfunction  isolation  to  an  LRU.  Data  regarding 
malfunctions  will  In-  retained  in  the  astnonic  equipment,  telemetered  to  mission  control, 
and  communicated  to  the  crew  module  on  manned  missions  In  quiescent  mission  phases, 
where  maintenance  facilities  and  manpower  are  available,  the  equipment  would  be  repaired 
aiJ“  lilc  sy'lL*,n  rcsenflal  J malfunction  occurs  during  a mission,  a real  time  decision 
woum  be  made  as  tu  whether  to  abort  or  to  complete  the  mission  with  a degraded 
capability  * 


4-4  MAINTAINABILITY  !%S1(»N 

Hie  initial  mamtamabihly  effort  has  been  concerned  with  providing  those 
maintainability  ducat  tenstus  which  tuitilf  the  hasu  test  and  repair  concepts  for  the  lug 
astnomvs  These  basic  itumUiuhiltly  design  characteristics  include 

® Rapid  and  positive  detvucirc  of  maltu  return* 


Rapid  tMtlsItim  of  ccalSiaris.  atya, » s#»  j tephceaWr  unjt 
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4.4.1  Checkout  Configuration  Concepts 


Analysis  of  tug  requirements  has  led  to  a tentative  configuration  for  the  checkout 
function.  This  configuration  utilizes  the  planned  data  management  function  in  a centralized 
checkout  concept.  The  existence  of  central  processor  capability  along  with  the  data  bus  and 

Iwdware^pena^y20^  pr°V,deS  an  efflcient  test  sVstem  with  minimum  additional 

Built-in  test  equipment  (BITE)  will  provide  a necessary  complement  to  centralize 
checkout  in  some  areas.  In  some  subsystems  BITE  may  provide  a more  cost  effective  test 
capaoihty  than  a strictly  centralized  approach.  There  may  be  subsystem  test  requirements 
winch  impose  too  extreme  a penalty  on  the  data  management  function  (refer  to  Appendix 
K for  a more  detailed  discussion  of  checkout). 

4.4.2  Layout  and  Packaging 

Major  emphasis  in  layout  and  packaging  design  has  been  concerned  with  providing 
maintainability  features  ot  accessibility  and  replaceability  (see  Appendix  I for  a detailed 
discussion  of  structures  and  layout ).  The  layout  design  features  components  mounted  on 
component  mounting  panels.  Minimum  tooling  is  required  to  replace  components  on  panels. 
The  panels  are  attached  to  the  main  structure  by  captive  quick  release  type  fasteners. 
Mounting  of  functionally  related  components  on  a single  panel  facilitates  system 
reconfiguration  by  replacement  of  panels. 

1 wo  primary  structural  concepts  have  been  evaluated  shell  structure  and  open  frame. 
The  open  frame  concept  allows  access  from  either  inside  or  outside  of  the  module.  Some 
variations  ot  the  shell  structure  provide  the  same  access  capability. 

j.nnm1  ‘‘nU  mctfhanical-  arc  quiek-diseonnect  types.  Tile  connectors 

n ?,  ! d i M?t’d.ialW!  UyC,d  !°  P^went  accidental  misconiiectioiis.  All  components  and 
panels  should  be  clearly  marked  with  the  following  information: 

® Part  number,  part  name,  and  weight 

® Location  identification 

® C onnection  idem  i fit  itious 

® Prevsurc  requirements 

© Warning  labels.  where  required 

& Orientation 

4 4 l Lowest  Replaceable  l ints 


In  order  to  establish  a goal  for  ihr-ign  ol  IRl  v a list  of  candidate  LRi’s  for  fire  various 
eqmspmentv  Su*  Ken  dewfc, pwl  Tins  Im  is  a pretmunar,  atuivsis  of  such 
vtiarovtcmstcs  .*%  amictmnai  tm*dnkni$.  isolation  eapahtljti?*.  and  ease  of  "replacement 

fia*  !** ! will  be  refira-d  derelopnirai  progress^  lire  list  is  bmkee  into 
«f«sv.U'ta  .tsvas 


4.4.3. 1 Data  Management  Subsystem 


The  following  list  delineates  the  LRUs  for  the  data  management  subsystem: 

e Central  Processor  Unit 

® Bus  Control  Unit 

• Configuration  Assignment  Unit 

® Magnetic  Tape 

® Auxiliary  Monitoring  Computer 

« Main  Memory  (Note  1 ) 

» Display  Memory  (Note  1 ) 

Note  1 : In  case  of  the  memories,  if  monolithic  technology  is  used,  a lower  level  of 
replacement  will  be  possible.  This  lower  level  will  be  a basic  operating  memory 
module. 

4,4.3. 2 Navigation.  Guidance,  and  Control  Subsystem  (NG&C) 

In  the  NG&C  subsystem,  the  LRU  level  for  each  functional  component  generally 
divides  into  two  areas:  ( 1 ) sensors  and  (2)  electronics. 

• Inertia!  Measuring  Unit  (1MU)  The  strapdown  hexad  1MU  contains  twelve 
sensors.  Each  of  these  sensors  may  be  a replaceable  item.  The  electronics  for  each 
sensor  may  be  packaged  with  the  sensor  and  thus  be  part  of  the  replacement  item 

& Star  Tracker  - The  sensor  head  and  the  electronics  arc  separate  replaceable  items 
for  each  tracker. 

» Horizon  Sensor  The  horizon  sensor  contains  two  sensor  assemblies  and  an 
electronics  p-  ' e.  Each  of  these  three  items  is  considered  to  be  an  LRU. 

© Landmark  Tracker  Hie  Landmark  Tracker  contains  two  candidate  LRUs-  ( ! > 
the  gimbal  assembly  containing  the  sensor  head  and  (2)  the  electronics,  in 
addition,  the  sensor  head  itself  may  be  replaceable. 

« Laser  Radar  Hie  bcara  generator  assembly  and  the  electronics  package  arc  the 
replaceable  items 

® Landing  Radar  An  antenna  assembly  and  an  cSectromcs  package  arc  tltc 
replaceable  items 


4.4.3 .3  Electrical  Power  Subsystem 

Each  of  the  following  components  is  considered  an  LRU  for  the  power  subsystem: 


® Fuel  cell 
9 Hydrogen  tank 
® Oxygen  tank 
® Battery 
© D.C.  regulator 
® Battery  charger 

4.4 .3  A Electrical  Networks  Subsystem 

The  following  arc  LRUs  for  ihe  electrical  networks  subsystem: 

® Standard  interface  unit 
© Monitoring  and  auxiliary  monitoring  units 
® Power  distributor 
© Auxiliary  power  distributor 
® Junction  box 

4.43.5  Thermal  Conditioning  Subsystem 

The  following  components  of  the  thermal  conditioning  subsystems  arc  LRUs: 
® Coolant  pump 
« Service  heat  exchanger 
® Coolant  accumulator 
9 C omponent  mounting  panel 

# Louver  pand 
® Radiator  section 


4.43  6 CcKiimariJ  ami  Control  Subsystem 

fL*  ^smssaami  control  vutmvtwiu  down  sato  several  areas.  far  av  LKITs  are 
jSf St  ***  rtES|!033s^.  Mttfc  a»  antenrws.  delevers,  power  divider,  eie  . b a 

Itm  dcarcSKs  &Q  en  three  m CSB  c&mreneni  VHP 

trar,si»n:r  as!  otlssr  »pc*2i3  equipment 


The  USB  equipment  separates  into  four  LRUs: 

® Power  amplifier 

® Transponder  module 

® Modulator/demoduiator 

® Transceiver  module 

The  VHF  transceiver  separates  into  three  LRUs: 

® Receiver  module 
® Transmitter  module 
© Btmging  module 

Hie  third  category  of  equipment  consists  of  the  following  LRUs: 
© VHF  command  receiver 
® Command  decoder  electronics 
© TV  camera 

© USB  iii-gain  antenna  control 
® Audio  equipment  (intercom) 
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1.0  INTRODUCTION 


This  appendix  presents  the  results  of  a study  performed  to: 

® Describe  reliability  enhancement  techniques  which  could  be  implemented  into  the 
space  tug  astrionic  systems. 

© Identify  a reliability  goal  for  space  tug  astrionics. 

© Evaluate  the  reliability  of  space  tug  astrionic  configurations  which  utilize  basic 
reliability  enhancement  techniques. 

20  STUDY  GUIDELINES  AND  GRQUNDRULES 

Overall  guidelines,  groundrules  and  assumptions  for  the  space  tug  study  are  presented 

m..Pf^)?ous  aPPen^ice5i  of  ?his  report.  Details  or  additions  which  particularly  influence  the 
reliability  study  are  detailed  in  this  section. 

The  definition  of  required  astrionic  module  reliability  must  be  preceded  by  the 
definition  of  total  program  goals.  For  this  study,  it  was  assumed  that  the  astrionic  module 
should  have  a 907?  probability  of  causing  no  mission  failures  in  1G0  missions.  Since 
(goal)  - 0.9,  the  required  astrionic  module  reliability  goal  equals  0.999. 

The  extent  and  frequency  of  maintenance  to  be  performed  on  the  astrionic  system  will 
have  a significant  impact  on  system  reliability  requirements.  By  groundmle,  the  system  must 
be  capable  of  being  maintained  while  in  space  residence.  For  this  study  it  was  assumed  that 
the  maintenance  to  be  performed  between  missions  would  result  in  a completely  operational 
system.  That  is.  all  system  elements,  both  prime  and  buck-up.  are  operational  and  all  system 
elements  are  and  will  be  operating  within  the  range  of  their  expected  lifetimes.  With  this 
assumption,  system  eliability  will  be  reset  to  the  required  level  at  the  initiation  of  each 
mission.  The  limited  maintenance  during  the  mission  (i.e..  automatic  redundancy 
management)  enhances  the  probability  of  mission  success  but  does  not  reset  system 
reliability  since  all  system  elements  are  no  longer  functioning. 

3.0  SUMMAjiY  OF  RESULTS 

Of  the  four  configurations  evaluated,  only  one.  the  reusable  synchronous  orbit 
configuration,  meets  the  assumed  requirements  Through  the  use  of  higher  sparing,  all 
except  the  lunar  landing  configuration  can  meet  the  reliability  goal. 

A significant  reliability  p«v*!ero  exists  with  the  lunar  landing  configuration. 
Impkajcnration  of  full  S s'  2 sparing  with  0 99  coverage  does  not  enhance  system  reliability 
so  an  acccinabJc  goal  bceaitse  of  the  long  t-  44  <£«**»  mission  time.  Itehef  of  this  problem 
win  be  rcauard  in  er,e  of  two  way**  1 8 » either  change  the  ground  rale  which  precludes 
maintenance  activity  dun»g  the  mission  to  reset  rduhi&ly  to  an  ,-eptahle  level,  or  (2) 
implement  more  enhancement  techniques  such  as  increasmg  the  amount  of 

The  opiLmm  le&lieo  -ararot  be  determined  without  a derailed  identification  and 
doteifcoa  6-J  ladiaaj  penally  located  with  each  tofoisan 


4.0  DETAILED  ANALYSIS 


Redundancy  is  abundance,  that  is,  having  more  than  the  minimum  capacity  to  do  the 
job.  As  used  in  the  context  of  this  study,  it  is  the  act  of  including  more  units  in  a system 
than  the  minimum  required  to  do  the  job.  System  redundancy  is  mandatory  for  one  or  both 
of  two  reasons:  (1)  to  achieve  a higher  probability  of  success  for  a given  application  than 
could  be  achieved  with  a bare  minimum  (simplex)  system,  and/or  (2)  to  conform  to 
specifications  which  dictate  tolerance  to  one  or  more  failures. 

Two  basic  types  of  redundancy  are  recognized:  masking  and  sparing.  Masking  is 
characterized  by  performance  of  the  givm  function  in  three  or  more  units  and  assumes  the 
correct  function  will  be  represented  by  the  majority  in  the  event  of  any  disagreement.  The 
second  general  type  of  redundancy  is  sparing.  It  is  characterized  by  performance  of  the 
function  by  a “prime”  unit  and  includes  in  the  system  a means  for  determining  if  the 
“prime”  unit  is  operating  correctly  and  a means  for  replacing  the  “prime”  unit  with  a 
“good”  unit  in  the  event  of  its  malfunction. 

For  completeness  the  “theoretical”  curves  of  Figure  4-1  are  included  to  indicate  some 
basic  virtues  and  shortcomings  of  four  commonly  addressed  hardware  redundancy  schemes. 

One  notices: 

© The  simplex  (minimum  hardware)  system  falls  off  most  rapidly  initially,  gradually 
rounding  its  knee  to  asymptotically  approach  0 at  infinite  time. 

© All  the  redundant  systems  hold  up  (i.e.,  the  curves  are  fairly  level)  before  falling 
off. 

e When  the  redundant  system  curves  round  their  first  knee,  they  fail  off  rapidly. 

© That  if  one  waits  long  enough  the  TMR  system  becomes  eventually  less  reliable 
than  the  simplex  system. 

© That  there  is  negligible  difference  between  any  of  the  systems  if  one  waits  long 
enough. 

Hie  preceding  curves  and  observations  are  enlightening  to  the  extent  they  preside 
upper  bounds.  However,  in  practical  applications: 

© It  is  academic  what  happens  at  times  which  are  in  excess  of  the  total  mission  time 
- the  important  thing  is  how  it  performs  within  the  m^sion  time. 

® Any  redundancy  scheme  requires  additional  hardware  for  imofemenution  which 
tends  to  minimize  its  .advantages  some  implementations  are  rsqse  affected  than 
cithers. 

® nature  of  the  equipment  li.c  . digital,  analog  ami  type  of  digital,  analogi 

dictates  the  type  of  redundancy . 


1^02  4-fl  ItznSscs;  R 


n q miSJri y/?‘ aVS  int?rested  onIy  m those  portions  of  the  curves  which  are  in  excess  of 
0.9  reliability  (1  chance  in  10  of  failure).  Assume  for  a moment  that  the  vehicle  system  is 

°f , ° mU^°r  ??ualIy  comPlex  subsystems  and  each  subsystem  is  composed  of  10 
thP  c?mplex  um.ts  (b,ack  boxes>*  If  the  vehicle  has  a reliability  goal  of  0.9  then  each  of 
the  1 0 subsystems  should  have  a goal  of  0.99,  roughly,  and  each  black  box  a goal  of  0 999 

mrnmLOmm°ny  redundancy  15  aPPlied  at  the  black  box  level;  consequently  the  most 

leveif of  O^and  Tnrwhand  appbcabiIity  of  the  curves  * in  the  region  between  reliability 
level,  of  0.99  and  1.0.  When  attributes  of  various  redundancy  schemes  in  this  region  of 

increase  'ST*'?  T*  ^ additional  detecting/switching  hardware  are  included  which 

increase^  the  simplex  failure  rates,  as  in  Figure  4-2,  there  are  significant  changes  in  the 

' indLte  °a  ,n  Figurc  4'2-  ‘he  sparing  schemes,  1 + 1 and  1 + 

following  in  parentheses^d'icate "the  coverag^ (rf^e'^tCTmCoii^ge'is^he probabflUjTof 

* ft?  SChCmeS  °ffCr  thC  SreatCSt  potential  for  longevity  only  when  the  coverage 

19  ™t?ShS  °'  uS  Variof . schcmes  show  that  ‘he  scheme  which  is  “best"  for  one 
combined  e°al/mIsslon/tlme  combination  may  not  be  best  for  another 

“ mlirnnT'f  **  an,d  thc  tin,L‘  «*  system  can  tolerate  before 

dKimble  y fr<-*quentiy  preclude  schemes  tliat  might  otherwise  be  most 


4.1  RELIABILITY  ENHANC  EMENT  TECHNIQUES 

4.1.1  Masking 

^le  bcs' Lk"ov,n  J,,d  wldeI>  implemented  variation  of  masking  is  trole  modular 
’dundancy  (TMR).  It  has  the  highly  desirable  virtues,  of  essentially  no  delav  in  uretem 
a ma U unction  occurs  and  of  handling  intermittent  and  hard  failures  with 
equal  facility  On  the  other  hand.  TMR  requires  two  units  to  function  corrcctlv  at  all  iim-« 
munng  its  “endurance”,  and  it  requires  considerable  hardware  to  in  ome 

systems  such  as  parallel  organized  digital  processors  P ,n  Some 

.... , rr,T  °f  lhf  !U&li  ™R  'chcnic arc  fcas*Ic  For  example,  it  ts  stramht-fonvard  to 
decu  the  falling  module  ol  thc  TMR  tnad  and  replace  with  a fourth  spare  module 

4 l 2 Sparing 


Duplication  ot  hardware  iu»  been  the  most  common  type  ol  redundancy  scheme  Is 

tmi Tx*  , ! r,,C‘Sl  “n,t;  sunu!lancousl>  performing  thc  same  function  and  compares  tfnrir 

hC  pa,r.  J"d  'pjRr  of  4-1  and  40  In  thc  event  of  disagreement 
both  units  are  etched  out  ttl  there  are  not  ancillary  means  of  determining 

r a **  ««**«  - tocur'u  ' tL  fuuctmn 

,«  t lhc  adv<5ma5l‘  u{  efficient  from  a design  standpoint  since  it 

J ,yp”  °! I rasiftraction,  (except  simultaneous,  occurrence  of  the  same 
5?“**“  m two  umts.  so  that  the  coverage  w cwulrellx  Iraated  only  h>  hnulattonsof 

lurdware  On  the  other  hand,  ifaa  type  »vstan  ts  somewhat 
rro*  “r“  p“'op“!-  rierfornitng  hardware  » switched  cut  afniw  with  the  maltoretiotied 


LEGEND:  1 + 2 {.99) 

(1) -PRIME  UNIT 
m-  TWO  BACKUP  UNITS 
(.89)  - COVERAGE 
TMR- TRIPLE  MODULAR 
REDUNDANCY  P&S-PA1R 
AND  SPARE 


This  type  system  has  a variety  of  implementations  all  with  one  overwhelming 
requirement  for  success  in  application  - namely,  the  “coverage”  must  be  very  near  unity. 
Performance  of  the  system  is  very  sensitive  to  the  coverage  parameter.  For  example, 
predicted  mission  time  at  a fixed  high  reliability  level  may  be  degraded  by  a factor  of  10  if 
the  coverage  is  reduced  from  99.6%  to  90%.  It  is  probably  reasonable  to  say  that  sparing 
systems  should  not  be  considered  for  practical  applications  unless  the  coverage  can  be  made 
to  exceed  90%. 

4.1.3  Software  Coverage 


In  systems  containing  programmable  logic,  malfunction  detection  can  be  implemented 
by  techniques  such  as  limit  tests,  generation  of  test  patterns,  arithmetic  operation  checks, 
etc.  This  type  coverage  has  the  advantage  of  being  relatively  efficient  from  a hardware 
implementation  standpoint.  However,  it  requires  time  to  perform  and  in  depth  knowledge 
of  the  system  manifestations  for  all  possible  failures,  and  it  is  extremely  difficult  to  analyze 
(in  a quantitative  sense)  the  amount  of  coverage  obtained.  Often  it  has  the  dra  wback  of  not 
being  dynamic,  i.e.,  not  handling  intermittent  anomalies  well.  But  this  can  be  a very  valuable 
technique  to  augment  the  failure  detection  hardware  upon  which  the  coverage  techniques 
largely  depend. 

4.1.4  Dynamic  Hardware  Coverage 

Dynamic  hardware  coverage  has  recently  emerged  from  the  research  era  and  represents 
the  best  choice  of  hardware  implementation.  It  is  characterized  by  specialized  design 
techniques  such  as  dynamically  checked  logic  (including  the  checkers),  error  encoding  which 
enables  dynamic  detection  and  correction,  multiple  path  reconfiguration,  etc.  These 
techniques  are  not  amenable  to  retrofit  but  must  be  designed-in  from  the  beginning. 
Additionally,  quantitative  knowledge  of  the  technology  failure  modes  and  their  probabilities 
of  occurrence,  the  mission  application  parameters  - duration,  reliability  level  and  recovery 
time,  as  well  as  the  normal  functional  requirements  must  be  known  or  defined  and 
considered  in  detail.  These  designs  require  higher  design  costs  but  can  result  in  significant 
weight  and  power  savings  as  well  as  significantly  greater  longevity. 

4.1 .5  System  Balancing 

The  foregoing  has  addressed  the  redundancy  aspects  of  units  irrespective  of  size. 
However,  astrionic  systems  are  composed  of  many  different  types  of  units  and  because  of 
tills  diversity  of  the  characteristics  and  functions  of  the  elements  comprising  the  system 
they  are  addressed  individually  in  the  system  design.  Thus  reliable  systems  are  frequently 
composed  of  elements  which  may  have  one  type  and/or  level  of  redundancy  and  others 
another  type.  The  reason  for  tills  is  to  obtain  a balanced  system  design  - that  is,  one  which 
is  free  of  having  some  elements  much  more  likely  to  cause  system  failure  than  others.  Also 
the  characteristics  of  different  devices  make  them  more  amenable  to  specific  types  of 
redundancy. 


4.2  SPACE  TUG  ASTRIONIC  SYSTEM  RELIABILITY  DESIGN 

The  system  design  effort  for  reliabiiity  on  the  space  tug  has  been  devoted  primarily  to 
selecting  the  appropriate  reliability  enhancement  techniques  for  each  of  the  ^Sterns, 
estimating  the  major  systems  parameters  which  determine  the  reliability,  formulating 
approbate  mathematical  models  for  several  system  configurations  and  evaluating  their 
reliability  effectiveness  to  arrive  at  an  appropriately  balanced  system  recommendation  The 
system  which  has  evolved  is  primarily  characterized  by  standby  sparing  type  of  redundancy 
for  most  elements  with  two  notable  exceptions-  (1 in  the  area  of  the  system  memory:  and 
(2)  in  the  configuration  of  the  inertial  measurement  unit.  The  design  tool  used  for  the 
quantitative  modeling  effort  has  been  a time-shared  computer  terminal  system  (Reference 
M-n  which  facilitates  the  modeling  of  a hypothetical  system,  the  determination  of  system 
effects  on  reliability  of  the  assumed  parameters,  and  the  modification  of  the  parameters 
until  a suitable  design  configuration  is  obtained. 

The  system  parameters  for  the  study  are  mission  timelines  type  of  redundancy, 
power-on  and  power-off  element  failure  rates,  coverage  (probability  of  detecting 
malfunctions,  precluding  their  effect,  and  successfully  recovering),  and  additional 
equipment  to  implement  the  redundancy.  Of  particular  importance  are  the  coverage  and  t 
additional  equipment  to  implement  the  redundancy.  These  are  assumed  to  be  0.99  and  5 0/o 
of  the  unit  being  covered,  respectively.  Also,  failure  rates  with  power-off  amount  to 
one-fifth  the  rate  with  power-on. 

4.2.1  Data  Management  Subsystem 

In  the  areas  of  the  system  which  are  primarily  digital,  that  is  the 
computation/communication  group  consisting  of  the  memory,  central  Processing  uni 
(CPU),  configuration  assignment  unit  (CAU),  bus  control  unit  (ECU),  and  the  stand 
interface  units  (SIU),  it  is  of  critical  importance  that  intermittent  and  hard  failures  be 
distinguished.  Otherwise,  the  redundant  elements  may  be  ineffective  and  indeed  m some 
instances  detract  from  system  operation.  Also  of  critical  importance  is  the  ability  to 
malfunctions  as  they  occur  during  normal  system  operation.  This  prevents  the  propagation 
of  errors  and  allows  appropriate  corrective  action  to  be  taken  in  order  that  recovery  from 
the  malfunction  may  be  effected.  To  this  end,  the  digital  portions  are  to  be  designed  with 
dynamically  self-testing  circuitry  (Reference  M-2).  All  data  transfers  between  units  shall  b 
encoded  in  order  that  error  detection  and  correction  may  be  eftected  on  these  transfers.  The 
configuration  assignment  unit  will  provide  the  redundancy  management  for  the  devices 
communicating  with  the  data  bus  and  will  be  largely  automatic  with  backup  provided  ly 
reasonableness  tests. 

4.2.1 .1  Memory  Organization 

A relatively  new  concept  for  digital  memory  organization  provides  a very  significant 
increase  in  error-free  operating  lifetime  with  a minimal  increase  m added  hardware,  together 
with  excellent  intermittent  versus  hard  failure  handling  capability.  The  memory  consists  of  a 
number  of  BOM  (Basic  Operating  Memory)  elements  equal  to  the  numto  of  bits  m the 
system  word,  plus  some  spare  BOMs  which  may  be  switched  in  to  replace  defective  BOMs. 
All  stored  words  contain  redundant  bits  such  that  all  single  bit  errors  may  be  detected  and 
corrected  during  normal  system  operation.  Thus,  even  though  failed  storage  elements  may 
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be  randomly  located  on  various  BOMs,  there  is  a high  tolerance  to  this  type  failure,  because 
the  likelihood  of  a given  word  containing  more  than  one  of  these  bad  bits  is  very  low.  On 
the  other  hand,  assume  that  a catastrophic  failure  of  one  of  the  operating  BOMs  occurs, 
which  effectively  causes  every  bit  which  is  read  to  be  in  error;  e.g.,  a sensing  circuit  failure. 
The  bits  are  corrected  before  the  word  is  outputed  to  the  system.  Concurrently,  the 
configuration  assignment  unit  notes  the  multiplicity  of  bit  errors  from  this  BOM  and 
institutes  a recovery  strategy  to  replace  it.  The  replacement  BOM  may  be  loaded  with  good 
bits  by  utilization  of  the  remaining  word  bits  and  the  single-error  correcting  double-error 
detecting  circuitry.  Thus,  the  memory  may  be  recovered  intact  from  this  catastrophic 
failure. 

4.2.1 .2  Central  Processor  Organization 

The  data  management  subsystem  is  composed  of  the  central  processor  unit  (CPU),  the 
bus  control  unit  (BCU),  the  configuration  assignment  unit  (CAU),  and  the  bit/BOM  memory 
with  its  single-error  correct/double-error  detect  circuitry.  Each  of  these  units  will  be 
designed  to  be  dynamically  self-checking;  thus,  all  single  failures  in  both  the  functional  and 
the  checking  circuitry  will  be  indicated  immediately  as  they  occur  and  before  errors  can  be 
propagated  to  contaminate  previously  generated  good  data.  Malfunction  indication  signals 
from  each  of  the  units  will  be  received  by  the  CAU.  Normally,  the  first  malfunction  from  a 
given  unit  will  be  assumed  to  be  intermittent,  and  a re-try  procedure  will  be  initiated. 
Failure  will  be  presumed  when  a sufficient  number  of  re-tries  does  not  result  in  successful 
performance  of  the  operation.  A recovery  strategy  will  then  be  initiated  by  the  CAU  to 
transfer  the  data  and  status  information  to  a standby  and  reconfigure  the  system  to  operate 
with  the  standby. 

4.2.2  Inertial  Measuring  Unit 

The  hexad  inertial  measurement  unit  was  originally  proposed  and  analyzed  by  Gilmore 
(Reference  M-3)  in  a master’s  degree  thesis  at  MIT.  Briefly,  it  utilizes  six  gyros  mounted  so 
as  to  have  their  input  axes  perpendicular  to  the  faces  of  a regular  dodecahedron.  The  axes  of 
the  dodecahedron  make  equal  angles  with  the  orthogonal  triad  vehicle  axes.  Thus,  none  of 
the  six  gyros’  input  axes  are  eolinear  with  the  vehicle  coordinate  axis,  but  each  measures  a 
known  component  of  each  vehicle  axis  motion.  By  virtue  of  this  known  geometric 
relationship,  Gilmore  develops  relationships  relating  the  output  measurements  of  the  gyros 
which  may  be  used  to  verify  their  proper  functioning,  or  alternatively,  identifying  any 
single,  or  any  pair,  of  hexad  element  failures.  Thus,  the  accelerometer  and  the  rate  gyro 
subunits  would  each  consist  of  six  accelerometers  and  associated  electronics  with  system 
success  obtained  when  any  four  are  functional.  Successful  system  function  can  indeed  be 
obtained  with  only  three  of  the  six  correctly  functioning;  however,  identification  of  the 
third  failed  element  cannot  be  obtained  solely  by  comparison  of  their  outputs.  Auxiliary 
methods  such  as  wheel  speed  sensing  or  reasonableness  tests  would  need  to  be  used. 
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4.2.3  System  Encoding  and  Decoding 

Extensive  use  should  be  made  of  error  detecting/correcting  encoding  in  order  to 
maximize  the  system  reliability  with  a minimum  of  hardware.  For  example,  the  bit/BOM 
memory  organization  is  of  little  use  unless  augmented  by  circuitry  which  can  correct  and 
detect  individual  bit  failures.  The  single-error  correct/double-error  detect  (SEC/DED) 
memory  input/output  (I/O)  section  provides  this  function.  The  basic  machine  data  word 
length  is  32  bits.  This  word  length  requires  7 (redundant)  bits  be  added  in  order  that  any 
single  bit  failure  may  be  corrected  and  any  double  bit  failure  may  be  detected  (but  not 
corrected).  Thus,  each  word  stored  in  memory  would  be  39  bits.  It  is  fortunate  that  the 
same  physical  circuitry  which  is  used  to  encode  words  entering  memory  may  be  used  to 
decode,  correct,  and  detect  bit  failures  of  words  leaving  memory.  Additionally,  this  circuitry 
can  be  designed  to  be  dynamically  self-testing  in  order  to  avoid  its  failing  and  erroneously 
“correcting”  good  data  or  failing  to  detect  bad  data.  The  data  bus  is  another  portion  of  the 
system  where  error  encoding  techniques  will  be  utilized.  Although  the  bus  hardware  may  be 
extremely  reliable,  experience  has  shown  that  transfer  of  information  between  units  in  any 
system  is  susceptible  to  noise.  This  susceptibility  will  be  effectively  precluded  by 
appropriate  coding  implementations  for  the  bus. 

4.3  SYSTEM  RELIABILITY  ESTIMATES 

The  following  tug  missions  and  their  respective  astrionie  systems  were  evaluated  and 
reliability  estimates  were  determined: 

o Expendable  Synchronous  Orbit 

» Reusable  Synchronous  Orbit 

© Lunar  Landing 

» Four  Stage  Saturn  V 

Table  4-1  and  Figure  4-3  present  the  results  of  this  evaluation. 

4.3.1  Expendable  Synchronous  Orbit  Mission 

The  “as  defined”  system  configuration,  which  is  virtually  a simplex  system  has  more 
than  eight  times  the  goal  failure  probability:  however,  this  deficiency  may  be  overcome  by 
selective  sparing  of  some  of  the  larger  failure  rate  components.  Therefore,  the  fact  that  the 
configuration  does  not  meet  the  goal  is  not  deemed  a significant  design  deficiency  at  this 
phase. 

4.3.2  Reusable  Synchronous  Orb i t Mission 

The  “as  defined”  system  configuration  for  the  tug  1 system  configuration  exceeds  the 
goal.  The  tug  II  system  configuration  has  problems  which  may  be  solved  by  sufficiently  high 
level  sparing  or  more  desirably  by  increasing  the  coverage  to  make  greatest  use  of  the  sparing 
levels  presently  defined  with,  perhaps,  increasing  the  sparing  in  selected  areas.  Merely 
providing  two  spares  for  all  of  the  critical  units  with  the  present  coverage  will  not  likely  be 
sufficient  to  meet  the  reliability  goal. 
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Table  4-1 . Reliability  of  Configured  Systems 


— — — h 

Estimated 

Corresponding 

Mission 

Reliability 

Unreliability  x 10^ 

(See  Note  1) 

(See  Note  2) 

Expendable  Sync  Orbit 
Reusable  Sync  Orbit 

0.991655 

8.345 

Tug  1 

0.99139 

0.861 

Tug  II 

0.997231 

2.769 

Lunar  Landing 

0.974007 

25.993 

Fourth  Stage 

0.983597 

16.403 

Goal 

0.999 

1.000 

Notes: 

(1 ) Estimated  reliabilities  are  for  the  astrionic  system  configuration  as  defined. 

The  components  for  the  astrionic  system  configurations  are  defined  in 
the  main  body  of  this  report  (Section  4.0  - System  Description). 

(2)  Unreliability  = 1.0  minus  the  reliability. 

4.3.3  Lunar  Landing  Mission 


The  “as  defined”  system  has  nearly  26  times  the  goal  failure  probability.  This  is  due 
primarily  to  the  combination  of  non-redundant  critical  elements  and  to  the  length  of  the 
stay  (42  days)  on  the  lunar  surface.  A significant  increase  in  the  probability  of  success  of 
this  mission  can  be  gained  by  making  all  critical  elements  redundant  and/or  modifying  the 
groundruies  to  allow  refurbishment  on  the  lunar  surface  before  return  liftoff.  More  than  90 
percent  of  the  mission  unreliability  is  contributed  by  the  long  lunar  stay.  Modification  of 
the  groundrule  would  enable  minor,  straight-forward  modifications  to  the  “as  defined” 
system  to  meet  the  goal.  The  probability  of  having  all  crew  safety  equipment  (including 
redundancy)  and  all  remaining  functions  operational  at  the  conclusion  of  the  lunar  stay  is 
greater  than  0.96.  Mission  rules  permitting,  four  missions  out  of  100  would  require 
refurbishment  on  the  lunar  surface. 

In  the  event  it  is  not  feasible  to  change  the  groundrule,  replication  of  all  critical  system 
0 elements  must  be  done  and  the  coverage  on  virtually  all  elements  must  be  increased,  which 
entails  additional  hardware.  However,  this  hardware  increase  penalty  might  be  wholly  or 
partially  offset  by  enabling  the  sparing  level  required  for  some  of  the  other  mission 
configurations  to  be  reduced.  Thus,  the  penalty  will  depend,  to  a large  extent,  on  the 
number  and  type  of  missions  to  be  flown. 

4.3 .4  Four  Stage  Saturn  V 

The  “as  defined”  system  has  1 6 times  the  goal  failure  probability.  This  is  due  to  the 
lack  of  redundancy  in  several  units  of  the  “as  defined”  system.  Duplexing  some  or  all  of 
these  will  bring  the  overall  system  well  within  the  goal. 
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4.4  SUMMARY  AND  CONCLUSIONS 


Of  the  four  configurations  evaluated,  only  one,  the  reusable  synchronous  orbit 
configuration,  meets  the  assumed  requirements.  Through  the  use  of  higher  level  sparing,  all 
except  the  lunar  landing  configuration  can  meet  the  reliability  goal. 

Figure  4-4  shows  the  astrionic  module  reliability  for  the  systems  previously  discussed. 
Estimates  are  also  included  of  totally  duplex  and  totally  triplex  configurations  to  indicate 
the  reasonable  limits  to  which  the  current  der'  ° may  be  extended.  The  pacing  mission  is 
obviously  the  lunar  landing  mission. 

A significant  reliability  problem  exists  with  the  lunar  landing  configuration. 
Implementation  of  full  1 + 2 sparing  with  0.99  coverage  does  not  enhance  system  reliability 
to  an  acceptable  goal  because  of  the  long  (—44  days)  mission  time.  A solution  to  this 
problem  can  be  realized  in  one  of  two  ways:  (1)  Either  change  the  groundrule  which 
precludes  the  maintenance  activity  during  the  mission  to  reset  reliability  to  an  acceptable 
level,  or  (2)  implement  more  sophisticated  enhancement  techniques,  such  as  increasing  the 
amount  of  coverage.  The  optimum  solution  cannot  be  determined  without  a detailed 
identification  and  evaluation  of  resultant  penalties  associated  with  each  solution. 

The  rationale  for  the  0.999  reliability  goal  is  based  on  a probability  of  success  for  a 
100-mission  program  which  is  at  least  90  percent  likely  to  have  no  mission  failures.  Thus, 
Goal  *00  = o.9.  Goal  = 0.999.  If  the  likelihood  of  no  mission  failures  during  the  program 
(the  0.9)  and/or  the  total  number  of  missions  in  the  program  should  be  less  and/or  one  or 
more  mission  failures  could  be  tolerated,  the  goal  may  be  correspondingly  reduced.  Figure 
4-5  is  a plot  of  the  probability  of  no  failures  vs.  number  of  missions  for  each  of  the  “as 
defined”  systems.  As  the  program  becomes  more  precisely  defined  regarding  the  number  of 
missions  of  each  type,  these  plots  may  be  used  to  assess  the  total  program  success  impact  of 
each  type  of  mission.  For  purposes  of  comparison,  the  Saturn  Program  with  a goal  of  0.992 
for  the  astrionic  system  is  included.  The  solid  portion  of  this  curve  represents  the 
probability  of  no  failures  for  the  current  IU  program  (27  units).  The  dotted  portion  shows 
the  effect  on  the  probability  of  a 100  unit  IU  program. 
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PROBABILITY  OF  ZERO  MISSION  FAILURES 
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1.0  INTRODUCTION 


This  appendix  presents  the  results  of  the  space  tug  safety  assurance  analysis.  Both 
unmanned  and  manned  space  tug  missions  are  addressed.  The  safety  assurance  analysis  is 
concerned  with  identifying  those  parameters  of  the  propulsion,  astrionic,  crew  and  payload 
systems  which  should  be  monitored  in  order  to  identify  off-nominal  conditions  which  could 
cause  loss  of  crew,  vehicle,  payload  or  mission.  Further,  the  analysis  is  concerned  with 
recommending  emergency  action,  depending  on  mission  phase,  which  should  be  taken  if  an 
on-nominal  event  occurs. 

2.0  GUIDELINES  AND  GROUNDRULES 

® It  is  assumed  that  the  propulsion  module  wiil  have  one  main  engine. 

9 mm’  *n  context  ^at  **  *s  usec* in  this  appendix,  includes  depot,  space  station, 
RNS,  and  space  shuttle  as  well  as  tug  crews  when  these  crews  are  in  proximity  to 


© In  the  event  of  a catastrophic  failure,  a rescue  mission  car.  be  performed  bv 

another  tug.  J 

© The  crew  module  will  be  separable  from  the  astrionic  module/propulsion  module. 

© The  safety  assurance  function  will  provide  the  following,  as  required : 

Automatic,  manual  and  remote  abort  modes. 

- Phase  independent/dependent  procedures  for  responding  to  catastrophic  and 
critical  malfunctions/conditions  to  assure  crew  and  vehicle  safety  or 
completion  of  primary  mission  objective. 

- Caution  and  warning  displays  located  in  the  crew  module  to  inform  crew  of 
critical  off-nominal  conditions. 

® The  astrionic  components  will  be  rated  as  to  their  criticality  as  follows: 

- Criticality  I failure  is  one  that  jeopardizes  the  safety  of  the  crew. 

- Criticality  II  failure  is  one  that  causes  a primary  mission  abort. 

— Criticality  III  failure  is  one  that  neither  jeopardizes  crew  safety  nor  results  in 
primary  mission  abort  but  causes  other  mission  impact.  (For  example,  a 
failure  which  causes  loss  of  vehicle  autonomy.) 

3 .0  SUMMARY  OF  RESULTS 

3.1  CATASTROPHIC  AND  CRITICAL  MALFUNCTIONS/CONDITIONS 

A catastrophic  malfunction  or  condition  is  one  that  could  cause  an  immediate  injury  or 
damage  hazard  to  the  crew,  vehicle  or  payload.  A critical  malfunction  or  condition,  while 
not  causing  an  immediate  hazard,  may  prevent  successful  completion  of  the  mission  The 
tallowing  malfunctions  and  conditions  have  been  identified  as  catastrophic  for  the  crew 
vehicle  or  payload: 


Loss  of  Attitude  Control 


o Guidance  Reference  Fail 

© Loss  of  Electrical  Power 

© Reactant  Tanks  Explosion  Hazard 

• Battery  Explosion  Hazard 

« TVC  Actuator  Hardover  or  Stationary  in  One  Position 
« Loss  of  Crew  Module  Life  Support  System 
© Loss  of  Crew  Module  Electrical  Power 

The  following  malfunctions  and  conditions  have  been  identified  as  critical  for  the  mission: 
® Loss  of  Rendezvous  and  Docking  Radar 
© Loss  of  Temperature  Control 

© Loss  of  Landing  Radar 

The  parameters  necessary  t^  detect  the  above  malfunctions  and  conditions  and  the 
recommended  emergency  actions  are  discussed  later  in  this  appendix. 

3.2  AUTOMATIC,  MANUAL  AND  REMOTE  MISSION  ABORTS 

A requirement  to  automatically  separate  the  crew  or  cargo  module  from  the  vehicle  in 
order  to  preserve  their  safety  has  not  been  identified  except  for  the  four  stage  Saturn  V 
mission  when  it  is  manned.  The  emergency  malfunction  detection  and  response  portion  of 
the  safety  system  will  be  an  open  loop  system.  The  decision  to  separate  could  be  made  by 
the  crew  or  at  a remote  location.  The  on-board  computer  could  be  programmed  to  make 
separation  decisions  for  unmanned  tug  missions.  An  automatic  sequence  to  shutoff  the  main 
engine  will  be  required  in  the  event  of  a hardover  TVC  actuator. 

3.3  LOSS  OF  VEHICLE  AUTONOMY 

Loss  of  vehicle  autonomy  can  occur  with  failures  in  the  navigation  function.  This 
situation  will  require  that  the  tug  receive  command  and  data  assistance  from  the  ground, 
space  station,  or  nearby  vehicles  in  order  to  perform  the  mission. 

3.4  SAFETY  ASSURANCE  IMPACT  ON  PRIME  SYSTEM  DESIGN 

© Capability  should  exist  to  separate  the  crew  module  or  cargo  module  from  the 
vehicle. 

© Capability  should  exist  to  separate  the  crew  moduie/astrionic  module  from  the 
propulsion  module  (manned  missions). 
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• Pyrotechnic  devices  are  recommended  as  backup  capability  for  a module  interface 
locking  mechanism  failure  to  unlock. 

4.0  DETAILED  ANALYSIS 

4.1  UNMANNED  MISSIONS  (REUSABLE) 

The  navigation,  power  generation,  guidance  and  control,  thermal  control  and  structures 
have  been  identified  as  critical  functions.  Mission  requirements,  component  criticality  and 
critical  parameters  have  been  defined  for  these  subsystems.  Mission  rules  for  responding  to 
failures  in  these  subsystems  have  been  defined  for  the  synchronous  orbit  missions,  i.e., 
delivery  and  retrieval  of  satellites.  No  automatic  abort  requirement  has  been  identified  for 
unmanned  missions. 

4.1.1  Navigation  Function 

4.1. 1.1  Mission  Requirements 

• Provide  inertial  reference,  attitude,  and  velocity  information  for  guidance  for  all 
flight  phases. 

9 Provide  for  autonomous  IMU  alignment. 

o Provide  for  autonomous  navigation  update  (vehicle  state  update). 

e Provide  range,  range  rate,  angular  position,  and  angular  rate  for  rendezvous  and 
docking  operations. 

4.1 .1 .2  Component  Criticality 

The  following  paragraphs  present  the  rationale  for  selecting  navigation  function 
component  criticalities.  These  criticalities  are  based  upon  the  impact  of  losing  the 
component  output  without  regard  redundancy.  For  example,  when  analyzing  the  IMU  to 
determine  its  criticality,  it  was  assumed  that  its  output  failed  regardless  of  the  number  of 
individual  failures  required  to  accomplish  this.  Component  criticality  is  summarized  in  Table 
4-1. 


Table  4-1.  Navigation  Function  Component  Criticality 


Component 

Criticality 

IMU 

II 

Horizon  Sensor  or  Landmark  Sensor 

III 

Star  Trackers 

111 

Rendezvous  and  Docking  Radar 

II 

4.1 .1 .2.1  IMU  Alignment  and  Navigation  Update  Sensors 

An  operational  IMU  is  mandatory  for  ail  mission  phases.  Loss  of  either  attitude  or 
velocity  information  during  any  phase  will  result  in  loss  of  mission  or  vehicle.  Periodic  IMU 
alignment  and  vehicle  navigation  update  may  be  required.  Alignment  is  accomplished 
automatically  by  two  star  trackers  which  fix  the  position  of  the  vehicle  with  respect  to  the 
inertial  reference.  If  one  star  tracker  fails,  the  other  star  tracker  can  satisfactorily  align  the 
IMU  by  taking  one  star  fix  at  a time.  Navigation  update  is  accomplished  automatically  by 
the  two  star  trackers  and  a horizon  or  landmark  sensor.  Again,  a failed  star  tracker  is  not 
critical.  One  star  tracker  can  be  used.  If  the  IMU  has  been  aligned,  only  the  horizon  or 
landmark  sensor  is  needed.  Loss  of  horizon  or  landmark  sensor  will  result  in  loss  of  vehicle 
autonomy.  Ground  support  or  support  from  another  space  element  (e.g.,  space  station) 
would  be  needed  to  perform  the  navigation  update. 

4.1 .1 .2.2  Rendezvous  and  Docking  Radar 

The  rendezvous  and  docking  radar  provides  for  autonomous  rendezvous  and  docking 
operations  of  the  space  tug.  A failed  radar  would  not  necessarily  preclude  a rendezvous 
operation  if  navigation  assistance  is  provided  by  ground  support  or  another  space  element. 
Automatic  docking  cannot  be  accomplished  with  a failed  radar.  Remotely  operated  docking 
with  a target  that  does  not  have  a docking  radar  cannot  be  accomplished  with  a failed  tug 
radar.  Thus,  loss  of  the  radar  will  result  in  loss  of  those  missions  where  it  is  essential  that  an 
automatic  docking  occur.  Further  study  will  be  required  to  determine  if  remotely  operated 
docking  with  a target  that  has  a docking  radar  can  be  safely  accomplished. 

4.1 .1 .3  Critical  Parameters 

The  navigation  sensor  outputs  will  normally  be  processed  by  the  on-board  computer. 
Tire  computer  can  perform  reasonableness  checks  on  the  data  to  identify  a failed 
component  and  issue  appropriate  alert  signals  such  as  the  following: 

9 Guidance  Reference  Fail 

« Horizon  or  Landmark  Sensor  Fail  (not  critical,  but  requires  navigation  update  via 
command  link) 

9 Rendezvous  and  Docking  Radar  Fail 

@ Star  Tracker  Fail  (not  critical,  but  requires  computer  commands  to  operational 
Star  Tracker  to  accomplish  both  star  sightings) 

These  sensors  may  also  have  self-test  capability  to  detect  internal  malfunctions.  Failure 
signals  appropriate  to  the  internal  malfunction  will  be  made  available  to  the  computer  which 
could  issue  the  aforementioned  alert  signals. 


4.1 .2  Power  Generation  Function 

4. 1.2.1  Mission  Requirement 

Provide  sufficient  electrical  power  to  operate  all  astrionic  subsystems. 

4. 1.2.2  Component  Criticality 

The  power  generation  system  consists  of  two  fuel  cells  which  are  normally  sharing  the 
total  power  load.  If  either  fuel  cell  fails  the  other  cell  is  capable  of  supporting  the  total 
power  load.  However,  this  situation  will  require  power  distribution  reconfiguration  to  open 
circuit  the  bad  cell  and  put  the  operational  cell  on  both  main  buses.  Further,  it  is  assumed 
that  an  explosion  hazard  could  exist  due  to  the  cryogenically  stored  consumables  (oxygen 
and  hydrogen).  Thus,  the  fuel  cells  and  their  reactant  supply  systems  are  rated  as  Criticality 
II  components. 

4.1 .2.3  Critical  Parameters 

The  following  parameters  have  been  identified  as  critical  and  are  the  recommended 
minimum  measurements  to  be  taken  by  the  onboard  checkout  function  for  malfunction 
detection: 


» Fuel  Cell  Output  Voltage 

• Fuel  Cell  Output  Current 

« H2  Tank  Pressure 

• O2  Tank  Pressure 

The  output  voltage  and  current  measurements  will  provide  an  indication  of  degraded  fuel 
cell  operation.  The  pressure  measurements  will  provide  an  indication  of  reactant  leakage  or 
an  impending  explosion  hazard. 


4.1.3  Guidance  and  Control  Function 


4. 1.3 .3  Critical  Parameters 


4. 1.3 .3.1  Loss  of  Attitude  Control 

Loss  of  attitude  control  is  a catastrophic  failure  which  could  be  detected  by  the 
on-board  computer  by  checking  for  the  following: 

9 Excessive  attitude  errors  or  rate 

9 Sequencing  malfunctions 

« Loss  of  computational  capability  (computer  self-check) 

4. 1.3 .3 .2  Loss  of  Engine  Thrust 

The  parameter  to  monitor  to  detect  this  situation  is  the  acceleration  along  the  vehicle 
longitudinal  axis.  This  information  can  be  derived  by  the  computer  from  IMU  data  and 
compared  to  a stored  acceleration  value  as  a function  of  mission  time  and  thrust  command. 

4. 1.3 .3. 3 TVC  Actuator  Failures 

in  order  to  detect  actuator  failures  (hardover  or  stationary  in  one  position)  the  engine 
position  and  the  engine  position  command  in  both  pitch  and  yaw  should  be  compared  for 
agreement  within  limits. 

4.1 .4  Thermal  Control  Function 

4. 1.4.1  Mission  Requirement 

Maintain  an  acceptable  temperature  environment  for  the  astrionic  equipment  during 
both  active  and  passive  tug  modes. 

4. 1.4.2  Component  Criticality 

The  critical  failure  mode  is  the  loss  of  temperature  control  which  will  result  in 
overheating  or  overcooling  of  the  astrionic  equipment.  The  active  system  includes  a coolant 
pump,  accumulator  and  radiators,  al!  of  which,  if  failed,  could  cause  loss  of  coolant 
temperature  control.  This  would  result  in  loss  of  astrionic  equipment  temperature  control 
and  jeopardize  successful  mission  completion.  Thus,  the  thermal  control  components  are 
rated  as  Criticality  II. 

4.1 .4.3  Critical  Parameters 

9 Coolant  temperature 

9 Coolant  pump  inlet  and  outlet  pressures 

The  coolant  temperature  measurement  will  provide  an  early  indication  of  loss  of 
satisfactory  control  of  coolant  temperature.  Temperature  sensors  on  electrical  components 
may  also  be  monitored.  The  pump  pressures  will  provide  an  indication  of  pump  and 
accumulator  operation. 
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4.1.5  Structures 


The  analysis  of  the  structural  system  is  limited  to  the  module  interface  lock. 

4. 1.5.1  Mission  Requirement 

Physically  lock  or  unlock  adjacent  modules  after  docking  or  prior  to  separation. 

4. 1.5 .2  Component  Criticality 

Failure  of  the  module  interface  locking  hardware  to  unlock  would  prevent  separation 
of  modules.  As  will  be  seen  in  the  mission  rules,  there  are  failures  for  which  it  is  desirable  to 
separate  the  payload  from  the  vehicle  in  order  to  prevent  possible  damage  to  the  payload. 
Further,  a failure  to  separate  may  result  in  loss  of  mission.  Thus  the  locking  hardware  is 
rated  as  a Criticality  II  device. 

Since  the  locking  hardware  is  a mission  critical  device,  pyrotechnics  are  recommended 
as  backup  to  separate  the  payload  module  from  the  vehicle. 

4. 1.5 .3  Critical  Parameters 

The  critical  parameters  for  the  locking  hardware  would  be  discrete  signals  (from  limit 
switches)  which  would  indicate  when  locking  and  unlocking  is  complete. 

4.1.6  Mission  Rules  for  Synchronous  Orbit  Missions  (Reusable) 

Table  4-2  outlines  mission  rules  for  response  to  catastrophic  and  critical 
malfunctions/conditions  for  the  reusable  synchronous  orbit  missions. 

4.2  MANNED  MISSIONS 

The  critical  functions  previously  discussed  in  the  unmanned  missions  section  will  also 
be  critical  for  manned  missions.  The  mission  requirements  and  critical  parameters  which 
were  defined  for  these  functions  will  be  the  same  as  for  unmanned  missions.  Component 
criticality  for  the  navigation,  guidance  and  control,  and  power  functions  will  change  due  to 
the  presence  of  the  crew.  Additional  components  are  considered  for  manned  missions.  These 
are  a landing  radar  and  an  emergency  supply  battery.  These  components  and  their  respective 
component  criticalities  are  discussed  in  the  succeeding  paragraphs.  Further,  the  caution  and 
warning  displays,  life  support  and  CM  electrical  power  systems  are  discussed.  Finally, 
mission  rules  for  responding  to  catastrophic  and  critical  malfunctions/conditions  have  been 
defined  for  the  lunar  landing  mission.  Automatic  abort  for  manned  four  stage  Saturn  V 
missions  may  be  required  for  crew  safety.  No  other  automatic  abort  requirement  has  been 
identified  for  manned  missions. 

4.2.1  Navigation  Function 


In  addition  to  the  sensors  previously  discussed,  a landing  radar  is  included  to  provide 
for  automatic  lunar  landing  capability.  The  landing  radar  will  provide  altitude,  descent  rate 
and  horizontal  velocity  for  guidance  and  control. 


Table  4-2.  Synchronous  Orbit  Mission  (Unmanned  Reusable)  Mission  Rules 


Malfunction/Condition 

Phase 

Ruling— Comments 

Guidance  Reference  Fail 

All 

Abort  Mission— Deactivate  Vehicle 

Loss  of  Attitude  Control 

All 

Abort  Mission— Deactivate  Vehicle 

Horizon  or  Landmark  Sensor  Fail 

All 

Continue  Mission— Autonomy  is  lost. 
Achieve  nav.  updates  via  command  link. 

Loss  of  Star  Tracker 

Ail 

Continue  Mission-Computer  commands 
other  star  tracker  to  make  two 
star  sightings 

One  Fuel  Cel!  Failed 

Ail 

Continue  Mission-Configure  operational 
cell  to  both  buses.  Open  circuit 
failed  cell. 

Both  Fuel  Cells  Failed 

All 

Abort  Mission— Deactivate  Vehicle 

Reactant  Tank  Explosion  Hazard 

All 

Separate  payload  to  safe  distance. 
Continue  to  monitor  tank  pressure. 
If  pressure  drops  to  safe  levels  dock 
with  payload  and  continue  mission. 
(Decision  could  be  made  to  continue 
mission  with  risk.) 

Loss  of  Engine  Thrust, 

Main  Engine 

Automatic  Engine  Shutoff— If  RC5 

Actuator  Hardover  or 

Burn 

can  provide  required  velocity  change 

Stationary  in  One  Position 

to  achieve  sync  orbit,  complete  mission 
and  deactivate  vehicle.  If  RCS  can 
provide  required  velocity  change  to 
return  to  LEO,  rendezvous  and  dock 
with  shuttle. 

LEO 

Switch  to  RCS  control— rendezvous 
and  dock  with  shuttle. 

Sync  Orbit 

Switch  to  RCS  control— place  payload 
and  deactivate  vehicle. 

Loss  of  Coolant  Temp.  Control 

LEO 

Abort  mission-rendezvous  and  dock 
with  shuttle. 

Orbital 

Complete  mission— deactivate  vehicle. 

Transfer  and 

(Equipment  temperature  tolerances 

Sync  Orbit 

are  not  immediately  exceeded  with 
loss  of  coolant  temperature  control. 
However,  if  time  to  go  to  achieve  sync 
orbit  is  greater  than  predicted  time  for 
unacceptable  temperature  levels  to  occur, 
it  may  be  desirable  to  abort  the  mission 
and  rendezvous  and  dock  with  shuttle. ) 

Rendezvous  and  Docking 

Rendezvous 

Continue  Mission— receive  navigation 

Radar  Fail 

data  via  command  link. 

Docking 

No  go  far  docking. 

Locking  Hardware  Unlock  Fail 

Separation 

Fire  Pyro  Device 

Locking  Hardware  Lock  Fail 

Docking 

Abort  Mission-command  locking  hardware 
to  unlock  position  and  separate. 

4.2. 1. 1 Landing  Radar  Critical  Parameters 

The  data  provided  by  the  landing  radar  will  normally  be  processed  by  the  on-board 
digital  computer.  As  with  the  other  navigation  sensor  outputs,  the  computer  can  perform 
reasonableness  checks  on  the  landing  radar  data  to  detect  failures  and  then  issue  the  alert 
signal-Landing  Radar  Fail. 

4.2. 1.2  Component  Criticality 

An  IMU  failure  (Guidance  Reference  Fail)  is  a catastrophic  failure.  The  safety  of  the 
crew  is  immediately  jeopardized  and  may  require  that  a rescue  mission  be  performed.  Loss 
of  a star  tracker  or  horizon  or  landmark  tracker  will  prevent  autonomous  vehicle  operation, 
but  the  mission  can  still  be  performed  and  crew  safety  is  not  jeopardized.  The  capability  to 
automatically  rendezvous  and  dock  is  not  considered  critical  for  mission  performance. 
Rendezvous  could  be  accomplished  with  navigation  data  supplied  by  the  ground  or  another 
space  element.  Docking  could  be  performed  in  a manual  guidance  mode.  For  lunar  landing 
missions,  an  operational  landing  radar  is  required  until  an  adequate  navigation  update  is 
accomplished  after  which  the  crew  could  manually  guide  to  the  landing  site.  A failed  radar 
prior  to  the  update  would  require  a mission  abort.  The  navigation  function  component 
criticality  is  summarized  in  Table  4-3. 

4.2.2  Guidance  and  Control 

The  onboard  digital  computer  is  a Criticality  I component  for  manned  missions. 

4.2.3  Power  Function  (Astrionic  Module) 

The  primary  power  for  manned  missions  is  similar  to  that  for  unmanned  missions.  The 
manned  mission  configuration  will  include  an  emergency  supply  battery  which  will  be  used 
only  if  the  primary  power  system  fails,  and  then  it  will  provide  loads  for  only  the  critical 
components. 

4.2.3. 1 Emergency  Supply  Battery  Critical  Parameters 

It  is  possible  for  an  explosion  hazard  to  develop  with  batteries.  This  can  occur  if  the 
battery  becomes  overcharged  or  has  a reverse  charging  cell.  Both  of  these  conditions  cause 
the  release  of  gases  in  the  sealed  cells  and  subsequent  increase  in  pressure.  A reverse  charging 
cell  can  be  detected  by  a battery  voltage  measurement.  An  overcharged  cell  can  be  detected 
by  a battery  temperature  measurement. 


Table  4-3.  Navigation  Subsystem  Component  Criticality 


Component 

Criticality 

IMU 

1 

Horizon  or  Landmark  Sensor 

III 

Star  Trackers 

III 

Rendezvous  and  Docking  Radar 

III 

Landing  Radar 

II 
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Table  4-4.  Maimed  Lunar  Landing  Mission  Rules 


Malfunctfon/Condition  * 

Phase 

Ruling-Comments 

Lon  of  CM  Lifo  Support  System 

All 

Abort  Mission-Switch  to  emergency 
system  or  supply  and  dock  with  LOSS 
ASAP.  (Onlurw  surface,  it  may  be 
desirable  to  place  as  low  a demand  on 
the  backup  life  support  system  as 
possible  and  await  rescue.! 

Lon  of  CM  Electrical  Power 

All 

Abort  Mission-Switch  to  emergency 
supply  and  dock  with  LOSS  ASAP, 

Guidance  Reference  F»ll  or 
Lois  of  Attitude  Control 

Lunar  Orbit 

Powered  Descent 
and  Ascent 

Abort  Misilon-Separate  CM/AM  from  PM. 
Place  CM  in  manual  attitude  control 
mode  and  await  rescue. 

Abort  Mission-Attempt  to  achieve  orbit 
Separate  CM/AM  from  PM.  Place  CM  in 
manual  attitude  control  mode  and  await 
rescue.  At  some  time  during  powered 
descent,  e.g.,  landing  site  visible,  it  may 
be  desirable  to  land  and  await  rescue 
rather  than  attempt  to  abort  to  orbit. 
Both  abort  modes  will  require  manual 
guidance  takeover. 

Horizon  or  Landmark  Sensor  Fail 

All 

Continue  Mission-Autonomy  is  lost. 
Achieve  nav.  update  via  command  link 
or  manually  via  optical  alignment. 

Los*  of  Star  Tracker 

Alt 

Continue  Mission— Computer  commands 
other  star  tracker  to  make  two  star 
sightings  or  manually  via  optical 
alignment. 

One  Fuel  Cell  Failed 

All 

Continue  Mission-Configure  operational 
ceil  to  both  buses.  Open  circuit  failed 
ceil. 

Both  Fuel  Cells  Failed 

All 

Abort  Mission-Oock  with  LOSS  ASAP. 
The  emergency  supply  battery  should 
be  configured  to  die  critical  load  bus 
and  both  fuel  cells  open  circuited. 

Reactant  Tank  or  Battery 
Expiation  Hazard  fAMJ 

All 

Abort  Mission-Separate  CM  from  AM/PM 
as  soon  as  practical.  Place  CM  in  manual 
attitude  control  mode  and  await  rescue. 
If  on  lunar  surface,  AM  shall  be  powered 
down  and  crew  wilt  take  appropriate 
safety  precautions. 

Loss  of  Engine  Thrust 

Lunar  Orbit 

Powered  Descent 
and  Ascent 

Abort  Mission-Switch  to  RCS  control, 
rendezvous  and  dock  with  LOSS. 

Abort  Mission-Using  RCS  attempt  to 
remain  in  or  achieve  some  nominal 
orbit  and  await  rescue. 

Actuator  Hardover  or 
Stationary  in  One  Position 

Lunar  Orbit 

Powered  Descent 
and  Ascent 

Abort  Mission-Switch  to  RCS  control, 
rendezvous  and  dock  with  LOSS. 

Automatic  Engine  Shutoff-Attempt  to 
remain  in  or  achieve  some  nominal 
orbit  using  RCS  and  await  rescue, 

Lois  of  Coolant  Temp.  Control 

Lunar  Orbit 

Powered  Descent 
and  Ascent 

Abort  Mission-Rendezvous  and  dock 
with  LOSS. 

Continue  Mission 

Rendezvous  and  Docking  Radar  Fail 

All 

Continue  Mitsion-Navlgstlon  assistance 
required  from  LOSS  for  rendezvous. 
Manual  control  takeover  required  for 
docking  operations. 

Landing  Radar  Fall 

Lunar  Orbit 
Powered  Descent 

Abort  Mission-Rendezvous  and  dock 
with  LOSS. 

Continue  Mission-lf  adsquate  update 
of  vehicle  state  vectors  has  been 
accomplished.  Otherwise  abort  mission, 
rendezvous  aid  dock  with  LOSS. 
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4.2.3 .2  Component  Criticality 


A catastrophic  failure  mode  exists  with  both  the  battery  and  the  fuel  cell.  A battery  or 
reactant  tank  explosion  would  jeopardize  crew  safety.  Thus,  the  power  subsystem 
components  are  rated  as  Criticality  I. 


4.2.4  Caution  and  Warning  Displays 


_ The  caution  and  warning  capability  will  be  provided  by  the  crew  display  function.  A 
critical  off-nominal  condition  will  be  displayed,  and  an  audible  tone  will  be  generated  in  the 
crew  module.  (See  Crew  Display,  Appendix  O.) 


4.2.5  Crew  Module  Life  Support  and  Electrical  Power  Systems 


Failures  in  the  crew  module  life  support  and  electrical  power  systems  may  immediately 
jeopardize  crew  safety.  The  critical  parameters  necessary  to  detect  catastrophic  and  critical 
malfunctions/conditions  would  be  displayed  to  the  crew.  The  crew,  aided  by  mission  rules 
dedicated  to  these  two  systems,  would  decide  what  response  is  required  for  a catastrophic  or 
critical  malfunction/condition. 


It  is  possible  that  the  astrionics  will  provide  primary  electrical  power  to  operate  the 
crew  module  life  support  system.  If  so,  then  it  would  be  desirable  to  have  the  crew  and 
astrionic  modules  separable  from  the  propulsion  module.  The  crew  could  then  separate  from 
the  vehicle,  whenever  required  for  their  safety,  and  retain  the  primary  power  source  for 
their  life  support  system.  However,  the  occurrence  of  an  explosion  hazard  in  the  AM 
primary  power  system  will  require  that  the  crew  module  separate  from  the  vehicle  and 
operate  the  CM  life  support  system  with  the  CM  emergency  power  supply. 


4.2.6  Mission  Rules  for  Lunar  Landing  Missions 


Table  44  outlines  mission  rules  for  response  to  catastrophic  and  critical 
malfunctions/conditions  for  lunar  landing  missions.  It  is  assumed  that  a Lunar  Orbiting 
Space  Station  (LOSS)  is  present. 
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1.0  INTRODUCTION 


The  purpose  of  this  study  is  to  address  displays  and  controls  required  by  the  space  tug 
crew  to  perform  assigned  missions.  The  two  types  of  displays  and  controls  that  will  be 
presented  are: 

o Switches,  dials,  lights,  etc. 

• Multipurpose  Electronic  Displays  (MED) 

Major  emphasis  will  be  placed  on  the  MED. 

The  philosophy  for  manned  missions  is  to  have  a crew  module  as  part  of  the  space  tug. 
The  three  man  tug  crew  is  composed  of: 

« Commander 

© Pilot 

• Experimenter 

The  commander  and  pilot  will  each  have  a flight  station  and  the  experimenter  a 
“housekeeping”  station.  The  commander  and  pilot  stations  will  each  have  a multipurpose 
electronic  display  (MED)  that  will  present  command  and  status  information.  The  third 
station  will  have  a status  MED.  The  space  tug  will  have  the  capability  of  being  operated  by 
either  the  commander  or  pilot.  The  flight  crew  will  have  the  capability  to  select  what  MED 
information  is  to  be  displayed  by  keying  the  select  button  on  the  keyboard. 

The  information  will  be  presented  as  command  or  status.  It  will  be  presented: 

© On  call  by  the  operator 

» When  an  out-of-tolerance  condition  exists. 

In  addition  to  the  MED  and  keyboard  the  two  pilots  will  have  a manual  control  stick. 
The  manual  control  stick  will  have  manual  override  capability;  thereby,  the  flight  crew  will 
have  the  option  of  switching  from  an  automatic  sequence  to  manual  by  keying  in  the  code. 

2.0  STUDY  GUIDELINES  AND  GROUNDRULES 

The  following  guidelines  and  groundrules  form  the  basis  for  the  displays  and  controls: 

« Docking  and  lunar  landing  may  be  completely  automatic 

e Be  capable  of  being  flown  by  one  crewman 

© Be  operated  automatically 

9 Various  types  of  displays  and  controls  will  be  considered 

• Manual  control  override  possible 
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3.0  SUMMARY  OF  RESULTS 


Displays  and  controls  as  used  in  the  Apollo  command  module  and  lunar  module  such 
as  meters,  switches,  dials,  etc.  were  considered.  This  method  for  display  and  control  for  the 
space  tug  was  rejected  for  the  following  reasons: 

• Requires  complex  electrical  design  to  provide  automatic  checkout,  operations  ai  a 
onboard  autonomy 

• Requires  constant  monitoring  by  the  pilots 

• Requires  more  cabin  space  than  centralized  MED  Display  concept. 

With  the  current  emphases  placed  on  autonomy  in  space  vehicles,  use  of  multipurpose 
electronic  displays  and  keyboards  is  favored. 

The  Cathode  Ray  Tube  (CRT)  was  chosen  as  the  MED  for  the  space  tug  in  this  study 
forth*'  ollowing reasons: 

0 State-of-the-art 

® Currently  planned  for  other  space  transportation  systems. 

A follow-on  trade  study  of  the  following  advanced  displays  is  recommended: 

• Deformagraphic  Storage  Display  Tube  (DSDT) 

® Light  Emitting  Diode  (LED) 

0 Fiber  Optics 

• Others 

A circuit  breaker  panel  has  been  allocated  for  instantaneous  access  for  power  on/off. 

3.1  DISPLAY  AND  CONTROL  DEFINITION 

The  display  and  control  system  is  the  method  the  space  tug  crew  utilizes  to  monitor, 
maneuver,  and  perform  other  mission  operations  while  in  a space  environment. 

3.2  DISPLAY  AND  CONTROL  CHARACTERISTICS 

The  physical  characteristics  of  the  displays  and  controls  considered  are: 

® Weight 
® Power 
® Heat  dissipated 

The  physical  characteristics  of  the  cathode  ray  tube,  keyboard  and  manual  control 
signal  converter  are  given  in  Table  3-1 . 
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Table  3-1 . Display  and  Control  Characteristics 


Unit  {Total} 

Wt  {Lbs)  (Ea.) 

Pwr  (WJ  {Ea.) 

Heat  Dissipation  (BTU/Hr)  (Ea.) 

CRT  (7  x 9} 

(3) 

25 

180 

380 

Keyboard 

(3) 

13 

20 

TBD 

Manual  Control 

Signal  Converter 

{21 

40 

120 

TBD 

4.Q  DETAILED  ANALYSIS 

4.1  DISPLAY  REQUIREMENTS 

4.1.1  Display  and  Control  System 

The  display  and  control  system  will  be  comprised  of  the  following  elements: 

© Commander’s  display 

9 Commander’s  keyboard 

• Commander’s  manual  control  stick 

® Pilot’s  display 

® Pilot’s  keyboard 

® Pilot’s  manual  control  stick 
® Experimenter’s  display 

© Experimenter’s  keyboard 

• Communication  panel 

4.1 .2  Display  and  Control  Display  Format 

Flight  commands  and  status  information  will  be  presented  to  the  crew  as  formatted 
information.  The  information  to  be  displayed  will  be  presented  on  the  MED  that  has  been 
preselected  by  keying  the  information  through  the  keyboard.  The  information  will  be 
presented  in  the  manner  described  below.  The  formats  shown  are  only  selective  examples  of 
a few  parameters  to  be  monitored.  In  a flight  presentation,  several  parameters  would  appear 
on  the  MED  simultaneously. 

4.1 .2.1  Altitude,  Reference  Figure  4-1 

Altitude  is  indicated  on  a vertical  fixed  scale.  The  thousands  of  feet  are  indicated  by 
numerals  below  the  vertical  scale.  The  hundreds  are  indicated  on  a scale  with  major 
increments  every  10  feet  and  minor  increments  every  2 feet.  The  altitude  value  will  be 
indicated  by  a moving  symbol  { < ).  The  command  altitude  will  be  displayed  by  the  symbol 


Figure  4-1.  Altitude  Display  Format 
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When  the  commanded  and  actual  altitude  are  the  same,  the  symbol  will  be 
superimposed. 


4. 1.2.2  Angle  of  Attack,  Reference  Figure  4-2 


The  angle  of  attack  is  indicated  on  a vertical  fixed  scale  with  5°  major  increments  and 
1 minor  increment.  The  scale  limits  will  be  from  -10°  to  +20°  . The  angle  of  attack  index 
symbol  ( < ) moves  vertically  with  reference  to  the  center  line  of  the  vehicle. 


4. 1.2.3  Apogee/Perigee,  Reference  Figure  4-3 


™s  flight  Parameter  wil1  be  presented  to  the  pilot  as  a decimal  readout.  The  display 
will  be  indicated  to  the  nearest  1 0th  of  a nautical  mile.  * 


4.1 .2.4  Check  List  Data  (Data  Bus),  Reference  Figure  4-4 


The  unit  with  the  specific  measurements  will  be  displayed.  If  an  out-of-tolerance 
condition  exists,  the  symbol  (*)  will  appear  to  the  right  of  the  unit  name. 


4. 1.2.5  AV  Remaining  (fps),  Reference  Figure  4-5 


The  digital  readout  of  AV  presents  data  throughout  the  maneuver.  The  vertical  scale 
with  indicator  ( > ) provides  data  for  the  last  50  fps. 


DBCU  NO.  1 

DBCU  NO.  2 

DBCU  NO.  3 

DBCU  NO.  4 

TEMP  NO.  1 

TEMP  NO.  1 

TEMP  NO.  1 

TEMP  NO.  1 

TEMP  NO.  2 

TEMP  NO.  2 

TEMP  NO.  1 

TEMP  NO.  2 

VOLT  NO.  1* 

VOLT  NO.  1* 

VOLT  NO.  1 

VOLT  NO.  1 * 

VOLT  NO.  2 

VOLT  NO.  2 

VOLT  NO.  2 

VOLT  NO.  2 

DISC  NO.  1 

DISC  NO.  1 

DISC  NO.  1 

DISC  NO.  1 

DISC  NO.  2 

DISC  NO.  2 

DISC  NO.  2 

DISC  NO.  2 

DISC  NO.  3 

DISC  NO.  3 

DISC  NO.  3 

DISC  NO.  3 

DISC  NO.  4 

DISC  NO.  4 

DISC  NO.  4 

DISC  NO.  4 

DISC  NO.  5 

DISC  NO.  5 

DISC  NO.  5* 

DISC  NO.  5 

DISC  NO.  6 

DISC  NO.  6 

DISC  NO.  6 

DISC  NO.  6 

DISC  NO.  7 

DISC  NO.  7 

DISC  NO.  7 

DISC  NO.  7 

DISC  NO.  8 DISC  NO.  8 DISC  NO  8 

* OUT  OF  TOLERANCE  INDICATOR 

DISC  NO.  8 

4. 1.2. 6 Docking  Grid,  Reference  Figure  4-6 


A fixed  grid  with  lines  representing  vehicle  XY  and  XZ  planes  is  presented.  The  scaling 
will  he  in  feet  with  major  increments  of  10  feet  and  minor  increments  of  2.5  feet.  The 
maximum  distance  displayed  will  be  50  feet.  Other  display  formats  will  be  used  prior  to  this 
distance.  The  target  will  be  depicted  as  a moving  symbol  (nj}-).  When  the  target  symbol  is 
positioned  in  the  grid,  the  space  tug  will  be  in  the  correct  attitude  for  docking. 

Also  included  on  the  docking  grid  format  is  the  range  and  range  rate  relative  to 
docking.  The  range  scale  will  be  a decimal  readout,  reading  from  0.1  feet  to  100  NM.  The 
rate  of  approach  will  also  be  a decimal  readout,  reading  from  0.1  fps  to  100  fps. 

4.1.3  Display  Keyboard,  Reference  Figure  4-7 


To  send  commands,  verify  commands,  and  monitor  the  status  of  the  various 
parameters,  a 30-key  keyboard  is  provided. 
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Figure  4-6.  Docking  Grid  Display  Format 
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Figure  4-7.  Space  Tug  Keyboard 


An  explanation  of  the  keyboard  follows: 

MODE  - Used  to  select  the  flight  mode  vehicle  is  in  and  thereby  select  display 
parameter  set. 

-f-AND  - Are  sign  keys  used  to  identify  the  decimal  data. 

NOUN  - Pushing  this  button  indicates  that  the  next  two  numerical  characters  keyed 
are  to  be  interpreted  as  the  noun  code. 

VERB  - Pushing  this  button  indicates  that  the  next  two  numerical  characters  keyed 
are  to  be  interpreted  as  the  verb  code. 

STANDBY  - Is  keyed  to  stop  computer  to  hold  for  update 

INFORMATION  HOLD  - To  hold  information  on  CRT  longer  than  normal  time. 

RESET  - Turn  off  alarm  conditions  on  MED  providing  the  alarm  condition  has  been 
corrected. 

CLEAR  - Used  during  a data  loading  sequence  to  clear  or  blank  the  data  display 
register  being  used.  It  allows  the  operator  to  reload  the  data  word. 

ENTER  - Is  used  as  follows: 

o To  direct  or  execute  the  verb/noun  code 
« To  accept  a data  word  just  loaded 
© In  response  to  a “please  perform”  request 

^ Used  to  locate  cursor 

MED  SELECT  - Used  to  select  MED  for  displaying  information 
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operatio™1^™  DISPLAY  “ St0P  “formation  being  displayed  to  perform  another 


ADVANCE  - Used  to  advance  the  computer  to  another  step. 


proceed!NTINUE  ~ ^ ‘°  Pi°k  Up  Where  the  comPuter  operation  was  stopped  and 
0-9  - Numeric  numbers 

twn  3r^eyf,are  n0t  Used-  for  this  keyboard}  providing  growth  capability.  If  more  than 
two  additional  keys  are  required,  another  keyboard  with  more  key  positions  would  be  used. 

4.1.3  Manual  Flight  Control 

hP  h2Sihe  °pti°n  of  manual  mght  controL  Manual  control  of  the  space  tug  will 

converter  d ^ 3 ^ Controller*  Slgnal  inversion  will  be  through  a flight  control  signal 

4-J  -4  Display  Console,  Reference  Figure  4-8 

for  displa^  COnS°Ie  ?onfi|uration  should  be  laid  out  for  ease  of  operation  and  viewing 
for  the  crew.  Crew  viewing  distance  should  not  exceed  30  inches.  Lwever  it  mav  bf 
necessary  to  view  48  inches.  Crew  reach  should  not  exceed  26  inches.  ’ y 
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NOTE:  DIMENSIONS  IN  INCHES 
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Figure  4-8.  Space  Tug  Display  Console 
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4. 1.4.1  Display  Characteristics 

The  characteristics  of  the  display  shall  be  as  follows: 

• The  resolution  of  the  display  shall  be  a minimum  of  5 12  line  parts. 

• The  maximum  effective  spot  size  for  stroke  writing  shall  be  0.009  inches. 

• The  display  reflectance  shall  not  be  greater  than  1 0%  of  the  ambient  light. 

• Contrast  ratio  shall  be  a minimum  of  2.5  to  I in  a 1000  ft.  lambert  ambient  with 
filters. 

9 The  display  refresh  rate  shall  be  30  to  40  cps. 

• Caution  and  warning  shall  ae  displayed  at  a rate  of  1 to  4 times  per  second. 

• Usable  display  area  shall  be  a minimum  of  7 x 9 inches. 

• Character  size  - nominal  0.25  inch  height,  0. 1 8 inch  width. 

® Horizontal  spacing  between  characters  shall  be  a nominal  0.090. 

• Vertical  spacing  between  characters  shall  be  a nominal  0. 1 07. 

• Display  shall  have  10-20  ft.  lamberts  of  luminance  after  passing  through  any 
filters  and  with  a minimum  2.5: 1 contrast  ratio. 

© Filter  design  shall  include  dark  (night)  adaptation. 

© The  time  required  to  display  16  lines,  32  characters  per  line  shall  not  exceed  10 
milliseconds. 

® Control  of  display  focus  and  intensity  shall  be  provided. 

4. 1 .4.2  Operational  Environment 

The  display  console  shall  have  the  following  characteristics: 

© Control  panel  illumination  nominally  50-foot  candles. 

• Ambient  illumination  from  a variable  light  source  capable  of  200  ft.  candles. 

4. 1.4.3  Keyboard 

The  numeric  keyboard  shall  have  30  keys  and  provide  for  a convenient  crew  interface. 

© Keys  shall  be  a minimum  of  0.75  inches  across,  spaced  on  1 inch  centers. 

• Key  resistance  shall  be  5-10  ounces. 

9 Lettering  shall  be  a minimum  of  0.1 8 inches  in  height. 

© Response  to  key  signal  is  less  than  50  milliseconds. 
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4. 1 .4.4  Circuit  Breaker  Panel 

The  circuit  breaker  panel  shall  be  laid  out  with  circuit  breakers  and  a light.  The  light 
shall  light  up  on  an  open  in  the  circuit.  A circuit  breaker  panel  with  39  circuit  breakers  has 
been  allocated  for  instantaneous  access  for  power  on/off. 

4.2  CAUTION  AND  WARNING  (C&W) 

The  caution  and  warning  shall  be  displayed  on  the  MED.  The  C&W  will  be 
superimposed  on  the  MED  and  will  be  shown  by  cycling  at  a rate  of  1 to  4 CPS.  Audible 
signals  will  sound  in  the  e^ent  that  a warning  signal  is  presented. 

4.3  MISSION  CONSTRAINTS 

The  crew  display  and  control  system  allows  one  crew  member  to  operate  the  space  tug 
in  automatic  and/or  manual  modes  during  orbital  coast/bum,  rendezvous,  docking,  lunar 
landing,  etc. 

4.4  MISSION  MODES 

During  the  space  tug  stay  in  a space  environment,  it  will  operate  in  specified  modes. 
The  mission  modes  and  their  numeric  designation  listed  are  for  lunar  landing,  but  would  be 
applicable  to  all  manned  missions  by  selecting  the  desired  mission  modes: 

1 . Reactivation 

2.  Undocking 

3.  Transfer  Burn 

4.  Orbital  Coast 

5.  Power  Descent  Landing 

6.  Deactivation 

7.  Storage 

8.  Reactivation 

9.  Powered  Ascent 

1 0.  Orbital  Coast 

1 1 . Rendezvous 

12.  Docking 

13.  Deactivation 

14.  Storage 

15.  Maintenance 

1 6.  Refueling 

4.5  DISPLAY  AND  CONTROL  INTERFACE 

The  displays  and  controls  will  interface  with  the  astrionic  system  data  bus  as  shown  in 
Figure  4-9. 
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Figure  4-9.  Display  Interface 
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The  space  tug  will  be  exposed  to  both  natural  and  induced  radiation  environments. 
This  section  discusses  these  environments;  their  effects  on  components,  circuits,  and 
systems;  radiation  hardening  techniques;  a system  hardening  plan;  and  the  penalties 
associated  with  radiation  hardening.  Since  this  subject  is  presented  in  an  unclassified 
document,  many  aspects  are  treated  in  general  terms. 

2.0  GROUNDRULES  AND  ASSUMPTIONS 


No  specific  radiation  levels,  technology  or  system  are  discussed  in  this  section  since 
detailed  specifications  and  definitions  are  not  available,  and  an  unclassified  presentation  is 
given.  However,  the  data  presented  does  include  the  radiation  types  and  range  of  levels  that 
should  encompass  any  space  tug  radiation  environment  and  radiation  effects  and  hardening 
for  components,  circuit  and  system  technologies  representative  of  those  that  could  be  used 
to  implement  space  tug  astrionics. 

3.0  SUMMARY  OF  RESULTS 


The  space  tug  may  be  exposed  to  both  natural  and  induced  radiation  environments  as 
follows: 

Natural: 

Solar  Cosmic  Particles  and  Flares 
Natural  Radiation  Belt  (Van  Allen) 

Galactic  or  Extra-Galactic  Cosmic  Particles 

Induced: 

Nuclear  Reactor  Radiation 
NERVA 

Space  Base  Power  Reactors 
Pulsed  Radiation  (including  artificial  radiation  belts) 

For  space  tug  missions  now  being  considered,  natural  radiation  environments  have  little 
impact  on  the  design  of  space  tug  astrionics.  However,  in  the  case  of  energetic  solar  flare 
activity,  space  tug  missions  may  have  to  be  delayed  or  terminated  early,  thus  imposing  an 
operational  constraint. 

Interaction  of  the  space  tug  with  induced  nuclear  reactor  radiation  from  NERVA  and 
space  base  power  reactors  will  impose  minimum  impact  on  tug  astrionics  design.  Here  again, 
however,  tug  operational  safety  constraints  will  have  to  be  met  in  order  to  keep  the  tug  in 
zones  of  low  radiation  environments. 

By  far,  the  most  stringent  environment  to  which  the  tug  could  be  exposed  is  that  from 
pulsed  radiation.  Techniques  exist  to  harden  electronics  for  this  type  environment  but  will 
impact  cost,  weight,  power  requirements,  etc.  These  hardening  techniques  must  be 
considered  in  the  initial  design  of  the  space  tug  astrionic  module.  To  harden  a system  once 
the  system  approach  and  technologies  to  implement  that  approach  have  been  finalized 
becomes  a formidable  task. 
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4.0  DETAILED  ANALYSIS 


4.1  RADIATION  ENVIRONMENT 


In  addition  to  the  temperature,  shock,  and  vibration  environments  associated  with 
space  systems,  the  space  tug  astrionic  module  must  be  designed  to  function  properly  in 
natural  and  induced  radiation  environments.  The  combined  radiation  environments  present 
a multiplicity  of  types  of  radiation  and  effects  on  electronic  subsystems.  This  section 
defines  the  radiation  environments  relevant  to  a space  tug  mission  profile.  The  radiation 
environment  presented  by  pulsed  radiation  and  its  interaction  with  the  geomagnetosphere 
can  be  extremely  hostile.  The  radiation  levels  to  which  the  system  is  hardened  depends  upon 
whether  the  system  is  to  be  manned  or  unmanned  at  the  time  of  and  subsequent  to  the 
encounter.  The  electronic  and  mechanical  components  of  the  system  can  be  designed  to 
withstand  much  more  severe  doses  than  those  lethal  to  a human  biological  system.  There  is  a 
considerable  difference  in  the  cost  of  hardening  a system  from  an  equipment  standpoint  as 
against  hardening  to  the  lethal  doses  in  tissue.  Consequently,  a distinction  will  be  made 
between  a manned  (low  level)  or  unmanned  (high  level)  system  radiation  environment  in  the 
following  sections. 

4.1.1  Pulsed  Radiation 

The  worst  case,  and  most  likely,  pulsed  radiation  encounter  is  one  occurring  at  high 
altitude  (on  the  order  of  50  to  300  nmi)  near  the  end  of  the  system  lifetime.  The  radiative 
emanations  of  pulsed  radiation  at  about  100  nmi  have  the  general  time  history  indicated  in 
Figure  4-1. 


The  energy  spectra  and  intensities  of  the  various  types  of  radiation  are  critically 
dependent  on  the  radiation  source,  source  altitude  and  range  to  the  receiver.  As  a rule,  the 
worst  case  is  assumed  for  the  hardening  of  a system.  The  range  can  be  selected  to  be 
consistent  with  the  maximum  tolerable  effect  associated  with  one  or  more  of  the  radiation 
types. 
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Figure  4-1.  Idealized  Pulsed  Radiation  Time  History 


4.1.1.,  Prompt  Gamma  Rays 

Fusion  gamma  rays  have  a spectrum  which  gives  them  the  characteristic  of  being  highly 
penetrating.  It  is  futile  to  consider  shielding  on  a system  where  weight  reduction  has  a high 
priority. 

The  significant  characteristics  of  prompt  gamma  rays  on  electronics  are  the  ionization 
does  rate  [rads  (Si)/sec]  and  the  ionized  dose  [rad  (Si)]  discussed  in  Section  4.2.1. 

4. 1.1. 2 X-Rays 

The  energy  spectra  of  pulsed  radiation  X-rays  permit  the  consideration  of  shielding  as  a 
hardening  measure,  even  in  a weight  conscious  system.  The  principal  effects  of  X-rays  are 
ionization,  thermal,  and  mechanical  as  listed  in  Sections  4.2.1, 4.2.3,  and  4.2.4,  respectively. 

4. 1.1. 3 Fast  Neutrons 

The  neutron  spectra  associated  with  pulsed  radiation  are  of  sufficiently  high  energies 
that  shielding  is  impractical  for  all  but  ground  systems.  The  effects  on  electronics  of  low  to 
moderate  neutron  fluences  (10 1 1 to  10*  3 n/cm~)  fall  in  the  displacement  damage  category 
only  (Section  4.2.2).  The  effects  of  high  fluences  (10^  to  5 x 10*4  n/cnfi)  include 
ionization  as  well  as  displacement  damage.  The  passage  of  a high  intensity  pulse  of  fast 
neutrons  through  the  materials  of  a system  generates  ionizing  radiation  which  can 
contribute  the  major  portion  of  the  ionizing  dose  absorbed  in  components  and  materials. 
The  nature  of  that  dose  is  dependent  on  the  choice  of  system  materials.  This  effect  is  not 
significant  for  a system  designed  to  tolerate  doses  only  up  to  lethal  doses  in  tissue.  The 
X-ray,  gamma  ray,  and  neutron  induced  doses  involving  a high  neutron  fluence  would  be  far 
in  excess  of  the  lethal  dose  range.  A manned  system  is  therefore  immune  by  definition  to 
one  of  the  more  serious  problems  confronting  the  design  of  a hardened  unmanned  system.  If 
the  space  tug  is  designed  to  tolerate  levels  commensurate  with  an  unmanned  system,  this 
effect  will  have  a significant  impact  on  total  system  design. 

4.1 .1.4  Nuclear  Electromagnetic  Pulse  (NEMP) 

Pulsed  radiation  is  accompanied  by  two  principal  types  of  electromagnetic  effects 
(References  P-3,  P-4,  and  P-5).  (Electromagnetic  radiation  as  used  in  this  section  applies  to 
radiation  of  longer  wavelengths  tt  an  are  characteristic  of  gamma  and  X-rays.)  One  involves 
alterations  to  the  electrical  properties  of  the  atmosphere  causing  communication  and  radar 
blackout.  This  mechanism  will  not  be  considered  in  this  study  since  only  communications 
and  radar  in  £he  vicinity  of  the  pulsed  source  will  be  altered.  The  wor.  t that  could  happen 
would  be  a local  blackout  in  communication  with  the  space  tug  from  the  ground  which 
could  last  from  minutes  to  hours.  There  would  be  no  similar  blackout  associated  with 
space-to-space  communications  (as  opposed  to  ground-to-space  or  space-to-ground).  The 
second  electromagnetic  effect  will  be  of  primary  interest  since  it  produces  an 
electromagnetic  pulse  of  short  duration,  possibly  causing  detrimental  effects  in  the  space  tug 
astrionics. 


There  appears  to  be  at  least  four  different  mechanisms  whereby  an  electromagnetic 
pulse  may  produce  problems  in  the  astrionics  from  pulsed  sources  (References  P-5  and  P-9). 
The  first  two  are  associated  with  gamma  and  X-radiations  producing  asymmetric  charge 
distributions  in  the  region  surrounding  the  source  (Reference  P-1).  The  third  is  the  result  of 
the  rapid  expansion  of  the  essentially  perfectly  conducting  plasma  of  residues  in  the  earth’s 
magnetic  field  (Reference  P-2).  Finally,  gamma  interactions  in  an  asymmetric  case  will 
produce  scattered  electrons  generating  the  electromagnetic  pulse  (Reference  P-1).  These 
mechanisms  and  the  threats  they  produce  will  be  discussed  in  the  following  sections.  Since 
this  paper  is  unclassified,  the  threat  scenarios  cannot  be  given  in  detail  as  to  source  yield, 
field  strengths,  time  profiles,  etc. 

The  first  two  mechanisms,  often  called  the  Compton-Electron  (Reference  P-5)  and 
Photo-Electron  (Reference  P-14)  Models  are  believed  to  be  the  principal  means  for 
generation  of  the  NEMP  from  sources  on  or  slightly  above  the  earth’s  surface  and  near  the 
top  of  the  sensible  atmosphere.  The  third  mechanism  called  the  Field-Displacement  Model 
(Reference  P-5)  is  responsible  for  the  NEMP  produced  at  greater  altitudes  where  the  only 
interacting  medium  is  the  geomagnetic  field.  Likewise,  the  fourth  mechanism,  the 
Gamma-Weapon  Case  Model  (Reference  P-14),  is  produced  at  great  altitudes  where  the  only 
media  for  interaction  is  either  the  pulsed  source  case  or  the  geomagnetic  field. 

4.1.1 .4.1  Compton-Electron  Model.  The  initial  gamma  radiation  leaves  the  source  with  ve^ 
high  energies  colliding  with  electrons  in  the  atoms  and  the  molecules  of  the  surrounding  air, 
thus  transferring  energy  (Reference  P-5).  These  electrons  generally  move  out  rapidly  from 
the  center  of  the  source.  In  order  for  these  electrons  to  produce  an  electromagnetic  pulse, 
some  sort  of  asymmetrical  medium  must  be  available  for  interaction.  This  medium  could  be 
the  earth,  the  atmospheric  density  gradient,  or  any  structural  material.  These  asymmetries 
produce  an  effective  compton-electron  pulse  which  is  like  a vertical  radiating  dipole.  The 
current  pulse  in  the  air  radiates  electromagnetic  energy  just  as  it  would  if  it  were  flowing  in 
a wire  transmitting-antenna,  and  this  radiation  constitutes  the  first  part  of  the  characteristic 
signal  of  the  pulsed  radiation.  The  compton-electrons,  flowing  away  from  the  positive  ions, 
produce  a radial  electric  field.  Under  the  influence  of  the  electric  field,  there  is  a large 
number  of  electrons  present  which  flow  back  toward  the  originating  point.  This  initiates  a 
second  pulse  of  current  which  is  rapidly  terminated  by  recombination.  This  characteristic 
action  occurs  very  rapidly,  thus  producing  frequencies  as  high  as  one  GHz.  However,  only  a 
very  small  part  of  the  total  electromagnetic  energy  is  radiated  at  such  high  frequencies.  Most 
of  the  energy  is  centered  around  frequencies  of  tens  to  hundreds  of  kHz  when  detected  at 
hundreds  of  miles.  The  possibility  of  a second  NEMP  produced  by  X-radiation  will  be 
discussed  in  the  following  section. 

4. 1.1. 4. 2 Photo-Electron  Model.  The  mechanism  is  essentially  the  same  as  described  above 
except  the  radiation  producing  the  electrons  is  X-radiation  instead  of  gamma  radiation 
(Reference  P-14).  The  interaction  of  gamma  and  X-radiation  with  matter  is  well 
documented  and,  thus,  will  not  be  discussed  here.  The  photo-electron  mechanism  is  most 
pronounced  by  pulsed  radiation  sources  at  or  above  an  altitude  of  fifty  miles.  This 
mechanism  produces  the  most  intense  electromagnetic  signal  immediately  above  the  D-layer 
where  the  X-rays  interact.  The  longitudinal  electric  field  produced  is  of  the  order  of  a few 
thousand  volts  per  meter.  The  transverse  field  is  of  the  order  of  tens  of  volts  per  meter. 
Thus,  the  field  strengths  produced  by  X-radiation  tend  to  be  smaller  than  fields  produced  by 
gamma  radiation.  However,  the  photo-electron  mechanism  can  be  important  where  the 
electron  yield  is  much  greater  than  the  compton-electron  process  described  here. 
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4.  LI. 4.3  Field-Displacement  Model.  This  mechanism  will  be  of  significance  when  the  space 
tug  is  in  a synchronous  orbit  or  in  some  extremely  high  altitude  orbit  (Reference  P-5). 
Immediately  after  initiation  of  the  pulsed  radiation,  the  hot  debris  is  essentially  a highly 
ionized  plasma  which  is  expanding  rapidly.  A property  possessed  by  all  plasmas  is  a 
tendency  to  exclude  a magnetic  field  such  as  that  of  the  earth  from  its  interior.  The 
expanding  plasma  of  residues  thus  causes  a violent  distortion  of  the  earth’s  magnetic  field. 
As  a result  of  the  interaction,  an  electromagnetic  pulse  is  propagated  over  very  long 
distances  at  high  altitudes. 

4. 1.1. 4.4  Gamma-Weapon  Case  Model.  The  gamma  radiation  from  pulsed  sources  is  never 
fully  symmetric  because  of  the  presence  of  ancillary  apparatus,  external  structures,  or  the 
carrying  vehicle  (Reference  P-14).  The  polarization  of  radiation  from  this  mechanism  is 
random,  whereas  the  natural  asymmetries  tend  to  be  vertically  polarized.  There  are  at  least 
two  possible  ways  by  which  such  an  asymmetrical  distribution  of  electrons  might  be 
generated:  (Reference  P-1 ) because  of  the  design  of  the  source,  and  (Reference  P-2)  because 
the  shield  material  may  be  asymmetrically  placed  around  the  source.  Such  shields  are  to 
reduce  the  flux  radiated  in  a given  direction  and  thus  make  more  difficult  long-range 
detection  of  X-rays.  The  shield  might  be  a flat  plate  or  a hemisphere  a few  meters  from  the 
device  so  oriented  as  to  shadow  the  source  from  possible  X-ray  detectors.  This  mechanism  is 
normally  of  interest  only  above  10,000  miles. 

4. 1.1. 5 Artificial  Radiation  Belts 

A high  altitude  source  of  pulsed  radiation  can  cause  an  artificial  belt  of  electrons  and 
protons  to  form,  overlapping  the  Van  Allen  belt,  within  a few  minutes  to  hours  after 
initiation.  The  effect  is  to  significantly  enhance  the  radiation  hazards  in  the  region  of  the 
belts.  The  artificial  proton  flux  is  relatively  inconsequential  to  the  electron  flux  which  has  a 
fission  beta  decay  spectrum.  The  latter  is  somewhat  more  energetic  than  the  natural  electron 
belt  spectrum  and  has  therefore  greater  penetrability  and  presents  a more  severe 
bremsstrahlung  problem. 

The  artificial  belts  decay  rapidly  at  the  belt/atmosphere  interface  (characteristic  decay 
time  about  a week).  At  the  middle  of  the  artificial  belt  the  decay  time  is  several  months. 
Years  are  required  for  the  artificial  belt  to  completely  dissipate. 

The  electrons  with  energies  greater  than  0.5  Mev  are  influential  in  causing  displacement 
damage  (Section  4.2.2)  and  ionization  effects  (Section  4.2.1)  in  the  electronics  of  a space 
system  exposed  to  the  radiation  field  for  more  than  a few  months  after  a burst. 

4. 1 . 1 .6  Thermal  Pulse 

The  high  intensity  light  pulse  is  of  little  consequence  from  a pulsed  source  appreciably 
higher  than  10  nmi.  Accordingly,  it  can  be  considered  as  having  negligible  effect  on  the 
space  tug.  If  the  pulsed  source  occurred  in  the  high  density  portion  of  the  atmosphere,  the 
thermal  pulse  which  covers  the  entire  UV.  visible  and  IR  spectra  could  seriously  overload  a 
high  gain  optical  system  on  the  tug. 

4. 1.1.7  Overpressure 

The  pressure  has  no  effect  on  the  tug  at  altitudes  less  than  10  nmi.  insofar  as  nuclear 
pulsed  radiation  encounters  are  concerned. 


4.  i .2  Natural  Space  Radiation  Environment 


The  mission  profile  of  the  space  tug  exposes  the  system  to  three  sources  of  natural 
space  radiation:  galactic  and  extra-galactic  cosmic  particles,  solar  cosmic  particles  and  flares, 
and  the  earth’s  natural  radiation  belt.  This  section  describes  aspects  of  these  radiation  fields 
pertinent  to  the  space  tug  astrionic  design. 

4.1 .2.1  Solar  Cosmic  Particles  and  Flares 

The  normal  solar  cosmic  flux  consists  primarily  of  positively  charged  protons  with 
average  energies  of  approximately  100  mev  per  particle  (Reference  P-7).  However,  this 
proton  flux  intensity  is  relatively  small  and  is  additionally  decreased  in  low  earth  orbit  by 
the  deflection  of  the  protons  by  the  earth’s  magnetic  field.  The  most  stringent  environment 
that  the  space  tug  will  encounter  will  occur  during  the  synchronous  orbit  and  RNS 
earth/moon  missions  and  lunar  orbit  operations.  Experience  gained  by  the  successes  of 
Syncom  II  and.  Syncom  III  communications  satellites  which  operated  for  years  in 
synchronous  orbit  and  by  the  success  of  the  Apollo  lunar  landing  missions  has  demonstrated 
that  normal  solar  cosmic  particles  do  not  present  a design  problem  to  the  space  tug 
astrionics. 


However,  with  increased  proton  energies  and  intensities  which  are  characteristic  of 
solar  flare  activity,  both  ionization  and  displacement  damage  can  result.  Shielding  the  space 
tug  astrionics  for  protection  against  solar  flares  could  impose  a heavy  cost  and  weight 
penalty.  But,  since: 

® The  geomagnetic  field  surrounding  the  earth  provides  some  protection  against 
solar  flares, 

« High  energy  solar  flare  events  occur  only  on  the  average  of  approximately  9-10 
times  per  year, 

• There  is  some  predictability  for  solar  flare  events,  and 

® There  time  of  several  hours  between  optical  detection  of  solar  flares  on 
earth  and  the  ensuing  significant  radiation  increase, 

the  space  tug  missions  could  be  planned  or  the  mission  could  be  terminated  to  circumvent 
operating  the  space  tug  during  a high  intensity  solar  flare. 

4. 1.2.2  Natural  Radiation  Belt  (Van  Allen) 

The  Van  Allen  radiation  belt  consists  mainly  of  energetic  protons  and  electrons  in  a 
donut-shaped  geometry  surrounding  the  earth  beginning  at  an  altitude  of  about  200-500  nm 
and  extending  out  to  about  35,000-40,000  miles.  Maximum  proton  and  electron  energy 
densities  occur  in  the  inner  and  outer  regions  of  the  belt,  respectively;  hence,  the  concept  by 
some  of  the  existence  of  more  than  one  belt.  The  belt  does  not  extend  beyond  earth 
latitudes  of  about  75°  north  or  south  and  is  thus  open  at  the  earth's  polar  regions 
(Reference  P-7).  The  energy  spectra  of  both  species  of  radiation  vary  widely,  but  permit  the 
consideration  of  shielding  as  a hardening  approach. 


Electronic  devices  exposed  to  this  environment  will  suffer  both  ionization  and 
displacement  damage.  Unlike  the  pulsed  radiation  or  solar  flare  sources,  trapped  natural 
radiation  induces  damage  effects  cumulative  over  lengthy  periods  of  exposure. 

Since  the  low  earth  orbits  of  the  space  tug  are  below  any  significant  portion  of  the 
natural  radiation  belt,  the  only  space  tug  missions  of  concern  are  the  ones  which  traverse 
through  the  belt  and  the  synchronous  orbit  mission.  Synchronous  orbit  altitude  is  in  the 
outer,  lower  energy  electron  radiation  region  of  the  belt.  The  following  analysis  is  based  on 
the  synchronous  or*  it  mission  and  will  thus  reflect  the  most  stringent  radiation  exposure 
criteria. 

Table  4-1  describes  when  the  more  sensitive  transistors  begin  to  show  radiation  damage 
which  takes  the  form  of  reduced  gain  characteristics. 

Table  4-1. 


•Type  of 

Damage  Exposure 

Particle 

Energy 

To  Transistors 

Protons 

>20  mev 

>1011  protons/cm2 

Electrons 

5 mev 

>1  ol  3 electrons/cm^ 

•Damage  to  transistors  decreases  with  decreasing  electron 

energy.  Damage  increases,  up  to  a point,  on  decreasing  proton  energy. 


The  maximum  radiation  exposure  to  the  space  tug  outer  skin  during  the  synchronous 
orbit  mission  is  as  follows  (based  on  24  hours  at  synchronous  orbit  altitude): 

Protons: 

>30  mev:  (10^p/cm^-sec)  (3.6  x 10^  sec/hr)  (4  hr)  = 1.4  x 10^p/cm^ 

0.1-5  mev:  ( 1 08p/cm2-sec)  (3.6  x 103  sec/hr)  (30  hr)  = 1.08  x 10i3p/Cm2 

Electrons: 

>1.6  mev:  (10^e/cm^-sec)  (3.6  x 10^  sec/hr)  (32  hr)  = 1.15  x 10^e/cm^ 

>0.04  mev:  (2.5  x lO^e/cm^-sec)  (3.6  x 10^  sec/hr)  (32  hr)  = 2.9  x lO^e/cm^ 

Liberal  estimates  were  made  on  particle  flux  densities.  Times  for  space  tug  exposure  to 
various  energy  particles  vary  due  to  variation  in  particle  flux  densities  with  altitude. 

Table  4-2  is  a summary  of  total  particle  exposure. 

As  can  be  seen  from  comparing  Tables  4-1  and  4-2,  with  the  possible  exception  of 
relatively  low  energy  protons,  the  radiation  exposure  to  the  space  tug  is  insufficient  to  cause 
damage  to  space  tug  astrionics  without  taking  credit  for  any  shielding  whatsoever.  The  range 
of  5 mev  protons  in  aluminum  (the  space  tug  skin  will  likely  consist  of  an  aluminum  alloy) 
is  on  the  order  of  0.02  cm.  Les?  energetic  protons  would  be  less  penetrating.  The  space  tug 
skin  will  be  thicker  than  this;  thus  the  tug  skin  alone  is  capable  of  stopping  protons  of  5 mev 
energy  and  below. 


Table  4-2. 


Type  of 
Particle 

Energy 

Total  Exposure 
To  Outer  Skin 

Protons 

>30  mev 

10?  protons/cm2 

Protons 

0.1—5  mev 

1013  protons/cm2 

Electrons  (Beta) 

>1.6  mev 

108  electrons/cm2 

Electrons  (Beta! 

> 0.04  mev 

10l  3 electrons/cm2 

In  addition  to  the  factors  of  safety  mentioned  above,  such  as  a liberal  computation  for 
total  space  tug  exposure  and  the  use  of  the  space  tug  skin  as  shielding  material,  the 
following  items  would  act  as  shielding  material  to  further  reduce  space  tug  astrionic 
component  internals  from  radiation  exposure: 

© Cold  plate  panels  and  coolant 

© Component  mounting  brackets 

© Component  enclosures 

© Component  enclosure  environments  (i.e.,  some  components  may  be  pressurized) 

© Component  internals  will  have  a self-shielding  effect  upon  electronic  devices 
located  farther  toward  the  center  of  the  component 

• The  space  tug  propulsion  module  and  crew/cargo  module  will  completely  shield 
the  top  and  bottom  of  the  astrionic  module 

• Thermal  insulation,  louvers,  radiators,  etc. 

Giving  additional  confidence  in  the  operability  of  the  space  tug  during  the  synchronous 
orbit  mission  is  the  fact  that  synchronous  satellites  (Syncom  II  and  III)  have  been  placed 
into  synchronous  orbit  and  have  operated  there  for  years. 

4.1 .2.3  Galactic  or  Extra-Galactic  Cosmic  Particles 

These  particle  fluxes  are  comprised  primarily  of  positively  charged  particles  with 
extremely  high  energies.  The  estimated  average  energy  is  approximately  104  mev,  thus 
making  shielding  impractical  (Reference  P-7).  The  intensities  of  these  fluxes  are  very  low, 
however,  and  therefore  the  ionization  and  displacement  damage  associated  with  them  is 
negligible  relative  to  the  consequences  of  exposure  to  solar  flares  or  the  natural  trapped 
radiation. 


4.1.3  Nuclear  Reactor  Radiation 


The  space  tug  will  be  interfacing  with  NERVA  engines  (in  the  capacity  of  flying  the 
RNS  mission  and  when  acting  as  a utility  vehicle  for  servicing  and  maintaining  RNS  vehicles) 
and  space  base  nuclear  power  reactors.  Thus,  the  radiation  exposure  to  the  space  tug  from 
these  sources  must  be  considered  as  a contributor  to  the  total  radiation  environment. 

The  space  tug  astrionic  module  in  the  vicinity  of  an  operating  reactor  will  be  primarily 
exposed -to  highly  penetrating  gamma  rays  and  neutrons.  They  will  induce  both  ionization 
and  displacement  damage.  For  the  most  part,  however,  the  problems  posed  by  the  reactor 
are  similar  to  those  of  pulsed  radiation  with  the  exception  of  exposure  time  and 
directionality. 

The  most  stringent  radiation  environment  from  nuclear  reactors  that  the  space  tug  will 
encounter  will  be  in  flying  the  RNS  mission.  Current  NEKVA/RNS  design  concepts  indicate 
that  at  the  location  above  the  RNS  propellant  tank  where  the  majority  of  the  astrionics  will 
be  located,  the  radiation  environment  will  be  as  follows  (Reference  P-8): 

Gamma  Rate  - 3 rad/sec  (3.6  x 10^  rads/hr) 

Gamma  Dose  — 3.6  x 30^  rads 

Neutron  - Negligible 

These  levels  are  well  within  the  state-of-the-art  electronic  technology  and  thus  will  impose 
no  special  design  problems  to  the  tug  astrionics.  Optical  devices  on  the  tug,  such  as 
landmark  trackers,  star  trackers,  etc,,  face  outboard  from  the  vehicle  and  thus  should  receive 
minimum  radiation  impingement  on  their  optical  face. 

When  the  space  tug  is  in  proximity  to  an  RNS  or  space  base  nuclear  power  reactor, 
appropriate  operational  constraints  will  have  to  be  observed  to  keep  the  tug  in  positions  of 
low  radiation  environments.  This  will  have  no  significant  impact  on  the  tug,  however,  and 
will  be  simply  normal  safety  operating  procedures. 

4.2  RADIATION  EFFECTS  IN  COMPONENTS  AND  MATERIALS 

The  effects  of  radiation  on  electronic  components  and  materials  can  be  separated  into 
four  general  classes:  ionization,  displacement,  thermal,  and  mechanical.  These  classes  were 
used  in  Section  4.1  to  designate  the  principal  effects  of  various  species  of  radiation  which 
would  be  encountered  by  a space  tug.  This  section  describes  the  damage  mechanisms  of  the 
four  classes  of  effects  and  identifies  those  devices  and  materials  most  susceptible  to  the 
space  tug  radiation  environment.  Approximate  failure  levels  will  be  presented  in  cases  where 
they  have  been  adequately  determined. 

The  ionization  and  displacement  damage  radiation  levels  which  a space  tug  astrionic 
module  can  be  designed  to  tolerate  are  given  as  a function  of  technology  limitations  in  Table 
4-3.  The  indicated  radiation  levels  are  presumed  to  be  the  combined  environments  discussed 
in  Section  4.1  and  which  would  be  consistent  with  space  tug  mission  profiles. 
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Table  4-3.  Technology  Limits  -Versus  Radiation  Levels 


Combined  Radiation  Sources 


Technology 

Limits 

Dose 
rad  (si) 

lonizatio.J  Effects 

Dose  Rats 
Rads  (Si) /Sec 

Displacement  Effects 
Fluence 

1 Mev  Silicon  Equivalent 
Neutrons/cm2 

a 

b 

State-of-the  Art 
Technology 

106 

10™ 

3x10s 

10™ 

Pushing  Current 
Technology 

2 x 10® 

5x101! 

10s 

3x  IQl'l 

Probable  1973 
Technology 

3 x10s 

1012 

5 x 10s 

3x10™ 

a)  Circumvented  System  {Reference  Section  4.3.2) 

b)  Uncircumventcd  System 

The  following  subsections  are  concerned  mainly  with  radiation  effects  on 
semiconductor  devices.  Optical  equipment,  such  as  star  trackers,  laser  radars,  etc.,  exhibit 
optical  face  discoloration  which  degrades  the  sensitivity  of  the  device.  However,  radiation 
resistant  glasses  are  available  to  minimize  this  effect.  Some  glass  is  purposefully  designed  to 
exhibit  high  electrical  conductivity  so  that,  when  a small  electrical  current  is  passed  through 
it,  opaqueness  is  annealed  out. 


4.2. 1 Ionization  Effects 


Most  types  of  radiation  interact,  to  a greater  or  lesser  degree,  with  matter  in  such  a way 
as  to  create  charged  particles  in  the  absorbing  medium  which  can  respond  to  electric  fields 
or  diffuse.  Semiconductor  devices  are  quite  sensitive  to  ionizing  radiation  and  are  of 
principal  concern  here.  Dielectrics  are  somewhat  less  sensitive  but  are  also  a problem  in 
sufficiently  intense  radiation  fluxes.  It  is  convenient  to  categorize  ionization  effects  as  either 
transient  or  permanent. 


4.2. 1 . 1 Transient  Effects 


PN  junction  semiconductor  devices  will  produce  a transient  photocurrent  (Ipp)  which 
can  cause  circuit  upset.  In  the  space  tug  the  most  susceptible  devices  would  be  power 
transistors,  power  diodes,  junction  field  effect  transistors  (JFET).  junction  isolated 
integrated  circuits  (particularly  the  linear  types),  silicon  controlled  rectifiers  (SCR),  and 
infra-red  (IR)  detectors.  All  these  devices  can  be  expected  to  suffer  malfunction  in  their 
typical  applications  at  dose  rates  less  than  109  rad(Si)/sec  unless  appropriate  hardening 
techniques  are  employed. 
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A critical  nonsemiconductor  device  which  will  malfunction  (depending  on  circuit 
tolerances)  at  relatively  low  dose  rates  is  the  quartz  crystal.  Since-  it  is  frequently  employed 
as  a clock  oscillator,  it  would  be  expected  to  operate  properly  even  in  a circumvented 
system. 

Capacitors  will  produce  a transient  leakage  current  or  voltage  reduction  under  the 
influence  of  an  ionizing  radiation  pulse.  This  effect  does  not  begin  to  become  serious  in 
most  applications  until  dose  rates  exceed  10^  rad(Si)/sec. 

4.2. 1.2  Permanent  Effects 

The  devices  most  sensitive  to  permanent  ionizing  doses  are  the  members  of  the 
insulated  gate  FET  (IGFET)  family.  At  pulsed  radiation  doses  of  104  to  105  rad(Si)  the 
threshold  voltage  begins  to  degrade  rapidly  due  to  a space  charge  buildup  in  the  oxide  layer. 
Because  of  long-term  annealing,  the  damage  from  pulsed  radiation  can  be  considered 
permanent  in  a digital  system.  On  the  other  hand,  the  same  dose  delivered  in  a slow, 
cumulative  fashion,  as  with  some  types  of  ?;pace  radiation  and  with  radiation  from  NERVA, 
permits  the  IGFET  to  survive  much  higher  doses  of  these  types  of  radiation.  At  doses  of  a 
megarad  (Si)  the  surface  effects  begin  to  measurably  reduce  the  forward  current  transfer 
ratio  of  ordinary  transistors.  This  is  usually  negligible  compared  to  the  same  effect  by 
neutrons.  However,  in  a low  neutron  fluence  environment,  the  effect  could  become 
significant. 

4.2.2  Displacement  Effects 

The  displacement  of  atoms  and  disordering  of  semiconductor  crystal  lattices  by 
particulate  radiation  influences  the  electrical  parameters  of  devices.  The  most  profoundly 
affected  parameters  are  forward  current  transfer  ratio  (Beta)  and  Vce  (Sat)  of  power 
transistors.  The  only  device  which  suffers  from  displacement  damage  at  fluences  of  less  than 
1()1 1 to  10* 2 neutrons/cm2  is  the  unijunction  transistor.  Beta  begins  to  degrade  between 
10 12  and  10^3n/cm2  for  most  silicon  transistors.  Fanout  of  integrated  circuits  begins  to 
degrade  at  about  1013n/cm2.  Vce(Sat)  of  high  BVceo  (greater  than  80  volts)  begins  to 
increase  rapidly  at  fluences  between  5 x lO*3  and  10^4n/cm~.  The  forward  voltage  of 
power  diodes  increases  at  the  latter  fluence  levels. 

AH  of  the  above  effects  are  permanent  with  the  exception  of  the  degraded  Beta 
phenomenon.  It  is  quasi-transient  in  that  the  Beta  decreases  to  a minimum  value  at  the 
beginning  of  the  neutron  pulse  and  within  milliseconds  increases  to  a relatively  permanent 
value  less  than  the  pre-irradiation  Beta.  This  Beta  annealing  is  a problem  when  operation 
during  high  level  neutron  pulses  is  required. 

It  should  be  noted  that  electrons,  protons,  and  secondary  neutrons  from  the  natural 
space  radiation  environment  create  the  same  damage  but  in  a slow  cumulative  fashion  and 
not  as  effectively  as  the  pulsed  radiation  neutrons.  However,  if  neutron  fluences  are  low,  on 
the  order  of  10* 1 to  I0i2n/cm2,  the  natural  space  environment  may  produce  the  most 
significant  damage. 

4.2.3  Thermal  Effects 

The  rapid  deposition  of  large  amounts  of  energy  can  raise  the  temperature  of  certain 
component  materials,  causing  temporary  malfunction  or  permanent  damage.  If  the  neutron 
fluence  is  much  less  than  I014n/cm2,  neutron  heating  will  be  negligible. 
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It  should  also  be  pointed  out  that  the  Vce(Sat)  of  power  transistors  is  increased  by  a 
neutron  induced  increase  in  collector  bulk  resistance.  The  irradiated  transistor  thus  operates 
at  a higher  temperature  and  power  level.  Again,  this  effect  is  negligible  for  neutron  fluences 
much  less  than  10 neutrons/ cm2. 

The  implications  of  all  of  the  above  are  that  thermal  effects  will  not  be  significant 
unless  the  total  single  pulse  dose  approaches  a megarad  (Si). 

4.2.4  Mechanical  Effects 

The  only  mechanical  damage  mechanism  of  concern  for  a manned  system  is  the 
deterioration  of  certain  polymers  exposed  to  ionizing  doses  in  excess  of  a megarad  (C). 
Specifically,  certain  types  of  teflon  will  suffer  chain  scission  and  consequent  softening  of 
the  material.  Small  amounts  of  flourine  gas  may  evolve  creating  a potentially  corrosive 
atmosphere  in  the  electronic  subsystem.  The  latter  effect  would  require  several  megarads  (C) 
before  becoming  a matter  for  concern. 

4.2.5  NEMP  Component  and  Circuit  Radiation  Effects 

The  definition  of  upset,  as  used  here,  is  a circuit  response  which  causes  some  electrical 
system  or  subsystem  to  malfunction  which  may  be  transient  or  permanent  (Reference  P-6). 
The  analysis  of  the  upset  problem  is  usually  straight-forward  because  the  function  of  the 
circuit  is  well  defined.  The  examination  of  the  response  of  a bi-stable  circuit  used  to  store 
information  serves  as  a good  example.  A transient  through  the  power  supply  or  a common 
wire  may  cause  switching  and  loss  of  information.  This  is  a permanent  upset.  A transient 
upset  is  one  which  produces  an  excursion  and  returns  to  the  original  operating  condition. 

On  the  other  hand,  burnout,  as  used  here,  refers  to  the  permanent  change  in  the 
characteristics  of  a device  (Reference  P-6).  Burnout  is  a problem  which  can  be  examined 
analytically,  using  digital  circuit  analysis  codes  with  an  assist  from  experimental  data 
obtained  from  actual  tests  on  devices.  To  a large  extent,  burnout  results  from  energy 
deposition  in  a component,  for  example,  due  either  to  excessively  large  reverse  voltages  or 
forward  currents.  Each  class  of  components  (transistors,  diodes,  etc.)  has  its  own  peculiar 
burnout  mechanisms  (Reference  P-6). 

Typical  results  with  a 2N2222  transistor  indicates  that  junction  burnout  occurs  at  an 
energy  deposition  level  of  approximately  100  microjoules  with  a 100  nanosecond  pulse 
width  (References  P-1 1 and  P-12).  Typically,  when  a large  reverse  bias  is  applied  to  the  base 
emitter  junction  from  a low  impedance  (10  to  30  ohm)  source,  a current  of  hundreds  of 
milliamperes  will  flow  through  the  junction.  Burnout  can  occur  from  pulsed  sources  greater 
than  50  miles  distant  when  the  junction  areas  are  1 0’3  square  centimeters  or  smaller.  ^ great 
deal  of  protection  is  required  to  prevent  junction  burnout.  The  energy  is  conducted  into  the 
circuits  and  components  normally  via  long  interconnecting  cables.  However,  other 
mechanisms  are  also  prevalent,  such  as  inductive  and  capacitive  coupling  from  currents 
racing  up  and  down  the  vehicle  skin.  Also,  antenna  type  coupling  into  components  and 
circuits  occurs. 
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Thus,  in  assessing  the  NEMP  vulnerability  of  a system,  one  should  realize  that  failure  of 
the  system  to  function  in  accordance  with  its  design  can  occur  not  only  on  a subsystem  level 
but  on  a component  and  circuit  level  as  well  (Reference  P-10).  It  is  desirable  to  establish  a 
means  of  predicting  the  failure  level  of  system  components  due  to  high  amplitude  voltage 
pulses,  especially  in  solid  state  electronic  devices  such  as  diodes  and  various  types  of 
transistors.  The  next  step  is  to  identify  the  susceptible  components.  Components  or 
subsystems  subject  to  operational  upset  include  the  following: 

• Low  power  or  high  speed  digital  processing  systems, 

• Memory  units,  especially  for  digital  processing  such  as  core  memories,  drum 
storage,  and  buffers  via  wiring, 

® Control  systems  for  in-flight  guidance, 

© Protection  or  control  systems  for  the  distribution  of  power, 

• Subsystems  employing  long  integration  or  recycling  times  for  synchronization 
acquisition  or  signal  processing,  such  as  gyros. 

Components  subject  to  functional  burnout  include  the  following: 

© Active  electronic  devices  such  as  semiconductor  devices,  especially  high  frequency 
transistors,  integrated  circuits,  and  microwave  diodes, 

• Passive  electrical  and  electronic  components,  especially  low  power  or  low  voltage 
or  precision  type  components, 

9 Semiconductor  diodes  or  silicon  controlled  rectifiers,  especially  in  power  supplies 
connected  to  long  cables, 

• Meters,  indicators,  or  relays,  especially  those  employed  to  control  power,  flight, 
or  guidance, 

© Insulated  RF  and  power  cables,  especially  those  running  near  maximum  rating, 
and 

© Components  connected  in  systems  containing  large  amounts  of  stored  electrical 
energy. 

4.3  RADIATION  HARDENING 

The  purpose  of  radiation  hardening  is  to  provide  a system  or  subsystem  capable  of 
performing  required  functions  during  and  after  exposure  to  a radiation  environment.  Before 
hardening  can  begin,  the  environment  must  be  defined  in  sufficient  detail  to  determine 
radiation  effects  of  component  and  circuit  technologies  that  could  be  used  to  implement  the 
system.  A trade-off  effort  considering  various  system  configurations  and  modes  of 
operation,  various  component  and  circuit  technologies  and  various  hardening  techniques 
should  then  be  conducted  to  select  the  hardening  approach  to  be  used.  Some  combination 
of  the  hardening  approaches  discussed  in  this  section  will  usually  provide  the  most  effective 
(cost,  weight,  performance)  approach. 
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4.3.1  Intrinsic  Hardening 


The  intrinsic  hardness  level  has  been  defined  as  that  level  of  radiation  at  which  no 
effect  on  circuit  operation  occurs.  For  prompt  ionizing  pulses  this  level  is  the  transient 
malfunction  level  of  a circuit.  Such  transient  malfunctions  may  effect  system  operation  in 
any  of  the  following  ways: 

• Generate  significant  noise  signals, 

9 Cause  transient  errors  which  may  degrade  system  operation  or  result  in  system 
failure  or  mission  abortion,  or 

® Degrade  or  burnout  components  which  may  cause  system  degradation  or  failure. 

The  NEMP  generates  voltage  and  current  surges  in  antennas,  cabling,  and  wiring  which 
can  also  cause  circuit  malfunctions  and  component  degradation  or  burnout. 

The  intrinsic  hardness  level  for  parameters  of  the  radiation  environment  which  cause 
permanent  degradation  of  components  and  materials  (neutrons,  ionized  dose,  etc.)  is  that 
level  at  which  circuit  operation  or  component  parameters  are  no  longer  within  specification. 

System,  hardening  to  levels  greater  than  the  intrinsic  hardness  level  of  transient  effects 
can  be  achieved.  Intrinsic  hardness  levels  for  permanent  effects  usually  limit  system 
hardware  even  with  component,  circuit  or  unit  redundancy  since  most  permanent 
degradation  occurs  with  or  without  power  applied. 

4.3.2  Circumvention 

Circumvention  has  been  defined  for  a digital  computer  as  a combination  of  hardware 
and  software  concepts  which  enables  a computer  to  suffer  an  unprogrammed  temporary 
interruption,  as  a result  of  transient  malfunctions  without  appreciably  affecting  the  solution 
of  the  real-time  problem.  This  approach  is  not  limited  to  a digital  computer,  however,  and 
can  be  used  to  harden  various  subsystems.  For  a system  utilizing  a digital  computer, 
circumvention  is  often  the  most  cost  effective  hardening  approach  especially  at  high 
radiation  levels  where  intrinsic  hardening  becomes  very  difficult. 

Circumvention  requires  a radiation  detector  and  the  hardware  and  software  to 
reinitialize  or  restart.  The  radiation  detector  issues  a clamp  signal  whenever  the  radiation 
exceeds  a critical  or  circumvention  level  and  maintains  the  clamp  for  a fixed  period  of  time 
or  until  radiation  has  dropped  below  the  critical  level  and  circuits  have  recovered.  Elapsed 
time  can  be  obtained  from  a resistor-capacitor  timer  as  part  of  the  detector  circuitry  or  from 
a special  hardened  timer  if  greater  accuracy  is  required.  Some  form  of  hard  memory  (drum, 
plated  wire,  tape,  read  only)  that  will  retain  the  data  required  for  restart  and  past  data  to 
update  after  restart  is  required. 

Typically  it  takes  up  to  a microsecond  or  more  to  detect  a critical  level  and  generate  a 
clamp  signal  and  much  longer  to  turn  off  power  supplies.  Errors  and  any  component  or 
circuit  degradation  or  burnout  that  could  occur  during  tills  time  must  be  considered  in  any 
hardening  effort. 

Multiple  pulsed  radiation  time  spacing  must  also  be  considered.  If  a second  pulsed 
radiation  occurred  during  restart,  and  the  systems  were  not  designed  for  this  case,  significant 
system  errors  or  even  system  failure  could  occur. 
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4.3.3  Shielding 


Shielding  in  space  systems  is  one  of  the  most  effective  hardening  techniques  againsi  all 
types  of  radiation  with  the  exception  of  fast  neutrons  and  gamma  rays.  For  example,  the 
thickness  of  shielding  required  to  attenuate  the  dose  from  a fission  gamma  spectrum  flux  by 
an  order  of  magnitude  would  be  about  6 to  8 cm  of  lead  or  3 to  5 cm  of  tantalum. 

Unfortunately,  shielding  is  aiso  one  of  the  most  complicated  methods,  involving 
considerations  of  the  total  system  architecture.  Structural  frames,  plumbing,  fuel  tanks,  or 
any  matter  intervening  between  the  electronics  and  the  external  radiation  environment 
modifies  and  transforms  that  environment.  For  example,  the  structural  frame  and 
component  equipment  casing  will  in  general  shield  out  a major  portion  of  the  particulate 
radiation  fluxes  of  the  natural  space  environment.  In  doing  so,  however,  another  type  of 
radiation,  bremsstrahlung,  is  created,  which  is  a high  energy  (10-100  Kev)  X-ray.  This 
accounts  for  the  large  ionizing  doses  in  electronics  although  relatively  little  of  the  original 
flux  penetrates  through  to  the  electronic  subsystem. 

It  should  be  recognized  that  it  is  not  always  necessary  to  shield  an  entire  subsystem.  A 
combination  of  local  shielding  inside  equipment  cases  and  other  hardening  techniques  is 
frequently  the  most  cost  effective  approach  in  a system  where  weight  reduction  is  of  high 
priority.  It  is,  as  a rule,  much  less  expensive  to  design  local  shielding,  and  it  is  much  less 
expensive  than  the  design  of  special  radiation  hardened  devices  which  might  otherwise  be 
required. 

4.3.4  Specific  Hardening  Techniques 

One  or  more  parameters  of  the  radiation  environment  contribute  to  each  basic 
category  that  must  be  considered  in  a hardening  effort.  The  following  categories  are 
discussed  in  this  section: 

® Ionized  dose  rate 

o Ionized  dose 

9 Displacement  effects 

® NEMP 

0 Thermal  and  mechanical  effects. 

4.3.4. 1 Ionizing  Dose  Rate 

Ionization  radiation  generates  photo  currents  (Ipp)  in  semiconductor  devices,  increases 
the  conductivity  of  capacitor  dielectrics  and  causes  charge  scattering  and  secondary  emission 
in  components,  materials  and  circuit  assemblies.  These  effects  cause  circuit  transients  and  at 
high  levels  can  cause  device  degradation  or  burnout.  All  of  the  following  approaches  can  be 
used  to  harden  to  ionizing  dose  rate  effects. 
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4.3.4. 1.1  Component  Selection.  The  large  transient  current  that  flov"  across  a reverse-biased 
semiconductor  junction  is  one  of  the  most  significant  effects  of  the  ionizing  dose  rate.  High 
frequency,  small  geometry  semiconductors  operated  at  low  voltages  will  minimize  these 
effects.  Minimum  Ipp  will  be  generated  in  a transistor  with  the  following  characteristics: 

0 Small  junction  area 

9 Small  collector  base  transition  region 

« Epitaxial  collector  with  a minimum  thickness  and  resistivity 

o Gold  doping  to  minimize  minority  carrier  lifetime. 

Typical  values  for  logic  transistors  designed  for  minimum  Ipp  range  from  20  to  80 
microamperes  at  an  ionizing  dose  rate  of  109  rads  (Si)/sec.  Approximately  the  same  current 
levels  for  charge  scattering  and  secondary  emission  are  typical  for  this  dose  rate.  Ipp  in  the 
milliampere  and  ampere  range  are  typical  for  linear  transistors  and  medium  and  high  power 
devices  at  I09  rads  (Si)/sec. 

Photosensing  and  photo-detecting  devices  are  very  sensitive  to  ionizing  radiation  with 
photocurrents  equaling  or  exceeding  normal  operating  currents  at  rates  as  low  as  10^  to  10^ 
rads  (Si)/sec. 

Component  selection  is  always  constrained  by  functional  requirements,  such  as  power 
rating,  breakdown  voltage,  gain,  etc.  that  the  circuit  designer  must  consider  in  any  design 
effort. 

4.3.4. 1.2  Circuit  Design.  Most  unhardened  linear  type  circuitry  will  malfunction  at  106  to 
10S  rads  (Si)/sec  while  unhardened  logic  and  switching  type  circuitry  will  malfunction  at 
10?  to  109  rads  (Si)/sec.  If  radiation  effects  are  included  as  criteria  in  the  initial  design 
effort,  circuitry  can  be  designed  with  an  intrinsic  hardness  of  10^  to  10®®  rads  (Si)/sec  and 
with  no  burnout  at  10®  ® to  10®  2 rads  (Si)/sec. 

In  addition,  for  many  circuit  applications  functional  requirements  can  be  achieved, 
even  with  short  duration  transients,  if  these  effects  are  considered  in  the  initial  design  phase. 

Some  specific  circuit  hardening  techniques  are: 

o Photocurrent  cancellation  or  compensation 

9 Low  impedance  circuitry 

9 Differential  balancing 

® Current  limiting  to  prevent  burnout  at  high  dose  rates 

Additional  techniques  are  presented  in  the  TREE  HANDBOOK  (Reference  P-15)  and 
numerous  circuit  and  system  hardening  study  contracts.  All  of  these  techniques  were  used  in 
the  Advance  Hardened  Guidance  Computer  effort  (Reference  P-16). 
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4.3.4. 1.3  Technology  Selection.  Microelectronics  selected  from  available  commercial  units 
will  be  used  extensively  in  space  tug  astrionics.  Some  radiation  hardened  circuits  are 
becoming  available,  but  selection  of  technologies  and  specific  circuit  types  and 
configurations  from  non-hardened  units  can  also  be  used  to  harden  electronic  systems. 

Dielectric  isolation  eliminates  substrate  photocurrents,  thus  increasing  intrinsic 
hardness  levels,  eliminates  most  potential  latchup  problems  and  minimizes  burnout 
problems  at  high  dose  rates.  High  speed  logic  circuits  (high  currents,  low  resistance  values) 
are  harder  than  low  power  (low  current,  high  resistance)  circuits. 

* 

A gold  doped  dielectric-isolated  unit  using  thin  film  resistors  is  one  of  the  hardest 
technologies.  However,  even  with  this  technology  it  is  difficult  to  intrinsically  harden  linear 
circuits  (sense  amplifiers,  differential  amplifiers,  operational  amplifiers)  to  levels  greater 
than  1 0^  to  1 0^  rads  (Si)/sec. 

4.3. 4.2  Total  Ionized  Dose 

The  two  most  significant  effects  of  the  total  ionized  dose  are  degradation  of  metal 
oxide  silicon  FET  (MOSFET)  characteristics  and  capacitor  discharge.  Selected 
state-of-the-art  MOSFETs  should  be  usable  at  doses  between  IO4  and  105  rads  (Si)  with 
production  controls  and  screening.  Some  of  the  technologies  now  being  developed  offer 
promise  of  satisfactory  operation  at  or  above  10^  rads  (Si).  Bipolar  transistors  and  JFETs 
can  be  used  at  doses  of  106  to  107  rads  (Si)’ 

Capacitor  ionization  effects  can  be  modeled  with  a current  source  connected  across  the 
capacitor  terminals  in  a direction  to  discharge  the  capacitor.  This  current  is  a function  of 
both  dose  and  dose  rate  as  well  as  capacitor  voltage  and  the  dielectric  material.  Typical 
discharge  ratios  (voltage  final/voltage  initial)  for  common  capacitor  types  will  vary  from  90 
to  40  percent  for  doses  ranging  from  IO4  to  IO6  rads.  If  the  capacitor  is  used  in  a circuit 
where  some  charging  current  is  available,  the  voltage  loss  will  be  less  significant.  Selection  of 
capacitor  dielectric  for  critical  applications  can  minimize  tills  effect. 

4.3.4.3  Displacement  Damage 

Displacement  damage  can  result  from  neutrons,  electrons  or  protons  and  is  usually 
treated  in  terms  of  1 mev  equivalent  neutron  damage.  Gain  degradation  of  bipolar 
transistors  and  changes  in  other  semiconductor  characteristics  occur  at  10^  to  lO^n/cm*- 
and  become  severe  at  10^  to  10^4n/cm“.  Transistor  gain  degradation  is  a major  problem. 
Significant  changes  in  other  transistor  characteristics  become  a problem  only  at  levels  where 
severe  gain  degradation  has  occurred. 

4.3.4.4  NEMP  Hardening  Techniques 

In  order  to  harden  the  space  tug  to  the  NEMP  from  a pulsed  radiation,  it  is  necessary 
to  obtain  an  estimate  of  the  electromagnetic  field  environment  in  the  neighborhood  of  the 
equipment,  the  induced  currents  flowing  into  the  equipment  on  the  interconnecting  cables, 
and  the  NEMP  induced  into  the  system  by  antenna  coupling  mechanisms  (Reference  P-6). 


The  shielding  effectiveness  of  the  metal  structures  surrounding  the  electronic 
equipment  must  be  ascertained.  This  can  be  accomplished  in  two  ways:  analytically  and/or 
experimentally.  Using  either  of  these  approaches,  the  shielding  effectiveness  of  the  space  tug 
can  be  ascertained.  Typically,  the  shielding  effectiveness  of  geometries  similar  to  the  space 
tug  give  shielding  attenuations  ranging  from  20  to  70  db  depending  on  pulsed  source  size, 
apertures  and  discontinuities,  the  frequency  of  the  incident  radiation,  skin  thickness, 
material  properties,  and  other  parameters.  The  incident  fields  are  reduced  by  one  order  of 
magnitude  for  each  20  db  attenuation. 

The  primary  NEMP  system  vulnerability  is  to  high  voltage  and  current  surges  on 
electronic  components  and  circuits  (Reference  P-6).  These  voltage  and  current  surges  can  be 
several  thousands  of  volts  and  hundreds  of  kiloamperes,  respectively  (Reference  P-12).  Such 
induced  voltages  and  currents  can  burn  out  associated  electronics,  puncture  cable  insulation, 
degrade  critical  electrical  components,  blow  out  fuses  and  circuit  breakers,  disrupt  critical 
signals  in  cables,  and  cause  temporary  or  permanent  damage  to  all  connected  electrical 
equipment  not  protected  from  current  and/or  voltage  surges  produced  by  the  NEMP.  This 
type  of  interference  entering  via  the  cables  is  normally  designated  as  the  conducted  NEMP 
and  is  known  to  have  the  most  detrimental  effect  on  electronics  such  as  the  proposed  tug 
astrionics. 

Hardening  techniques  for  conducted  NEMP  are:  proper  cable  arrangements  (Figure 
4-2),  good  grounding  and  bonding  techniques,  cable  shielding,  cable  surge  arresters  and 
protectors  (Figures  4-3  and  4-4).  and  cable  minimization. 

Since  the  space  tug  contains  both  directional  and  omnidirectional  antennas,  antenna 
coupling  of  energy  into  system  cables  and  electronics  must  be  considered  (Reference  P-6). 

Miscellaneous  NEMP  hardening  techniques  which  have  been  employed  on  operational 
systems  are: 

® Good  RFI  design  and  practices  were  employed. 

® The  system  was  tested  at  threat  levels. 

® An  NEMP  control  plan  was  written. 

« Ground  loops  were  eliminated  by  transformer  decoupling,  differential  circuitry, 
and  shielded  twisted  pairs. 

• Power  lines  were  single-point  grounded,  paired,  and  twisted. 

« Signal  lines  were  transformer  decoupled,  shielded  and  twisted  balanced  pairs. 

• The  analog  lines  were  single-point  grounded. 

• Cable  shields  were  grounded  at  one  end  to  reduce  capacitive  coupling  and  1R 
drops  in  the  sheath. 

e Circumvention  was  employed  on  the  power  lines. 

9 Design  changes  included  circumvention,  cable  shielding,  and  a TREE  wiring 
arrangement. 
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NOTE:  1.  TOTAL  AREA  OF  WIRING  LOOPS  IN  BOTH  SYSTEMS  IS  ZERO  !N 

ANY  PLANE. 

2.  EACH  LINE  INCLUDES  ALL  ELECTRICAL  CONNECTIONS  TO 
COMPUTER  CABINETS  OF  ELECTRONIC  EQUIPMENT. 

955-155 

Figure  4-2.  (A)  TREE,  (B)  RADIAL  Wiring  Systems  for  Reducing  NEMP  Susceptibility 
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Figure  4-3.  Operating  Ranges  of  Generic  Protection  Devices 
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Figure  4-4.  Limiting  Characteristics  of  Generic  Protective  Devices 


• Digital  computer  circuitry  changes  include:  single-point  grounding,  signals  fed  by 
pulse  transformers  to  shielded  twisted  pairs,  logic  circuit  clamps  on  umbilical 
disconnects,  minimized  feedback  by  low  impedance  drivers  for  pulsed 
transformers,  single  end  grounded  cable  shields  to  circuit  ground,  capacitor 
decoupled  power  lines  in  all  computer  subunits,  and  twisted  power  leads  to 
batteries. 

© Initial  tests  were  performed  by  pulsing  currents  on  the  vehicle  skin. 

• System  analyses  include:  single-point  grounding,  all  power  lines  grouped  and 
twisted,  signal  wires  transformer  decoupled  and  shielded,  single  end  cable  shield 
ground,  input/output  signals  on  balanced  pairs  and  transformer  decoupled,  clamps 
on  all  open  circuits  to  the  computer,  and  separate  ground  systems  for  the 
computer. 

• Re-design  and  re-testing,  fixes,  and  final  tests  were  performed  on  the  system 
before  final  acceptance. 

9 Other  hardening  techniques  employed  include:  shielding,  surge  protection, 
overdesign,  the  isolation  matrix  technique,  orientation,  grouping,  cable  routing, 
energy  comparisons,  elimination  of  ground  loops,  RFI  shielding  protection,  and 
fiber  optics. 

4 3.4.5  Thermal  and  Mechanical  Effects 

Thermal  and  mechanical  effects  were  covered  in  sections  4.2.3  and  4.2.4,  respectively. 
They  are  a problem  only  at  high  radiation  levels  when  little  or  no  effective  shield  between 
components  and  the  incident  radiation  is  provided.  Shielding  and  component  and 
technology  selections  are  used  to  harden  these  effects. 

4.4  SYSTEM  HARDENING  PROGRAM 

A typical  system  radiation  hardening  program  is  outlined  in  Table  4-4.  The  effort 
required  for  each  task  is  dependent  upon  the  type  of  system  to  be  hardened,  the  radiation 
levels  and  system  hardening  approach  selected. 

4.4.1  Design  and  Prototype  Development 

The  program  outlined  in  Table  4-4  is  presented  to  indicate  major  points  of  a hardening 
effort.  Such  an  effort  must  be  implemented  to  be  compatible  with  the  overall  system 
development  and  production  plan. 

4.4. 1.1  Define  Environment 

Although  the  environment  incident  upon  a vehicle  is  specified,  the  details  required  for 
hardening  are  usually  not  provided.  The  pulse  shapes  or  time  histories  for  the  types  of 
radiation  causing  transient  effects  (gamma.  X-ray,  NEMP)  are  needed  to  specify  component 
effects  and  to  harden  circuits  and  systems  to  these  effects.  The  time  spacing  of  any  multiple 
pulsed  radiation  environment  is  critical  to  any  system  hardening  effort. 
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Table  4-4.  System  Hardening  Program 


DESIGN  AND  PROTOTYPE  DEVELOPMENT 

Define  Environment 

Se'ect  System  Hardening  Approach 

Generate  Radiation  Effects  Design  Data 

Piece  Parts  Radiation  Effects  (Testing) 
Design  Guidelines 

Hardened  Design  (Analysis  and  Testing) 

Circuit  Selection 
Circuit  Design 
Shielding 
Cabling 

Circumvention  Hardware  and  Software 
Piece  Part  Radiation  Qualification  Testing 
Unit  and  Subsystem  Qualification  Testing 
System  T esting 
PRODUCTION 

Piece  Part  Radiation  Qualification  Control 

Vendor  Controls 
Radiation  Testing 
Screening 

Unit  and  Subsystem  Testing 
System  Testing 


The  radiation  levels  in  component  materials  and  at  wire,  cable  and  circuit  locations 
internal  to  the  vehicle  and  inside  eases  or  cable  shields  must  be  known  to  specify  radiation 
effects.  For  some  radiation  types  (X-rays,  electrons.  NEMP)  the  vehicle  structure,  cable 
shields,  and  equipment  cases  significantly  modify  the  radiation  levels  and.  consequently, 
radiation  effects.  The  energy  spectrum  and  pulse  shapes  are  also  significant  and  must  be 
considered. 

4.4. 1.2  Select  System  Hardening  Approach 

With  the  environment  defined  and  some  data  available  on  component,  material  and 
circuit  radiation  effects,  a trade-off  study  to  determine  the  system  hardening  approach  can 
be  initiated,  ft  is  usually  far  more  effective  to  consider  radiation  hardening  as  an  additional 
requirement  during  initial  system  definition  than  to  harden  once  components,  circuitry,  and 
functional  units  have  been  specified. 


4.4. 1.3  Generate  Radiation  Effects  Design  Data 

This  effort  will  provide  the  designer  (electrical,  mechanical,  installation,  system)  with 
the  detailed  radiation  effects  data  required  to  select  and  design  circuits,  assemble  and 
package  equipment  and  configure  units  into  a hardened  functional  system.  Some  radiation 
testing  of  components  and  microcircuits  is  usually  required. 

Various  radiation  simulators  or  test  facilities  such  as  flash  X-ray  machines,  linear 
accelerators,  fast  burst  reactors,  and  NEMP  sources  are  available  for  radiation  testing.  A list 
of  facilities  can  be  found  in  References  P-6  and  P-17  while  standard  procedures  for  testing  at 
these  facilities  are  presented  in  References  P-6  and  P-18. 

4.4. 1.4  Hardened  Design 

The  hardened  design  effort  required  is  dependent  upon  the  radiation  levels  and  the 
system  approach  selected.  If  circumvention  is  used,  the  additional  hardware  and  software  to 
implement  this  approach  must  be  designed.  Both  analysis  and  radiation  testing  will  be 
required  to  evaluate  and  verify  design  procedures.  Automatic  circuit  analysis  programs  such 
as  SCEPTRE  (Reference  P-19)  and  PANE  (Reference  P-13)  can  be  used  for  hardened  circuit 
design  efforts.  Computer  analysis  can  also  be  used  to  determine  shielding  effectiveness  and 
tor  NEMP  hardening. 

4. 4. 1.5  Piece  Part  Radiation  Qualification 

Semiconductor  devices,  microcircuits,  and  any  other  components  or  materials  that  will 
be  significantly  affected  by  the  specified  radiation  environment  and  that  are  to  be  used  in 
the  production  version  of  the  system  must  be  radiation  qualified.  The  extent  of  this  effort, 
which  would  become  a part  of  the  component  assurance  program,  is  dependent  upon  the 
radiation  levels  specified.  Testing  of  significant  sample  lots  at  various  radiation  facilities  is 
required  for  radiation  qualification. 

4.4. 1.6  Unit  and  Subsystem  Qualification  Testing 

Radiation  testing  is  required  whenever  significant  radiation  levels  are  specified  as  part 
of  the  total  environment.  Usually  standard  production  test  equipment  and  procedures  can 
be  modified  and  adapted  for  radiation  testing  of  units  and  subsystems. 

Transient  testing  (ionizing  pulse,  NEMP)  requires  that  units  be  operating  and  their 
performance  evaluated  during  and  immediately  after  radiation.  Since  test  equipment  will 
also  be  affected  by  the  radiation,  it  must  be  shielded  or  connected  remotely  by  cabling. 
Such  testing  is  usually  more  difficult  and  expensive  than  normal  production  qualification 
testing. 

Testing  for  displacement  effects  can  usually  be  done  on  a pre-test/post-test  basis, 
irradiating  units  with  no  power  applied  and  evaluating  performance  before  and  after 
radiation  with  standard  test  equipment.  This  type  of  testing  will  degrade  components  and 
materials;  therefore,  units  should  not  be  used  for  other  qualification  tests  after  radiation. 
Refurbished  units  from  other  environmental  tests  (temperature,  vibration)  could  be  used 
effecting  some  cost  savings. 


P-23 


mmsam 


4.4. 1.7  System  Testing 


Most  radiation  testing  can  be  done  on  a component,  circuit  or  unit  level.  However, 
NEMP  testing  to  verify  system  hardness  is  only  valid  for  a complete  vehicle  or  portion  of  a 
vehicle  with  all  equipment  interconnected  in  its  final  configurations  and  exposed  in  a NEMP 
simulator.  Some  NEMP  testing  of  components,  circuits,  cables  and  units  is  useful  in 
designing  and  evaluating  probable  system  hardness  but  is  not  sufficient  to  verify  NEMP 
system  hardness. 

4.4.2  Production 

Production  controls  to  assure  that  radiation  hardness  designed  into  the  system  is 
maintained  throughout  the  production  phase  is  required. 

4.4.2. 1 Piece  Part  Radiation  Qualification  Control 

A control  plan  that  insures  that  piece  parts  meet  radiation  specifications  is  necessary. 
Usually  this  can  be  limited  to  those  components  exhibiting  significant  effects  (primarily 
semiconductors)  at  the  specified  radiation  levels.  Either  a vendor  program  to  supply 
qualified  parts  or  a user  quality  control  program  can  be  used.  For  relatively  low  levels  of 
radiation,  process  controls  and  selection  based  on  critical  parameters  should  prove  adequate 
for  most  semiconductor  devices  and  microcircuits.  Periodic  random  lot  sampling  and 
radiation  testing  should  be  a part  of  any  qualification  control  program. 

The  magnitude  of  such  a program  is  very  dependent  upon  radiation  levels,  the  system 
hardening  approach  selected  and  the  circuit  technology  used.  For  critical  components  or 
high  radiation  levels,  non-dcstruetive  scanning  tests  or  extensive  sample  lot  testing  will  be 
necessary.  For  example.  Iatchup  can  occur  injunction  isolated  microcircuits  at  high  ionizing 
dose  rates  (10*^  to  10*-  rads  (Si)/sec)  and  screening  tests  may  be  required.  State-of-the-art 
MOS  devices  will  require  extensive  sample  lot  or  screening  tests  for  ionized  dose  effects  at 
doses  of  1 0^  rads  (Si)  or  greater. 

4.4.2.2  Unit  and  Subsystem  Testing 

Testing  for  both  transient  effects  and  permanent  degradation  on  a periodic  basis  using 
randomly  selected  units  is  required.  Since  transient  testing  can  be  non-destructive,  each 
production  unit  could  be  checked  if  necessary.  A comprehensive  piece  part  quality  control 
program  can  minimize  the  unit  testing  required. 

If  a circumvention  system  hardening  approach  is  used,  extensive  testing  of  the 
circumvention  hardware  is  necessary.  Ionizing  dose  rate  and  NEMP  detectors  require  testing 
to  calibrate  or  set  threshold  levels  and  verify  operation  of  the  complete  detector  unit. 

4.4.2.3  System  Testing 

NEMP  system  testing  will  be  required  if  any  configuration  changes  between  the 
prototype  and  production  system  or  other  modifications  to  cables,  circuits,  or  units  that 
affect  NEMP  hardening  have  been  made.  A test  of  all  units  critical  to  circumvention  and 
recovery  connected  in  an  operating  configuration  may  also  be  required.  If  circumvention  for 
both  ionized  dose  rate  and  NEMP  is  required,  testing  in  both  environments  is  appropriate. 
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4.5  HARDENING  PENALTIES 


It  is  difficult  to  estimate  the  ramifications  of  hardening  in  terms  of  cost,  weight, 
volume,  power,  etc.,  until  a system  hardening  approach  has  been  selected.  In  fact,  these 
items  are  some  of  the  things  that  are  considered  when  performing  a trade-off  study  to  select 
a hardening  approach.  Some  rough  estimates  of  penalties  and  factors  that  must  be 
considered  are  presented  in  this  section. 

4.5.1  Cost 

Hardening  costs  based  on  Army,  Navy  and  Air  Force  queries  can  be  summarized  as 
follows:  The  average  percent  increase  ranges  from  5 to  20  percent  of  the  total  system  cost 
(including  design,  testing,  production,  etc.)  for  a hardened  over  a non-hardened  system.  It 
should  be  emphasized  that  this  is  only  an  average  cost:  thus,  the  actual  costs  for  the  space 
tug  astrionics  could  be  less  or  greater  depending  on  the  environment  encountered,  the 
astrionic  design,  and  other  factors.  The  number  of  systems  to  be  built  is  not  a factor  since 
many  of  the  hardening  costs  in  design  and  development  are  Fixed  and  not  dependent  on  the 
number  of  production  units. 

All  the  items  listed  in  the  hardening  plan  (Section  4.4)  will  affect  costs.  Hardened 
design  and  the  generation  of  the  radiation  effects  data  to  support  this  effort  can  increase 
and  even  double  the  design  costs  over  an  unhardened  system.  It  is  estimated  that  piece  part 
radiation  qualification  testing  would  cost  S10  to  S15  per  part  or  SI 00  to  SI 50  for  a 10-part 
lot  size  for  each  type  to  be  qualified  from  any  one  source.  Unit  and  subsystem  testing  could 
cost  from  20  to  100  percent  more  than  a standard  environmental  test  and  an  additional  set 
of  equipment  may  be  required  since  some  testing  degrades  components. 

It  is  estimated  that  radiation  qualified  piece  parts  bought  to  specification  would  cost 
15  to  20  percent  more  than  similar  parts  with  no  radiation  specification.  Usually  only 
semiconductors  and  a few  special  items  must  be  procured  to  radiation  specifications. 

NEMP  hardening  can  be  considered  as  a “trial  and  error”  approach.  For  example, 
present  practice  is  to  incorporate  as  many  of  the  NEMP  protective  features  as  possible  early 
in  the  design  phase,  then  test  and  correct  any  problems.  NEMP  hardening  costs  are  often  a 
significant  portion  (1/3  to  1/2)  of  total  hardening  costs. 

4.5.2  Weight 

NEMP  hardening  and  shielding  for  other  types  of  radiation  (X-ray.  electrons)  will 
usually  contribute  most  to  any  weight  increases.  Tlie  weight  penalty  can  be  enormous  if  the 
protection  problem  is  not  approached  until  late  in  system  design.  The  best  way  to  minimize 
weight  is  to  include  hardening  in  the  initial  design.  The  cable  weight  is  normally  increased 
by  about  a factor  of  two  for  cable  shielding:  surge  protectors  increase  the  weight  by  a few 
ounces  per  protector.  X-ray  shielding,  if  required,  is  usually  a few  mils  layer  of  tantalum  or 
some  other  high  density  material.  The  weight  is  dependent  upon  the  surface  area  of  the 
equipment  to  be  shielded.  Circumvention  hardware  should  increase  weight  by  a small 
amount  (a  few  pounds). 

Hardening  to  severe  radiation  levels  (10*0  to  jq!2  rads  (Si)/scc.  10*^  to  10*^n/cm“) 
will  limit  the  choice  of  components  and  technologies  and  require  special  circuit  and  system 
designs,  thus  significantly  increasing  equipment  weight.  The  percent  increase  is  a difficult 
number  to  ascertain  since  it  depends  on  the  overall  system  size,  the  radiation  environment, 
and  other  intangible  factors. 
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4.5.3  Volume 


The  same  factors  increasing  weight  will  also  increase  the  volume. 

4.5.4  Power 

The  component  and  technology  selection  and  circuit  techniques  for  hardening  require 
low  impedance,  high  frequency  type  circuitry  operated  at  high  current  or  power  levels. 
Additional  components  for  photocurrent  compensation  or  increased  gain  and  special 
memory  technologies  such  as  drum  or  plated  wire  may  also  be  required.  The  power 
requirements  for  such  a hardened  system  could  be  much  higher  than  an  unhardened  system 
designed  for  minimum  power.  Power  increases  can  only  be  determined  when  specific 
hardening  requirements  can  be  compared  to  an  unhardened  version  of  the  system. 
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1.0  INTRODUCTION 


1.1  OBJECTIVE 

The  primary  objective  of  tills  appendix  is  to  present  preliminary  recurring  cost 
estimates  for  currently  defined  items  of  a work  breakdown  structure  (WBS)  developed  for 
the  space  tug  astrionic  module.  These  cost  estimates  are  presented  in  WBS  format  so  that 
cost  estimates  for  additional  items  addressed  in  future  phases  of  this  study  can  be  added  to 
the  costs  presented  in  this  report.  The  WBS  provides  a consistent  baseline  for  development 
and  summation  of  cost  data  developed  in  this  phase  and  future  phases  of  space  tug  studies. 
A secondary  objective  is  to  provide  a very  preliminary  look  at  total  space  tug  astrionic 
module  costs. 

1.2  PREVIEW  OF  PRESENTATION 

Section  2.0  below  contains  a tentative  WBS  outline  for  the  space  tug  program  in  block 
diagram  form  and  a more  detailed  WBS  for  the  astrionic  module  in  tabular  form  Section  3.0 
presents  preliminary  estimates  of  recurring  unit  costs  in  WBS  format  for  currently  defined 
portions  of  three  alternate  configurations  of  the  astrionic  module.  A rough  estimate  of  the 
space  tug  astrionic  module  non-recurring  cost  is  presented  in  Section  4.0. 

2.0  WORK  BREAKDOWN  STRUCTURE 

2.1  DERIVATION  OF  WBS 

The  work  breakdown  structure  (WBS)  proposed  for  use  on  space  tug  is  based  on  the 
preliminary  space  shuttle  program  WBS  presented  in  the  “Astrionic  System  Optimization 
and  Modular  Astrionics  for  NASA  Missions  after  1974  - Monthly  Pri  "Tess  Report  for  the 
period  August  16  to  September  18,  1969  ” MSFC  No.  III-6-602-I07. 

2.2  WBS  BLOCK  DIAGRAM 

An  outline  of  the  proposed  space  tug  WBS  in  block  diagram  form  is  presented  in 
Figures  2-1,  2-2,  and  2-3.  Each  chart  contains  an  insert  showing  a sample  of  the  WBS 
numbering  system  used.  Numbers  have  been  applied  to  only  those  blocks  involved  in  the 
tiering  of  space  tug  astrionics  costs. 

2.3  WBS  LISTING 

Table  2-1  is  a listing  of  all  identified  items  in  the  WBS  which  are  involved  in  the  tiering 
of  costs  of  the  astrionic  module  and  its  identified  major  systems  (level  5),  subsystems  (level 
6)  and  assemblies  (level  7).  In  several  areas  under  the  astrionic  module  (level  4),  the  WBS 
listing  stops  at  level  5 or  6.  This  indicates  that  the  lower  levels  are  not  presently  defined. 
Components  (level  8)  have  not  been  identified  at  this  time  and  thus  are  not  listed. 

The  “Technical  Characteristics  Data  Form"  taken  from  the  documents  referenced 
under  paragraph  2.1  above  has  been  used  as  the  format  for  the  WBS  listing  (Table  2-1).  This 
form  is  designed  for  the  presentation  of  technical,  physical  and  mission  characteristics  of  the 
WBS  items.  The  form  is  used  in  this  report  as  a WBS  listing  only,  and  thus  the  columns 
intended  for  listing  of  technical  characteristics  are  blank.  This  form  was  chosen  for  use  in 
this  report  for  convenience  nr.d  to  provide  a ready  format  for  the  listing  of  technical 
characteristics  in  future  space  tug  astrionic  system  studies. 
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Figure  2-2.  Work  Breakdown  Structure  (Level  5) 
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Table  2-1 . Technical  Characteristics  Data  Form 


identification 

Number 


0.1 

0.1.1 

0.1.2 

0.1.3 

0.1 .3.1 

0.1 .3.2 

0.1 .3.2.1 

0.1 .3.2.2 

0.1 .3.2.3 

0.1 .3.2.3.1 

0.1 .3.2.3.1 .1 

0.1 .3.2.3.1 .2 

0.1 .3.2.3.1 .3 

0.1 .3.2.3.1.4 

0.1.3.2.3.1.5 

0.1.3.2.3.1.6 

0.1 .3.2.3.1 .7 

0.1 .3. 2.3. 1.8 

0.1.3.2.3.2 

0.1.3.2.3.3 

0.1 .3.2.3.3.1 

0.1. 3.2.313.2 

0.1.3.2.3.3.3 

0.1.3.2.3.3.4 

Q.1.3.2.3.3.5 

0.1.3.2.3.3.6 

0.1.3.2.3.3.7 

0.1 .3 .2.3.4 

0.1.3.2.3.4.1 

0.1.3.2.3.4.2 

0.1.3.2.3.4.3 


0.1.3.2.3.4.5 


0.1 .3.2. 
0.1 .3.2. 
0.1 .3.2.: 
0.1 .3.2.: 
0.1 .3.2.: 
0.1 .3.2.: 
0.1 .3.2.: 
0.1 .3.2.: 
0.1 .3.2.; 
0.1 .3.2.; 
0.1 .3.2.; 


Quantity  or  Value 


WBS  identification 


WBS  Units  of 

Level  Current  Nsw  Measure 


Characteristics 


Program 
Launch  Vehicle 
Launch  Operation 
Space  Tug 
Propulsion  Module 
Astrionic  Module 
Structure 


Astrionics 

Navigation,  Guidance  & Control 
IMU 

Laser  Radar 
Star  Tracker 
Landmark  Tracker 
Horizon  Sensor 
Landing  Radar 
Rate  Gyros 
Accelerometers 
Instrumentation 
Data  Management 
CPU 

Bus  Ctri  Unit 
Main  Memory 
Mag  Tape 
Display  Memory 
C.  Assign.  Unit 
Aux.  Mont.  Comput. 

Command  & Control 
USB  Elect. 

USB  Diplexer 
USB  Antenna  Switch 
USB  Power  Divider 
USB  Omni  Antennas 
USB  Hi-Gain  Ant.  Ctrl 
USB  Hi-Gain  Ant. 

VH«-  Transceiver 
VHF  Diplexer 
VHF  Power  Divider 
VHF  Omni  Ant. 

Cmd.  Decode  Elec. 

TV  Camera 
TV  Camera  Ctrl 
VHF  Command  Rcvr 
On-Board  Checkout 
Electrical  Power 
Fuel  Cell 


■£& 


Table  2-1 . Technical  Characteristics  Data  Form  (Continued) 


Identification 

Number 


0.1.3.2.3.6.2 
G.1.3.2.3.6.3 
0.1.3.2.3.6.4 
D.1.3.2.3.6.5 
0.1.3.2.3.6.6 
0.1 .3.2. 3. 6.7 
0.1.3.2.3.6.8 
Q.1.3.2.3.7 
0.1.3.2.3.7.1 
0.1.3.2.3.7.2 
0.1.3.2.3.7.3 
Q.1.3.2.3.7.4 
0.1.3.2.3.7.5 
0.1.3.2.3.7.F 
.3.2.3  './ 
0.1 ,3. 2. 3.7 .8 
0.1.3.2.3.7.9 
0.1 .3.2.3, 8 
0.1 .3.2.3.8.1 
0.1.3.2.3.8.2 
0.1.3.2.3.8.3 
0.1 .3.2.3.S.4 
0.1.3.2.3.8.5 
0.1.3.2.3.8.6 
0.1.3.2.3.8.7 
0.1.3.2.35.8 
0.1.3.2.3.85 
.3.2.3.Q 
.j  3.4 
0.1 .3.2.5 
0.1 .3.2.6 
.3.2.7 
.3.3 
.3.4 
.3.5 
i .3.6 
.3.7 
0.1 .3.8 
0.1 .3.9 
0.1.4 
0.1.5 
0.1.6 
0.1.7 


WBS  Identification 


Quantity  or  Value 

WBS 

Level 

Current 

New 

UmW  of 


Reactant  - »2 
Reactant  - O2 


Battery 
DC  Regulator 
Battery  Charger 
Electrical  Networks 
SJU 

Data  Bus 
Monitoring  Unit 
Aux  Mon.  Unit 
Power  Disxr. 

Aux  Power  Distr. 

Wire  & Cables 
Junction  Boxes 
Audio  Subsystem 
Thermal  Conditioning 
Coolant  Pump 
Service  Heat  Exchanger 
Coolant  Accum. 

Radiator 
Coolant  Fluid 
Louvers 

Comp.  Mtg.  Pane! 

Misc.  Plumbing 
Multilayer  Insulation 
Propellant  Utilization 
Safety  System 
Tooling  & STE 
Ordnance  System 

Subsystem  Installation  & Checkout 

Crew  Module 

Test  Hardware 

Test  Operations 

Facilities 

GSE 

SE&I 

Program  Management 
Mission  Operation 
Payload/Spacecraft 
SEfkl 

Program  Management 


3.0  COST  PLAN  FOR  RECURRING  COSTS 


3.1  COSTGROUNDRULES 

The  groundrules  used  in  the  development  of  the  recurring  cost  estimates  presented  in 
paragraph  3.4  are  as  follows: 

° Cost  estimates  are  in  1970  dollars  at  the  total  cost  to  the  government  level  and 
should  be  considered  as  rough  preliminary  estimates. 

• It  is  assumed  that  a sufficient  number  of  unjts  will  be  produced  to  achieve  full 
economics  of  scale  in  procurement  of  components  and’to  pass  the  point  where 
learning  curve  effects  are  applicable  to  the  prime  contractor’s  tasks.  It  is  estimated 
that  this  would  require  production  of  at  least  20  and  possibly  50  units. 

® Only  estimated  recurring  costs  per  unit  are  presented.  Furthermore,  these  costs 
are  applicable  to  only  those  units  produced  after  the  point  at  which  learning  curve 
effects  have  become  negligible. 

• It  is  assumed  that  units  will  be  produced  on  a production  line  basis  with  no 
product  improvement  or  mission  oriented  changes. 

• Costing  has  been  limited  to  the  astrionic  module  (level  4).  Some  items  of  the 
work  breakdown  structure  which  tier  up  to  the  astrionic  module  have  been 
omitted  in  costing  commensurate  with  the  preliminary  nature  of  the  study.  These 
items  are  shown  on  the  cost  estimate  data  forms  in  paragraph  3.4  with  a notation 
that  they  have  not  been  costed.  Although  it  is  expected  that  the  recovering  unit 
costs  for  these  items  would  be  small  as  a percentage  of  the  recurring  unit  cost  of 
the  astrionic  module  as  a whole,  it  must  be  recognized  that  the  costs  shown  in  the 
higher  levels  of  the  WBS  do  not  include  the  costs  for  these  items. 

• In  estimating  the  recurring  costs  of  the  various  WBS  items  the  approach  was  to 
t it  the  maximum  possible  portion  of  the  costs  against  the  hardware-oriented 
items  and  thus  to  minimize  the  costs  against  task-oriented  WBS  items  such  as 
subsystem  installation  and  che.kout.  This  approach  is  consistent  with  the 
objective  of  having  the  costs  for  an  item  of  hardware  represent  as  nearly  as 
possible  the  actual  cost  to  the  government  of  that  hardware  with  its  related 
engineering  support,  quality  support,  procurement  effort,  etc. 

3.2  CONFIGURATIONS  COSTED 

Recurring  unit  cost  estimates  have  been  developed  for  three  space  tug  astrionic  module 
configurations.  These  configurations  are  as  follows: 

• Astrionic  Module  Configuration  for  First  Tug  of  Two-Tug  Synchronous  Orbit 
Mission 

9 Astrionic  Module  Configuration  for  Second  Tug  of  Two-Tug  Synchronous  Orbit 
Mission 

o Astrionic  Module  Configuration  for  Lunar  Landing  Mission 
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Thsse  three  configurations  were  chosen  to  provide  a typical  range  of  recurring  costs  for 
the  ten  potential  astrionic  module  configurations  studied. 

3.3  COST  PLAN  SUMMARY 

The  approach  used  in  developing  estimated  recurring  costs  for  the  defined  portions  of 
the  astrionic  module  is  outlined  below: 

• A list  of  major  components  required  to  make  up  each  of  the  three  configurations 
to  be  costed  was  generated. 

• Estimates  of  the  costs  of  the  major  components  were  developed  based  on  the 
assumption  that  all  components  would  be  purchased  from  subcontractors.  These 
estimates  were  based  on  costs  of  similar  components  purchased  in  the  past, 
estimates  from  vendors  or  engineering  estimates. 

e Components  were  grouped  into  subsystems  based  on  the  WBS,  and  estimated 
component  purchase  costs  per  subsystem  were  calculated  taking  into  account  the 
number  of  each  component  required  to  make  up  a complete  subsystem. 

9 The  total  recurring  astrionic  module  labor  costs  were  developed  by  multiplying 
labor  costs  developed  for  previous  IBM  low  cost  IU  proposals  by  factors  to 
compensate  for  the  increased  difficulty  of  building  each  of  the  three  astrionic 
module  configurations. 

9 The  total  astrionic  module  recurring  labor  costs  were  allocated  to  the  various 
subsystems  in  proportion  to  the  percentage  of  the  total  component  purchase  costs 
attributable  to  each  subsystem. 

It  is  important  to  keep  in  mind  that  the  costs  presented  in  paragraph  3.4  are 
preliminary  estimates  and  that  not  all  items  of  the  astrionic  module  have  been  costed.  The 
intent  of  the  cost  presentation  is  to  provide  available  cost  information  for  portions  of  the 
astrionic  module  in  a format  that  will  allow  other  costs  developed  in  the  future  to  be  added 
to  these  costs  in  a consistent  and  orderly  manner. 

3.4  RECURRING  COST  ESTIMATES 

Tile  “Cost  Estimate  Data  Form”  taken  from  the  documents  referenced  under 
paragraph  2.1  has  been  used  as  the  format  for  the  presentation  of  recurring  cost  estimates. 
Commensurate  with  the  preliminary  nature  of  this  study,  several  of  the  columns  on  this 
form  dealing  with  time-phasing  of  costs,  number  of  units  to  be  produced,  etc.  have  been  left 
blank.  Also,  as  noted  in  the  cost  groundrules,  the  “Expected  Cost”  column  gives  the 
estimated  recurring  unit  cost  of  the  lowest  cost  units  to  be  produced  rather  than  the 
expected  cost  of  the  first  unit  to  be  produced. 

Table  3-1  gives  the  estimated  recurring  unit  costs  for  items  of  the  astrionic  module 
configuration  for  the  first  tug  of  the  two-tug  synchronous  orbit  mission. 

Table  3-2  gives  the  estimated  recurring  unit  costs  for  items  of  the  astrionic  module 
configuration  for  the  second  tug  of  the  two-tug  synchronous  orbit  mission. 
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Table  3-1 . Astrionic  Module  Estimated  Recurring  Unit  Costs  (Synchronous  Mission  - 
Reusable  1st  Tug) 


Identification 

Number 


0.1 .3.2.2 

0.1 .3.2.3 

0.1.3.2.3.1 

0.1.3.2.3.2 

0.1 .3.23.3 

0.1.3.2.3.4 

0.1.3.2.3.5 

0.1  3.2.^.6 

0.1.3.2.3.7 

0.1.3.2.3.B 


WBS  Identification 
b 


W8S  No. 

Level  Units 
c d 


Astriomcs  Module 
Structure 

Aitnontcs 

Navigation.  Guidance  & Control 

Instrumentation 

Data  Management 

Command  & Control 

On-Board  Checkout 

Electrical  Power 

Electrical  Networks 

Thermal  Conditioning 

Propellant  Utilization 

Safety  System 

Tooling  & STE 

Ordnance  System 

Subsystem  Installation  8:  Checkout 


Expect.  Highest  Lowest  Confid 

Ossf  Cost  Cost  Rating  T(j 

e f g h i 


7.370* 
3.320 
Not  Costed 
760 
460 

Not  Costed 
1.830 
590 
410 

Not  Costed 
Not  Costed 
Not  Costed 
Not  Costed 
260 


Sprod 

Lunt 

Funct 

Index 

k 

1 

••Cost  is  m S x 1.000  and  is  for  lowest  cost  unit  produced  rather  than  first  unit  produced 
* Costs  for  level  5 & 6 WBS  items  not  costed  are  missing  from  these  level  4 & 5 totals 


Table  3-2.  Astrionic  Module  Estimated  Recurring  Unit  Costs  (Synchronous  Mission  - 
Reusable  2nd  Tug) 


idem  duration 

WBS 

Number 

ViBS  Identification 

Level 

a 

b 

c 

FTTTTBIl 

Asti  ionics  Module 
Structure 

4 

5 

013  7 2 

5 

01.3.2  3 

Astrionics 

5 

013731 

Navigation.  Guidance  St  Comiai 

G 

013232 

Instrumentation 

6 

013233 

Data  Management 

6 

013234 

Command  & Control 

6 

0 t 32  35 

On  Board  Checkout 

G 

013236 

E'cctncai  Power 

G 

013237 

Electrical  Networks 

6 

0.1  3238 

Thermal  Conditioning 

6 

Propellant  Utilization 
Safety  System 

G 

b 

01325 

Tooling  & STE 

5 

0.1  3.2  6 

O'dnance  System 

5 

Subsystem  Installation  & Chnkout 

Spiru  I Learn 
Td  Tt  Funct  | Index 


7.710* 
3.6?0 
Not  Costed 
760 
460 

Not  Cosu-d 
1.830 
WO 
410 

Not  Costrd 
Nut  Costrd 
Not  Cost  id 
Nut  Costed 
270 


*222 


Table  3-3  gives  the  estimated  recurring  unit  costs  for  items  of  the  astrionic  module 
configuration  for  the  lunar  landing  mission. 

Table  3*4  is  a copy  of  the  definitions  of  the  confidence  rating  numbers  which  appear  in 
column  “h”  on  the  three  cost  estimate  data  forms. 

3.5  SUPPORTING  ANALYSIS 

Table  3-5  provides  level  7 data,  summed  to  level  6,  which  is  useful  in  giving  utility  to 
the  tiering  of  flight  hardware  unit  costs  and  the  associated  programmatic  costs.  The  costs  are 
summarized  to  levels  5 and  4 in  Table  3-6.  The  total  recurring  costs  are  given  in  Table  3-7. 
The  S8  million  unit  cost  is  an  average  figure  between  the  costs  of  astrionic  modules  for  the 
reusable  first  and  second  tugs  for  the  synchronous  mission. 

4.0  NON-RECURRING  COST  ESTIMATES 


This  section  presents  rough  order  of  magnitude  estimates  of  total  space  tug  astrionic 
module  non-recurring  costs.  The  ground  rules  for  these  estimates  are  delineated  in  paragraph 
4.1,  and  a summary  of  the  cost  figures  appears  in  paragraph  4.2.  See  Figure  4-1  for  the 
assumed  implementation  schedule. 


Table  3-3.  Astrionic  Module  Estimated  Recurring  Unit  Costs  (Lunar  Landing  Mission) 


Identification 

WBS 

No 

Expect 

Highest 

Lowest 

Confid 

Number 

WBS  Identification 

Level 

Units 

Con** 

Cost 

Cost 

Rating 

Td 

T, 

Funct 

Index 

a 

b 

c 

d 

e 

I 

9 

h 

1 

k 

1 

0.133 

Astnonic  Module 

4 

10.000* 

1 

0.1 .3.2. 1 

Structure 

5 

240 

Q.U2J 

5 

0.1.33.3 

Astnon«* 

5 

10350* 

2 

0.1 333.1 

Navigation,  Guidance  4 Conirol 

6 

5330 

1 

0133  33 

Instrumentation 

6 

Not  Costed 

0.13L233 

Data  Management 

6 

1.C60 

0.1 33-3.4 

Command  & Control 

6 

460 

0.133.3.5 

On-Board  Checkout 

6 

Nat  Costed 

0.1 3 23.6 

Electrical  Power 

6 

1.050 

0.13.23.7 

Electrical  Network! 

6 

1.020 

0.13333 

Thermit  Conditioning 

6 

510 

0.1  3335 

Propellant  Utilization 

6 

Not  Costed 

0.1  33-4 

Safety  System 

5 

Not  Costed 

0.1333 

Tooling  & STE 

5 

Not  Costed 

_ 

0.1  3.2.6 

Ordnance  System 

5 

Nat  Costed 

0.133.7 

Subsystem  Installation  & Checkout 

5 

310 

1 

"*  Coil  ii  in  S * 1.000  and  n for  lowest  cost  unit  produced  rather  thin  first  unit  produced. 

• Coin  (or  level  5 & 6 WHS  items  not  crated  are  miumg  from  th«e  level  44  5 totals. 

Q-10 


Cant. 

Level 


Esumaling  Conditions 


Nature  of  the  Item 


1 

Law 


2 

Med 

Low 


3 

Med 

High 


4 

High 


animating  Time  and  Information  Acce» 

Completely  inadequate  emount  of  time  pro- 
vided to  make  the  Ultimate  or  them  is  a 
complete  lack  of  access  to  useful  data  sutucos 

Ground  Rules  and  Anumptioni 

No  guidance  was  provided  on  ground  rules 
and  all  assumptions  made  by  the  estimator 
were  arbitrary. 


Estimating  Time  and  Information  Access 

A very  short  due  date  or  major  problems  of 
access  to  available  data  tend  to  make  this 
estimate  highly  uncurtain. 

Ground  Rules  and  Assumptions 

Very  little  guidance  was  provided  relative 
to  ground  rules.  Must  of  the  assumptions 
made  by  the  estimator  were  considered 
quite  arbitrary. 


Estimating  Time  and  Information  Access 

A more  accurate  estimate  could  have  been 
made  if  freer  access  or  more  time  had  been 
available  to  research  known  data  sources. 
Ground  Rules  and  Assumptions 

Ground  rules  were  generally  adequate.  Many 
of  the  esiumptions  were  authenticated  but  o 
substantial  number  are  considered  question- 
able. 


Estimating  Time  and  Information  Access 

Thera  were  minor  problems  of  access  to 
available  data  jnd  there  was  generally 
sufficient  time  to  define  and  cost  the  item. 
Ground  RuIbs  and  Assumptions 

Mcjor  ground  rules  wore  provided  and  most 
of  the  assumptions  were  authenticated. 


Siaieof-tho-Art 

The  item  is  substantially 
beyond  the  current  state-of- 
the-art.  Major  development 
work  is  required. 

Production  Experience 

No  production  of  any  kind 
has  been  started. 

Slate-of-the-Art 

The  item  is  slightly  beyond 
the  state-of-the-art  and  some 
development  work  will  be 
required. 

Production  Expenuncc 

Experimental  laboratory  fabri- 
cation of  a similar  item  is  in 
process. 

State-ofthc-Art 

Tho  item  is  within  tho  state- 
of-the-art  but  no  commercial 
counterpart  exists. 

Production  Experience 

A prototype  ol  the  item  has 
been  produced, 


StBlo-of-the-Art 

The  item  will  involve  a minor 
modification  ol  commercial  or 
standard  aerospace  issue  items. 
Production  Experience 

The  item  has  been  produced 
in  limited  quantity. 


Air  Force  Systems  Command  Manual,  AFSCM  173-1,  "Cost  Estimating  Procedures' 


Item  Description 

Cost  Methods  and  Data 

Specification  Status  - 

Method! 

No  work  on  a specification  hat  started. 

The  estimate  is  almost  a poor  guest  and 

Operating  Program  Characteristics 

litlla  or  no  confidence  cBn  be  placed  In  It. 

None  of  the  OPC  for  using  the  item 

Data 

have  been  formulated. 

An  almost  total  lack  of  current  and 
reliable  relevant  data  makes  the  cost 
estimate  completely  uncertain. 

Specification  Status 

Methods 

Work  on  a specification  is  in  an  early 

A highly  arbitrary  rule-of-thumb  hoi  been 

sta&9  and  only  general  requirements 

used. 

are  identified. 

Data 

Operating  Program  Characteristics 

The  data  used  to  make  the  estimate  Is 

The  general  outline  of  the  OPC  under 

highly  suspect,  very  sparca  in  quantity. 

which  the  ilBm  will  be  used  has  been 
only  tentatively  defined  and  many 
specific  details  are  lacking. 

and  characterized  by  major  inconsistencies. 

Specification  Status 

Methods 

A specification  for  tho  Item  has  not 

A commonly  used  rule-of-thumb  cost 

been  completed  but  a specification  on 

factor,  but  with  no  supporting  back-up. 

a similar  item  is  available. 

has  been  used. 

Operating  Program  Characteristics 

Data 

Tho  general  outline  of  tho  OPC  has 

The  dsta  used  have  been  obtained  from 

been  formulated,  but  many  specific 

official  or  standard  sources.  Notable  in- 

dcteils  are  lacking. 

consistencies,  lack  or  currency,  or  gaps  in 
data  reduce  tho  confidence  in  thB  estimate. 

Specification  Status 

Methods 

A specification  for  the  item  has  been 

The  basic  method  used  to  derive  the  cost 

prepared  but  is  under  review  or  revision. 

is  well  documented,  but  no  double-check 

Operating  Proyam  Characteristics 

or  authentication  hat  bean  possible. 

The  OPC  have  been  substantially 

Date 

defined,  but  are  under  review  or 

The  data  used  are  generally  relevant  and 

revision. 

from  a reputable  source.  They  are  in- 
complete, preliminary,  or  not  completely 
current,  however. 

Table  3-4.  Confidence  Level  Groups  for  Cost  Estimates 


Table  3-5.  Supporting  Analysis  Recurring  Hardware  Cost  — Level  6 


WBS 

Unit 

No. 

Total 

Identification 

Cost 

Units 

Cost 

IMU 

270 

1 

270 

Laser  Radar 

945 

1 

945 

Star  Tracker 

338 

2 

676 

Landmark  Tracker 

337 

1 

337 

Nav.  Guid.  & Control  Subsystem 

Totai  (Level  6J 

2.228 

CPU 

81 

2 

162 

Bus.  Control  Unit 

27 

2 

54 

Main  Met '.lory 

81 

2 

162 

Mag.  Tape 

68 

1 

68 

C.  Assn.  Unit 

34 

2 

68 

Data  MgL  Subsystem 

Total  (Level  6) 

514 

USB 

162 

1 

162 

VHF 

81 

1 

81 

TV  Camera 

68 

1 

68 

Cmd.  & Control  Subsystem 

Total  (Level  6) 

311 

Fuel  Cell 

203 

2 

•SOS 

H2  Tank 

202 

2 

404 

02  Tank 

203 

2 

406 

D.C.  Regulator 

4 

2 

8 

Electrical  Power  Subsystem 

Total  (Level  6} 

1.224 

SIU 

2.7 

57 

154 

Power  Dist. 

9 

1 

9 

Aux  Power  Dist. 

3 

4 

12 

Wires  & Cables 

49 

1 

49 

Junction  Boxes 

8 

8 

Monitoring  Unit 

0.8 

24 

163 

Electrical  Networks  Subsystem 

Total  (Level  6} 

395 

Coolant  Pump 

34 

2 

68 

Serv.  Heat  Exch. 

7 

1 

7 

Coolant  Accum. 

7 

1 

7 

Radiator 

7 

8 

56 

Louvers 

7 

8 

56 

Mtg.  Panel 

3 

8 

24 

Misc.  Plumbing 

20 

1 

20 

Multifoil  Insulation 

27 

1 

27 

Thermal  Conditioning  Subsystem 

Total  (Level  6) 

245 

Note:  S in  Thousands 

Table  3-6.  Supporting  Analysis  Recuning  Hardware  Cost  — Levels  4 and  5 


* £■ 


WBS  Identification 

Total  Cost 

Astrionics 

Total  (Level  51  4,917 

Structure 

TcE&I  (Level  5)  135 

WSS  Hardware  Items  Not  Costed 

Total  (Level  5J  168 

Astrionic  Module 

Total  (Level  4)  5,220 

Note:  $ in  Thousands 

Table  3-7.  Supporting  Analysis  Total  Recurring  Cost 


Total  Hardware  Costs 
Total  Programmatic  Costs 
Grand.Total  Recurring 


$5,220 

2,780 

$8,000 


Notes: 

(tl  Al!  data  is  based  on  an  astrionic  module 
configured  for  the  two  tug  synchronous 
orbit  mission. 

(21  $ in  thousands. 


4.1  COSTGROUNDRULES 

® Cost  estimates  are  in  1970  dollars  at  the  total  cost  to  the  government  level. 


© Estimates  are  based  on  a synchronous  orbit  mission  astrionic  module. 


Costs  for  major  component  development  are  not  included.  2t  is  assumed  that  all 
basic  components  will  be  developed  under  other  programs  and  will  require  only 
integration  and  engineering/lest  for  space  tug  astrionic  module  application. 


® Costs  for  development  of  major  components  winch  are  not  available  from  vendors 
would  have  to  be  added  to  the  figures  presented  in  paragraph  4.2. 


» Recurring  costs  ignore  learning  curve  effects  and  assume  an  optimum  production 
rate  of  4 to  6 units  per  year  with  a large  unit  buy. 


* Costs  for  post-delivery  efforts  such  as  spares.  launch  support,  post-flight 
evaluation,  etc.,  are  not  included. 


® Recurring  flight  program  software  costs  are  assumed  to  be  negligible. 

© No  costs  are  included  for  engineering  changes  after  completion  of  the  first  flight 
test  article. 


& Authorization  to  Proceed  (ATP)  on  a 4-1/2  year  structure  design/test/intq'fafion 
program  is  assumed  to  occur  6-1/2  years  prior  to  launch  of  the  first  flight  test 
article. 

© ATP  on  a 3-1/2  year  astrionics  integration/test  program  is  assumed  to  occur  5 
years  prior  to  the  first  launch. 

® Fabrication  of  the  first  flight  test  article  is  assumed  to  begin  5 years  from  original 
structure  ATP  with  a 12-month  build  period  culminating  in  delivery  of  the  article 
6 months  prior  to  launch. 

® Delivery  of  the  second  flight  test  article  and  subsequent  production  articles  is  to 
follow  at  intervals  of  3 months. 


© 


Non-recurring  cost  estimates  include  the  costs  of  1 static  test  structure,  I dynamic 
test  structure,  and  1 combination  integration  and  mockup  test  structure,  as  well 
as  estimated  subcontract  static  and  dynamic  testing  costs. 


» Development  cost  estimates  also  allow  for  five  equivalent  astrionic  systems  for 
non-flight  engineering.  This  includes  2 systems  for  vibration,  altitude  and 
temperature  testing;  1 system  for  qualification;  1 system  for  engineering  model 
simulation;  and  I equivalent  system  for  engineering  laboratory  use. 

• Two  flight  test  articles  are  assumed. 

9 Mission  recurring  costs  are  based  on  ten  missions  per  unit  with  a ten  percent 
refurbishment  factor  per  mission. 

4.2  COST  ESTIMATES 

Table  4-1  shows  the  summary  program  costs.  The  estimating  techniques  follow.  Note 
that  mission  recurring  costs  assume  a 10  mission  lifetime  and  ten  percent 
refurbishment/reconfiguration  costs  between  missions. 

Estimating  techniques  used  lor  development  of  these  rough  order  of  magnitude 
non-recurring  costs  are  as  follows; 

® A level  of  manpower  was  assumed  for  the  3-1/2  year  astrionics  test/integration 
effort. 


9 Structure  design/test/integration  costs  are  based  on  INT-2 1 Vehicle  Instrument 
Unit  Structure  Study  results. 


® Hardware  costs  for  astrionics  tesl/integration  are  based  on  the  application  of  a 
factor  to  the  recurring  costs  presented  in  Section  3.0  of  this  appendix. 

• Flight  test  article  cost  is  factored  up  from  estimated  recurring  unit  cost  data. 


Table  4-1 . Summary  Program  Costs 


wow.aEcup.aiMG  costs 


FLT  TYPE 
HARDWARE 


programatk: 

COSTS 


TOTALS 


STRUCTURE  OETIGM  & TEST 

ASTHK3WIC  SYSTEM  DESIGN 
INTEGRATION  & TEST 

FUGHT  TEST  ARTICLES  <21 

TOTAL  RECURRING 


S 


2W 


s m 


2&A 


$ 7M 
53M 

Mm 

$ m 
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